
Aircraft Design: 
A Conceptual Approach 

Daniel P. Raymer 
President, Conceptual Research Corporation 
Sylmar, California 

EDUCATION SERIES 
J. S. Przemieniecki 
Series Editor-in-Chief 

Air Force Institute of Technology 
Wright-Patterson Air Force Base, Ohio 

Published by 
American Institute of Aeronautics and Astronautics, Inc. 
370 L'Enfant Promenade, S.W., Washington, D.C. 20024 



American Institute of Aeronautics and Astronautics, Inc., Washington, DC 

Library of Congress Cataloging-in-Publication Data 

Raymer, Daniel P. 
Aircraft design:a conceptual approach/Daniel P. Raymer. 

p. cm.-(AIAA education series) 
Bibliography: p. 
Includes index. 
I. Airplanes-Design and construction. I. American Institute of Aeronautics and 
Astronautics. II. Title. III. Series. 
TL671.2.R29 1989 629.134' l-dc20 89-14912 CIP 
ISBN 0-930403-51-7 

Second Edition, Second Printing 

Copyright© 1992 by Daniel P. Raymer. Printed in the United States of America. No 
part of this publication may be reproduced, distributed, or transmitted in any form or 
by any means, or stored in a data base or retrieval system, without prior written 
permission of the publisher. 

DISCLAIMER: The Author and the A/AA do not guarantee the accuracy 
of the information provided in this book, and it should not be referenced as 
an authoritative source for aircraft design data or methods. 

DEDICATION 

This book is dedicated to all who taught me, especially Lester Hendrix, 
Richard Hibma, Louis Heeg, Harry Scott, Richard Child, George Owl, 
Robert Maier, Ed McGachan, Doug Robinson, Steve White, Harvey Hoge, 
Michael Robinson, George Palmer, Henry Yang, Robert Swaim, C. T. Sun, 
Dave Schmidt, Bruce Reese, William Heiser, and Gordon Raymer (test 
pilot, aeronautical engineer and my father). 

Thanks also to Rockwell North American Aircraft Operations for permis
sion to use various illustrations. All other artwork is original, in the public 
domain, or copyrighted by AIAA. 



Texts Published in the AIAA Education Series 

Re-Entry Vehicle Dynamics 
Frank J. Regan, 1984 

Aerothermodynamics of Gas Turbine and Rocket Propulsion 
Gordon C. Oates, 1984 

Aerothermodynamics of Aircraft Engine Components 
Gordon C. Oates, Editor, 1985 

Fundamentals of Aircraft Combat Survivability Analysis and Design 
Robert E. Ball, 1985 

Intake Aerodynamics 
J. Seddon and E. L. Goldsmith, 1985 

Composite Materials for Aircraft Structures 
Brian C. Hoskins and Alan A. Baker, Editors, 1986 

Gasdynamics: Theory and Applications 
George Emanuel, 1986 

Aircraft Engine Design 
Jack D. Mattingly, William Heiser, and Daniel H. Daley, 1987 

An Introduction to the Mathematics and Methods of Astrodynamics 
Richard H. Battin, 1987 

Radar Electronic Warfare 
August Golden Jr., 1988 

Advanced Classical Thermodynamics 
George Emanuel, 1988 

Aerothermodynamics of Gas Turbine and Rocket Propulsion, 
Revised and Enlarged 
Gordon C. Oates, 1988 

Re-Entry Aerodynamics 
Wilbur L. Hankey, 1988 

Mechanical Reliability: Theory, Models and Applications 
B. S. Dhillon, 1988 

Aircraft Landing Gear Design: Principles and Practices 
Norman S. Currey, 1988 

Gust Loads on Aircraft: Concepts and Applications 
Frederic M. Hoblit, 1988 

Aircraft Design: A Conceptual Approach 
Daniel P. Raymer, 1989 

Boundary Layers 
A. D. Young, 1989 

Aircraft Propulsion Systems Technology and Design 
Gordon C. Oates, Editor, 1989 



Basic Helicopter Aerodynamics 
J. Seddon, 1990 

Introduction to Mathematical Methods in Defense Analyses 
J. S. Przemieniecki, 1990 

Space Vehicle Design 
Michael D. Griffin and James R. French, 1991 

Inlets for Supersonic Missiles 
John J. Mahoney, 1991 

Defense Analyses Software 
J. S. Przemieniecki, 1991 

Critical Technologies for National Defense 
Air Force Institute of Technology, 1991 

Orbital Mechanics 
Vladimir A. Chobotov, 1991 

Nonlinear Analysis of Shell Structures 
Anthony N. Palazotto and Scott T. Dennis, 1992 

Optimization of Observation and Control Processes 
Veniamin V. Malyshev, Mihkail N. Krasilshikov, and Valeri I. Karlov, 

1992 

Aircraft Design: A Conceptual Approach 
Second Edition 
Daniel P. Raymer, 1992 

Published by 
American Institute of Aeronautics and Astronautics, Inc., Washington, DC 

FOREWORD 

As one of its major objectives, the AIAA Education Series is creating a 
comprehensive library of the established practices in aerospace design. 
Aircraft Design: A Conceptual Approach by Daniel P. Raymer provides an 
authoritative exposition of aircraft conceptual design. The great demand 
for the first edition of this new authoritative text on aircraft design has 
prompted the author to update and enlarge the text content into a second 
edition. In particular, Chapters 8 (Special Considerations in Configuration 
Layout), 13 (Propulsion), 17 (Performance and Flight Mechanics), and 21 
(Conceptual Design Examples) have been extensively enlarged to cover 
some of the latest developments. The author's extensive experience with 
several aircraft companies supports the broad cross section of different 
views and approaches discussed in this comprehensive volume. 

This textbook offers aircraft designers, design managers, and design 
instructors an industry perspective on the new aircraft concept development 
process, which basically consists of two major activities: design layout and 
design analysis. The whole process is described in a very comprehensive 
manner, tailored to serve as a college design textbook. However, only an 
elementary knowledge of mathematics is required to make full use of the 
text, for the book focuses on industry design practice rather than theoretical 
definitions. A simplified but complete set of first-order analytical methods 
is presented. The text covers every phase of conceptual design: configura
tion layout, payload considerations, aerodynamics, propulsion, structure 
and loads, weights, stability and control, handling qualities, performance, 
cost analysis, tradeoff analysis, and many other topics. 

This latest text in the AIAA Education Series offers students, teachers, 
and practicing designers a unique source of information on current design 
practice in the U.S. aircraft industry-its science and art. To write a 
textbook on aircraft design is indeed a formidable task. Raymer has 
succeeded in creating a balanced text in which all the necessary topics 
needed to understand the design process are clearly described. 

For many years Aircraft Design: A Conceptual Approach will be a 
valuable textbook for all who struggle with the fundamentals and intricacies 
of aircraft design. 

J. S. PRZEMIENIECKI 

Editor-in-Chief 

AIAA Education Series 
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AUTHOR'S NOTE 

There are two equally important aspects of aircraft design: design layout 
and design analysis. These very different activities attract different types of 
people. Some people love playing with numbers and computers, while oth
ers can't stop doodling on every piece of paper within reach. 

This book was written to fill a perceived need for a textbook in which 
both aircraft analysis and design layout are covered equally, and the inter
actions between these two aspects of design are explored in a manner consis
tent with industry practice. 

This book is not intended to be definitive on the subject of aircraft 
analysis. The analysis techniques presented are simplified to permit the 
student to experience the whole design process in a single course, including 
the key concepts of trade studies and aircraft optimization. 

No textbook can contain the methods actually used in industry, which 
tend to be proprietary and highly computerized. When the student goes into 
an industry or government design job, the more sophisticated methods of 
his or her chosen specialty will be better understood in the broader context 
of the whole of design as presented here. 

One key area in which this book differs from prior aircraft design books 
is in the chapters on aircraft configuration layout. The actual development 
of the aircraft design drawing is not a trivial task of drafting based upon the 
analysis results, but rather is a key element of the overall design process and 
ultimately determines the performance, weight, and cost of the aircraft. 

The ability to visualize and draw a new aircraft that has a streamlined 
aerodynamic shape, an efficient internal layout, yet satisfies an incredible 
number of real-world constraints and design specifications is a rare talent 
that takes years to cultivate. While to some extent good designers are 
"born, not made," a number of concepts and techniques in aircraft config
uration layout can be taught, and are covered here. 

Writing this book has been an educating and humbling experience. It is 
my sincere wish that it help aspiring aircraft designers to "learn the ropes" 
more quickly. 

This second edition of AIRCRAFT DESIGN: A Conceptual Approach 
offers several new subjects, including production methods, post-stall ma
neuver, an update on VSTOL, and a brief introduction to engine cycle 
analysis. Also, typographical and technical errors from the first edition are 
corrected. 

A key difference in the second edition is Chapter 21, the Conceptual 
Design Examples. These are reworked to better serve as examples for the 
chapters of the book. The second example illustrates the use of RDS, a 
PC-based design, sizing and performance program now available from 
AIAA. RDS uses the methods in this book, and permits rapid design, 
analysis, and trade studies. 

AIAA and the author would like to thank the many people who have 
offered constructive suggestions for this second edition, as well as the more 
than 7000 students and working engineers who made the first edition an 
AIAA best seller. 

xiii 



Display model of an Advanced Supercruise Fighter Concept (Ref. 13). Photo 
courtesy of Rockwell International North American Aircraft Operations. 

1 
DESIGN-A SEPARATE DISCIPLINE 

1.1 WHAT IS DESIGN? 
Aircraft design is a separate discipline of aeronautical engineering

different from the analytical disciplines such as aerodynamics, structures, 
controls, and propulsion. An aircraft designer needs to be well versed in 
these and many other specialties, but will actually spend little time perform
ing such analysis in all but the smallest companies. Instead, the designer's 
time is spent doing something called "design," creating the geometric de
scription of a thing to be built. 

To the uninitiated, "design" looks a lot like "drafting" (or in the mod
ern world, "computer-aided drafting"). The designer's product is a draw
ing, and the designer spends the day hunched over a drafting table or 
computer terminal. However, the designer's real work is mostly mental. 

If the designer is talented, there is a lot more than meets the eye on the 
drawing. A good aircraft design seems to miraculously glide through subse
quent evaluations by specialists without major changes being required. 
Somehow, the landing gear fits, the fuel tanks are near the center of gravity, 
the structural members are simple and lightweight, the overall arrangement 
provides good aerodynamics, the engines install in a simple and clean fash
ion, and a host of similar detail seems to fall into place. 

This is no accident, but rather the product of a lot of knowledge and hard 
work by the designer. This book was written primarily to provide the basic 
tools and concepts required to produce good designs which will survive 
detailed analysis with minimal changes. 

Other key players participate in the design process. Design is not just the 
actual layout, but also the analytical processes used to determine what 
should be designed and how the design should be modified to better meet 
the requirements. In a small company, this may be done by the same indi
viduals who do the layout design. In the larger companies, aircraft analysis 
is done by the sizing and performance specialists with the assistance of 
experts in aerodynamics, weights, propulsion, stability, and other technical 
specialties. 

In this book, the design layout techniques are discussed primarily in 
Chapters 4-11, while the analysis and optimization methods are presented 
in Chapters 12-19. 

1.2 INTRODUCTION TO THE BOOK 
This book describes the process used to develop a credible aircraft con

ceptual design from a given set of requirements. As a part of the AIAA 



2 AIRCRAFT DESIGN 

Education Series, the book is written primarily for the college student. 
Every effort has been made to achieve a self-contained book. 

In an aircraft company, the designer can ask a functional specialist for a 
reasonable initial tire size, inlet capture area, weight savings due to the use 
of composites, or similar estimates. Such specialists are not available at 
most universities. This book thus gives various "rule-of-thumb" approxi
mations for initial estimation of design parameters. 

The book has 21 chapters, and approximately follows the actual design 
sequence. Chapters 2 and 3 provide an overall introduction to the design 
process. Chapter 2 discusses how the conceptual design process works, and 
how it fits into the overall process of aircraft development. Chapter 3 
presents a "first-pass" design procedure to familiarize the reader with the 
essential concepts of design, including design layout, analysis, takeoff
weight estimation, and trade studies. 

In Chapters 4-11 the techniques for the development of the initial config
uration layout are presented. These include the conceptual sketch, initial 
sizing, wing geometry selection, lofting, inboard layout, and integration of 
propulsion, crew station, payload/passenger compartment, fuel system, 
landing gear, and considerations for observability, producibility, and sup
portability. While the text implies that the design is done on a drafting 
board, it should be understood that in major aircraft companies today most 
aircraft design work is done on a computer-aided design system. However, 
the same basic design techniques are used whether on a drafting table or 
computer scope. 

Chapters 12-19 address the analysis, sizing, and optimization of the de
sign layout. Various chapters discuss aerodynamics, weights, installed pro
pulsion characteristics, stability and control, performance, cost, and sizing. 
Optimization based upon design requirements is introduced in a section on 
trade studies. 

These methods are simplified to allow rapid design analysis by students. 
No college textbook can contain the methods actually used by major air
craft companies, which tend towards highly sophisticated computer pro
grams operated by specialists. Simplified analysis methods allow the student 
more time to experience the all-important optimization and iteration pro
cess. 

Chapter 20 presents an overview of VTOL aircraft design. This material 
builds upon the methods for conventional aircraft design. However, VTOL 
introduces additional considerations that affect the design layout and 
analysis. 

The last chapter, 21, contains two complete design project examples 
which use the methods presented in the previous chapters. These are pro
vided instead of numerous example calculations throughout the text to 
illustrate how the different aspects of design fit together as a whole. 

The appendices contain information useful in conceptual design, such as 
conversion tables, atmosphere and shock tables, and data on airfoils and 
engines. Also included is a summary of the current civil and military design 
requirements and specifications, which have been taken primarily from 
Federal Aviation Regulations (FAR) and Military Specifications (Mil
Specs). 

2 
OVERVIEW OF THE DESIGN PROCESS 

2.1 INTRODUCTION 
Those involved in design can never quite agree as to just where the design 

process begins. The designer thinks it starts with a new airplane concept. 
The sizing specialist knows that nothing can begin until an initial estimate 
of the weight is made. The customer, civilian or military, feels that the 
design begins with requirements. 

They are all correct. Actually, design is an iterative effort, as shown in 
the "Design Wheel" of Fig. 2.1. Requirements are set by prior design trade 
studies. Concepts are developed to meet requirements. Design analysis fre
quently points toward new concepts and technologies, which can initiate a 
whole new design effort. However a particular design is begun, all of these 
activities are equally important in producing a good aircraft concept. 
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Fig. 2.1 The design wheel. 
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2.2 PHASES OF AIRCRAFT DESIGN 

Conceptual Design 

Aircraft design can be broken into three major phases, as depicted in Fig. 
2.2. Conceptual design is the primary focus of this book. It is in conceptual 
design that the basic questions of configuration arrangement size and 
weight, and performance are answered. ' 

The first question is, "Can an affordable aircraft be built that meets the 
requirements?" If not, the customer may wish to relax the requirements. 

Conceptual design is a very fluid process. New ideas and problems 
emerge as a design is investigated in ever-increasing detail. Each time the 
latest design is analyzed and sized, it must be redrawn to reflect the new 
g~oss weight, fuel weight, wing size, engine size, and other changes. Early 
~md-t1;1nnel tests often reveal problems requiring some changes to the con
figurat10n. The steps of conceptual design are described later in more detail. 

Preliminary Design 

Preliminary design can be said to begin when the major changes are over. 
The big questions such as whether to use a canard or an aft tail have been 
resolved. The configuration arrangement can be expected to remain about 
as shown on current drawings, although minor revisions may occur. At 
some .P?int_ late in preliminary design, even minor changes are stopped when 
a decision is made to freeze the configuration. 

REQU I REP1ENTS 

CONCEPTUAL 

DESIGN 

j 
PRELIMINARY 

DESIGN 

j 
DETAIL 

DESIGN 

FABRICATION 

WILL IT WORk ? 

-T DCES IT LOOK LIKE ? 

WHAT REGIUIRENENTS DRIVE THE DESIGN ? 

-T TRADE-IFFS SHOULD BE CONSIDERED? 

WHAT SHOULD IT WEIGH AND COST? 

DEVELOP LOFT! NB 

[ 

FREEZE THE CCJNFIBURATICJN 

DEVELOP TEST AND ANAL YT! CAL BASE 

DES I GN MAJ OR ITEMS 

DEVELOP ACTUAL COST EST! MATE <" YOU-BET-YOUR-COMPANY "> 

[ 

DESIGN THE ACTUAL PIECES TO BE BUILT 

DESIGN THE TOOLING AND FABRICATION PROCESS 

TEST MAJOR ITEMS - STRUCTURE, LANDING GEAR, 

FINALIZE WEIGHT AND PERFORMANCE ESTIMATES 

Fig. 2.2 Three phases of aircraft design. 
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During preliminary design the specialists in areas such as structures, land
ing gear, and control systems will design and analyze their portion of the 
aircraft. Testing is initiated in areas such as aerodynamics, propulsion, 
structures, and stability and control. A mockup may be constructed at this 
point. 

A key activity during preliminary design is "lofting." Lofting is the 
mathematical modeling of the outside skin of the aircraft with sufficient 
accuracy to insure proper fit between its different parts, even if they are 
designed by different designers and possibly fabricated in different loca
tions. Lofting originated in shipyards and was originally done with long 
flexible rulers called "splines." This work was done in a loft over the 
shipyard; hence the name. 

The ultimate objective during preliminary design is to ready the company 
for the detail design stage, also called full-scale development. Thus, the end 
of preliminary design usually involves a full-scale development proposal. In 
today's environment, this can result in a situation jokingly referred to as 
"you-bet-your-company." The possible loss on an overrun contract or 
from lack of sales can exceed the net worth of the company! Preliminary 
design must establish confidence that the airplane can be built on time and 
at the estimated cost. 

Detail Design 
Assuming a favorable decision for entering full-scale development, the 

detail design phase begins in which the actual pieces to be fabricated are 
designed. For example, during conceptual and preliminary design the wing 
box will be designed and analyzed as a whole. During detail design, that 
whole will be broken down into individual ribs, spars, and skins, each of 
which must be separately designed and analyzed. 

Another important part of detail design is called production design. Spe
cialists determine how the airplane will be fabricated, starting with the 
smallest and simplest subassemblies and building up to the final assembly 
process. Production designers frequently wish to modify the design for ease 
of manufacture; that can have a major impact on performance or weight. 
Compromises are inevitable, but the design must still meet the original 
requirements. 

It is interesting to note that in the Soviet Union, the production design is 
done by a completely different design bureau than the conceptual and pre
liminary design, resulting in superior producibility at some expense in per
formance and weight. 

During detail design, the testing effort intensifies. Actual structure of the 
aircraft is fabricated and tested. Control laws for the flight control system 
are tested on an "iron-bird" simulator, a detailed working model of the 
actuators and flight control surfaces. Flight simulators are developed and 
flown by both company and customer test-pilots. 

Detail design ends with fabrication of the aircraft. Frequently the fabrica
tion begins on part of the aircraft before the entire detail-design effort is 
completed. Hopefully, changes to already-fabricated pieces can be avoided. 
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The further along a design progresses, the more people are involved. In 
fact, most of the engineers who go to work for a major aerospace company 
will work in preliminary or detail design. 

2.3 AIRCRAFT CONCEPTUAL DESIGN PROCESS 
Figure 2.3 depicts the conceptual design process in greater detail. Concep

tual design will usually begin with either a specific set of design require
ments established by the prospective customer or a company-generated 
guess as to what future customers may need. Design requirements include 
parameters such as the aircraft range and payload, takeoff and landing 
distances, and maneuverability and speed requirements. 

The design requirements also include a vast set of civil or military design 
specifications which must be met. These include landing sink-speed, stall 
speed, structural design limits, pilots' outside vision angles, reserve fuel, 
and many others. 

Sometimes a design will begin as an innovative idea rather than as a 
response to a given requirement. The flying wings pioneered by John 
Northrop were not conceived in response to a specific Army Air Corps 
requirement at that time, but instead were the product of one man's idea of 
the "better airplane." Northrop pursued this idea for years before building 
a flying wing to suit a particular military requirement. 

Before a design can be started, a decision must be made as to what 
technologies will be incorporated. If a design is to be built in the near 
future, it must use only currently-available technologies as well as existing 
engines and avionics. If it is being designed to be built in the more distant 
future, then an estimate of the technological state of the art must be made 
to determine which emerging technologies will be ready for use at that time. 

For example, an all-composite fighter has yet to enter high-rate proom:
tion as of this date (1989), but can confidently be predicted by 1999. On the 
other hand, active laminar flow control by suction pumps shows great 
payoff analytically, but would be considered by many to be too risky to 
incorporate into a new transport jet in the near future. 

An optimistic estimate of the technology availability will yield a lighter, 
cheaper aircraft to perform a given mission, but will also result in a higher 
development risk. 

The actual design effort usually begins with a conceptual sketch (Fig. 
2.4). This is the "back of a napkin" drawing of aerospace legend, and gives 
a rough indication of what the design may look like. A good conceptual 
sketch will include the approximate wing and tail geometries, the fuselage 
shape, and the internal locations of the major components such as the 
engine, cockpit, payload/passenger compartment, landing gear, and per
haps the fuel tanks. 

The conceptual sketch can be used to estimate aerodynamics and weight 
fractions by comparison to previous designs. These estimates are used to 
make a first estimate of the required total weight and fuel weight to perform 
the design mission, by a process called "sizing." The conceptual sketch may 
not be needed for initial sizing if the design resembles previous ones. 

The "first-order" sizing provides the information needed to develop an 
initial design layout (Fig. 2.5). This is a three-view drawing complete with 
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I 

SUPERCRUISE LIGHT WEIGHT FIGHTER 

Fig. 2.4 Initial sketch. 

the more important internal arrangement details, including typically the 
landing gear, payload or passenger compartment, engines and inlet ducts, 
fuel tanks, cockpit, major avionics, and any other internal components 
which are large enough to affect the overall shaping of the aircraft. Enough 
cross-sections are shown to verify that everything fits. 

On a drafting table, the three-view layout is done in some convenient 
scale such as 1/10, 1/20, 1/40, or 1/100 (depending upon the size of the 
airplane and the available paper). On a computer-aided design system, the 
design work is usually done in full scale (numerically). 

This initial layout is analyzed to determine if it really will perform the 
mission as indicated by the first-order sizing. Actual aerodynamics, 
weights, and installed propulsion characteristics are analyzed and subse
quently used to do a detailed sizing calculation. Furthermore, the perfor
mance capabilities of the design are calculated and compared to the require
ments mentioned above. Optimization techniques are used to find the 
lightest or lowest-cost aircraft that will both perform the design mission and 
meet all performance requirements. 

The results of this optimization include a better estimate of the required 
total weight and fuel weight to meet the mission. The results also include 
required revisions to the engine and wing sizes. This frequently requires a 
new or revised design layout, in which the designer incorporates these 
changes and any others suggested by the effort to date. 

The revised drawing, after some number of iterations, is then examined 
in detail by an ever-expanding group of specialists, each of whom insures 
that the design meets the requirements of that specialty. 
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For example, controls experts will perform a six-degree-of-freedom anal
ysis to ensure that the designer's estimate for the size of the control surfaces 
is adequate for control under all conditions required by design specifica
tions. If not, they will instruct the designer as to how much each control 
surface must be expanded. If a larger aileron is required, the designer must 
ensure that it can be incorporated into the design without adversely affect
ing something else, such as the flaps or the landing gear. 

The end product of all this will be an aircraft design that can be confi
dently passed to the preliminary design phase, as previously discussed. 
While further changes should be expected during preliminary design, major 
revisions will not occur if the conceptual design effort has been successful. 

Photo by Bruce Frisch 

Reverse Installation Vectored Engine Thrust ("RIVET") Supersonic VSTOL 
Concept Model 

3.1 INTRODUCTION 

3 
SIZING FROM A 

CONCEPTUAL SKETCH 

There are many levels of design procedure. The simplest level just adopts 
past history. For example, if you need an immediate estimate of the takeoff 
weight of an airplane to replace the Air Force F-15 fighter, use 44,500 lb. 
That is what the F-15 weighs, and is probably a good number to start with. 

To get the "right" answer takes several years, many people, and lots of 
money. Actual design requirements must be evaluated against a number of 
candidate designs, each of which must be designed, analyzed, sized, opti
mized, and redesigned any number of times. 

Analysis techniques include all manner of computer code as well as corre
lations to wind-tunnel and other tests. Even with this extreme level of design 
sophistication, the actual airplane when flown will never exactly match 
predictions. 

In between these extremes of design and analysis procedures lie the meth
ods used for most conceptual design activities. As an introduction to the 
design process, this chapter presents a quick method of estimating takeoff 
weight from a conceptual sketch. 

The simplified sizing method presented in this chapter can only be used 
for missions which do not include any combat or payload drops. While 
admittedly crude, this method introduces all of the essential features of the 
most sophisticated design by the major aerospace manufacturers. In a later 
chapter, the concepts introduced here will be expanded to a sizing method 
capable of handling all types of mission. 

3.2 TAKEOFF-WEIGHT BUILDUP 
"Design takeoff gross weight" is the total weight of the aircraft as it 

begins the mission for which it was designed. This is not necessarily the 
same as the "maximum takeoff weight." Many military aircraft can be 
overloaded beyond design weight but will suffer a reduced maneuverability. 
Unless specifically mentioned, takeoff gross weight, or "W0 ," is assumed 
to be the design weight. 

Design takeoff gross weight can be broken into crew weight, payload (or 
passenger~ weight, fuel weight, and the remaining (or "empty") weight. 
The empty weight includes the structure, engines, landing gear, fixed equip
ment, avionics, and anything else not considered a part of crew, payload, or 
fuel. Equation (3.1) summarizes the takeoff-weight buildup. 

11 
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Wo = W::rew + Wpayload + lfruel + Wempty (3.1) 

The crew and payload weights are both known since they are given in the 
design requirements. The only unknowns are the fuel weight and empty 
weight. However, they are both dependent on the total aircraft weight. 
Thus an iterative process must be used for aircraft sizing. 

To simplify the calculation, both fuel and empty weights can be expressed 
as fractions of the total takeoff weight, i.e., (Wj!Wo) and (We!Wo). Thus 
Eq. (3.1) becomes: 

Wo = W::rew + Wpayload + ( ~) Wo + ( ~) Wo (3.2) 

This can be solved for W0 as follows: 

Wo - ( ~) Wo - ( ~) Wo = W::rew + Wpayload (3.3) 

W, _ W::rew + Wpayload 
0 

- 1 - (WJ!Wo) - (We!Wo) 
(3.4) 

Now Wo can be determined if (U'j/Wo) and (We!Wo) can be estimated. 
These are described below. 

3.3 EMPTY-WEIGHT ESTIMATION 
The empty-weight fraction (Wei Wo) can be estimated statistically from 

historical trends as shown in Fig. 3.1, developed by the author from data 
taken from Ref. 1 and other sources. Empty-weight fractions vary from 
about 0.3 to 0.7, and diminish with increasing total aircraft weight. 

As can be seen, the type of aircraft also has a strong effect, with flying 
boats having the highest empty-weight fractions and long-range military 
aircraft having the lowest. Flying boats are heavy because they need to carry 
extra weight for what amounts to a boat hull. Notice also that different 
types of aircraft exhibit different slopes to the trend lines of empty-weight 
fraction vs takeoff weight. 

Table 3.1 presents statistical curve-fit equations for the trends shown in 
Fig. 3.1. Note that these are all exponential equations based upon takeoff 
gross weight. The exponents are small negative numbers, which indicates 
that the empty weight fractions decrease with increasing takeoff weight, as 
shown by the trend lines in Fig. 3.1. The differences in exponents for 
different types of aircraft reflect the different slopes to the trend lines, and 
imply that some types of aircraft are more sensitive in sizing than others. 

A variable-sweep wing is heavier than a fixed wing, and is accounted for 
at this initial stage of design by multiplying the empty-weight fraction as 
determined from the equations in Table 3 .1 by about 1.04. 
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Fig. 3.1 Empty weight fraction trends. 

Table 3.1 Empty weight fraction vs W0 

Sailplane-unpowered 
Sailplane-powered 
Homebuilt-metal/wood 
Homebuilt-composite 
General aviation-single engine 
General aviation-twin engine 
Agricultural aircraft 
Twin turboprop 
Flying boat 
Jet trainer 
Jet fighter 
Military cargo/bomber 
Jet transport 

K vs = variable sweep constant= 1.04 if variable sweep 
= 1.00 if fixed sweep 

A 

0.86 
0.91 
1.19 
0.99 
2.36 
1.51 
0.74 
0.96 
1.09 
1.59 
2.34 
0.93 
1.02 

C 

-0.05 
-0.05 
-0.09 
-0.09 
-0.18 
-0.10 
-0.03 
-0.05 
-0.05 
-0.10 
-0.13 
-0.o? 
-0.06 
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Advanced composite materials such as graphite-epoxy are replacing alu
minum in a number of new designs. There have not yet been enough com
posite aircraft flown to develop statist~cal equations. Based on a nu~ber ?f 
design studies, the empty-weight fraction for other types of composite air
craft can be estimated at this stage by multiplying the statistical empty
weight fraction by 0.95. 

''Composite'' homebuilt aircraft are typically of fiberglass-epoxy costruc
tion rather than an advanced composite material. The statistically estimated 
empty weight fraction for fiberglass-epoxy composite homebuilts is approx
imately 0.85 times the metal homebuilt empty-weight fraction (0.99/ 
1.19=0.85). However, this is not due to the material used for construction 
as much as the different design philosophies concerning ease of manufac
ture, passenger comfort, maintenance accessibility, and similar factors. 

3.4 FUEL-FRACTION ESTIMATION 
Only part of the aircraft's fuel supply is available for performi_ng the 

mission ("mission fuel"). The other fuel includes reserve fuel as reqmred by 
civil or military design specifications, and also includes "trapped fuel," 
which is the fuel which cannot be pumped out of the tanks. 

The required amount of mission fuel depends upon the mission t~ be 
flown, the aerodynamics of the aircraft, and the engine's fuel consumptio~. 
The aircraft weight during the mission affects the drag, so the fuel used 1s 
a function of the aircraft weight. 

As a first approximation, the fuel used can be considered to be propor
tional to the aircraft weight, so the fuel fraction ( Wt! Wo) is approximately 
independent of aircraft weight. Fuel fraction can be estimated base~ on the 
mission to be flown using approximations of the fuel consumption and 
aerodynamics. 

Mission Profiles 
Typical mission profiles for various types of aircraft are shown in Fig. 

3.2. The Simple Cruise mission is used for many transport and general
aviation designs, including homebuilts. The aircraft is sized to provide some 
required cruise range. . . 

For safety you would be wise to carry extra fuel m case your mtended 
airport is closed, so a loiter of typically 20-30 min is added. Alternatively, 
additional range could be included, representing the distance to the nearest 
other airport or some fixed number of minutes of flight at cruise speed (the 
FAA requires 30 min of additional cruise fuel for general-aviation aircraft). 

Other missions are more complex. The typical Air Superiority mission 
includes a cruise out, a combat consisting of either a certain number of turns 
or a certain number of minutes at maximum power, a weapons drop, a 
cruise back, and a loiter. The weapons drop refers to the firing of gun and 
missiles, and is often left out of the sizing analysis to insure that the aircraft 
has enough fuel to return safely if the weapons aren't used. Note that the 
second cruise segment is identical to the first, indicating that the aircraft 
must return to its base at the end of the mission. 

TO 
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Fig. 3.2 Typical mission profiles for sizing. 

The Low-Level Strike mission includes "dash" segments that must be 
flown at just a few hundred feet off the ground. This is to improve the 
survivability of the aircraft as it approaches its target. Unfortunately, the 
aerodynamic efficiency of an aircraft, expressed as "lift-to-drag ratio" 
(LID), is greatly reduced during low-level, high-speed flight, as is the engine 
efficiency. The aircraft may burn almost as much fuel during the low-level 
dash segment as it burns in the much-longer cruise segment. 

The Strategic Bombing mission introduces another twist. After the initial 
cruise, a refueling segment occurs, as indicated by an "R." Here the aircraft 
meets up with a tanker aircraft such as an Air Force KC-135 and receives 
some quantity of fuel. This enables the bomber to achieve far more range, 
but adds to the overall operating cost because a fleet of tanker aircraft must 
be dedicated to supporting the. bombers. 

Also note that the bomber in this typical strategic mission will fly at low 
level as it nears the target area to improve its chances of survival. Earlier 
bombers such as the B-52 were originally designed to cruise at high altitudes 
throughout the mission. 

Another difference in this strategic mission is the fact that the return 
cruise range is far shorter than the outbound range. This is necessary be
cause of the extreme range required. If the aircraft were sized to return to 
its original base, it would probably weigh several million pounds. Instead, 
it is assumed that strategic bombers will land on bases in friendly countries 
for refueling after completion of their mission. 

These are merely typical missions, and the ranges shown are just exam
ples. When an aircraft is designed, the actual mission profile and ranges will 
be provided by the customer or determined by operational analysis methods 
beyond the scope of this book. 

In addition to the mission profile, requirements will be established for a 
number of performance parameters such as takeoff distance, maneuverabil-
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ity, and climb rates. These are ignored in the simplified sizing method of this 
chapter, but will be discussed in detail later. 

Mission Segment Weight Fractions 
For analysis, the various mission segments, or "legs," are numbered, 

with zero denoting the start of the mission. Mission leg "one" is usually 
engine warmup and takeoff for first-order sizing estimation. The remaining 
legs are sequentially numbered. 

For example, in the simple cruise mission the legs could be numbered as 
(1) warmup and takeoff, (2) climb, (3) cruise, (4) loiter,.and (5) land (see the 
example mission at the end of this chapter). 

In a similar fashion, the aircraft weight at each part of the mission can be 
numbered. Thus, Wo is the beginning weight ("takeoff gross weight"). 

For the simple cruise mission, W1 would be the weight at the end of the 
first mission segment, which is the warmup and takeoff. W2 would be the 
aircraft weight at the end of the climb. ~ would be the weight after cruise, 
and J¥.i after loiter. Finally, Ws would be the weight at the end of the landing 
segment, which is also the end of the total mission. 

During each mission segment, the aircraft loses weight by burning fuel 
(remember that our simple sizing method doesn't permit missions involving 
a payload drop). The aircraft weight at the end of a mission segment divided 
by its weight at the beginning of that segment is called the "mission segment 
weight fraction." This will be the basis for estimating the required fuel 
fraction for initial sizing. 

For any mission segment '' i,'' the mission segment weight fraction can be 
expressed as (W;I W;_ 1). If these weight fractions can be estimated for all of 
the mission legs, they can be multiplied together to find the ratio of the 
aircraft weight at the end of the total mission, Wx (assuming "x" segments 
altogether) divided by the initial weight, W0 • This ratio, WxlW0, can then be 
used to calculate the total fuel fraction required. 

These mission segment weight fractions can be estimated by a variety of 
methods. For our simplified form of initial sizing, the types of mission leg 
will be limited to warmup and takeoff, climb, cruise, loiter, and land. As 
previously mentioned, mission legs involving combat, payload drop, and 
refuel are not permitted in this simplified sizing method but will be discussed 
in a later chapter. 

The warmup, takeoff, and landing weight-fractions can be estimated 
historically. Table 3.2 gives typical historical values for initial sizing. These 

Table 3.2 Historical mission segment 
weight fractions 

Warmup and takeoff 
Climb 
Landing 

0.970 
0.985 
0.995 
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values can vary somewhat depending on aircraft type, but the averaged 
values given in the table are reasonable for initial sizing. 

In our simple sizing method we ignore descent, assuming that the cruise 
ends with a descent and that the distance traveled during descent is part of 
the cruise range. 

Cruise-segment mission weight fractions can be found using the Breguet 
range equation (derived in Chapter 17): 

R = _!'.'."!:_e.,. W;-1 

CD W; 
(3.5) 

or 
W; -RC 

W;_ 1 = exp V(LID) (3.6) 

where 

R =range 
C = specific fuel consumption 
V =velocity 
LID = lift-to-drag ratio 

Loiter weight fractions are found from the endurance equation (also 
derived in Chapter 17): 

(3.7) 

or 

W; -EC 
W;_

1 
= exp LID (3.8) 

where E = endurance or loiter time. 
(Note: It is very important to use consistent units! Also note that C and 

LID vary with speed and altitude. Furthermore, C varies with throttle 
setting, and LID varies with aircraft weight. These will be discussed in detail 
in later chapters.) 

Specific Fuel Consumption 

Specific fuel consumption ("SFC" or simply "C") is the rate of fuel 
consumption divided by the resulting thrust. For jet engines, specific fuel 
consumption is usually measured in pounds of fuel per hour per pound of 
thrust [(lb/hr)/lb, or 11hr]. Figure 3.3 shows SFC vs Mach number. 

Propeller engine SFC is normally given as Cbhp, the pounds of fuel per 
hour to produce one horsepower at the propeller shaft (or one "brake 
horsepower": bhp = 550 ft-Ibis). 

A propeller thrust SFC equivalent to the jet-engine SFC can be calculated. 
The engine produces thrust via the propeller, which has an efficiency T/p 
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Fig. 3.3 Specific fuel consumption trends. 
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defined as thrust power output per horsepower input [Eq. (3.9)). The 550 
term assumes that Vis in feet per second. 

TV 
T/p = 550 hp (3.9) 

Equation _(3.10)_ shows the derivation of the equivalent-thrust SFC for a 
propeller-driven aucraft. Note that for a propeller aircraft the thrust and 
the SFC are ~ _function of the flight velocity. For a typicai aircraft with a 
propeller efficiency of about 0.8, one horsepower equals one pound of 
thrust at about 440 ft/s, or about 260 knots. 

C = Wt/time _ C V 
thrust - bhp 550 T/p (3.10) 

T~ble 3.3 _provides typical SFC values for jet engines, while Table 3.4 
provides t~p_i~al ~~hp and T/p values for propeller engines. These can be used 
fo~ rough imttal smng. !n later chapters more detailed procedures for calcu
latmg these values, which change as a function of altitude velocity and 
power setting, will be presented. ' ' 
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Table 3.3 Specific fuel consumption ( C) 

Typical jet SFC's Cruise Loiter 

Pure turbojet 0.9 0.8 
Low-bypass turbofan 0.8 0.7 
High-bypass turbofan 0.5 0.4 

Table 3.4 Propeller specific fuel consumption (Cbhe) 

Propeller: C = cbhp VI ( 55017P) 
Typical Cbhp and 17µ 

Piston-prop (fixed pitch) 
Piston-prop (variable pitch) 
Turboprop 

UD Estimation 

Cruise 

0.4/0.8 
0.4/0.8 
0.5/0.8 
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Loiter 

0.5/0.7 
0.5/0.8 
0.6/0.8 

The remaining unknown in both range and loiter equations is the LID, or 
lift-to-drag ratio, which is a measure of the design's overall aerodynamic 
efficiency. Unlike the parameters estimated above, the LID is highly depen
dent upon the configuration arrangement. At subsonic speeds LID is most 
directly affected by two aspects of the design: wing span and wetted area. 

In level flight, the lift is known. It must equal the aircraft weight. Thus, 
LID is solely dependent upon drag. 

The drag at subsonic speeds is composed of two parts. "Induced" drag 
is the drag caused by the generation of lift. This is primarily a function of 
the wing span. 

"Zero-lift," or "parasite" drag is the drag which is not related to lift. 
This is primarily skin-friction drag, and as such is directly proportional to 
the total surface area of the aircraft exposed ("wetted") to the air. 

The "aspect ratio" of the wing has historically been used as the primary 
indicator of wing efficiency. Aspect ratio is defined as the square of the 
wing span divided by the wing reference area. For a rectangular wing the 
aspect ratio is simply the span divided by chord. 

Aspect ratios range from under one for re-entry lifting bodies to over 
thirty for sailplanes. Typical values range between three and eight. For 
initial design purposes, aspect ratio can be selected from historical data. For 
final determination of the best aspect ratio, a trade study as discussed in 
Chapter 19 should be conducted. 

Aspect ratio could be used to estimate subsonic LID, but for one major 
problem. The parasite drag is not a function of just the wing area, as 
expressed by aspect ratio, but also of the aircraft's total wetted area. 

Figure 3.4 shows two widely different aircraft concepts, both designed to 
perform the same mission of strategic bombing. The Boeing B-47 features 
a conventional approach. With its aspect ratio of over 9, it is not surprising 
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-B:il.. ~):'.BQY!H,~&~ 
S reference 1430 3446 
S wetted 11300 9600 
SPAN 116 90 
Swet/Sref 7.9 2.8 
ASPECT RA TIO 9.4 3.0 
WETTED ASPECT RA TIO 1.2 I.I 
L/Dmax 17.2 17.0 

Fig. 3.4 Does aspect ratio predict drag? 

that it attains an LID of over 17. On the other hand, the A VRO Vulcan 
bomber has an aspect ratio of only 3, yet it attains almost exactly the same 
LID. 

The explanation for this curious outcome lies in the actual drivers of LID 
as discussed above. Both aircraft have about the same wing span, and both 
have about the same wetted areas, so both have about the same LID. The 
aspect ratio of the B-47 is higher not because of a greater wing span, but 
because of a smaller wing area. However, this reduced wing area is offset by 
the wetted area of the fuselage and tails. 

This is illustrated by the ratios of wetted area to wing reference area 
(SwetlSrer). While the A VRO design has a total wetted area of less than three 
times the wing area, the Boeing design has a wetted area of eight times the 
wing area. 

This wetted-area ratio can be used, along with aspect ratio, as a more 
reliable early estimate of LID. Wetted-area ratio is clearly dependent on the 
actual configuration layout. Figure 3.5 shows a spectrum of design ap
proaches and the resulting wetted-area ratios. 

As stated above, LID depends primarily on the wing span and the wetted 
area. This suggests a new parameter, the "Wetted Aspect Ratio," which is 
defined as the wing span squared divided by the total aircraft wetted area. 
This is very similar to the aspect ratio except that it considers total wetted 
area instead of wing reference area. 
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Fig. 3.5 Wetted area ratios. 

Figure 3.6 plots maximum LID f?r a nu~ber of aircraft_ vs the wetted 
aspect ratio, and shows clear trend Imes for Jet, prop, and fixed-gear p~op 
aircraft. Note that the wetted aspect ratio can be shown to equal the wmg 
geometric aspect ratio divided by the wetted-area ratio, SwetlSref· 

It should be clear at this point that the designer has control over the LID. 
The designer picks the aspect ratio and determines the _configuration ar-
rangement, which in turn determines the wetted_-area rat10. . 

However, the designer must strike a compromise betwee~ t~e destre f~r a 
high LID and the conflicting desire for low weight. The statistical equat10ns 
provided above for estimating the empty-weight fraction are based on "nor
mal" designs. If the aspect ratio selected is much higher th~n that of oth~r 
aircraft in its class, the empty-weight fraction would be higher than esti-
mated by these simple statistical equations. . . 

LID can now be estimated from a conceptual sketch. This 1s the crude, 
"back of a napkin" drawing mentioned earlier. O? the c~ncept1;1al s~etch 
the designer arranges the major components of the atrcraft, mcludn~g wmgs, 
tails, fuselage, engines, payload or passenger compartment, landmg gear, 
fuel tanks, and others as needed. 

From the sketch the wetted-area ratio can be "eyeball-estimated" using 
Fig. 3.5 for guidance. The wetted aspect ratio can then be calculated as the 
wing aspect ratio divided by the wetted-area ratio. Figure 3.6 can then be 
used to estimate the maximum LID. 
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(POOR CORRELATION) 

0 ._ ______ ..._ __ ..... __ ........... __ '----~---'-----L--..... L.....--"'---..L..--..J 
.2 .4 .6 .8 1.0 1.2 1.4 1.6 1.8 2.0 2.2 2.4 

WETTED ASPECT RATIO= b2/S,.d = A/(S..,./S~,) 

Fig. 3.6 Maximum lift to drag ratio trends. 

Note that the LID can usually be estimated without a sketch by an 
experienced designer. The wetted aspect ratio method is provided primarily 
for the student, but can be useful for quickly evaluating novel concepts. 

Drag varies with altitude and velocity. For any altitude there is a velocity 
which maximizes LID. To maximize cruise or loiter efficiency the aircraft 
should fly at approximately the velocity for maximum LID. 

For reasons which will be derived later, the most efficient loiter for a jet 
aircraft occurs exactly at the velocity for maximum LID, but the most 
efficient loiter speed for a propeller aircraft occurs at a slower velocity that 
yields an LID of 86.6% of the maximum LID. 

Similarily, the most efficient cruise velocity for a propeller aircraft occurs 
at the velocity yielding maximum LID, whereas the most efficient cruise for 
a jet aircraft occurs at a slightly higher velocity yielding an LID of 86.6% 
of the maximum LID. 

Jet 
Prop 

Cruise 

0.866 LIDmax 
LIDmax 

Loiter 

LIDmax 
0.866 LIDmax 
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For initial sizing, these percents can be multiplied times the maximum 
LID as estimated using Fig. 3.6 to determine the LID for cruise and loiter. 

Fuel-Fraction Estimation 
Using historical values from Table 3.2 and the equations for cruise and 

loiter segments, the mission-segment weight fractions can now be estimated. 
By multiplying them together, the total mission weight fraction, WxlWo, can 
be calculated. 

Since this simplified sizing method does not allow mission segments in-
volving payload drops, all weight lost during the mission must be due to fuel 
usage. The mission fuel fraction must therefore be equal to (1 - WxlWo). If 
you assume, typically, a 6% allowance for reserve and trapped fuel, the total 
fuel fraction can be estimated as in Eq. (3 .11 ) . 

.!!f = 1.06(1 - Wx) Wo Wo 
(3.11) 

3.5 TAKEOFF-WEIGHT CALCULATION 
Using the fuel fraction found with Eq. (3.11) and the statistical empty

weight equation selected from Table 3 .1, the takeoff gross weight can be 
found iteratively from Eq. (3.4). This is done by guessing the takeoff gross 
weight, calculating the statistical empty-weight fraction, and then calculat
ing the takeoff gross weight. If the result doesn't match the guess value, a 
value between the two is used as the next guess. This will usually converge 
in just a few iterations. This first-order sizing process is diagrammed in 
Fig. 3.7. 

DESIGN OBJECTIVES 

SKETCH ----1 ASPECT RATIO 
SELECTION 

Swet/Sref 

Wf/Wo 

ENGINE SFCs Wo GUESS 

We/Wo EQUATION !------------~ Wo EQUATION 

ITERATE FOR Wo 

Fig. 3.7 First-order design method. 
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ANTISUBMARINE WARFARE < ASW > ()NI'\ 

4 ~~C!RU~l~S:E~
1~~----~1 

LOITER 20 MIN 

CREW WE I GHT = BOO LBS 

WARl1UP & TAKEOFF 
AVIONICS PAYLOAD = 10,000 LBS 

Fig. 3.8 Sample mission profile. 

3.6 DESIGN EXAMPLE: ASW AIRCRAFT 

ASW Requirements 

6 

7 

LAND 

m:r~!~r: 3.8 illustrates t~e mission requirement for a hypothetical antisub
for three ~J~;: ~~S\~? ~rcraftf The key r~quirement is the ability to loiter 
1 . . . a I_s ance o 1500 n.m1. from the takeoff point. While 
;:~;~:gd~~;~~~~~n; thiks typbe of.aircraft uses s.o~histicated electronic equip-

rac su marmes For the sizmg exampl th" · 
is assumed to weigh IO 000 lb Al · f . e, . IS eqmpment 
800 lb Th . f , : so, a our-man crew IS requued totalling 

. e aucra t must crmse at 0.6 Mach number. ' 

Conceptual Sketches 

in ;!;;~:;~ ~;~~ws fo~r _concept~al approaches considered by the designer 
ese mISSIOn reqmrements. Concept one is the conventional 

0 0 
1 -CONVENT! ONAL 

2-0VER-WING NACELLES 

3-CANARD, LOW WI NG 
4-CANARD,HIGH WING 

Fig. 3.9 ASW concept sketches. 
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approach, looking much like the Lockheed S-3A that currently performs a 
similar mission. The low horizontal tail position shown in solid line would 
offer the lightest structure, but may place the tail in the exhaust stream of 
the engines, so other positions for the horizontal tail are shown in dotted 
lines. 

The second concept is much like the first except for the engine location. 
Here the engines are shown mounted over the wing. This provides extra lift 
due to the exhaust over the wings, and also provides greater ground clear
ance for the engines, which reduces the tendency of the jet engines to suck 
up debris. However, the disadvantage of this concept is the difficulty in 
reaching the engines for maintenance work. 

Concepts three and four explore the canarded approach. Canards offer 
the potential for reduced trim drag and may provide a wider allowable range 
for the center of gravity. In concept three, the wing is low and the engines 
are mounted over the wing as in concept two. This would allow the main 
landing gear to be stowed in the wing root. 

In concept four, the wing is high with the engines mounted below. This 
last approach offers better access to the engines, and for this reason was 
selected for further development. 

Figure 3 .10 is a conceptual sketch prepared, in more detail, for the se
lected concept. Note the locations indicated for the landing-gear stowage, 
crew station, and fuel tanks. 

This points out a common problem with canard aircraft, the fuel tank 
locations. The fuel tanks should be placed so that the fuel is evenly dis-

Fig. 3.10 Completed ASW sketch. 
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tributed about the aircraft center of gravity (estimated location shown by 
the circle with two quarters shaded). This is necessary so that the aircraft 
when loaded has nearly the same center of gravity as when its fuel is almost 
gone. However, the wing is located aft of the center of gravity whenever a 
canard is used, so the fuel located in the wing is also aft of the center of 
gravity. 

One solution to this problem would be to add fuel tanks in the fuselage, 
forward of the center of gravity. This would increase the risk of fire in the 
fuselage during an accident, and is forbidden in commercial aircraft. Al
though this example is a military aircraft, fire safety should always be 
considered. 

Another solution, shown on the sketch, is to add a wing strake full of fuel. 
This solution is seen on the Beech Starship among others. The strakes do 
add to the aircraft wetted area, which reduces cruise aerodynamic effi
ciency. 

This example serves to illustrate an extremely important principle of 
aircraft design; namely, that there is no such thing as a free lunch! All 
aircraft design entails a series of trade offs. The canard offers lower trim 
drag, but in this case may require a higher wetted area. The only true way 
to determine whether a canard is a good idea for this or any aircraft is to 
design several aircraft, one with and one without a canard. This type of 
trade study comprises the majority of the design effort during the concep
tual design process. 

UD Estimation 
For initial sizing, a wing aspect ratio of about 11 was selected. With the 

area of the wing and canard both included, this is equivalent to a combined 
aspect ratio of about 8. 

Comparing the sketch of Fig. 3.10 to the examples of Fig. 3.5, it would 
appear that the wetted area ratio (Swe1/S,er) is about 5.5. This yields a wetted 
aspect ratio of 1.45 (i.e., 8/5.5). 

For a wetted aspect ratio of 1.45, Fig. 3.6 indicates that a maximum 
lift-to-drag ratio of about 17 would be expected. This value, obtained from 
an initial sketch and the selected aspect ratio, can now be used for initial 
sizing. 

Since this is a jet aircraft, the maximum LID is used for loiter calcula
tions. For cruise, a value of 0.866 times the maximum LID, or about 15, is 
used. 

Takeoff-Weight Sizing 
From Table 3.3, initial values for SFC are obtained. For a subsonic 

aircraft the best SFC values are obtained with high-bypass turbofans, which 
have typical values of about 0.5 for cruise and 0.4 for loiter. 

Table 3.1 does not provide an equation for statistically estimating the 
empty weight fraction of an antisubmarine aircraft. However, such an air
craft is basically designed for subsonic cruise efficiency so the equation for 
military cargo/bomber can be used. The extensive ASW avionics would not 
be included in that equation, so it is treated as a separate payload weight. 
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Box 3.1 ASW sizing calculations 

Mission Segment Weight Fractions 

1) warmup and takeoff 
2) Climb 
3) Cruise 

W/W0 = 0.97 
W 2/W1 = 0.985 

R = 1500nm = 9,114,000 ft 
C = 0.5 I/hr= 0.0001389 1/s 
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(Table 2) 
(Table 2) 

V = 0.6M X (994.8 ft/s) = 569.9 ft/s 
LID = 16 x 0.866 = 13.9 

4) Loiter 

5) Cruise (same as 3) 
6) Loiter 

7) Land 

W3/ W2 = e I - Rc1vuv1 = e - o.16 = 0.852 
E = 3 hours = 10,800 s 
C = 0.4 I/hr= 0.0001111 1/s 

LID= 16 
W4/ W3 = e I - Ec1uv1 = e - oms = 0.9277 
W5/ W4 = 0.852 

E = VJ hours= 1200 s 
C = 0.0001111 1/s 

LID= 16 
W6/Ws = e -o.oos3 = 0.9917 
W 7! W 6 = 0.995 (Table 2) 

w
7
; Wo = (0.97)(0.985)(0.852)(0.9277)(0.852)(0.9917)(0.995) = 0.635 

w
1
;w0 = 1.06(1 - 0.6505) = 0.387 

W,!W0 = 0.93 Wo- 0
·
07 (Table 1) 

10 800 10,800 
Wo = ' W, = 0.613 - 0.93 Wo- 0 ·07 

I - 0.387 - Wo 

W0 Guess W,!Wo W0 Calculated 

50,000 0.4361 61,057 

60,000 0.4305 59,191 

59,200 0.4309 59,328 

59,300 0.4309 59,311 

59,310 0.4309 59,309.6 

Box 3 .1 gives the calculations for sizing this exam~le. Note t~e effort _to 
insure consistent dimensions, including the convers10n of crmse veloc:.Y 
(Mach 0.6) to ft/s by assuming a typical cruise al~itude of 30,000 ft. At t is 
altitude the speed of sound (see Appendix A.2) is 994.8 f_tls. 

The calculations in box 3.1 indicate a takeoff gros~ weight of 59,310 lb. 
Although these calculations are based upon crude estu~ates of aerodynam
ics, weights, and propulsion parameters, it is interestmg to n?te that t~e 
actual takeoff gross weight of the Lockheed S-3A, as quo~ed ~n Ref. _l i~s 
52 539. While strict accuracy should not be expected, this simple siz g 
m;thod will usually yield an answer in the "right ballpark." 
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Trade Studies 

. An important part of conceptual design is the evaluation and refinement 
with the customer, of the design requirements In the ASW d · 1 ' 
the required f 1500 . es1gn examp e 

range ~ n.mi. (each way) is probably less than the cus~ 
~omer w~uld r~ally hke. A "range trade" can be calculated to determine the 
mcrease m design takeoff gross weight if the required range is increased. 

Box 3 2 Ra t d nge ra e 

1000 nm Range 

W3/W2 = Ws!W4 = e - 0-1065 = 0.899 

W1! Wo = 0. 7069 

W1!Wo = 1.06 (1 - 0.7069) = 0.3107 

Wo= 
10,800 10,800 

= 
l - 0.3107 - w. 0.6893 - 0.93 wo-0.07 

Wo 

Wo Guess W.IW0 Wo Calculated 

50,000 0.4361 42,657 
45,000 0.4393 43,203 
43,500 0.4403 43,384 
43,400 0.4404 43,396 
43,398 0.4404 43,397 

2000 nm Range 

W3IW2 = W5!W4 = - 0.213 = 0.8082 

W1IW0 = 0.5713 

W1! Wo = 0.4544 

Wo= 
10,800 10,800 

= 
l - 0.4544 - w. 0.5456 - 0.93 wo- 0.07 

Wo 

Wo Guess w.iwo Wo Calculated 

50,000 0.4361 98,660 
80,000 0.4219 87,331 
86,000 0.4198 85,889 
85,900 0.4199 85,913 
85,910 0.4199 85,911 
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This is done by recalculating the weight fractions for the cruise mission 
segments, using arbitrarily selected ranges. For example, instead of the 
required 1500 n.mi., we will calculate the cruise weight fractions using 1000 
and 2000 n.mi., and will size the aircraft separately for each of those ranges. 
These calculations are shown in Box 3.2, and the results are plotted in Fig. 
3.11. 

In a similar fashion, a "payload trade" can be made. The mission-seg
ment weight fractions and fuel fraction are unchanged but the numerator of 
the sizing equation, Eq. (3.4), is parametrically varied by assuming different 
payload weights. The given payload requirement is 10,000 lb of avionics 
equipment. Box 3.3 shows the sizing calculations assuming payload weights 
of 5000, 15,000, and 20,000 lb. The results are plotted in Fig. 3.12. 

The statistical empty-weight equation used here for sizing was based upon 
existing military cargo and bomber aircraft, which are all of aluminum 
construction. The takeoff gross weight calculations above have thus implic
itly assumed that the new aircraft would also be built of aluminum. 

To determine the effect of building the aircraft out of composite materi
als, the designer must adjust the empty-weight equation. As previously 
mentioned, this can be approximated in the early stages of design by taking 
95% of the empty-weight fraction obtained for a metal aircraft. The calcu
lations for resizing the aircraft using composite materials are shown in box 
3.4. 

The use of composite materials reduces the takeoff gross weight from 
59,310 lb to only 53,771 lb yet the aircraft can still perform the same 

TOGW 1000 LBS 

1,000 1,500 

Fig. 3.11 Range trade. 

2,000 
RANGE-NM <EACH WAY> 
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Box 3.3 Payload trade 

Payload = 5000 lb w
0 

= 5800 
0.613 - 0.93 wo-0.07 

Wo Guess We!W0 Wo Calculated 
50,000 0.4361 32,787 
35,000 0.4471 34,960 
34,970 0.4471 34,965 
34,966 0.4471 34,966 

Payload= 15,000 lb w. = 15,800 
0 

0.613-0.93W
0
- 0·07 

W0 Guess We!Wo Wo Calculated 
50,000 0.4362 89,366 
85,000 0.4202 81,937 
82,000 0.4212 82,389 
82,350 0.4211 82,335 

Payload = 20,000 lb W. = 20,800 
0 

0.613-0.93W
0
- 0·07 

W0 Guess We!Wo Wo Calculated 
90,000 0.4185 106,941 

100,000 0.4154 105,272 
105,000 0.4140 104,522 
104,600 0.4141 104,581 

Box 3.4 Composite material trade 

Wei Wo = (0.95)(0.93 Wo- 0.07) = 0.8835 Wo- 0.07 

Wo= 10,800 10,800 

l - 0.387 - we 
Wo 

0.613 - 0.8835 wo-0.07 

W0 Guess 

50,000 
54,000 
53,800 

0.4143 
0.4120 
0.4122 

W0 Calculated 

54,344 
53,742 
53,771 
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TOBW 1000 LBS 

100 

75 

50 

25 '--~~~~~~~...L..~~~~~~~---''--~~~~~~----" 
5,000 10,000 15,000 20,000 

PAYLOAD-LBS 

Fig. 3.12 Payload trade. 

mission. This is a 9.30Jo takeoff-weight savings, resulting from only a 50Jo 
empty-weight saving. 

This result sounds erroneous, but is actually typical of the "leverage" 
effect of the sizing equation. Unfortunately, this works both ways. If the 
empty weight creeps up during the detail-design process, it will require a 
more-than-proportional increase in takeoff gross weight to maintain the 
capability to perform the sizing mission. Thus it is crucial that realistic 
estimates of empty weight be used during early conceptual design, and that 
the weight be strictly controlled during later stages of design. 

There are many trade studies which could be conducted other than range, 
payload, and material. Methods for trade studies are discussed in detail in 
Chapter 19. 

The remainder of the book presents better methods for design, analysis, 
sizing, and trade studies, building on the concepts just given. In this chapter 
a conceptual sketch was made, but no guidance was provided as to how to 
make the sketch or why different features may be good or bad. Following 
chapters address these issues and illustrate how to develop a complete three
view drawing for analysis. Then more-sophisticated methods of analysis, 
sizing, and trade studies will be provided. 



4 
AIRFOIL AND GEOMETRY SELECTION 

4.1 INTRODUCTION 
Before the design layout can be started, values for a number of parame

ters must be chosen. These include the airfoil(s), the wing and tail geom
etries, wing loading, thrust-to-weight or horsepower-to-weight ratio, esti
mated takeoff gross weight and fuel weight, estimated wing, tail, and engine 
sizes, and the required fuselage size. These are discussed in the next three 
chapters. 

This chapter covers selecting the airfoil and the wing and tail geometry. 
Chapter 5 addresses estimation of the required wing loading and thrust-to
weight ratio (horsepower-to-weight ratio for a propeller aircraft). Chapter 
6 provides a more refined method for initial sizing than the quick method 
presented in the last chapter, and concludes with the use of the sizing results 
to calculate the required wing and tail area, engine size, and fuselage vol
ume. 

4.2 AIRFOIL SELECTION 
The airfoil, in many respects, is the heart of the airplane. The airfoil 

affects the cruise speed, takeoff and landing distances, stall speed, handling 
qualities (especially near the stall), and overall aerodynamic efficiency dur
ing all phases of flight. 

Much of the Wright Brothers' success can be traced to their development 
of airfoils using a wind tunnel of their own design, and the in-flight valida
tion of those airfoils in their glider experiments of 1901-1902. The P-51 was 
regarded as the finest fighter of World War II in part because of its radical 
laminar-flow airfoil. Recently, the low-speed airfoils developed by Peter 
Lissaman contributed to the success of the man-powered Gossamer Condor. 

Airfoil Geometry 
Figure 4.1 illustrates the key geometric parameters of an airfoil. The front 

of the airfoil is defined by a leading-edge radius which is tangent to the 
upper and lower surfaces. An airfoil designed to operate in supersonic flow 
will have a sharp or nearly-sharp leading edge to prevent a drag-producing 
bow shock. (As discussed later, wing sweep may be used instead of a sharp 
leading edge to reduce the supersonic drag.) 

The chord of the airfoil is the straight line from the leading edge to the 
trailing edge. It is very difficult to build a perfectly sharp trailing edge, so 
most airfoils have a blunt trailing edge with some small finite thickness. 

33 
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y 
ACTUAL AIRFOIL SHAPE 

CHORD LENGTH "C" 

J ----...a.----"'"'~===-~---=~;;;:;;;;;;;;;;;;;;;~----....;.;iiillt!.,...x 
' LOWER SURFACE r ~LEADING 

~o~\°l"<l.;\ EDGE RADIUS THICKNESS 

,o.\\t "t"=f(x) TRAILING 

EDGE THICKNESS 

THICKNESS DISTRIBUTION 

THICKNESS 
"t" 

X 

Note: leading edge radius and trailing edge thickness are exaggerated for illustration. 

Fig. 4.1 Airfoil geometry. 

"Camber" refers to the curvature characteristic of most airfoils. The 
"mean camber line" is the line equidistant from the upper and lower sur
faces. Total airfoil camber is defined as the maximum distance of the mean 
camber line from the chord line, expressed as a percent of the chord. 

In earlier days, most airfoils had flat bottoms, and it was common to refer 
to the upper surface shape as the "camber." Later, as airfoils with curved 
bottoms came into usage, they were known as "double-cambered" airfoils. 
Also, an airfoil with a concave lower surface was known as an "under-cam
bered" airfoil. These terms are technically obsolete but are still in common 
usage. 

The thickness distribution of the airfoil is the distance from the upper 
surface to the lower surface, measured perpendicular to the mean camber 
line, and is a function of the distance from the leading edge. The "airfoil 
thickness ratio" (tic) refers to the maximum thickness of the airfoil divided 
by its chord. 

For many aerodynamic calculations, it has been traditional to separate the 
airfoil into its thickness distribution and a zero-thickness camber line. The 
former provides the major influence on the profile drag, while the latter 
provides the major influence upon the lift and the drag due to lift. 

When an airfoil is scaled in thickness, the camber line must remain un
changed, so the scaled thickness distribution is added to the original camber 
line to produce the new, scaled airfoil. In a similar fashion, an airfoil which 
is to have its camber changed is broken into its camber line and thickness 
distribution. The camber line is scaled to produce the desired maximum 
camber; then the original thickness distribution is added to obtain the new 
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airfoil. In this fashion, the airfoil can be reshaped to _change either the 
profile drag or lift characteristics, without greatly affectmg the other. 

Airfoil Lift and Drag 

An airfoil generates lift by changing the velocity of the air passing OV!? 

and under itself. The airfoil angle of attack and/or camber causes the a1r 
over the top of the wing to travel faster than the air beneath the wing. 

Bernoulli's equation shows that higher velocities produce lower pres
sures, so the upper surface of the airfoil tends to be pulle~ upward by 
lower-than-ambient pressures while the lower surface of the a1rfoil tends to 
be pushed upward by higher-than-ambient pressures. !he_integrated differ
ences in pressure between the top and bottom of the a1rfoil generate the net 
lifting force. 

Figure 4.2 shows typical pressure distributions for the upper and lower 
surfaces of a lifting airfoil at subsonic speeds. Note that the upper surface 
of the wing contributes about two-thirds of the total lift. 

Figure 4.3a illustrates the flowfield around a typical air~oil as a num~er 
of airflow velocity vectors, with the vector length representmg local velocity 
magnitude. In Fig. 4.3b, the freestream velocity v~ctor is _subtracted from 
each local velocity vector, leaving only the change m velocity vector. cau_se_d 
by the presence of the airfoil. It can be seen that _the effect of the a1rf_?il ~s 
to introduce a change in airflow, which seems to c1rculate around the a1rfoil 
in a clockwise fashion if the airfoil nose is to the left. 

Cp 
(-) 

(+) 

TYPICAL 
PRESSURE 
DISTRIBUTION 

PRESSURE COMPONENTS 
IN LIFT DIRECTION 

Fig. 4.2 Typical airfoil pressure distribution. 
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This "circulation" is the theor f I b . 
lift and drag-due-to-lift The era h as1s_ for the classical calculation of 
~ircu~ation is usually r~prese~:~a ~r tr e c~c~lation, the gre~ter the lift. 
d1rect1on as in Fig. 4.3c. Y an is shown as a circular flow 

As a side effect of the generation of lift th . . . 
momentum on the flowfield Th d ' d e a1rfo1l 1mparts a downward 
equal the lift force produ~ed ~n ~;nw~\ torce exerted on the air must 
"caused" by the downward moti f ~hair_ oil. However, the lift is not 
air exerts upon the airfoil. on o e air but by the pressure forces the 

A ~at board at an angle to the oncomin a· . . 
the air going over the top of the flat " . f ~" If _will produce hft. However, 
~urface, thus disturbing the flow an~1:h01 will tend t_o se~arate from the 
mcreasing drag (Fig 4 4) C . h . eretore reducmg hft and greatly 
fl · · · urvmg t e airfoil (i b ) ow to remain attached thus i·n . 1·f .e.' cam er allows the air 
1 . , creasmg I t and red · d 

a so mcreases lift by increasing th . 1 . ucm_g rag. The camber 
In fact, an airfoil with camber ~ circu at10~ of the airflow. 

the chord line and the oncomint1~l ~~?du~e hft even at zero angle between 
airfoil there i . air ang e of attack"). For a cambered 

s some negative angle at which no lift is produced, the ''angle 
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Fig. 4·3 Airfoil flowfield and circulation. 
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of zero lift." This negative angle is approximately equal (in degrees) to the 
percent camber of the airfoil. 

Odd as it sounds, an airfoil in two-dimensional (2-D) flow does not 
experience any drag due to the creation of lift. The pressure forces produced 
in the generation of lift are at right angles to the oncoming air. All two-di
mensional airfoil drag is produced by skin friction and pressure effects 
resulting from flow separation and shocks. It is only in three-dimensional 
(3-D) flow that drag due to lift is produced. 

The airfoil section lift, drag, and pitching moment are defined in non
dimensional form in Eqs. (4.1), (4.2), and (4.3). By definition, the lift force 
is perpendicular to the flight direction while the drag force is parallel to the 
flight direction. The pitching moment is usually negative when measured 
about the aerodynamic center, implying a nose-down moment. Note that 
2-D airfoil characteristics are denoted by lowercase subscripts (i.e., Ce) 
whereas the 3-D wing characteristics are denoted by uppercase subscripts 
(i.e., CL). 

C _ section lift 
e- qc 

C _ section drag 
d - qc 

C = section moment 
m qc2 

where 

c = chord length 
q = dynamic pressure = p V2 /2 
a = angle of attack 
Ce. = slope of the lift curve = 21r (typically) 

(4.1) 

(4.2) 

(4.3) 

The point about which the pitching moment remains constant for any 
angle of attack is called the "aerodynamic center." The aerodynamic center 
is not the same as the airfoil's center of pressure (or lift). The center of 
pressure is usually behind the aerodynamic center. The location of the center 
of pressure varies with angle of attack for most airfoils. 

Fig. 4.4 Effect of camber on separation. 
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Fig. 4.5 Airfoil lift, drag, and pitching moment. 

Pitching mom~nt is measured about some reference point, typically the 
quart~r-c~ord pomt (25% of the chord length back from the leading edge). 
The p1tchmg moment is almost independent of angle of attack about the 
quarte~-chord for most airfoils at subsonic speeds (i.e., the aerodynamic 
center 1s usually at the quarter-chord point.) 

Lift, drag, and pitching-moment characteristics for a typical airfoil are 
shown in Fig. 4.5. 

Airfoil characteristics are strongly affected by the "Reynolds number" at 
which th~y are operating. Reynolds number, the ratio between the dynamic 
and the viscous fo~ces in a fluid, is equal to (p VI Iµ), where Vis the velocity, 
I the Ieng.th t?e fl~1d has t~a~eled down the surface, p the fluid density, and 
µ the flmd v1scos1ty coefficient. The Reynolds number influences whether 
the flow will be laminar or turbulent, and whether flow separation will 
o~c~r. A typical aircraft wing operates at a Reynolds number of about ten 
mllhon. 

Figure 4.5 illustrates the so-called "laminar bucket." For a "laminar" 
airfoi_I _operating ~t the design Reynolds number there is a range of lift 
c?ef~1c1ent_ for which t_he flow remains laminar over a substantial part of the 
aufo1I. This ca~ses a significant reduction of drag for a given lift coefficient. 

However, this effect is very dependent upon the Reynolds number as well 
as the ac.tual surface smoothness. For example, dirt, rain, or insect debris on 
the Iea?mg edge may cause the flow to become turbulent, causing an in
~rease m ~ra~ to the dotted line shown in Fig. 4.5. This also can change the 
hft and p1tchmg-moment characteristics. 
. In se~eral ca_narded homebuilt designs with laminar airfoils, entering a 

hght ra1?fall will ca~se the canard's airflow to become turbulent, reducing 
c~na~d hft and ca_usmg the aircraft to pitch downward. Earlier, nonlaminar 
auf01!s were . designed assuming turbulent flow at all times and do not 
expenence this effect. 
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EARLY NACA MODERN 
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C-5A ("Peaky") 64 AOlO (6 DIGIT) 

C: :::::::--:- ~ 
MUNK M-6 65 A008 (6 DIGIT) SUPERCRITICAL 

Fig. 4.6 Typical airfoils. 

Airfoil Families 
A variety of airfoils is shown in Fig. 4.6. The early airfoils were ?eveloped 

mostly by trial and error. In the 1930's, the NACA developed a widely-used 
family of mathematically defined airfoils called the "four-digit" ai~foils. In 
these, the first digit defined the percent camber, the seco~d defme~ th~ 
location of the maximum camber, and the last two digits defmed the au~01I 
maximum thickness in percent of chord. While rarely used for wing des1g? 
today, the uncambered four-digit airfoils are still commonly used for tall 
surfaces of subsonic aircraft. 

The NACA five-digit airfoils were developed to allow shifting the position 
of maximum camber forward for greater maximum lift. The six-series air
foils were designed for increased laminar flow, and hence reduced dr~g. 
Six-series airfoils such as the 64A series are still widely used as a startmg 
point for high-speed-wing design. The Mach 2 F-15 fighter uses the 6~A 
airfoil modified with camber at the leading edge. Geometry and charactens
tics of these "classical" airfoils are summarized in Ref. 2, a must for every 
designer's library. 

Airfoil Design 
In the past, the designer would select an airfoil (or airfoils) from such a 

catalog. This selection would consider factors such as the airfoil drag during 
cruise, stall and pitching-moment characteristics, the thickness available for 
structure and fuel and the ease of manufacture. With today's computa
tional airfoil desi~n capabilities, it is becoming common for the airfoil 
shapes for a wing to be custom-designed. 

Modern airfoil design is based upon inverse computational solutions for 
desired pressure (or velocity) distributions on the airfoil. Methods have been 
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developed for designing an airfoil such that the pressure differential between 
the top and bottom of the airfoil quickly reaches a maximum value attain
able without airflow separation. Toward the rear of the airfoil, various 
pressure recovery schemes are employed to prevent separation near the 
trailing edge. 

These airfoil optimization techniques result in airfoils with substantial 
pressure differentials (lift) over a much greater percent of chord than a 
classical airfoil. This permits a reduced wing area (and wetted area) for a 
required amount of lift. Such airfoil design methods go well beyond the 
scope of this book. 

Another consideration in modern airfoil design is the desire to maintain 
laminar flow over the greatest possible part of the airfoil. Laminar flow can 
be maintained by providing a negative pressure gradient, i.e., by having the 
pressure continuously drop from the leading edge to a position close to the 
trailing edge. This tends to "suck" the flow rearward, promoting laminar 
flow. 

A good laminar-flow airfoil combined with smooth fabrication methods 
can produce a wing with laminar flow over about 50-70% of the wing. 
Figure 4. 7 shows a typical laminar flow airfoil and its pressure distribution. 

As an airfoil generates lift the velocity of the air passing over its upper 
surface is increased. If the airplane is flying at just under the speed of sound, 
the faster air traveling over the upper surface will reach supersonic speeds 
causing a shock to exist on the upper surface, as shown in Fig. 4.8. The 
speed at which supersonic flow first appears on the airfoil is called the 
"Critical Mach Number" (Mcri

1
). 

The upper-surface shock creates a large increase in drag, along with a 
reduction in lift and a change in the pitching moment. The drag increase 

LIEBECK LR1022M14 

Cp "ROOFTOP" 
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Fig. 4. 7 Laminar airfoil. 
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Fig. 4.8 Transonic effects. 
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comes from the tendency of the rapid pressure rise across the shock to 
thicken or even separate the boundary layer. . . . 

A "supercritical" airfoil is one des~gned to_ mii:ii~ize t~ese effects. Mod: 
em computational methods allow design of airfoils m w~ich the upp~r-s~ 
face shock is minimized or even eliminated by spreadn~g the hft m. t e 
chordwise direction, thus reducing the upper surface velocity for a reqmred 
total lift. This increases the Critical Mach Number. 

Design Lift Coefficient 

For early conceptual design work, the designer must frequentlr rel~ upho~ 
existing airfoils. From existing_ airfoils, the. oi:ie should be se ecte t a 
comes closest to having the desired characteristics. . . . 

The first consideration in initial airfoil ~election i_s th~ "design hft co1~J; 
· t " This is the lift coefficient at which the airfml has _the best 
~~~~~n in Fig. 4.9 as the point on the airfo~l drag.polar that is tangent to a 
line from the origin and closest to the vertical axis). . . . . 

I b · fli"ght a well-designed airfoil operating at its design hft coefft
n su some k" f · f d The cient has a drag coefficient that is little more th~n s ii:i- _nc 10n rag. h 

aircraft should be designed so that it flies the desi~n mi~s!on at or near t e 
design lift coefficient to maximize the aerodynamic efft~ient~. ff . t 

As a first approximation, it can be assumed th~t the wn~g i t coe icien ' 
c equals the airfoil lift coefficient, Cr. In level fhght the hft m~s\~qua_I the 
w~ight, so the required design lift coefficient can be found as o ows. 

W = L = qSCL = qSCr (4.4) 

Cr= i (:) (4.5) 

Dynamic pressure (q) is a function of velocity ~nd ~ltitude. "!3y assuming 
· l d" ( WIS) as described later the design hft coefficient can be a wmg oa mg , . . . 

calculated for the velocity and altitude of the design_ mission.. . 
Note that the actual wing loading will decrease durmg the miss!on as fuel 

is burned. Thus, to stay at the design lift coeffic~ent, the ~ynamic press1:1re 
must be steadily reduced during the mission by either slowmg down, which 
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Fig. 4.9 Design lift coefficient. 

is. undesirable, or climbing to a higher altitude. This explains the "cruise
chmb" followed by an aircraft trying to maximize range. 

In ~ctual practice, a design lift coefficient usually will be based upon past 
expenence, and for most types of aircraft typically will be around 0.5. In 
fact, _the initial s~lection of the airfoil is often simply based upon prior 
expenence or copied from some successful design. 

Stall 

Stall characteristics play an important role in airfoil selection. Some 
air~oils exhibit a ~radual reduction in lift during a stall, while others show 
a v_10le?t loss of hft, accompanied by a rapid change in pitching moment. 
This difference reflects the existence of three entirely different types of 
airfoil stall. 

"Fat" airr~ils (round leading edge and t I c greater than about 14%) stall 
from the tra1hng edge. The turbulent boundary layer increases with angle of 
attack. -~t around IO deg the boundary layer begins to separate, starting at 
!he tradmg edge and moving forward as the angle of attack is further 
mcreased. The loss of lift is gradual. The pitching moment changes only a 
small amount. 

_Thinner airfoils stall from the leading edge. If the airfoil is of moderate 
thickness (about 6-1_4% ), t~e flow separates near the nose at a very small 
angle of at~ack, but 1mmed1ately reattaches itself so that little effect is felt. 
~t son:ie higher angle of attack the flow fails to reattach, which almost 
1~m~d1ately stalls the entire airfoil. This causes an abrupt change in lift and 
p1tchmg moment. 

Very thin airfoils exhibit another form of stall. As before, the flow 
separates from the nose at a small angle of attack and reattaches almost 
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Fig. 4.10 Types of stall. 

immediately. However, for a very thin airfoil this "bubble" continues to 
stretch towards the trailing edge as the angle of attack is increased. At the 
angle of attack where the bubble stretches all the way to the trailing edge, 
the airfoil reaches its maximum lift. Beyond that angle of attack, the flow 
is separated over the whole airfoil, so the stall occurs. The loss of lift is 
smooth, but large changes in pitching moment are experienced. The three 
types of stall characteristics are depicted in Fig. 4.10. 

Twisting the wing such that the tip airfoils have a reduced angle of attack 
compared to the root ("washout") can cause th~ win~ to stall first at !he 
root. This provides a gradual stall even for a wmg with a poorly stalling 
airfoil. Also, the turbulent wake off the stalled wingroot will vibrate the 
horizontal tail, notifying the pilot that a stall is imminent. 

In a similar fashion, the designer may elect to use different airfoils at the 
root and tip, with a tip airfoil selected which stalls at a highe_r angle of 
attack than the root airfoil. This provides good flow over the aderons for 
roll control at an angle of attack where the root is stalled. 

If different airfoils are used at the root and tip, the designer must develop 
the intermediate airfoils by interpolation (discussed later). These intermedi
ate airfoils will have section characteristics somewhere between those of the 
root and tip airfoils, and can also be estimated by interpolation. T~is 
interpolation of section characteristics does not work !or modern s~p~rcr~t
ical or laminar-flow airfoils. Estimation of the sect10n charactenstlcs m 
those cases must be done computationally. 

Stall characteristics for thinner airfoils can be improved with various 
leading-edge devices such as slots, slats, leading-edge flaps, Krueger flaps, 
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and active methods (e.g., suction or blowing). These are discussed in the 
Aerodynamics Chapter. 

Wing stall is directly related to airfoil stall only for high-aspect-ratio, 
unswept wings. For lower aspect ratio or highly swept wings the 3-D effects 
dominate stall characteristics, and airfoil stall characteristics can be essen
tially ignored in airfoil selection. 

Pitching moment must also be considered in airfoil selection. Horizontal 
tail or canard size is directly affected by the magnitude of the wing pitching 
moment to be balanced. Some of the supercritical airfoils use what is called 
"rear-loading" to increase lift without increasing the region of supersonic 
flow. This produces an excellent LID, but can cause a large nose-down 
pitching moment. If this requires an excessive tail area, the total aircraft 
drag may be increased, not reduced. 

-- - -
For a stable tailless or flying-wing aircraft, the pitching moment must be 

near zero. This usually requires an "S"-shaped camber with the character
istic upward reflex at the trailing edge. Reflexed airfoils have poorer LID 
than an airfoil designed without this constraint. This tends to reduce some 
of the benefit that flying wings experience due to their reduced wetted area. 
However, a computerized, "active" flight control system can remove the 
requirement for natural stability, and thus allow a nonreflexed airfoil. 

Airfoil Thickness Ratio 
Airfoil thickness ratio has a direct effect on drag, maximum lift, stall 

characteristics, and structural weight. Figure 4.11 illustrates the effect of 
thickness ratio on subsonic drag. The drag increases with increasing thick
ness due to increased separation. 

Figure 4.12 shows the impact of thickness ratio on Critical Mach Num
ber, the Mach number at which supersonic flow first appears over the wing. 
A supercritical airfoil tends to minimize shock formation and can be used 
to reduce drag for a given thickness ratio or to permit a thicker airfoil at the 
same drag level. 

The thickness ratio affects the maximum lift and stall characteristics 
primarily by its effect on the nose shape. For a wing of fairly high aspect 
ratio and moderate sweep, a larger nose radius provides a higher stall angle 
and a greater maximum lift coefficient, as shown in Fig. 4.13. 

The reverse is true for low-aspect-ratio, swept wings, such as a delta wing. 
Here, a sharper leading edge provides greater maximum lift due to the 
formation of vortices just behind the leading edge. These leading edge 
vortices act to delay wing stall. This 3-D effect is discussed in the Aerody
namics Chapter. 

Thickness also affects the structural weight of the wing. Statistical equa
tions for wing weight show that the wing structural weight varies approx
imately inversely with the square root of the thickness ratio. Halving the 
thickness ratio will increase wing weight by about 41 % . The wing is typi
cally about 15% of the total empty weight, so halving the thickness ratio 
would increase empty weight by about 6%. When applied to the sizing 
equation, this can have a major impact. 
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For initial selection of the thickness ratio, the historical trend shown in 
Fig. 4.14 can be used. Note th~t a su~erc_ritic_al airfoil ~o~ld tend to be 
about 10% thicker (i.e., convent10nal aufoil thickness rat10 times I.I) than 
the historical trend. 

Frequently the thickness is varied from root to tip. Due to fuselage ef-
fects the root airfoil of a subsonic aircraft can be as much as 20-60% 
thicker than the tip airfoil without greatly affecting the drag. This is very 
beneficial, resulting in a structural weight reduction as well as more volume 
for fuel and landing gear. This thicker root airfoil should extend to no more 
than about 30% of the span. 

Other Airfoil Considerations 
Another important aspect of airfoil selection is the intended Reynolds 

number. Each airfoil is designed for a certain Reynolds number. Use of an 
airfoil at a greatly different Reynolds number (half an order of magnitude 
or so) can produce section characteristics much different from those 
expected. 

This is especially true for the laminar-flow airfoils, and is most crucial 
when an airfoil is operated at a lower than design Reynolds number. In the 
past this has been a problem for homebuilt and sailplane designers, but 
there are now suitable airfoils designed especially for these lower Reynolds 
number aircraft. 
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Fig. 4.11 Effects of tic on drag. 
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Fig. 4.14 Thickness ratio historical trend. 
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The laminar airfoils require extremely smooth skins as well as exact con
trol over the actual, as-manufactured shape. These can drive the cost up 
significantly. Also, the camouflage paints used on military aircraft are 
rough compared to bare metal or composite skins. This must be considered 
before selecting certain airfoils. 

While an understanding of the factors important to airfoil selection is 
important, an aircraft designer should not spend too much time trying to 
pick exactly the "right" airfoil in early conceptual design. Later trade 
studies and analytical design tools will determine the desired airfoil charac
teristics and geometry. For early conceptual layout, the selected airfoil is 
important mostly for determining the thickness available for structure, land
ing gear, and fuel. 

Appendix A.3 provides geometry and section characteristics for a few 
airfoils useful in conceptual design. For swept-wing supersonic aircraft, the 
NACA 64A and 65A sections are good airfoils for initial design. The ap
pendix describes a supercritical section suitable for transports and other 
high-subsonic aircraft, along with a typical modern NASA section for gen
eral aviation. A few specialized airfoils are provided for other applications. 

The airfoils presented in Appendix A.3 are not being recommended as the 
"best" sections for those applications, but rather as reasonable airfoils with 
which to start a conceptual design. Again, Ref. 2 is highly recommended. 

4.3 WING GEOMETRY 
The "reference" ("trapezoidal") wing is the basic wing geometry used to 

begin the layout. Figures 4.15 and 4.16 show the key geometric parameters 
of the reference wing. 
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Fig. 4.15 Wing geometry. 
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Fig. 4.16 Wing sweep A. 
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Note that the reference wing is ficticious, and extends through the fuse
lage to the aircraft centerline. Thus the reference wing area includes the part 
of the reference wing which sticks into the fuselage. For the reference wing, 
the root airfoil is the airfoil of the trapezoidal reference wing at the center
line of the aircraft, not where the actual wing connects to the fuselage. 

There are two key sweep angles, as shown in Fig. 4.16. The leading-edge 
sweep is the angle of concern in supersonic flight. To reduce drag it is 
common to sweep the leading edge behind the Mach cone. The sweep of the 
quarter-chord line is the sweep most related to subsonic flight. It is impor
tant to avoid confusing these two sweep angles. The equation at the bottom 
of Fig. 4.16 allows converting from one sweep angle to the other. 

Airfoil pitching moment data in subsonic flow is generally provided about 
the quarter-chord point, where the airfoil pitching moment is essentially 
constant with changing angle of attack (i.e., the "aerodynamic center"). In 
a similar fashion, such a point is defined for the complete trapezoidal wing 
and is based on the concept of the "mean aerodynamic chord." The mean 
aerodynamic chord (Fig. 4.17) is the chord "c" of an airfoil, located at 
some distance "Y" from the centerline. 

The entire wing has its mean aerodynamic center at approximately the 
3ame percent location of the mean aerodynamic chord as that of the airfoil 

C tip 

C root 

c = (2/3) C root (1 +A+ >.2)/(1 + >.) 

Y = (b/6)[(1 + 2>.)(1 + >.)] 

TYPICAL, WING AERODYNAMIC CENTER= .25 C SUBSONIC 
= .4 C SUPERSONIC 

MEAN AERODYNAMIC 
CHORD (c) 

Fig. 4.17 Mean aerodynamic chord. 
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alone. In subsonic flow, this is at the quarter-chord point on the mean 
aerodynamic chord. In supersonic flow, the aerodynamic center moves back 
to about 40% of the mean aerodynamic chord. The designer uses the mean 
aerodynamic chord and the resulting aerodynamic center point to position 
the wing properly. Also, the mean aerodynamic chord will be important to 
stability calculations. Figure 4.17 illustrates a graphical method for finding 
the mean aerodynamic chord of a trapezoidal-wing planform. 

The required reference wing area (''S") can be determined only after the 
takeoff gross weight is determined. The shape of the reference wing is 
determined by its aspect ratio, taper ratio, and sweep. 

Aspect Ratio 

!he fir~t to investigate aspect ratio in detail were the Wright Brothers, 
us~ng a wmd tunnel they constructed. They found that a long, skinny wing 
(high aspect ratio) has less drag for a given lift than a short, fat wing (low 
aspect ratio). This is due to the 3-D effects. 

As most early wings were rectangular in shape, the aspect ratio was 
initially defined as simply the span divided by the chord. For a tapered wing, 
the aspect ratio is defined as the span squared divided by the area (which 
defaults to the earlier definition for a wing with no taper). 

When a wing is generating lift, it has a reduced pressure on the upper 
surface and an increased pressure on the lower surface. The air would like 
to "escape" from the bottom of the wing, moving to the top. This is not 
possible in 2-D flow unless the airfoil is leaky (a real problem with some 
fabric wing materials unless properly treated). However, for a real, 3-D 
wing, the air can escape around the wing tip. 

------A=2 

A=l 

a 

Fig. 4.18 Effect of aspect ratio on lift. 
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Air escaping around the wing tip lowers the pressure difference between 
the upper and the lower surfaces. This reduces lift near the tip. Also, the air 
flowing around the tip flows in a circular path when seen from the front, 
and in effect pushes down on the wing. Strongest near the tip, this reduces 
the effective angle of attack of the wing airfoils. This circular, or ''vortex'' 
flow pattern continues downstream behind the wing. 

A wing with a high aspect ratio has tips farther apart than an equal area 
wing with a low aspect ratio. Therefore, the amount of the wing affected by 
the tip vortex is less for a high aspect ratio wing than for a low-aspect-ratio 
wing, and the strength of the tip vortex is reduced. Thus, the high-aspect
ratio wing does not experience as much of a loss of lift and increase of drag 
due to tip effects as a low-aspect-ratio wing of equal area. 

(It is actually the wing span which determines the drag due to lift. How
ever, wing area is usually held constant unless widely different aircraft 
concepts are being evaluated. When wing area is held constant, the wing 
span varies as the square root of the aspect ratio.) 

As was shown in Fig. 3.6, the maximum subsonic LID of an aircraft 
increases approximately by the square root of an increase in aspect ratio 
(when wing area and Swe11Sref are held constant). On the other hand, the 
wing weight also increases with increasing aspect ratio, by about the same 
factor. 

Another effect of changing aspect ratio is a change in stalling angle. Due 
to the reduced effective angle of attack at the tips, a lower-aspect-ratio wing 
will stall at a higher angle of attack than a higher-aspect-ratio wing (Fig. 
4.18). This is one reason why tails tend to be of lower aspect ratio. Delaying 
tail stall until well after the wing stalls assures adequate control. 

Table 4.1 Aspect ratio 

Sailplane equivalent* aspect ratio=4.464 (best LID)·69 

Propeller aircraft Equivalent aspect ratio 

Homebuilt 
General aviation-single engine 
General aviation-twin engine 
Agricultural aircraft 
Twin turboprop 
Flying boat 

Jet aircraft 

Jet trainer 
Jet fighter (dogfighter) 
Jet fighter (other) 
Military cargo/bomber 
Jet transport 

6.0 
7.6 
7.8 
7.5 
9.2 
8.0 

Equivalent aspect Ratio= aMf.ax 
a C 

4.737 -0.979 
5.416 -0.622 
4.110 -0.622 
5.570 -1.075 
7.50 0 

•Equivalent aspect ratio= wing span squared/(wing and canard areas) 
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Conve_rsely, a canar? can be made to stall before the wing by making it 
a _very hig~ aspec~ rat10 surface. This prevents the pilot from stalling the 
wmg, a~d is seen _m several canarded homebuilt designs. 

Lat~r m t~e design process, the aspect ratio will be determined by a trade 
study m whi:h the a~rodynamic advantages of a higher aspect ratio are 
balanced agamst the mcreased weight. For initial wing layout the values 
and equatio?s. provided ~n Table 4.1 can be used. These were' determined 
thro~gh statistical analysis of a number of aircraft, using data from Ref. 1. 

~allpla?e aspect ratio was found to be directly related to the desired glide 
rat10, which equals the LID. Propeller aircraft showed no clear statistical 
trend, so ave~age values are presented. Jet aircraft evidence a strong trend 
of aspect ra~10 decreasing with increasing Mach number evidence due to 
drag du~ to hft bec?ming relatively less important at higher speeds. Design
ers of high-speed alf~r~ft thus use lower-aspect-ratio wings to save weight. 

N~te that, for statistical purposes, Table 4.1 uses an equivalent wing area 
th~t ~ncludes the canard area in defining the aspect ratio of an aircraft with 
a hftmg canard. :ro determine the actual wing geometric aspect ratio, it is 
necessary to. decide how to split the lifting area between the wing and 
canard. Typic~lly, the canar_d will have about 10-25% of the total lifting 
are_a, s? _the wmg aspect ratio becomes the statistically determined aspect 
rat10 d1V1ded by 0.9-0.75. 

Wing Sweep 

Wing sweep is used primarily to reduce the adverse effects of transonic 
and su~ersonic flow. Theoretically, shock formation on a swept wing is 
determmed not by the actual velocity of the air passing over the wing, but 
rathe~ by the _air velocit! in a di~ection perpendicular to the leading edge of 
the wmg. This result, fust apphed by the Germans during World War II 
allows an increase in Critical Mach Number by the use of sweep. ' 

At supersonic speeds the loss of lift associated with supersonic flow can 
be reduced by sweeping the wing leading edge aft of the Mach cone angle 
[ arcsin( 1/Mach No.)] . 

Figure 4.19 shows a historical trend line for wing leading-edge sweep vs 
Mach number. Note that sweep is defined aft of a line perpendicular to the 
fl_ight _direction, while !he Mach angle is defined with respect to the flight 
d1Tection. Thus, the hne labeled "90-arcsin(l/Mach No.)" is the wing 
sweep required to place the wing leading edge exactly on the Mach cone. 

The historical trend differs from this theoretical result for two reasons. In 
the high-speed range, it becomes structurally impractical to sweep the wing 
past the Mach cone. In this speed regime, over about Mach 2.5, it is neces
sary to use sharp or nearly sharp airfoils. 

Selecting the wing sweep to equal the Mach-cone angle would indicate a 
zero sweep for speeds at or below Mach 1.0. However, in the transonic 
speed regime (roughly Mach 0.9-1.2) the desire for a high critical Mach 
n~mber predominates. This requires subsonic airflow velocity over the air
f~ll (when measured perpendicular to the leading edge), and thus a swept 
wmg. 
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90 - ARCSIN( 1/MACH ND.> 

1.0 2.0 3.0 4.0 

MAXIMUM MACH NUMBER 

Fig. 4.19 Wing sweep historical trend. 

The exact wing sweep required to provide the desired Critical Mach Num
ber depends upon the selected airfoil(s), thickness ratio, taper ratio, and 
other factors. For initial wing layout the trend line of Fig. 4.19 is reason
able. 

There is no theoretical difference between sweeping a wing aft and sweep
ing it forward. In the past, wings have been swept aft because of the struc
tural divergence problem associated with forward sweep. With the use of 
composite materials, this can be avoided for a small weight penalty. 

Also, there is no reason why one cannot sweep one wing aft and the other 
wing forward, creating an "oblique wing." This arrangement produces 
unusual control responses, but a computerized flight control system can 
easily provide normal handling qualities. The oblique wing also tends to 
have lower wave drag. 

There are other reasons for sweeping a wing. For example, the fuselage 
layout may not otherwise allow locating the wing carry-through structure at 
the correct place for balancing the aircraft. Canarded aircraft with pusher 
engines are frequently tail-heavy, requiring wing sweep to move the aerody
namic center back far enough for balance. This is why most canard pushers 
have swept wings. 

Wing sweep improves stability. A swept wing has a natural dihedral 
effect. In fact, it is frequently necessary to use zero or negative dihedral on 
a swept wing to avoid excessive stability. 

If an aircraft has its vertical tails at the wingtips, sweeping the wing will 
push the tails aft, increasing their effectiveness. This is also seen on many 
canard pusher aircraft. 
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Fig. 4.20 Tail-off pitchup boundaries. 

Note on Fig. 4._l~ the data point at Mach 2.0 and leading-edge sweep just 
under 30 deg. This 1s the Lockheed F-104, which used a different approach 
for reducing drag at supersonic speeds. The F-104 had a razor-sharp leading 
edge, so sharp that it was covered on the ground for the safety of line 
personnel. The F-104 also had a very thin wing, only 3.4% thick. 

The wing sweep and aspect ratio together have a strong effect on the 
wing-alone pitchup characteristics. "Pitchup" is the highly undesirable ten
dency of some aircraft, upon reaching an angle of attack near stall, to 
s~ddenly and uncontrollably increase the angle of attack. The aircraft con
t~nues pitching up until it stalls and departs totally out of control. The F-16 
fighter requires a computerized angle-of-attack limiter to prevent a severe 
pitchup problem at about 25-deg angle of attack. 

Fi~ure 4.20 describes boundaries for pitchup avoidance for combinations 
of wmg quart~r-chord sweep angle and aspect ratio. Pitchup avoidance 
s?oul~ be considered for military fighters, aerobatic aircraft, general-avia
tion aircraft, and trainers. 

Thes~ boundari~s may limit the allowable aspect ratio to a value less than 
that estimated e~rher. Ho~ever, Fig. 4.20 provides data for the wing alone. 
If a properly designed horizontal tail is used, the aspect ratio may be higher 
than that allowed by the graph. This is discussed later. Also, a large, all-
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moving canard such as that seen on the Grumman X-29 can be used to 
control a pitchup tendency. However, this requires a computerized flight 
control system. 

For high-speed flight, a swept wing is desirable. For cruise as well as 
takeoff and landing, an unswept wing is desirable. A wing of variable sweep 
would offer the best of both worlds. Variable sweep was first flight-tested 
in the 1950's, and is now on several operational military aircraft including 
the F-111, F-14, B-lB, and the European Toronado and Soviet Backfire. 

For design purposes, the planform for a variable-sweep aircraft should be 
developed in the unswept position, and then swept to the desired leading
edge angle for high-speed flight. The pivot position about which the wing is 
swept must be near the thickest part of the chord, between about the 30-. ~nd 
40%-chord locations. Also, provisions must be made for smoothly famng 
the wing root in both extended and fully-swept positions. 

Controlling the balance of a variable sweep aircraft is a major design 
problem. When the wing swings aft, the aerodynamic center moves with it. 
The center of gravity also moves due to the wing movement, but not nearly 
as much as the aerodynamic center. To balance the aircraft, either fuel must 
be pumped to move the center of gravity, or the tail must provide a tremen
dous down-load (or both). 

Yet another problem with the variable-sweep wing is the weight penalty 
associated with the pivot mechanism and less-than-optimal load paths. As 
shown in Table 3 .1, variable sweep increases total empty weight roughly 
4%. The detailed statistical weight equations of Chapter 15 show a 19% 
increase in the weight of the wing itself if it has variable sweep. 

Taper Ratio 
Wing taper ratio, }.., is the ratio between the tip chord and the centerline 

root chord. Most wings of low sweep have a taper ratio of about 0.4-0.5. 
Most swept wings have a taper ratio of about 0.2-0.3. 

Taper affects the distribution of lift along the span of the wing. As proven 
by the Prandtl wing theory early in this century, minimum drag due to lift, 
or "induced" drag, occurs when the lift is distributed in an elliptical fash
ion. For an untwisted and unswept wing, this occurs when the wing plan-

WING 

C s· 
LIFT 

tdll I I l [% 
Fig. 4.21 Elliptical wing. 
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Fig. 4.22 Effect of taper on lift distribution. 
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form is shaped as an ellipse, as shown in Fig. 4.21. This result was the basis 
of the graceful wing of the Supermarine Spitfire, a leading British fighter of 
World War II. 

An elliptical wing planform is difficult and expensive to build. The easiest 
wing to build is the untapered (A = 1.0) rectangular wing. However, the 
untapered wing has constant chord length along the span, and so has exces
sive chord towards the tip when compared to the ideal elliptical wing. This 
"loads up" the tip, causing the wing to generate more of its lift toward the 
tip than is ideal. The end result is that an untwisted rectangular wing has 
about 7% more drag due to lift than an elliptical wing of the same aspect 
ratio. 

When a rectangular wing is tapered, the tip chords become shorter, alle
viating the undesired effects of the constant-chord rectangular wing. In fact, 
a taper ratio of 0.45 almost completely eliminates those effects for an 
unswept wing, and produces a lift distribution very close to the elliptical 
ideal (Fig. 4.22). This results in a drag due to lift less than I% higher than 
the ideal, elliptical wing. 

A wing swept aft tends to divert the air outboard, towards the tips. This 
loads up the tips, creating more lift outboard than for an equivalent unswept 
wing. To return the lift distribution to the desired elliptical lift distribution, 
it is necessary to increase the amount of taper (i.e., reduce the taper ratio, 
>-.). 

AIRFOIL AND GEOMETRY SELECTION 57 

Figure 4.23 illustrates the results of NACA wind tunnel tests to determine 
the taper ratio required to approximate the elliptical lift distribution for a 
swept untwisted wing. This figure can be used for a first approximation of 
the desired taper ratio for a swept wing. However, it should be noted that 
taper ratios much lower than 0.2 should be avoided for all but delta wings, 
as a very low taper ratio tends to promote tip stall. 

Figure 4.23 also indicates that an untwisted wing with no taper should 
have a forward sweep of 22 deg to approximate an elliptical lift distribution. 
This unusual planform was the basis of the design presented in the first 
section as Fig. 2.5. The intent was to provide an elliptical lift distribution 
with an easy-to-construct rectangular wing. 

However, cost analysis indicated that the total reduction in manufactur
ing cost was small. Furthermore, the weight increase caused by the lack of 
wing thickness at the root when compared to a conventional, tapered wing 
caused this design to cost more than a regular design. (Well, at least it was 
an interesting trade study!) 

Twist 
Wing twist is used to prevent tip stall and to revise the lift distribution to 

approximate an ellipse. Typically, wings are twisted between zero and five 
degrees. 

"Geometric twist" is the actual change in airfoil angle of incidence, 
usually measured with respect to the root airfoil. A wing whose tip airfoil 
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is at a negative (nose-down) angle compared to the root ~irfoil is said to have 
''.wash-out.". If a wing has "linear twist," the twist angle changes in propor
t10n to the distance from the root airfoil. 

"Aerodynamic twist" is the angle between the zero-lift angle of an airfoil 
and the zero-lift angle of the root airfoil. If the identical airfoil is used from 
root to tip, the aerodynamic twist is the same as the geometric twist. 

?n. the other hand, a wing with no geometric twist can have aerodynamic 
twist if, for example, the root airfoil is symmetric (zero-lift angle is zero) but 
the tip airfoil is highly cambered (zero-lift angle is nonzero). The total wing 
aerodynamic twist equals the wing geometric twist plus the root airfoil 
zero-lift angle, minus the tip airfoil zero-lift angle. 

When wing twist is used to reshape the lift distribution, the change in lift 
at some chord station along the span is proportional to the ratio between the 
new airfoil angle of attack and the original one. Thus, the effect on lift 
distribution depends upon the original angle of attack of the wing, which in 
turn depends upon the lift coefficient at which the wing is flying. 

In other words, any attempt to optimize the lift distribution by twisting 
the wing will be valid only at one lift coefficient. At other lift coefficients 
the twisted wing will not get the whole benefit of the twist optimization. Th; 
more twist required to produce a good lift distribution at the design lift 
coefficient, the worse the wing will perform at other lift coefficients. It is for 
this reason that large amounts of twist (much over 5 deg) should be avoided. 

It is very difficult to optimize twist for an arbitrary wing planform. A 
computerized solution is employed at large companies. For initial design 
purposes, historical data should be used. Typically, 3 deg of twist provides 
adequate stall characteristics. 

Wing Incidence 
The wing incidence angle is the pitch angle of the wing with respect to the 

fuselage. If the wing is untwisted, the incidence is simply the angle between 
the fuselage axis and the wing's airfoil chordlines. If the wing is twisted, the 
incidence is defined with respect to some arbitrarily chosen spanwise loca
tion of the wing, usually the root of the exposed wing where it intersects the 
fuselage. Frequently the incidence is given at the root and tip, which then 
defines the twist as the difference between the two. 

Wing incidence angle is chosen to minimize drag at some operating condi
~ion, usually cruise. The incidence angle is chosen such that when the wing 
~sat the correct angle of attack for the selected design condition, the fuselage 
is at the angle of attack for minimum drag. 

For a typical, circular straight fuselage, this is approximately zero degrees 
angle of attack. For passenger aircraft, the incidence angle must be carefully 
chosen to insure that the flight attendants do not have to push the food carts 
uphill! 

Wing incidence angle is ultimately set using wind tunnel data. For most 
initial design work, it can be assumed that general aviation and homebuilt 
aircraft will have an incidence of about 2 deg, transport aircraft about 1 deg, 
and military aircraft approximately zero. Later in the design process, aero-
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dynamic calculations can be used to check the actual wing incidence angle 
required during the design condition. 

These values are for untwisted wings. If the wing is twisted, the average 
incidence should equal these values. 

A few aircraft have been built with a variable wing incidence angle. The 
wing aft-attachment is pivoted, and the forward attachment connects to a 
powerful actuator which pushes the front of the wing up for landing. This 
arrangement, seen on the Vought F8U Crusader aircraft, allows a short 
landing gear because the aircraft does not need to rotate to a high fuselage 
angle for additional lift during takeoff and landing. However, this arrange
ment is heavy and complicated, and has not been incorporated in a new 
design in several decades. 

Dihedral 
Wing dihedral is the angle of the wing with respect to the horizontal when 

seen from the front. Dihedral tends to roll the aircraft level whenever it is 
banked. This is frequently, and incorrectly, explained as the result of a 
greater projected area for the wing that is lowered. 

Actually, the rolling moment is caused by a sideslip introduced by the 
bank angle. The aircraft "slides" toward the lowered wing, which increases 
its angle of attack. The resulting rolling moment is approximately propor
tional to the dihedral angle. 

Wing sweep also produces a rolling moment due to sideslip, caused by the 
change in relative sweep of the left and right wings. For an aft-swept wing, 
the rolling moment produced is negative and proportional to the sine of 
twice the sweep angle. This creates an effective dihedral that adds to any 
actual geometric dihedral. 

Roughly speaking, 10 deg of sweep provides about 1 deg of effective 
dihedral. For a forward swept wing, the sweep angle produces a negative 
dihedral effect, requiring an increased geometric dihedral in order to retain 
natural directional stability. 

In addition, the position of the wing on the fuselage has an influence on 
the effective dihedral, with the greatest effect provided by a high wing. This 
is frequently, and incorrectly, explained as a pendulum effect. 

Actually, the fuselage in sideslip pushes the air over and under itself. If 
the wing is high-mounted, the air being pushed over the top of the fuselage 
pushes up on the forward wing, providing an increased dihedral effect. The 
reverse is true for a low-mounted wing. 

Due to the additive effects of sweep and wing position, many high-winged 
transports such as the Lockheed C-5 actually require a negative geometric 
dihedral angle to avoid an excess of effective dihedral. Excessive dihedral 
effect produces "Dutch roll," a repeated side-to-side motion involving yaw 
and roll. To counter a Dutch roll tendency, the vertical tail area must be 
increased, which i1!£r~ases weight and drag. 

Unfortunately, as yet no simple technique for selecting dihedral angle 
takes all of these effects into account. Like so many parameters in initial 
design, the dihedral angle must be estimated from historical data and then 
revised following analysis of the design layout. 
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Table 4.2, developed by the author from data taken from Ref. 1, provides 
initial estimates of dihedral. For a wing in which the center section is flat and 
the outer sections alone have dihedral, a first approximation of the required 
dihedral for the outer panels is the one that places the wing tips as high as 
they would be for a wing with dihedral starting at the root. 

Wing Vertical Location 
The wing vertical location with respect to the fuselage is generally set by 

the real-world environment in which the aircraft will operate. For example, 
virtually all high-speed commercial transport aircraft are of low-wing de
sign, yet military transport aircraft designed to similar mission profiles and 
payload weights are all of high-wing design. The reasons for this are dis
cussed later. 

The major benefit of a high wing is that it allows placing the fuselage 
closer to the ground (Fig. 4.24). For military transport aircraft such as the 
C-5 and C-141, this allows loading and unloading the cargo without special 
ground handling gear. In fact, these aircraft place the floor of the cargo 
compartment about 4-5 ft off the ground, which is the height of the cargo 
area of most trucks. If cargo is needed at a remote field lacking ground
handling gear, the trucks can be backed right up to the aircraft for loading. 

With a high wing, jet engines or propellers will have sufficient ground 
clearance without excessive landing-gear length. Also, the wing tips of a 
swept high wing are not as likely to strike the ground when in a nose-high, 
rolled attitude. For these reasons, landing-gear weight is generally reduced 
for a high-wing aircraft. 

Table 4.2 Dihedral guidelines 

Wing position 

Low Mid High 

Unswept (civil) 5 to 7 2 to 4 0 to 2 
Subsonic swept wing 3 to 7 -2 to 2 -5 to -2 
Supersonic swept wing 0 to 5 -5 to 0 -5 to 0 

Fig. 4.24 High wing. 
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For low-speed aircraft, external struts can be used to greatly lower wing 
weight. However, external struts add substantially to the drag. Since 
roughly two-thirds of the lift is contributed by the upper surface of the wing, 
it follows that less drag impact will be seen if the strut disturbs the airflow 
on the lower surface of the wing than if the strut is above the wing, as would 
be necesary for a strut-brace, low wing. 

Another structural benefit occurs if the wing box is carried over the top 
of the fuselage rather than passing through it. When the wing box passes 
through the fuselage, the fuselage must be stiffened around the cut-out area. 
This adds weight to the fuselage. However, passing the wing box over the 
fuselage will increase drag due to the increase in frontal area. 

For an aircraft designed with short takeoff and landing (STOL) require
ments, a high wing offers several advantages. The high position allows room 
for the very large wing flaps needed for a high lift coefficient. The height of 
the wing above the ground tends to prevent "floating," where the ground 
effect increases lift as the aircraft approaches the ground. A floating ten
dency makes it difficult to touch down on the desired spot. Finally, most 
STOL designs are also intended to operate from unimproved fields. A high 
wing places the engines and propellers away from flying rocks and debris. 

There are several disadvantages to the high-wing arrangement. Wh1le 
landing-gear weight tends to be lower than other arrangements, the fuselage 
weight is usually increased because it must be strengthened to support the 
landing-gear loads. In many cases an external blister is used to house the 
gear in the retracted position. This adds weight and drag. The fuselage is 
also usually flattened at the bottom to provide the desired cargo-floor height 
above ground. This flattened bottom is heavier than the optimal circular 
fuselage. If the top of the fuselage is circular, as shown in Fig. 4.24, a fairing 
is required at the wing-fuselage junction. 

For small aircraft, the high wing arrangement can block the pilot's visibil
ity in a turn, obscuring the direction toward which the aircraft is turning. 
Also, the high wing can block upward visibility in a climb. (A classic mid-air 
collision features a high-wing aircraft climbing into a low-wing one descend-

6" CLEARANCE 

5 DEGREES 

Fig. 4.25 Mid wing. 
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ing!) Many high-winged light aircraft have transparent panels in the roof to 
help the pilot see. 

If the fuselage is roughly circular and fairings are not used, the mid-wing 
arrangement (Fig. 4.25) provides the lowest drag. High- and low-wing ar
rangements must use fairings to attain acceptable interference drag with a 
circular fuselage. 

The mid wing offers some of the ground clearance benefits of the high 
wing. Many fighter aircraft are mid-winged to allow bombs and missiles to 
be carried under the wing. A high-wing arrangement would restrict the 
pilot's visibility to the rear-the key to survival of a fighter in combat. 

The mid-wing arrangement is probably superior for aerobatic maneuver
ability. The dihedral usually required for adequate handling qualities in a 
low-wing design in normal flight will act in the wrong direction during 
inverted flight, making smooth aerobatic manuevers difficult. Also, the 
effective-dihedral contribution of either high or low wings will make it more 
difficult to perform high-sideslip maneuvers such as the knife-edge pass. 

Structural carrythrough presents the major problem with the mid wing. 
As will be discussed in Chapter 8, the bending moment produced by the lift 
on the wing must be carried across the fuselage either by an extension of the 
wing box ("wing carrythrough box") or by a set of massive ring frames built 
into the fuselage. 

The carrythrough box often proves lighter, but cannot be used in a mid
wing design that must carry cargo or passengers. (One exception to this, the 
German Hansa executive jet, uses a mild forward sweep to place the carry
through box behind the passenger compartment.) A carrythrough box is 
also difficult to incorporate in a mid-wing fighter, in which most of the 
fuselage will be occupied by the jet engines and inlet ducts. 

The major advantage of the low-wing approach (Fig. 4.26) comes in 
landing-gear stowage. With a low wing, the trunnion about which the gear 
is retracted can be attached directly to the wing box which, being strong 
already, will not need much extra strengthening to absorb the gear loads. 
When retracted, the gear can be stowed in the wing itself, in the wing-fuse
lage fairing, or in the nacelle. This eliminates the external blister usually 
used with the high-wing approach. 

Fig. 4.26 Low wing. 
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To provide adequate engine and propeller clearance, the fuselage must be 
placed farther off the ground than for a high-wing aircraft. While this adds 
to the landing-gear weight, it also provides greater fuselage ground clear
ance. This reduces the aft-fuselage upsweep needed to attain the required 
takeoff angle of attack. The lesser aft-fuselage upsweep reduces drag. 

While it is true that the low-wing arrangement requires special ground 
equipment for loading and unloading large airplanes, the high-speed com
mercial transports are only operated out of established airfields with a full 
complement of equipment. This is the main reason why military and com
mercial transports are so different. 

Large transports have a fuselage diameter on the order of 20 ft, which 
allows an uninterrupted passenger compartment above the wing carry
through box. The wing carrythrough box usually passes through the fuse
lage for reduced drag, and splits the lower cargo compartment into two 
compartments. This efficient internal fuselage layout is virtually standard 
for commercial transports. 

If the center wing-panel of a low-wing aircraft lacks dihedral, a one-piece 
flap which passes under the fuselage can be used. This reduces complexity 
as well as reducing the risk of asymmetric lift caused by the failure of one 
flap to extend. Also, the continuous flap will produce more lift and drag 
than an equal-area flap that is broken at the fuselage. 

Several disadvantages of the low-wing approach have already been men
tioned, including ground-clearance difficulties. Frequently low-wing air
craft will have dihedral angle set not by aerodynamics, but by the angle 
required to avoid striking the wing tip on the ground during a bad landing. 
As was mentioned before, it may require an increase in vertical-tail size to 
avoid dutch roll with an excessive dihedral angle. 

Clearance also affects propellers. To minimize the landing-gear length, 
many low-wing aircraft have the propellers mounted substantially above the 
plane of the wing. This will usually increase the interference effects between 
the wing and propeller, and result in an increase in fuel consumption during 
cruise. 

Wing Tips 

Wing-tip shape has two effects upon subsonic aerodynamic performance. 
The tip shape affects the aircraft wetted area, but only to a small extent. A 
far more important effect is the influence the tip shape has upon the lateral 
spacing of the tip vortices. This is largely determined by the ease with which 
the higher-pressure air on the bottom of the wing can "escape" around the 
tip to the top of the wing. 

A smoothly-rounded tip (when seen nose-on) easily permits the air to flow 
around the tip. A tip with a sharp edge (when seen nose-on) makes it more 
difficult, thus reducing the induced drag. Most of the new low-drag wing 
tips use some form of sharp edge. In fact, even a simple cut-off tip offers 
less drag than a rounded-off tip, due to the sharp edges where the upper and 
lower surfaces end. (Fig. 4.27). 

The most widely used low-drag wing tip is the Hoerner wingtip (devel
oped by S. Hoerner, Ref. 8). This is a sharp-edged wing tip with the upper 
surface continuing the upper surface of the wing. The lower surface is 
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Fig. 4.27 Wing tips. 

"undercut" and canted approximately 30 deg to the horizontal. The lower 
surface may also be "undercambered" (i.e., concave). 

The "droooed" and "upswept" wing tips are similar to the Hoerner wing 
tip except tnat the up is curved upwards or downwards to increase the 
effective span without increasing the actual span. This effect is similar to 
that employed by endplates, as discussed below. 

The sweep of the wing tip also affects the drag. The tip vortex tends to be 
located approximately at the trailing-edge of the wing tip, so an aft-swept 
wing tip, with a greater trailing edge span, tends to have lower drag. How
ever, the aft-swept wing tip tends to increase the wing torsional loads. 

A cut-off, forward-swept wing tip is sometimes used for supersonic air
craft. The tip is cut off at an angle equal to the supersonic Mach-cone angle, 
because the area of the wing within the shock cone formed at the wing tip 
will contribute little to the lift. Also, this tip shape will reduce the torsional 
loads applied to the wing. The F-15 fighter uses such a cut-off tip for both 
wings and horizontal tails. 

Induced drag is caused by the higher-pressure air at the bottom of the 
wing escaping around the wing tip to the top of the wing. An obvious way 
to prevent this would be to mount a vertical plate at the wing tip. 

The endplate effect has been known almost since the dawn of flight, but 
has been seen rarely. The wetted area of the endplate itself creates drag. 
Also, an endplated wing has an effective span increase of only about 80% 
of the actual span increase caused by adding the endplates' height to the 
wing span. However, endplates can be useful when span must be limited. 

An advanced version of the endplate can offer lower drag than an equal
area increase in wing span. The "winglet," designed by NASA's R. Whit-
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comb, gets an additional drag reduction by using the energy available in the 
tip vortex. 

The winglet is cambered and twisted so that the rotating vortex flow at the 
wing tip creates a lift force on the winglet that has a forward component. 
This forward lift component acts as a "negative" drag, reducing the total 
wing drag. 

A properly designed winglet can potentially provide an effective span 
increase up to double that bought by adding the winglets' height to the wing 
span. Winglets provide the greatest benefit when the wing tip vortex is 
strong, so a low-aspect-ratio wing will see more advantage from the use of 
winglets than an already-efficient high-aspect-ratio wing. 

One problem with winglets is that they add weight behind the elastic axis 
of the wing, which can aggravate flutter tendencies. Also, the twist and 
camber of a winglet must be optimized for one velocity. At other than design 
speed, the winglet will provide less benefit. 

For these and other reasons, winglets tend to be used more as add-on 
devices for existing wings requiring a little more efficiency without major 
redesign. When an all-new wing is being designed it is usually better to rely 
upon increased aspect ratio to improve aerodynamic efficiency. This is not 
always true so a trade study should be conducted sometime during the 
conceptual design effort. 

4.4 BIPLANE WINGS 
Biplanes dominated aviation for the first thirty years. The Wright Broth

ers were influenced by Octave Chanute, a noted architect and civil engineer 
who applied a structural concept used in bridge building to create light
weight biplane gliders. The early airfoils were thin and birdlike, requiring 
external bracing, and the biplane arrangement provided more structural 
efficiency than an externally-braced monoplane. 

With the thicker airfoils now in use, the biplane arrangement is mainly 
reserved for recreational purposes. However, it should be considered 
whenever low structural weight is more important to the design than aerody
namic efficiency, or when low speed is required without complicated high
lift devices or excessive wing span. 

A biplane should theoretically produce exactly half the induced drag of a 
monoplane with equal span. Induced drag, or drag-due-to-lift, is a function 
of the square of the lift being generated. If that lift is split evenly between 
two wings, each wing should have only one-fourth of the drag of the original 
wing. Therefore, the total induced drag of a biplane should be two-fourths, 
or one-half of the value obtained with a monoplane of equal span. 

Unfortunately, mutual-interference effects prevent the full benefit from 
being attained. Good design can yield on the order of a 30% reduction in 
drag-due-to-lift for a biplane when compared to a monoplane of equal span. 
However, if the total wing area is held constant to provide the same w!ng 
loading for biplane and monoplane, and the monoplane has the same wmg 
span as the biplane, then the aspect ratio of the two wings of the biplane 
must each be double the aspect ratio of the monoplane. 
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For a typical monoplane aspect ratio of seven, a biplane would need each 
wing to have an aspect ratio of fourteen to maintain the same total wing area 
(and wetted area) while attaining the approximately 30% reduction in in
duced drag claimed above. Also, if the total wing area and span of a biplane 
and monoplane are identical, the biplane will have chord lengths half as long 
as t~~ monoplane. D~e to the Reynolds number effect upon airfoil drag, an 
add1t10nal penalty will befall the biplane. 

If a monoplane were designed with the same total wing area as the biplane 
but with an aspect ratio the same as each of the wings of the biplane, it 
would have a span 41 OJo greater (square root of two, minus one) than the 
biplane. This would provide a net reduction in drag due to lift of about 31 OJo 
when compared to the biplane of equal wing area (I - 0.5/0.7). Thus, a 
biplane will actually provide a reduction in induced drag only if the air
craft's total span is limited for some reason to a value less than that desired 
for a monoplane. 

Span can be limited for a number of reasons. For an aerobatic aircraft 
a reduced span will increase the roll rate. For an aircraft flying at very lo~ 
speeds, the wing area required to support the aircraft may require a wing 
span larger than practical from a structural viewpoint. Span can also be 
limited by the available hangar width. All of these reasons contributed to the 
prevalence of the biplane during World War I. 

Biplane aerodynamic analysis using Prandtl's interference factor is de
scribed in Chapter 12. For initial design purposes, several key concepts 
should be considered. These are the "gap," "span ratio," "stagger," and 
"decalage." 

Gap is the vertical distance between the two wings. If the gap were in
finite, the theoretical result of a halving of the biplane induced drag when 
compared to an equal-span monoplane would be attained. However, struc
tural weight and the drag of connecting struts generally limit the gap to a 
value approximately equal to the average chord length. A shorter gap will 
produce increasing interference between the two wings, raising the overall 
drag. 

Span ratio is the ratio between the shorter wing and the longer wing. If 
both wings are the same length, the span ratio is one. When span is limited, 
the minimum induced drag is obtained from equal-length wings. As de
scribed, the only technical reason for using the biplane arrangement is the 
case where span is limited, so the biplane with wings of unequal length 
should be rarely seen. However, a shorter lower wing has been used in the 
past to provide better ground clearance. 

Stagger is the longitudinal offset of the two wings relative to each other. 
Positive stagger places the upper wing closer to the nose than the lower wing. 
Stagger has little or no effect upon drag, and is usually used to improve the 
visibility upward from a rear-located cockpit. Negative stagger was used in 
the beautiful Beech D-17 Staggerwing to improve visibility from an enclosed 
cabin cockpit and to reduce the pitching moment of the large flaps on the 
lower wing. 

Decalage is the relative angle of incidence between the two wings of a 
biplane. Decalage is positive when the upper wing is set at a larger angle than 
the lower. In early years much attention was paid to the selection of decalage 
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to minimize induced drag while encouraging the forward wing to stall before 
the aft one, thus providing natural stall recovery. Most biplanes since World 
War I have been designed with zero decalage, although the Pitts Special, 
holder of numerous world aerobatic championships, has a positive decalage 
of 1.5 deg. 

Much of the discussions above concerning the initial selection of wing 
geometry can be applied to biplane wings. Most biplanes have wing aspect 
ratios comparable to monoplanes of similar class (six to eight). As dis
cussed, this yields induced drag levels much higher than obtained from a 
monoplane with similar wing loading. Taper ratios for biplanes can be 
selected as for a monoplane, although many biplanes have untapered wings 
for ease of manufacture. 

One or both biplane wings can be swept to enhance stability, improve 
pilot visibility, or provide room for retractable landing gear. Biplanes typi
cally have dihedral of about 2 deg. Aerobatic biplanes may apply dihedral 
only to the lower wing. 

The mean aerodynamic chord of a biplane can be found as the weighted 
average of the mean chords of the two wings, weighted by the relative areas 
of the wings. The biplane aerodynamic center is at approximately 23% of 
the mean aerodynamic chord, rather than 25% as for a monoplane, due to 
the wing interference effects. 

4.5 TAIL GEOMETRY AND ARRANGEMENT 

Tail Functions 
Tails are little wings. Much of the previous discussion concerning wings 

can also be applied to tail surfaces. The major difference between a wing 
and a tail is that, while the wing is designed routinely to carry a substantial 
amount of lift, a tail is designed to operate normally at only a fraction of 
its lift potential. Any time in flight that a tail comes close to its maximum 
lift potential, and hence its stall angle, something is very wrong! 

Tails provide for trim, stability, and control. Trim refers to the generation 
of a lift force that, by acting through some tail moment arm about the center 
of gravity, balances some 0th.er moment produced by the aircraft. 

For the horizontal tail, trim primarily refers to the balancing of the 
moment created by the wing. An aft horizontal tail typically has a negative 
incidence angle of about 2-3 deg to balance the wing pitching moment. As 
the wing pitching moment varies under different flight conditions, the hori
zontal tail incidence is usually adjustable through a range of about 3 deg up 
and down. 

For the vertical tail, the generation of a trim force is normally not re
quired because the aircraft is usually left-right symmetric and does not 
create any unbalanced yawing moment. The vertical tail of a multi-engined 
aircraft must be capable of providing a sufficient trim force in the event of 
an engine failure. 

A single-engine propeller airplane will experience a yawing moment 
caused by the tail itself. The propeller tends to "drag" the air into a rota
tional motion in the same direction that the propeller spins. Since the verti-



68 AIRCRAFT DESIGN 

cal t~il is above the fuselage, it will be pushed on by the rotating propwash, 
causmg a nose-left motion for the normal direction of engine rotation. To 
counter this, some single-engine propeller airplanes have the vertical tail 
offset several degrees. 

The tails are also a key element of stability, acting much like the fins on 
an arrow. While it is possible to design a stable aircraft without tails, such 
a design is usually penalized in some other area, such as a compromised 
airfoil shape, excessive wing area or sweep, or narrow center-of-gravity 
range. 

The other major function of the tail is control. The tail must be sized to 
provide adequate control power at all critical conditions. These critical 
conditions for the horizontal tail or canard typically include nosewheel 
liftoff, low-speed flight with flaps down, and transonic maneuvering. For 
the vertical tail, critical conditions typically include engine-out flight at low 
speeds, maximum roll rate, and spin recovery. 

Note that control power depends upon the size and type of the movable 
surface as well as the overall size of the tail itself. For example, several 
airliners use double-hinged rudders to provide more engine-out control 
power without increasing the size of the vertical tail beyond what is required 
for dutch-roll damping. Several fighters, including the YF-12 and the F-107, 
have used all-moving vertical tails instead of separate rudders to increase 
control power. 

Tail Arrangement 

Figure 4.28 illustrates some of the possible variations in aft-tail arrange
ment. The first shown has become "conventional" for the simple reason 

Fig. 4.28 Aft tail variations. 
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that it works. For most aircraft designs, the conventional tail will usually 
provide adequate stability and control at the lightest weight. Probably 70% 
or more of the aircraft in service have such a tail arrangement. However, 
there are many reasons for considering others. 

The "T-tail" is also widely used. A T-tail is inherently heavier than a 
conventional tail because the vertical tail must be strengthened to support 
the horizontal tail, but the T-tail provides compensating advantages in 
many cases. 

Due to end-plate effect, the T-tail allows a smaller vertical tail. The T-tail 
lifts the horizontal tail clear of the wing wake and propwash, which makes 
it more efficient and hence allows reducing its size. This also reduces buffet 
on the horizontal tail, which reduces fatigue for both the structure and the 
pilot. 

In jet transport aircraft such as the DC-9 and B-727, the T-tail allows the 
use of engines mounted in pods on the aft fuselage. Finally, the T-tail is 
considered stylish, which is not a trivial consideration. 

The cruciform tail, a compromise between the conventional and T-tail 
arrangements, lifts the horizontal tail to avoid proximity to a jet exhaust (as 
on the B-lB), or to expose the lower part of the rudder to undisturbed air 
during high angle-of-attack conditions and spins. These goals can be ac
complished with a T-tail, but the cruciform tail will impose less of a weight 
penalty. However, the cruciform tail will not provide a tail-area reduction 
due to endplate effect as will a T-tail. 

The "H-tail" is used primarily to position the vertical tails in undisturbed 
air during high angle-of-attack conditions (as on the T-46) or to position the 
rudders in the propwash on a multiengine aircraft to enhance engine-out 
control. The H-tail is heavier than the conventional tail, but its endplate 
effect a How'- ::1. smaller horizontal tail. 

On the A-10, the H-tail serves to hide the hot engine nozzles from heat
seeking missiles when viewed from an angle off the rear of the aircraft. 
H-tails and the related triple-tails have also been used to lower the tail 
height to allow an aircraft such as the Lockheed Constellation to fit into 
existing hangars. 

The "V-tail" is intended to reduce wetted area. With a V-tail, the hori
zontal and vertical tail forces are the result of horizontal and vertical projec
tions of the force exerted upon the "V" surfaces. For some required hori
zontal and vertical tail area, the required V surface area would theoretically 
be found from the Pythagorian theorem, and the tail dihedral angle would 
be found as the arctangent of the ratio of required vertical and horizontal 
areas. The resulting wetted area of the V surfaces would clearly be less than 
for separate horizontal and vertical surfaces. 

However, extensive NACA research (Ref. 3) has concluded that to obtain 
satisfactory stability and control, the V surfaces must be upsized to about 
the same total area as would be required for separate horizontal and vertical 
surfaces. Even without the advantage of reduced wetted area, V-tails offer 
reduced interference drag but at some penalty in control-actuation complex
ity, as the rudder and elevator control inputs must be blended in a "mixer" 
to provide the proper movement of the V-tail "ruddervators." 
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When the right rudder pedal of a V-tail aircraft is pressed, the right 
ruddervator deflects downward, and the left ruddervator deflects upward. 
The combined forces push the tail to the left, so the nose goes to the right 
as desired. However, the ruddervators also produce a rolling moment to
ward the left-in opposition to the desired direction of turn, an action 
called "adverse roll-yaw coupling." 

The inverted V-tail shown in Fig. 4.28 avoids this problem, and instead 
produces a desirable "proverse roll-yaw coupling." The inverted V-tail is 
also said to reduce spiraling tendencies. This tail arrangement can cause 
difficulties in providing adequate ground clearance. 

The "Y-tail" is similar to the V-tail, except that the dihedral angle is 
reduced and a third surface is mounted vertically beneath the V. This third 
surface contains the rudder, whereas the V surfaces provide only pitch 
control. This tail arrangement avoids the complexity of the ruddervators 
while reducing interference drag when compared to a conventional tail. An 
inverted Y-tail is used on the F-4, primarily to keep the horizontal surfaces 
out of the wing wake at high angles of attack. 

Twin tails on the fuselage can position the rudders away from the aircraft 
centerline, which may become blanketed by the wing or forward fuselage at 
high angles of attack. Also, twin tails have been used simply to reduce the 
height required with a single tail. Twin tails are usually heavier than an 
equal-area centerline-mounted single tail, but are often more effective. Twin 
tails are seen on most large modern fighters such as the F-14, F-15, F-18, and 
MiG-25. 

Boom-mounted tails have been used to allow pusher propellers or to allow 
location of a heavy jet engine near the center of gravity. Tailbooms are 
typically heavier than a conventional fuselage construction, but can be 
desirable in some applications. 

Boom-mounted tails can have a mid-mounted horizontal tail or a high 
horizontal, as on the Cessna Skymaster. Also, the inverted V-tail arrange
ment can be used with tail booms. The unmanned NASA HiMat research 
aircraft used boom-mounted verticals with no connecting horizontal tail, 
instead relying on a canard for pitch control. 

The "ring-tail" concept attempts to provide all tail contributions via an 
airfoil-sectioned ring attached to the aft fuselage, usually doubling as a 
propeller shroud. While conceptually appealing, the ring-tail has proven 
inadequate in application. The only recent ring-tail aircraft, the JM-2 race
plane, was ultimately converted to a T-tail. 

The location of an aft horizontal tail with respect to the wing is critical to 
the stall characteristics of the aircraft. If the tail enters the wing wake during 
the stall, control will be lost and pitchup may be encountered. Several 
T-tailed aircraft encountered "deep stall" from which they could not be 
extricated. 

Figure 4.29 illustrates the boundaries of the acceptable locations for a 
horizontal tail to avoid this problem. Note that low tails are best for stall 
recovery. Also notice that a tail approximately in line with the wing is 
acceptable for a subsonic aircraft, but may cause problems at supersonic 
speeds due to the wake of the wing. 
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Fig. 4.29 Aft tail positioning. 

A T-tail requires a wing designed to avoid pitchup without a horizontal 
tail, as described by Fig. 4.20. This requires an aircraft stable enough to 
recover from a stall even when the tail is blanketed by the wing wake. 
Several general aviation aircraft use this approach, which has the added 
benefit of a positive warning to the pilot of impending stall caused by 
buffeting on the tail as it enters the wing wake at high angle of attack. 

Other possible tail arrangements are depicted in Fig. 4.30. Canards were 
used by the Wright brothers as a wa_r of ensuring ~~equate ~~ntrol po~er, 
but fell out of favor due to the difficulty of prov1dmg sufficient stab1hty. 
The early Wright airplanes were, in fact, quite unstable, and required a 
well-trained pilot with quick reflexes. Movie footage taken by passengers 
shows the Wright canards being continuously manipulated from almost 
full-up to full-down as the pilot responded to gusts. 

There are actually two distinct classes of canard: the control-canard and 
the lifting-canard. In the control-canard, the wing carries most of the lift, 
and the canard is used primarily for control (as is an aft tail). Both the 
Wright Flyer and the Grumman X-29 are of this t_rpe. . . 

The X-29 configuration is highly unstable in pitch with the canard n~
cluded but is actually about neutral in stability with the canard off. This 
implies that the canard normally ope~ates at ~e~rly zero a~gle of attack, ai_id 
thus carries little of the aircraft's weight. This 1s accomplished by a sophis
ticated, computerized flight control system that changes t_he a~gle of the 
canard in response to gusts, much as the pilot of an early Wnght aircraft was 
forced to do manually. 
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Fig. 4.30 Other tail configurations. 

On the X-29 and similar control-canard aircraft, the canard is used to 
control the angle of attack of the wing and to balance out the pitching 
moment produced by deflection of the wing flaps. 

In _con~rast, a lifting-canard aircraft uses both the wing and the canard to 
provide hft under normal flight conditions. This requires that the aircraft 
c~nter of gravity be well forward of the normal location with respect to the 
wmg wh~n compared t~ an aft-tailed aircraft. A lifting-canard will usually 
have a higher aspect ratio and greater airfoil camber than a control-canard 
to reduce the canard's drag-due-to-lift. ' 

The lifting-canard arrangement is theoretically more efficient than an 
aft-tailed aircraft because the canard's lift reduces the lift that must be 
produced by the wing, which permits a smaller wing and also reduces total 
drag-due-to-lift. An aft-tail design frequently flies with a download on the 
ta_il to produce stability, which actually increases the amount of lift that the 
wmg must produce. 

However, the lifting-canard suffers from several drawbacks that reduce 
t~e net benefit. First, the _use of a lifting-canard has the effect of locating the 
~mg further aft on the aucraft than would be the case with an aft tail. This 
mcrease~ th~ pitching moment caused by the use of wing flaps. 

The pitc?mg mo~ent from the flaps must be balanced during slow flight 
by a large mcrease m can~r~ lift. Fo~ this reason most aircraft with lifting 
~anards c~nnot use sop~isticated wmg flaps. Instead, the wing must be 
mcreased_ m area ~o pro~ide _the s~me total maximum lift as is provided by 
the aft-talled ~onfiguration, m which more-powerful flaps may be used. To 
get around this problem some designs have resorted to the use of slotted 
canard flaps or even a canard with variable sweep (as on the Beech Starship). 
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Another drawback is that the canard flap, which is usually used for pitch 
control, is much closer to the center of gravity than an aft tail elevator would 
be. This reduces the trim and control effectiveness of the canard flap, 
requiring a larger surface and producing more trim drag when operating at 
fairly large deflections such as in slow flight or at an extremely forward 
center-of-gravity condition. On the other hand, at such conditions an aft tail 
is producing a download that requires the wing to generate a lift greater than 
the weight of the aircraft. 

One additional benefit obtainable from canards is the avoidance of 
pitchup. An all-moving canard capable of downward deflections on the 
order of 45 deg can be used to escape from pitchup situations. This permits 
optimizing the aspect ratio and sweep without compromising for pitchup 
avoidance, as suggested by Fig. 4.20. 

The tandem-wing is an extension of the lifting-canard concept in which 
the forward surface produces approximately as much lift as the aft surface. 
The major benefit of the tandem-wing is a theoretical 50% reduction in the 
drag-due-to-lift. 

The drag-due-to-lift, or induced drag, is a function of the square of the 
lift being produced. If the weight of the aircraft is evenly distributed to two 
wings, each wing would have only one-fourth of the induced drag of a single 
wing. Thus, the sum of the induced drags of the two wings should be half 
of the drag of a single wing. 

As was shown for biplane wings, this theoretical result is not seen in 
practice because of the interference between the two wings. The second 
wing must fly in the downwash of the first wing, which requires a higher 
angle of attack on the second wing. Also, the wake of the first wing tends 
to create turbulence on the second wing. Finally, to attain stability with a 
tandem-wing it is usually necessary to move the center of gravity somewhat 
forward of the location for an even weight split, which may prevent the aft 
wing from attaining its full lift capability. 

To maximize efficiency of a tandem-wing design it is desirable to separate 
the two wings as far apart as possible, both horizontally and vertically. To 
attain maximum total lift, it is common to use high-lift devices on the front 
wing. 

A three-surface arrangement provides both aft-tail and lifting-canard 
surfaces. This allows the use of the lifting-canard for reduction of wing 
drag-due-to-lift without the difficulty of incorporating wing flaps as seen on 
a canard-only configuration. 

The three-surface aircraft theoretically offers minimum trim drag. A 
canard or aft-tail, when generating lift for trim purposes, will change the 
aircraft total lift distribution, which increases total induced drag. On a 
three-surface configuration the canard and aft-tail can act in opposite direc
tions, thus cancelling out each other's effect upon the total lift distribution. 
(For example, to generate a nose-up trim the canard can generate an upward 
lift force while the tail generates an equal downward lift force. The com
bined effect upon total lift distribution would then be zero.) 

However, this reduction in trim drag is a theoretical far field effect and 
may not be fully realized in an actual design. The drawback of the three-sur-
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face arrangement is the additional weight, complexity, and interference 
drag associated with the extra surfaces. 

The "back-porch" or "aft-strake" is a horizontal control surface that is 
incorporated into a faired extension of the wing or fuselage. This device, 
seen on the X-29, is mostly used to prevent pitchup but can also serve as a 
primary pitch control surface in some cases. 

The tailless configuration offers the lowest weight and drag of any tail 
configuration, if it can be made to work. For a stable aircraft, the wing of 
a tailless aircraft must be reflexed or twisted to provide natural stability. 
This reduces the efficiency of the wing. 

For an unstable aircraft with a computerized flight control system, this 
need not be done. In fact, an unstable, tailless aircraft can be designed to be 
"self-trimming," meaning that the wing trailing-edge flap angles required 
to balance the aircraft at different speeds and angles of attack can be 
designed to be almost exactly the optimal flap angles for maximum LID. 

This is very difficult to accomplish, and is very sensitive to the location of 
the center of gravity. In fact, all tailless designs are sensitive to center-of
gravity location, and are most successful in designs in which the expendable 
fuel and payload are located very close to the empty center of gravity. 

The vertical tail can also be eliminated for reduced weight and drag. 
However, the fully tailless (flying-wing) design is probably the most diffi
cult configuration to stabilize, either naturally or by computer. Fully-tail
less designs must rely exclusively upon wing control surfaces for control, 
unless vectored thrust is provided. Rudder control is usually provided by 
wingtip-mounted drag devices. 

Some fully-tailless designs utilize drooped outer wing panels for stability 
and control enhancement. These act somewhat like an inverted V-tail and 
provide the desirable proverse roll-yaw coupling with rudder deflection. 

Winglets or endplates mounted at the wing tips can be used in place of a 
vertical tail. This may provide the required vertical tail surface for free, 
since the effective increase in wing aspect ratio may more than compensate 
for the wetted area of the tail. To place these tip surfaces far enough aft to 
act like vertical tails requires either extreme wing sweep or a canard arrange
ment, or both. 

Tail Arrangement for Spin Recovery 

The vertical tail plays a key role in spin recovery. An aircraft in a spin is 
essentially falling vertically and rotating about a vertical axis, with the wing 
fully stalled. The aircraft is also typically at a large sideslip angle. To 
recover from the spin requires that the wing be unstalled, so the angle of 
attack must be reduced. However, first the rotation must be stopped and 
the sideslip angle reduced, or the aircraft will immediately enter another 
spin. This requires adequate rudder control even at the high angles of attack 
seen in the spin. 

Figure 4.31 illustrates the effect of tail arrangement upon rudder control 
at high angles of attack. At high angles of attack the horizontal tail is 
stalled, producing a turbulent wake extending upward at approximately a 
45-deg angle. 
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DESIRE 1/3 OF RUDDER AREA TO BE UN-BLANKETED 

VENTRAL FIN 

Fig. 4.31 Tail geometry for spin recovery. 

In the first example, the rudder lies entirely within the wake of the hori
zontal tail, so little rudder control is available. The second example shows 
the effect of moving the horizontal tail forward with respect to the vertical 
tail. This "uncovers" part of the rudder, improving rudder control. The 
next example moves the horizontal tail aft with respect to the vertical tail, 
with the same result. As a rule of thumb, at least a third of the rudder 
should be out of the wake. 

The next two examples show the effect of moving the horizontal tail 
upward. The T-tail arrangement completely uncovers the rudder, but can 
result in pitchup. 

The last illustration in Fig. 4.31 shows the use of dorsal and ventral fins. 
The dorsal fin improves tail effectiveness at high angles of sideslip by creat
ing a vortex that attaches to the vertical tail. This tends to prevent the high 
angles of sideslip seen in spins, and augments rudder control in the spin. 
The ventral tail also tends to prevent high sideslip, and has the extra advan
tage of being where it cannot be blanketed by the wing wake. Ventral tails 
are also used to avoid lateral instability in high-speed flight. 

Tail Geometry 
The surface areas required for all types of tails are directly proportional 

to the aircraft's wing area, so the tail areas cannot be selected until the 
initial estimate of aircraft takeoff gross weight has been made. The initial 
estimation of tail area is made using the "tail volume coefficient" method, 
which will be discussed in Chapter 6. 

Other geometric parameters for the tails can be selected at this time. Tail 
aspect ratio and taper ratio show little variation over a wide range of air
craft types. Table 4.3 provides guidance for selection of tail aspect ratio and 
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Fighter 
Sail plane 
Others 
T-Tail 
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Table 4.3 Tail aspect ratio and taper ratio 

Horizontal tail Vertical tail 

A >-. A 

3-4 0.2-0.4 0.6-1.4 
6-10 0.3-0.5 1.5-2.0 
3-5 0.3-0.6 1.3-2.0 

0.7-1.2 

A 

0.2-0.4 
0.4-0.6 
0.3-0.6 
0.6-1.0 

taper ratio. Note that T-tail aircraft have lower vertical-tail aspect ratios to 
red~ce th~ weight impact of the horizontal tail's location on top of the 
ve_rt1cal tall. Also, some general-aviation aircraft use untapered horizontal 

_tai~s (A= 1.0) to reduce manufacturing costs. 
Leading-edge sweep of the horizontal tail is usually set to about 5 deg 

more than the.wing sweep. This tends to make the tail stall after the wing, 
and also provides the tail with a higher Critical Mach Number than the 
wing, which avoids loss of elevator effectiveness due to shock formation. 
For l~w-spe~d air~raft, the horizontal tail sweep is frequently set to provide 
a_ straight hmge hne for the elevator, which usually has the left and right 
sides connected to reduce flutter tendencies. 
. Vertical-tail ~we_ep varies between about 35 and 55 deg. For a low-speed 

a1rcraft, there 1s httle reason for vertical-tail sweep beyond about 20 deg 
ot?er t~an a~thetics. For a high-speed aircraft, vertical-tail sweep is used 
p~1manly to msure that the tail's Critical Mach Number is higher than the 
wmg's. 

The exact planform of the tail surfaces is actually not very critical in the 
early stages of the design process. The tail geometries are revised during 
later analytical and wind-tunnel studies. For conceptual design, it is usually 
acceptable simply to draw tail surfaces that "look right," based upon prior 
experience and similar designs. 

_Tail thickness ratio is usually similar to the wing thickness ratio, as deter
mmed by the historical guidelines provided in the wing-geometry section. 
For a high-speed aircraft, the horizontal tail is frequently about lOOJo thin
ner than the wing to ensure that the tail has a higher Critical Mach Number. 

~ot~ that a lifting canard or tandem wing should be designed using the 
gmdelmes and procedures given for initial wing design, instead of the tail
design guidelines described above. 

5.1 INTRODUCTION 

5 
THRUST-TO-WEIGHT RATIO 

AND WING LOADING 

The thrust-to-weight ratio (TIW) and the wing loading (WIS) are the two 
most important parameters affecting aircraft performance. Optimization of 
these parameters forms a major part of the analytical design activities con
ducted after an initial design layout. The methods used for this optimization 
are described in Chapter 19. 

However, it is essential that a credible estimate of the wing loading and 
thrust-to-weight ratio be made before the initial design layout is begun. 
Otherwise, the optimized aircraft may be so unlike the as-drawn aircraft 
that the design must be completely redone . 

For example, if the wing loading used for the initial layout is very low, 
implying a large wing, the designer will have no trouble finding room for the 
landing gear and fuel tanks. If later optimization indicates the need for a 
much higher wing loading, the resulting smaller wing may no longer hold the 
landing gear and fuel. While they could be put in the fuselage, this would 
increase the wetted area and therefore the drag, so the optimization results 
would probably be no good. 

Wing loading and thrust-to-weight ratio are interconnected for a number 
of performance calculations, such as takeoff distance, which is frequently a 
critical design driver. A requirement for short takeoff can be met by using 
a large wing (low WIS) with a relatively small engine (low TIW). While the 
small engine will cause the aircraft to accelerate slowly, it only needs to 
reach a moderate speed to lift off the ground. 

On the other hand, the same takeoff distance could be met with a small 
wing (high WIS) provided that a large engine (high TIW) is also used. In 
this case, the aircraft must reach a high speed to lift off, but the large engine 
can rapidly accelerate the aircraft to that speed. 

Due to this interconnection, it is frequently difficult to use historical data 
to independently select initial values for wing loading and thrust-to-weight 
ratio. Instead, the designer must guess at one of the parameters and use that 
guess to calculate the other parameter from the critical design requirements. 

In many cases, the critical requirement for wing loading will be the stall 
,peed during the approach for landing. Approach stall speed is independent 
Jf engine size, so the wing loading can be estimated based upon stall speed 
alone. The estimated wing loading can then be used to calculate the TIW 
required to attain other performance drivers such as the single-engine rate 
of climb. 

77 
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For less obvious cases, the designer must guess one parameter, calculate 
the other parameter to meet various performance requirements, then 
recheck the first parameter. In this book, the thrust-to-weight ratio appears 
as the first guess because that parameter better lends itself to a statistical 
approach, and also because it shows less variation within a given class of 
aircraft. 

However, for certain aircraft the designer may wish to begin instead with 
the wing loading. In such cases, those equations presented below for calcu
lating the wing loading can be solved for thrust-to-weight ratio instead. 

5.2 THRUST-TO-WEIGHT RATIO 

Thrust-to-Weight Definitions 

T/W directly affects the performance of the aircraft. An aircraft with a 
higher T!Wwill accelerate more quickly, climb more rapidly, reach a higher 
maximum speed, and sustain higher turn rates. On the other hand, the larger 
engines will consume more fuel throughout the mission, which will drive up 
the aircraft's takeoff gross weight to perform the design mission. 

TI Wis not a constant. The weight of the aircraft varies during flight as 
fuel is burned. Also, the engine's thrust varies with altitude and velocity (as 
does the horsepower and propeller efficiency, T/p). 

When designers speak of an aircraft's thrust-to-weight ratio they gener
ally refer to the TIW during sea-level static (zero-velocity), standard-day 
conditions at design takeoff weight and maximum throttle setting. Another 
commonly referred-to T/W concerns combat conditions. 

You can also calculate T/W at a partial-power setting. For example, 
during the approach to landing the throttle setting is near idle. The operating 
TIW at that point in the mission is probably less than 0.05. 

It is very important to avoid confusing the takeoff TI W with the TI Wat 
other conditions in the calculations below. If a required TI Wis calculated 
at some other condition, it must be adjusted back to takeoff conditions for 
use in selecting the number and size of the engines. These TIW adjustments 
will be discussed later. 

Power Loading and Horsepower-to-Weight 

The term "thrust-to-weight" is associated with jet-engined aircraft. For 
propeller-powered aircraft, the equivalent term has classically been the 
"power loading," expressed as the weight of the aircraft divided by its 
horsepower (W/hp). 

Power loading has an opposite connotation from T/W because a high 
power loading indicates a smaller engine. Power loadings typically range 
from 10-15 for most aircraft. An aerobatic aircraft may have a power 
loading of about six. A few aircraft have been built with power loadings as 
low as three or four. One such over-powered airplane was the Pitts Samp
son, a one-of-a-kind airshow airplane. 

A propeller-powered aircraft produces thrust via the propeller, which has 
an efficiency T/p defined as the thrust output per horsepower provided by the 
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engine. Using Eq. (3.9), an equivalent TIW for propellered aircraft can 
therefore be expressed as follows: 

(5.1) 

Note that this equation includes the term hp/ W, the horsepower-to
weight ratio. This is simply the inverse of the classical power loading (WI 
hp). To avoid confusion when discussing requirements affecting both jet
and propeller-powered aircraft, this book refers to the horsepower-to
weight ratio rather than the classical power loading. The reader should 
remember that the power loading can be determined simply by inverting the 
horsepower-to-weight ratio. 

Also, to avoid excessive verbiage in the discussions below, the term 
"thrust-to-weight ratio" should be understood to include the horsepower
to-weight ratio for propeller aircraft. 

Statistical Estimation of TIW 
Tables 5.1 and 5.2 provide typical values for Tl Wand hp/Wfor different 

classes of aircraft. Table 5.2 also provides reciprocal values, i.e., power 
loadings, for propellered aircraft. These values are all at maximum power 
settings at sea level and zero velocity ("static"). 

Table 5.1 Thrust-to-weight ratio ( TIW) 

Aircraft type Typical installed T/W 

Jet trainer 
Jet fighter (dogfighter) 
Jet fighter (other) 
Military cargo/bomber 
Jet transport 

Table 5.2 Horsepower-to-weight ratio 

Typical 
Aircraft type hp/ W 

Powered sailplane 0.04 
Homebuilt 0.08 
General aviation-single engine 0.07 
General aviation-twin engine 0.17 
Agricultural 0.09 
Twin turboprop 0.20 
Flying boat 0.10 

0.4 
0.9 
0.6 
0.25 
0.25 

Typical power 
loading ( W /hp) 

25 
12 
14 
6 

11 
5 

IO 

1111 
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Note that the current generation of dogfighters approaches a T IW of 1.0, 
implying that the thrust is nearly equal to the weight. At combat conditions 
when some fuel has been burned off, these aircraft have TIWvalues exceed
ing 1, and are capable of accelerating while going straight up! The jet 
dogfighter TIWvalues are with afterburning engines, whereas the other jets 
typically do not have afterburning. 

Thrust-to-weight ratio is closely related to maximum speed. Later in the 
design process, aerodynamic calculations of drag at the design maximum 
speed will be used, with other criteria, to establish the required TIW. 

For now, Tables 5.3 and 5.4 provide curve-fit equations based upon 
maximum Mach number or velocity for different classes of aircraft. These 
can be used as a first estimate for TIW or hp/W. The equations were 
developed by the author using data from Ref. 1, and should be considered 
valid only within the normal range of maximum speeds for each aircraft 
class. 

Thrust Matching 
For aircraft designed primarily for efficiency during cruise, a better initial 

estimate of the required TIW can be obtained by "thrust matching." This 
refers to the comparison of the selected engine's thrust available during 
cruise to the estimated aircraft drag. 

In level unaccelerating flight, the thrust must equal the drag. Likewise, 
the weight must equal the lift (assuming that the thrust is aligned with the 

Table 5.3 T!Wo VS Mmax 

TIW0 =a M;.., 

Jet trainer 
Jet fighter (dogfighter) 
Jet fighter (other) 
Military cargo/bomber 
Jet transport 

a 

0.488 
0.648 
0.514 
0.244 
0.267 

Table 5.4 hp/ Wo vs V max (mph) 

hp/ W0 = a v;;., 
Sailplane-powered 
Homebuilt-metal/wood 
Homebuilt-composite 
General aviation-single engine 
General aviation-twin engine 
Agricultural aircraft 
Twin turboprop 
Flying boat 

a 

0.043 
0.005 
0.004 
0.024 
0.034 
0.008 
0.012 
0.029 

C 

0.728 
0.594 
0.141 
0.341 
0.363 

C 

0 
0.57 
0.57 
0.22 
0.32 
0.50 
0.50 
0.23 
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flight path). Thus, TIW must equal the inverse of LID [Eq. (5.2)]: 

(5.2) 

LID can be estimated in a variety of ways. Chapter 12 will discuss the 
detailed drag-buildup approach. For the first estimation of TIW the 
method for LID estimation presented in Chapter 3 is adequate. 

Recall that this procedure for LID estimation uses the selected aspect 
ratio and an estimated wetted-area ratio (Fig. 3.5) to determine the wetted 
aspect ratio. Figure 3.6 is then used to estimate the m_aximum LID. F_or 
propeller aircraft, the cruise LID is the same ~s the maximum LID. For Jet 
aircraft the cruise LID is 86.6% of the maximum LID. 

Note' that this method assumes that the aircraft is cruising at approx
imately the optimum altitude for the as-yet-unknown wing_ l~ading. ~he 
method would be invalid if the aircraft were forced by the mission reqmre
ments to cruise at some other altitude, such as sea level. 

When the wing loading has been selected, as described later in this chap
ter, the LID at the actual cruise conditions should be calculated and used to 
recheck the initial estimate for TI W. 

The thrust-to-weight ratio estimated using Eq. (5.2) is at_ cruise condi
tions, not takeoff. The aircraft will have burned off pa~t of its fuel before 
beginning the cruise, and will burn off more as the crmse progresses. . 

Also, the thrust of the selected engine will be different at the cru~se 
conditions than at sea-level, static conditions. These factors must be consid
ered to arrive at the required takeoff TIW, used to size the engine. 

The highest weight during cruise occurs at the beginning of the cru~se. The 
weight of the aircraft at the beginnin~ of the cr~ise is _the takeoff weight less 
the fuel burned during takeoff and chmb to crmse altitude. From Table 3.2, 
the typical mission weight fractions for these mission legs are 0.970 and 
0.985, or 0.956 when multiplied together. . . . 

A typical aircraft will therefore h~ve a w:ight at ~he begmnmg of cr1:use 
of about 0.956 times the takeoff weight. This value is used below to adJust 
the cruise TIW back to takeoff conditions. 

Thrust during cruise is different from the takeoff value. Jet aircraft are 
normally designed to cruise at approximately the altitude at _which t~e se
lected engine has the best (lowest) specific fuel co?sumpt10n, typically 
30,000-40,000 ft. While SFC is improved at these alt~tudes, the thrust de
creases. Also, the engine is sized using the thrust settmg that produces the 
best SFC. This is usually 70-100% of the maximum continuous, nonafter-
burning thrust. . 

The cruise thrust at altitude is therefore less than the maximum takeoff 
thrust at sea-level, so the required cruise TIWmust be adjusted to obtain the 
equivalent takeoff TIW. . 

Typically, a subsonic, high-bypass-ratio turbofan for a tr~nsport aircraft 
will have a cruise thrust of 20-25% of the takeoff thrust, while a low-bypass 
afterburning turbofan or turbojet will have a cruise thrust of 40-70% of the 
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takeoff maximum value (see Fig. 5.1). Appendix A.4 provides thrust and 
fuel-consumption data for several representative engines. 

For a piston-powered, propeller-driven aircraft, the power available 
varies with the density of the air provided to the intake manifold. If the 
engine is not supercharged, then the power falls off with increasing altitude 
according to the density ratio, a. For example, a nonsupercharged engine at 
10,000 ft will have about 73% of its sea-level power. 

To prevent this power decrease, many piston engines use a supercharger 
to maintain the air provided to the manifold at essentially sea-level density 
up to the compression limit of the supercharger. Above this altitude, the 
power begins to drop off (see Fig. 5.2). Piston-powered aircraft typically 
cruise at about 75% of takeoff power. 

For a turbine-powered, propeller-driven (turboprop) aircraft, the horse
power available increases somewhat with increasing speed, but the thrust 
drops off anyway due to the velocity effect on the propeller [Eq. (5.1)). 

With a turboprop, there is an additional, residual thrust contribution 
from the turbine exhaust. It is customary to convert this thrust to its horse
power equivalent and add it to the actual horsepower, creating an "equiva
lent shaft horsepower (eshp)." For a typical turboprop engine installation, 
the cruise eshp is about 60-80% of the takeoff value. 

The takeoff T/Wrequired for cruise matching can now be approximated 
using Eq. (5.3). The ratio between initial cruise weight and takeoff weight 
was shown to be about 0.956. If a better estimate of this ratio is available, 
it should be used. 

ALTITUDE 
(ft) 

40,000 

30,000 

20,000 

10,000 

HIGH BPR 
TURBOFAN 

TYPICAL CURRENT-GENERATION ENGINES 
AT MACH=0.8 

LOWBPR 
AFTERBURNING 

TURBOFAN 

0 .... ~ .......... ~ ..... .._~ ..... ~...i....i.~~...i.~~....i.~~.w.~~ 

0 .1 .2 .4 .6 .7 

T max dry cruise 

T max takeoff (SLS) 

Fig. 5.1 Thrust lapse at cruise. 
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20,000 
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0 
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HORSEPOWER 

Fig. 5.2 Piston engine power variation with altitude. 

( T) ( T) ( Wcruise) (Ttakeoff) 
W takeoff = W cruise Wiakeoff Tcruise 

(5.3) 

The thrust ratio between takeoff and cruise conditions should be obtained 
from actual engine data if possible. Otherwise, data for a similar engine 
from Appendix A.4 or some other source should be used. 

For a propeller aircraft, the required takeoff hp/ W can be found by com
bining Eqs. (5.1) and (5.2): 

(
hp) ( Ycruise) ( 1 ) ( Wcruise) (hPtakeoff) 
W takeoff= 550 7/p (L/D)cruise Wiakeoff hPcruise 

(5.4) 

where typically 7/p = 0.8. 
After an initial layout has been completed, actual aerodynamic calcula

tions are made to compare the drag during cruise with the thrust available. 
There are many other criteria which can set the thrust-to-weight ratio, 

such as climb rate, takeoff distance, and turning performance. These other 
criteria also involve the wing loading and are described in the next section. 

For the first-pass estimate, the TIW(or hp/W) should be selected as the 
higher of either the statistical value obtained from the appropriate equation 
in Tables 5.3 and 5.4, or the value obtained from the cruise matching as 
described above. After selection of the wing loading as described below, the 
selected T/W should be rechecked against all requirements. 

Ill 
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Table 5.5 Wing loading 

Historical trends Typical takeoff WIS (lb/ft2 ) 

Sailplane 
Homebuilt 
General aviation-single engine 
General aviation-twin engine 
Twin turboprop 
Jet trainer 
Jet fighter 
Jet transport/bomber 

5.3 WING LOADING 

6 
11 
17 
26 
40 
50 
70 

120 

The wing loading is the weight of the aircraft divided by the area of the 
reference (not exposed) wing. As with the thrust-to-weight ratio, the term 
"wing loading" normally refers to the takeoff wing loading, but can also 
refer to combat and other flight conditions. 

Wing loading affects stall speed, climb rate, takeoff and landing dis
tances, and turn performance. The wing loading determines the design lift 
coefficient, and impacts drag through its effect upon wetted area and wing 
span. 

Wing loading has a strong effect upon sized aircraft takeoff gross weight. 
If the wing loading is reduced, the wing is larger. This may improve perfor
mance, but the additional drag and empty weight due to the larger wing will 
increase takeoff gross weight to perform the mission. The leverage effect of 
the sizing equation will require a more-than-proportional weight increase 
when factors such as drag and empty weight are increased. 

Table 5.5 provides representative wing loadings. 
Wing loading and thrust-to-weight ratio must be optimized together. Such 

optimization methods are presented in Chapter 19 using aerodynamic, 
weight, and propulsion data calculated from the initial design layout. The 
remainder of this chapter provides methods for initially estimating the wing 
loading to meet various requirements. These allow the designer to begin the 
layout with some assurance that the design will not require a complete 
revision after the aircraft is analyzed and sized. 

This material generally assumes that an initial estimate of T/Whas been 
made using the methods presented in the last section. However, most of the 
equations could also be used to solve for T/Wifthe wing loading is defined 
by some unique requirement (such as stall speed). 

These methods estimate the wing loading required for various perfor
mance conditions. To ensure that the wing provides enough lift in all cir
cumstances, the designer should select the lowest of the estimated wing 
loadings. However, if an unreasonably low wing loading value is driven by 
only one of these performance conditions, the designer should consider 
another way to meet that condition. 
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For example, if the wing loading required to meet a stall speed require
ment is well below all other requirements, it may be better to equip the 
aircraft with a high-lift flap system. If takeoff distance or rate of climb 
require a very low wing loading, perhaps the thrust-to-weight ratio should 
be increased. 

Stall Speed 
The stall speed of an aircraft is directly determined by the wing loading 

and the maximum lift coefficient. Stall speed is a major contributor to flying 
safety, with a substantial number of fatal accidents each year due to ''failure 
to maintain flying speed." Also, the approach speed, which is the most 
important factor in landing distance and also contributes to post-touchdown 
accidents, is defined by the stall speed. 

Civil and military design specifications establish maximum allowable stall 
speeds for various classes of aircraft. In some cases the stall speed is explic
itly stated. FAR 23 certified aircraft (under 12,500-lb TOGW) must stall at 
no more than 61 knots, unless they are multiengined and meet certain climb 
requirements (see Appendix A.5). While not stated in any design specifica
tions, a stall speed of about 50 knots would be considered the upper limit for 
a civilian trainer or other aircraft to be operated by low-time pilots. 

The approach speed is required to be a certain multiple of the stall speed. 
For civil applications, the approach speed must be at least 1.3 times the stall 
speed. For military applications, the multiple must be at least 1.2 (1.15 for 
carrier-based aircraft). Approach speed may be explicitly stated in the de
sign requirements or will be selected based upon prior, similar aircraft. Then 
the required stall speed is found by division by 1.3, 1.2, or 1.15. 

Equation (5.5) states that lift equals weight in level flight, and that at stall 
speed, the aircraft is at maximum lift coefficient. Equation (5.6) solves for 
the required wing loading to attain a given stall speed with a certain maxi
mum lift coefficient. The air density, p, is typically the sea-level standard 
value (0.00238 slugs/cubic ft) or sometimes the 5000-ft-altitude, hot-day 
value (0.00189) to ensure that the airplane can be flown into Denver during 
summer. 

(5.5) 

(5.6) 

The remaining unknown, the maximum lift coefficient, can be very diffi
cult to estimate. Values range from about 1.2 to 1.5 for a plain wing with 
no flaps to as much as 5.0 for a wing with large flaps immersed in the 
propwash or jetwash. 

The maximum lift coefficient for an aircraft designed for short takeoff 
and landing (STOL) applications will typically be about 3.0. For a regular 
transport aircraft with flaps and slats (leading-edge flaps with slots to im
prove airflow), the maximum lift coefficient is about 2.4. Other aircraft, 
with flaps on the inner part of the wing, will reach a lift coefficient of about 
1.6-2.0. 

I 
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4.0 WINGS OF MODERATE ASPECT RATIO (4-8) 

TRIPLE SLOTTED FLAP AND SLAT 

DOUBLE SLOTTED FLAP AND SLAT 

2.0 

1.0 

SLOTTED FLAP 
PLAIN FLAP 

0 

0 10 20 30 40 
Ac;4 

so 60 

After Ref. 39 

Fig. 5.3 Maximum lift coefficient. 

Maximum lift coefficient depends upon the wing geometry, airfoil shape, 
flap geometry and span, leading-edge slot or slat geometry, Rey?olds num
ber, surface texture, and interference from other parts of the a1rcraft such 
as the fuselage, nacelles, or pylons. The trim force provided by the hori~on
tal tail will increase or reduce the maximum lift, depending upon the d1rec
tion of the trim force. If the propwash or jetwash impinges upon the wing 
or the flaps, it will also have a major influence upon maximum lift during 
power-on conditions. 

Most aircraft use a different flap setting for takeoff and landing. During 
landing, the flaps will be deployed the maximum amount to provide the 
greatest lift and drag. However, for takeoff the maximum flap angle will 
probably cause more drag than desirable for rapid acceleration and climb, 
so the flaps will be deployed to about half the maximum angle. Therefore, 
the maximum lift coefficient for landing will be greater than for takeoff. 
Typically, the takeoff maximum lift coefficient is about 800/o that of the 
landing value. 

For a wing of fairly high aspect ratio (over about 5), the maximum lift 
coefficient will be approximately 900/o of the airfoil maximum lift coeffi
cient at the same Reynolds number, provided that the lift distribution is 
nearly elliptical. However, if partial-span flaps are used, their deflection will 
introduce a large, discontinuous twist into the wing geometry that changes 
the lift distribution, and thus the induced downwash, causing the effective 
angle of attack to vary at different span stations. 
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As a crude approximation, the designer can ignore this effect. Then the 
maximum lift can be estimated by determining the maximum angle of attack 
before some part of the wing stalls. Typically, the part of the wing with the 
flap deflected will stall first. Then, for that angle of attack the lift contribu
tions of the flapped and unflapped sections can be summed, weighted by 
their areas (see Fig. 12.19 for definitions of flapped and unflapped areas). 
This crude approximation for wings of a fairly high aspect ratio is given in 
Eq. (5.7). 

_ [ Snapped {C ) Sunflapped] 
CLmax = 0.9 {Cfmax)flapped -S- + f unflapped S 

ref ref 
(5.7) 

where Crunflapped is the lift coefficient of the unflapped airfoil at the angle of 
attack at which the flapped airfoil stalls. 

For a better initial estimate of maximum lift, it is necessary to resort to 
test results and historical data. Figure 5.3 provides maximum-lift trends vs 
sweep angle for several classes of aircraft. Remember that the maximum lift 
using the takeoff flap setting will typically be about 800/o of these landing 
maximum values. Maximum lift is discussed in more detail in Chapter 12. 

Takeoff Distance 
A number of different values are referred to as "takeoff distance." The 

"ground roll" is the actual distance traveled before the wheels leave the 
ground. The liftoff speed for a normal takeoff is 1.1 times the stall speed. 

The "obstacle clearance distance" is the distance required from brake 
release until the aircraft has reached some specified altitude. This is usually 
50 ft for military or small civil aircraft and 35 ft for commercial aircraft. 

The "balanced field length" is the length of the field required for safety 
in the event of an engine failure at the worst possible time in a multiengine 
aircraft. When the aircraft has just begun its ground roll, the pilot would 
have no trouble stopping it safely if one engine were to fail. As the speed 
increases, more distance would be required to stop after an engine failure. 
If the aircraft is nearly at liftoff speed and an engine fails, the pilot would 
be unable to stop safely and instead would continue the takeoff on the 
remaining engines. 

The speed at which the distance to stop after an engine failure exactly 
equals the distance to continue the takeoff on the remaining engines is called 
the "decision speed." The balanced field length is the length required to 
takeoff and clear the specified obstacle when one engine fails exactly at 
decision speed. Note that use of reversed thrust is not permitted for calcula
tion of balanced field length. 

Balanced field length is sometimes called the "FAR takeoff field length" 
when applied to FAR 25 aircraft (which have a 35-ft obstacle clearance 
requirement). For military aircraft the balanced field length has a 50-ft 
obstacle clearance requirement. 

Both the wing loading and the thrust-to-weight ratio contribute to the 
takeoff distance. The equations below assume that the thrust-to-weight ratio 
has been selected and can be used to determine the required wing loading to 
attain some required takeoff distance. However, the equations could be 
solved for TIW if the wing loading is known. 
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Other factors contributing to the takeoff distance are the aircraft's aero
dynamic drag and rolling resistance. Aerodynamic drag on the ground de
pends largely upon pilot technique. For example, if the pilot rotates (lifts the 
nose) too early, the extra drag may prevent the aircraft from accelerating to 
takeoff speed. This was a frequent cause of accidents in early jets, which 
were underpowered by today's standards. 

The aircraft's rolling resistance, µ, is determined by the type of runway 
surface and by the type, number, inflation pressure, and arrangement of the 
tires. A thin, high-pressure tire operated over a soft dirt runway will have so 
much rolling resistance that the aircraft may be unable to move. A large, low 
pressure tire can operate over a softer runway surface but will have more 
aerodynamic drag if not retracted, or will take up more room if retracted. 
Values of µ for different runway surfaces are provided in the detailed 
takeoff analysis in Chapter 17. 

In later stages of analysis the takeoff distance will be calculated by inte
grating the accelerations throughout the takeoff, considering the variations 
in thrust, rolling resistance, weight, drag, and lift. For initial estimation of 
the required wing loading, a statistical approach for estimation of takeoff 
distance can be used. 

Figure 5.4, based upon data from Refs. 4 and 5, permits estimation of the 
takeoff ground roll, takeoff distance to clear a 50-ft obstacle, and FAR 
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balanced field length over a 35-ft obstacle. For a military multiengined 
aircraft, the balanced field length over a 50-ft obstacle is approximately 5% 
greater than the FAR (35-ft) balanced field value. 

Note that a twin-engined aircraft has a greater FAR balanced field length 
than a three- or four-engined aircraft with the same total thrust. This occurs 
because the twin-engined aircraft loses half its thrust from a single engine 
failure, whereas the three- and four-engined aircraft lose a smaller percent
age of their total thrust from a single engine failure. 

The takeoff parameter (TOP) of Fig. 5.4 is the takeoff wing loading 
divided by the product of the density ratio (a), takeoff lift coefficient, and 
takeoff thrust-to-weight (or horsepower-to-weight) ratio. The density ratio 
is simply the air density (p) at the takeoff altitude divided by the sea level 
density (0.00238 slugs/cubic ft). 

The takeoff lift coefficient is the actual lift coefficient at takeoff, not the 
maximum lift coefficient at takeoff conditions as used for stall calculation. 
The aircraft takes off at about 1.1 times the stall speed so the takeoff lift 
coefficient is the maximum takeoff lift coefficient divided by 1.21 (1.1 
squared). However, takeoff (and landing) lift coefficient may also be lim
ited by the maximum tail down angle permitted by the landing gear (typi
cally not more than 15 deg). 

To determine the required wing loading to meet a given takeoff distance 
requirement, the takeoff parameter is obtained from Fig. 5.4. Then the 
following expressions give the maximum allowable wing loading for the 
given takeoff distance: 

Prop: (WIS)= (TOP)aCLrn(hp/W) 

Jet: (WIS)= (TOP)aCLrn(TIW) 

Catapult Takeoff 

(5.8) 

(5.9) 

Most Naval aircraft must be capable of operation from an aircraft carrier. 
For takeoff from a carrier, a catapult accelerates the aircraft to flying speed 
in a very short distance. 

Catapults are steam-operated, and can produce a maximum force on the 
aircraft depending on the steam pressure used. Therefore, a light aircraft 
can be accelerated to a higher speed by the catapult than a heavy one. Figure 
5.5 depicts the velocities attainable as a function of aircraft weight for three 
catapults in use by the U.S. Navy. Note that a rough guess of takeoff weight 
is required. 

For a catapult takeoff, the airspeed as the aircraft leaves the catapult must 
exceed the stall speed by 10%. Airspeed is the sum of the catapult end speed 
( V.nd) and the wind-over-deck of the carrier ( Vwod). 

For aircraft launch operations the carrier will be turned into the wind 
which will produce a wind-over-deck on the order of 20-40 kt. However, the 
design specifications for a Navy aircraft frequently require launch capabili
ties with zero wind-over-deck or even a negative value, to enable aircraft 
launch while at anchor. Once the end speed is known, the maximum wing 
loading is defined by: 

( w) _ ! ( T? + 17 )2 ( CL maic>takeoff 

S - 2 P ~end ~wod 1 21 
landing • 

(5 .10) 
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Fig. 5.5 Catapult end speeds. 

Landing Distance 
There are a number of different values referred to as the "landing dis

tance." "Landing ground roll" is the actual distance the aircraft travels 
from the time the wheels first touch to the time the aircraft comes to a 
complete stop. 

The "FAR 23 landing field length" includes clearing a 50-ft obstacle 
while the aircraft is still at approach speed and on the approach glidepath 
(normally 3 deg). After crossing the obstacle, the pilot slows the aircraft to 
the touchdown speed of typically 1.15 times the stall speed. The obstacle
clearance distance roughly doubles the ground-roll distance alone. 

The "FAR 25 landing field length" includes the 50-ft obstacle clearance 
at approach speed, and also adds an arbitrary two-thirds to the total dis
tance to allow a safety margin. The landing distance definition for military 
aircraft is normally specified in a request for proposals ( RFP), but typically 
resembles the FAR 23 definition. 

Landing distance is largely determined by wing loading. Wing loading 
affects the approach speed, which must be a certain multiple of stall speed 
(1.3 for civil aircraft, 1.2 for military aircraft). Approach speed determines 
the touchdown speed, which in turn defines the kinetic energy which must 
be dissipated to bring the aircraft to a halt. The kinetic energy, and hence 
the stopping distance, varies as the square of the touchdown speed. 

In fact, a reasonable first-guess of the total landing distance in feet, 
including obstacle clearance, is approximately 0.3 times the square of the 

THRUST-TO-WEIGHT RATIO AND WING LOADING 91 

approach speed in knots (Ref. 5). This is approximately true for FAR 23 and 
military aircraft without thrust reversers, and FAR 25 aircraft with thrust 
reversers. While the FAR 25 aircraft have the additional requirement of a 
two-thirds distance increase, the thrust reversers used on most FAR 25 
aircraft shorten the landing distance by about the same amount. 

Equation (5.11) provides a better approximation of the landing distance, 
which can be used to estimate the maximum landing wing loading. The first 
term represents the ground roll to absorb the kinetic energy at touchdown 
speed. The constant term, Sa, represents the obstacle-clearance distance. 

Standing= so(:) (rc~max) + Sa 

where 

Sa = 1000 (airliner-type, 3-deg glideslope) 
= 600 (general aviation-type power-off approach) 
= 450 (STOL, 7-deg glideslope) 

(5 .11) 

For aircraft equipped with thrust reversers or reversible-pitch propellers, 
multiply the ground portion of the landing [first term in Eq. (5.11)) by 0.66. 

For commercial (FAR 25) aircraft, multiply the total landing distance 
calculated with Eq. (5 .11) by 1.67 to provide the required safety margin. 

The landing wing loading must be converted to takeoff conditions by 
dividing by the ratio of landing weight to takeoff weight. This ratio is 
usually not based upon the calculated end-of-mission weight, but is instead 
based upon some arbitrary landing weight as specified in the design require
ments. 

For most propeller-powered aircraft and jet trainers, the aircraft must 
meet its landing requirement at or near the design takeoff weight, so the 
ratio is about 1.0. For most jet aircraft, the landing is typically calculated 
at a weight of about 0.85 times the takeoff weight. Military design require
ments will frequently specify full payload and some percent of fuel remain
ing (usually 500/o) for the landing. 

Arrested Landing 
Aircraft which land on Navy aircraft carriers are stopped by a cable-and

brake arrangement called "arresting gear." One of several cables strung 
across the flight deck is caught by a hook attached to the rear of the aircraft. 
The cable is attached at both ends to drum mechanisms which exert a drag 
upon the cable as it is pulled by the aircraft, thus stopping it in a very short 
distance. 

For carrier-based aircraft, the approach speed (1.15 times the stall speed) 
is the same as the touchdown speed. Carrier pilots do not flare and slow 
down for landing. Instead, they are taught to fly the aircraft right into the 
deck, relying upon the arresting gear to make the landing. By using this 
technique, the aircraft has enough speed to go around if the cables are 
missed. 
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The landing weight limits for three standard arresting gears are depicted 
in Fig. 5.6. This figure can be used to determine the allowable approach 
speed based upon a first-guess of the landing weight. The approach speed 
divided by 1.15 defines the stall speed, which can then be used to estimate 
the wing loading. 

Wing Loading for Cruise 

At this point we must bring in the use of two aerodynamic coefficients, 
CD0 and "e." CD0 is the zero lift drag coefficient, and equals approximately 
0.015 for a jet aircraft, 0.02 for a clean propeller aircraft, and 0.03 for a 
dirty, fixed-gear propeller aircraft. The Oswald efficiency factor e is a 
measure of drag due to lift efficiency, and equals approximately 0.6 for a 
fighter and 0.8 for other aircraft. These coefficients are extensively dis
cussed in Chapter 12. Chapter 12 also contains methods for estimation of 
CD

0 
and e. 

To maximize range during cruise, the wing loading should be selected to 
provide a high LID at the cruise conditions. The following discussion pro
vides methods for selecting wing loading to optimize cruise range. 

A propeller aircraft, which loses thrust efficiency as speed goes up, gets 
the maximum range when flying at the speed for best LID, while a jet 
aircraft maximizes range at a somewhat higher speed where the LID is 
slightly reduced. The speed for best LID can be shown to result in parasite 
drag equaling the induced drag (see Chapter 17). Therefore, to maximize 
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Fig. 5.6 Arresting gear weight limits. 
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range a propeller aircraft should fly such that: 
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(5.12) 

During cruise, the lift equals the weight, so the lift coefficient equals the 
wing loading divided by the dynamic pressure. Substitution into Eq. (5.12) 
allows solution for the required wing loading to maximize LID for a given 
flight condition. This result [Eq. (5.13)] is the wing loading for maximum 
range for a propeller aircraft. 

Maximum Prop Range: WIS= q..J1rAeCDo (5.13) 

As the aircraft cruises, its weight reduces due to the fuel burned, so the 
wing loading also reduces during cruise. Optimizing the cruise efficiency 
while the wing loading is steadily declining requires reducing the dynamic 
pressure by the same percent [see Eq. (5.13)]. This can be done by reducing 
velocity, which is undesirable, or by climbing to obtain a lower air density. 
This range optimizing technique is known as a "cruise-climb." 

A jet aircraft flying a cruise-climb will obtain maximize range by flying at 
a wing loading such that the parasite drag is three times the induced drag (see 
Chapter 12 for the derivation of this relationship). This yields the following 
formula for wing-loading selection for range optimization of jet aircraft. 

Maximum Jet Range: WIS= q..J1rAeCD/3 (5.14) 

Frequently an aircraft will not be allowed to use the cruise-climb tech
nique to maximize range. Air Traffic Controllers prefer that aircraft main
tain a single assigned altitude until given permission to climb or descend to 
another altitude. The pilot will attempt to obtain permission from the Air 
Traffic Controllers to climb several times during the flight, thus forming the 
characteristic ''stairstep climb schedule.'' This allows the thrust setting to be 
maintained approximately at the setting that minimizes fuel consumption. 

Wing Loading for Loiter Endurance 
Most aircraft will have some loiter requirement during the mission, typi

cally 20 min of loiter before landing. Unless the loiter requirement is a 
substantial fraction of the total mission duration, it is better to optimize the 
wing loading for cruise. 

Patrol aircraft such as the ASW design example of Chapter 3 are some
times more concerned with time on station than with cruise efficiency. Other 
aircraft which may be concerned with loiter endurance are airborne com
mand posts and intelligence-gathering aircraft. 

For an aircraft which must be optimized for loiter, the wing loading 
should be selected to provide a high LID. For jet aircraft, the best loiter 
occurs at maximum LID so Eq. (5.12) [repeated below as Eq. (5.15)] should 
be used. For a propeller aircraft, loiter is optimized when the induced drag 
is three times the parasite drag, which yields Eq. (5.16). This also provides 
the wing loading for minimum power required. 
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Maximum Jet Loiter: WIS= q-./1rAeCDo 

Maximum Prop Loiter: WIS= q-./hAeCDo 

(5.15) 

(5.16) 

These equations assume that the loiter velocity and altitude are known. If 
the loiter altitude is not specified, it should be selected for best specific fuel 
consumption at the loiter power setting. This is typically 30,000-40,000 ft 
for a jet, and the limit altitude for the turbocharger for a piston-propeller 
aircraft. For a nonturbocharged engine, best loiter occurs at sea level. 

Usually, the loiter velocity is not specified. Instead the designer must 
determine the best loiter velocity and select the wing loading accordingly. 
This requires cross plotting of wing loadings with the resulting LID and 
specific fuel consumption for various velocities and altitudes. Such a proce
dure is too complex for initial design purposes. 

For initial design purposes, it can be assumed that the best loiter velocity 
will be about 150-200 knots for turboprops and jets, and about 80-120 
knots for piston-props. If altitude is not specified, the altitude for best fuel 
consumption should be selected. 

The wing loading estimated from Eqs. (5 .15) or (5 .16) is the average 
during the loiter. This must be converted to takeoff conditions by dividing 
the loiter wing loading by the ratio of the average loiter weight to the takeoff 
weight. In the absence of better information, this ratio can be assumed to 
be about 0.85. 

Remember that Eqs. (5.15) and (5.16) are to be used for designing an 
aircraft optimized solely for loiter. Optimizing for loiter alone is very rare 
in aircraft design. For most aircraft, the wing loading will be selected for 
best cruise and the loiter capabilities will be a "fallout." 

Instantaneous Turn 
An aircraft designed for air-to-air dogfighting must be capable of high 

turn rate. This parameter, dit,ldt or y;, will determine the outcome of a 
dogfight if the aircraft and pilots are evenly matched otherwise. When 
air-to-air missiles are in use, the first aircraft to turn towards the other 
aircraft enough to launch a missile will probably win. In a guns-only dog
fight, the aircraft with the higher turn rate will be able to maneuver behind 
the other. A turn rate superiority of 2 degls is considered significant. 

There are two important turn rates. The "sustained" turn rate for some 
flight condition is the turn rate at which the thrust of the aircraft is just 
sufficient to maintain velocity and altitude in the turn. If the thrust acts 
approximately opposite to the flight direction, then the thrust must equal 
the drag for a sustained turn. 

If the aircraft turns at a quicker rate, the drag becomes greater than the 
available thrust, so the aircraft begins to slow down or lose altitude. The 
"instantaneous" turn rate is the highest turn rate possible, ignoring the fact 
that the aircraft will slow down or lose altitude. 

The "load factor," or "g-loading," during a turn is the acceleration due 
to lift expressed as a multiple of the staqdard acceleration due to gravity 
(g = 32.2 ft/s2

). Load factor ("n ") is equal to the lift divided by the air
craft's weight. 
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Level, unturning flight implies a load factor of one (n = 1). In a level 
turn, the wing must provide 1-g lift in the vertical direction to hold up the 
aircraft, so the remaining "g's" available to turn the aircraft in the horizon
tal direction are equal to the square root of n squared minus 1 (see Fig. 17.4). 
Thus the radial acceleration in a level turn is g times the square root of 
(n 2 

- 1). 
Turn rate is equal to the radial acceleration divided by the velocity. For 

a level turn, this results in Eq. (5.17). Note that this equation provides turn 
rate in radians per second, which must be multiplied by 57 .3 to obtain 
degrees per second. 

where 

1P = "'"g_-./_n_2 
_-_l 

V 
(5.17) 

(5.18) 

Instantaneous turn rate is limited only by the usable maximum lift, up to 
the speed at which the maximum lift exceeds the load-carrying capability of 
the wing structure. Typically, a fighter aircraft will be designed to an oper
ational maximum load factor of 7 .33 g, although newer fighters are being 
designed to 8- or 9-g. This g limit must be met at some specified combat 
weight. 

The speed at which the maximum lift available exactly equals the allow
able load factor is called the "corner speed," and provides the maximum 
turn rate for that aircraft at that altitude. In a dogfight, pilots try to get to 
corner speed as quickly as possible as it provides the best turn rate. Typi
cally, a modern fighter has a corner speed of about 300-350 knots indicated 
airspeed (i.e., dynamic pressure) regardless of altitude. 

Design specifications will usually require some maximum turn rate at 
some flight condition. Equation (5 .17) can be solved for the load factor at 
the specified turn rate as follows: 

(5.19) 

If this value of load factor is greater than the ultimate load factor speci
fied in the design requirements, somebody has made a mistake. The required 
wing loading can be solved for in Eq. (5.18) as follows: 

W qCLmax 
S n 

(5.20) 

The only unknown is the maximum lift coefficient at combat conditions. 
This is not the same as the maximum lift coefficient for landing. During 
combat, use of full flap settings is not usually possible. Also, there is a 
Mach-number effect which reduces maximum lift at higher speeds. Fre-
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quently the combat maximum usable lift will be limited by buffeting or 
controllability considerations. 

For initial design purposes, a combat maximum lift coefficient of about 
0.6-0.8 should be assumed for a fighter with only a simple trailing-edge flap 
for combat. For a fighter with a complex system of leading- and trailing
edge flaps which can be deployed during combat, a maximum usable lift 
coefficient of about 1.0-1.5 is attainable. Chapter 12 provides better meth
ods of estimating the maximum lift coefficient. 

Again, the resulting wing loading must be divided by the ratio of combat 
weight to takeoff weight to obtain the required takeoff wing loading. Usu
ally the combat weight is specified as the aircraft design takeoff weight with 
any external fuel tanks dropped and 50% of the internal fuel gone. This is 
approximately 0.85 times the takeoff weight for most fighters. 

The resulting wing loading is the maximum which will allow the required 
instantaneous turn. 

Sustained Turn 
The sustained turn rate is also important for success in combat. If two 

aircraft pass each other in opposite directions, it will take them about 10 
seconds to complete 180-deg turns back towards the other. The aircraft will 
probably not be able to maintain speed while turning at the maximum 
instantaneous rate. If one of the aircraft slows down below corner speed 
during this time it will be at a turn rate disadvantage to the other, which 
could prove fatal. 

Sustained turn rate is usually expressed in terms of the maximum load 
factor at some flight condition that the aircraft can sustain without slowing 
or losing altitude. For example, the ability for sustaining 4- or 5-g at 0.9 
Mach number at 30,000 ft is frequently specified. Equations (5.17) or (5.19) 
can be used to relate turn rate to load factor. 

If speed is to be maintained, the thrust must equal the drag (assuming that 
the thrust axis is approximately aligned with the flight direction). The lift 
must equal the weight times the load factor, so we can write: 

n = (TIW) (LID) (5.21) 

Sustained-turn load factor is maximized by maximizing the TIW and 
LID. The highest LID occurs when the induced drag equals the parasite 
drag, as expressed by Eq. (5.12). During a turn, the lift equals the weight 
times n, so the lift coefficient equals the wing loading times n divided by the 
dynamic pressure. Substitution into Eq. (5.12) yields: 

WIS = <J.. -J 1rAeCn0 n 
(5.22) 

This equation gives the wing loading that maximizes the sustained turn 
rate at a given flight condition. Note that if n equals one, Eq. (5.22) is the 
same as Eq. (5.13), the wing loading for best LID in level flight. 

Equation (5.22) estimates the wing loading that maximizes the sustained 
turn rate regardless of thrust available. This equation will frequently give 
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ridiculously low values of wing loading that will provide the required sus
tained turn rate using only a fraction of the available thrust. 

The wing loading to exactly attain a required sustained load factor n using 
all of the available thrust can be determined by equating the thrust and drag, 
and using the fact that since lift equals weight times n, the lift coefficient 
during maneuver equals the wing loading times n, divided by the dynamic 
pressure. This yields Eq. (5.23). 

(cl) n
2
W

2 

T = qSCv 0 + qS 1rAe = qSCn0 + qS1rAe (5.23) 

or 

(5.24) 

Equation (5.24) can be solved for WIS to yield the wing loading that 
exactly attains a required sustained load factor n [Eq. (5.25)]. Also, Eq. 
(5.24) can be used later to recheck the TIW after the wing loading is se
lected. 

W (TIW) ± -J(TIW)2 
- (4n 2Cv0hAe) 

S 2n 2/q1rAe 
(5.25) 

The thrust-to-weight ratio for this calculation is at combat conditions, so 
the takeoff TIWmust be adjusted to combat conditions by dividing by the 
ratio between combat and takeoff weight, and by multiplying by the ratio 
between combat thrust and takeoff thrust. 

If the term within the square root in Eq. (5.25) becomes negative, there 
is no solution. This implies that, at a given load factor, the following must 
be satisfied regardless of the wing loading: 

I_ ~ 2n re;;;; 
w -,J"iiAe (5.26) 

It is very important to realize in these calculations that the efficiency 
factor e, is itself a function of the lift coefficient at which the aircraft is 
operating. This is due to the separation effects at higher lift coefficients that 
increase drag above the parabolic drag polar values. At high angles of attack 
the e value may be reduced by 30% or more. 

Unfortunately, the above equations for turning flight are very sensitive to 
thee value. If these equations yield WIS values far from historical values, 
the e value is probably unrealistic and the calculated WIS values should be 
ignored. Methods in Chapter 12 will better account for the separation 
effects. 

Climb and Glide 
Appendix A.5 cites numerous climb requirements for FAR or military 

aircraft. These specify rate of climb for various combinations of factors 
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su_ch as engine-out, landing-gear position, and flap settings. While the de
tails may vary, the method for selecting a wing loading to satisfy such 
requirements is the same. 

R_ate of climb is a vertical velocity, typically expressed in feet-per-minute 
(which must be converted to feet-per-second for the following calculations). 
Climb gradient, "G," is the ratio between vertical and horizontal distance 
trav~led. As will be shown in Chapter 17, at normal climb angles the climb 
gradient equals the excess thrust divided by the weight, i.e.-

or 

G = (T-D)/W 

D T 
-=--G w w 

(5.27) 

(5.28) 

D/W can also be expressed as in Eq. (5.29), where in the final expression the 
lift coefficient is replaced by (WlqS). 

D _ qSCn0 + qS(CzhrAe) qCn0 W 1 
W- W = WIS +S q1rAe (5.29) 

Equating Eqs. (5.28) with (5.29) and solving for wing loading yields: 

W _ [(TIW) - G] ± -V[(TIW) - G] 2 - (4Cv
0
hrAe) 

S - 2/q1rAe (5.30) 

Note the similarity to Eq. (5.25). Equation (5.30) is merely Eq. (5.25) for 
a load factor of 1.0, with the (TIW) term replaced by [(TIW) - G]. As 
before, TIW must be ratioed to the flight conditions and weight under 
consideration. The resulting WIS must then be ratioed to a takeoff-weight 
value. 

The term within the square root symbol in Eq. (5.30) cannot go below 
zero, so the following must be true regardless of the wing loading: 

I_?. G + 2 re;: (5.31) w ,'1-;Xe 
This equation says that no matter how "clean" your design is, the TIW 

must be greater than the desired climb gradient! [TIW for a propeller 
aircraft was defined in Eq. (5.1).] 

Another implication of this equation is that a very "clean" aircraft that 
cruises at a high speed despite a very low TIW will probably climb poorly. 
A 200-mph airplane that flies on 20 hp can't be expected to climb as well as 
an ai_rplane that requires 200 hp to reach 200 mph (unless the latter weighs 
ten times as much). 

Cn0 and ~ values for some of the climb conditions specified in Appendix 
A.5 must mclude the effects of flaps and landing gear. Chapter 12 will 
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provide methods for estimating these effects; but for now, approximations 
can be used. 

For takeoff flap settings, Cn
0 

will increase by about 0.02 and e will 
decrease about 50Jo. For landing flap settings, Cv

0 
will increase by about 0.07 

and e will decrease by about lOOJo relative to the no-flap value. Retractable 
landing gear in the down position will increase Cv

0 
by about 0.02 (Ref. 7). 

Sometimes the rate of climb must also be calculated with one engine 
windmilling or stopped. The thrust loss due to a "dead" engine can be 
accounted for in the TIW. For example, if a three-engined aircraft loses one 
engine, the TIW becomes two-thirds of the original TIW. 

The drag increase due to a windmilling or stopped engine will further 
reduce the climb rate. Chapter 12 provides methods for estimating this drag. 
For rough initial analysis, however, it can probably be ignored. 

Equation (5.30) can also be used to establish the wing loading required to 
attain some specified glide angle, by setting TI W to zero and using a nega
tive value of G (i.e., a glide is a climb in the negative direction). If a 
particular sink rate must be attained, the value of G to use is the sink rate 
divided by the forward velocity. Make sure that both are in the same units. 

Maximum Ceiling 
Equation (5.30) can be used to calculate the wing loading to attain some 

maximum ceiling, given the T IW at those conditions. The climb gradient G 
can be set to zero to represent level flight at the desired altitude. Frequently 
a small residual climb capability, such as 100 ft/min, is required at maxi
mum ceiling. This can be included in Eq. (5.30) by first solving for the climb 
gradient G (climb rate divided by forward velocity). 

For a high-altitude aircraft such as an atmospheric research or reconnais
sance plane, the low dynamic pressure available may determine the mini
mum possible wing loading. For example, at 100,000 ft and 0.8 Mach 
number, the dynamic pressure is only 10 psi. Equation (5 .13) [repeated 
below as Eq. (5.32)] can be used to determine the wing loading for minimum 
power. 

WIS= q-V1rAeCn0 (5.32) 

This may suggest a wing loading so low as to be impractical, and so should 
be compared with the wing loading required to fly at a given lift coefficient, 
i.e.: 

WIS= qCL (5 .33) 

For efficiency during high-altitude cruise, the lift coefficient should be 
near the airfoil design lift coefficient. For a typical airfoil, this is about 0.5. 
For a high-altitude aircraft, new high-lift airfoils with design lift coefficients 
on the order of 1.0-1.4 can be used. 

5.4 SELECTION OF THRUST-TO-WEIGHT AND WING LOADING 
An initial estimate of the thrust-to-weight (or horsepower-to-weight) ratio 

was previously made. From the wing loadings estimated above, the lowest 
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value should be selected to ensure that the wing is large enough for all flight 
conditions. Don't forget to convert all wing loadings to takeoff conditions 
prior to comparisons. 

A low wing-loading will always increase aircraft weight and cost. If a very 
low wing-loading is driven by only one of the requirements, a change in 
design assumptions (such as a better high-lift system) may allow a higher 
wing-loading. 

Also, keep in mind that the wing loadings calculated by Eqs. (5.13-5.16), 
and Eqs. (5.22) and (5.32) are aerodynamic optimizations for only a portion 
of the mission. If these give wing loadings far lower than those in Table 5 .5, 
they may be ignored. 

When the best compromise for wing loading has been selected, the thrust
to-weight ratio should be rechecked to ensure that all requirements are still 
met. The equations in the last section which use TIW should be recalculated 
with the selected WIS and T/W. Only then can the next step of design, 
initial sizing, be initiated. 

6.1 INTRODUCTION 

6 
INITIAL SIZING 

Aircraft sizing is the process of determining the takeoff gross weight and 
fuel weight required for an aircraft concept to perform its design mission. 
Sizing was introduced in Chapter 3, in which a quick method based upon 
minimal information about the design was used to estimate the sizing 
parameters. That sizing method was limited to fairly simple design missions. 
This chapter presents a more refined method capable of dealing with most 
types of aircraft-sizing problems. 

An aircraft can be sized using some existing engine or a new design engine. 
The existing engine is fixed in size and thrust, and is referred to as a "fixed
engine" ("fixed" refers to engine size). 

The new design engine can be built in any size and thrust required, and is 
called a "rubber engine" because it can be "stretched" during the sizing 
process to provide any required amount of thrust. 

Rubber-engine sizing is used during the early stages of an aircraft develop
ment program that is sufficiently important to warrant the development of 
an all-new engine. This is generally the case for a major military fighter or 
bomber program, and is sometimes the case for a transport-aircraft project 
such as the SST. 

In these cases, the designer will use a rubber engine in the early stages of 
design, and then, with the customer, tell the engine company what charac
teristics the new engine should have. When the engine company finalizes the 
design for the new engine, it becomes fixed in size and thrust. The aircraft 
concept will then be finalized around this now-fixed engine. 

Developing a new jet engine costs on the order of a billion dollars. Devel
oping and certifying a new piston engine is also very expensive. Most aircraft 
projects do not rate development of a new engine, and so must rely on 
selecting the best of the existing engines. However, even projects which must 
use an existing engine may begin with a rubber-engine design study to deter
mine what characteristics to look for in the selection of an existing engine. 

The rubber engine can be scaled to any thrust so the thrust-to-weight ratio 
can be held to some desired value even as the aircraft weight is varied. The 
rubber-engine sizing approach allows the designer to size the aircraft to meet 
both performance and range goals, by solving for takeoff gross weight while 
holding the thrust-to-weight ratio required to meet the performance objec
tives. As the weight varies, the rubber-engine is scaled up or down as re
quired. 
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This is not possible for fixed-engine aircraft sizing. When a fixed size 
engine is used, either the mission range or the performance of the aircraft 
must become a fallout parameter. 

For example, if a certain rate of climb must be attained, then the thrust
to-weight ratio cannot be allowed to fall to an extremely low value. If the 
calculation of the takeoff gross weight required for the desired range indi
cates that the weight is much higher than expected, then either the range 
must be reduced or the rate of climb must be relaxed. 

A typical example of this is the would-be homebuilder who got a good buy 
on a Lycoming 0-320, and is designing an aircraft around that 150-hp en
gine. If the sizing results say that a bigger engine is required, the home
builder will change the sizing requirements! 

6.2 RUBBER-ENGINE SIZING 

Review of Sizing 

Chapter 3 presented a quick method of sizing an aircraft using a config
uration sketch and the selected aspect ratio. From this information a crude 
estimate of the maximum LID was obtained. Using approximations of the 
specific fuel consumption, the changes in weight due to the fuel burned 
during cruise and loiter mission segments were estimated, expressed as the 
mission-segment weight fraction (W;+ 1/ W;). Using these fractions and the 
approximate fractions for takeoff, climb, and landing which were provided 
in Table 3.2, the total mission weight fraction (Wx!W0) was estimated. 

For different classes of aircraft, statistical equations for the aircraft 
empty-weight fraction were provided in Table 3 .1. Then, the takeoff weight 
was calculated using Eq. (3.4), repeated below as Eq. (6.1). 

Since the empty weight was calculated using a guess of the takeoff weight, 
it was necessary to iterate towards a solution. This was done by calculating 
the empty-weight fraction from an initial guess of the takeoff weight and 
using Eq. (6.1) to calculate the resulting takeoff weight. If the calculated 
takeoff weight did not equal the initial guess, a new guess was made some
where between the two. 

UT _ Wcrew + Wpayload 
YYQ -

1 - (Uj!Wo) - (We!Wo) 
(6.1) 

where 

.!!i = 1. 06 (1 - Wx) 
Wo Wo 

(6.2) 

Equation (6.1) is limited in use to missions which do not have a sudden 
weight change, such as a payload drop. Also, in many cases Eq. (6.1) cannot 
be used for fixed-engine sizing. 

Refined Sizing Equation 

For missions with a payload drop or other sudden weight change, a 
slightly different sizing equation must be used. The takeoff weight is calcu-
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Table 6.1 Empty weight fraction vs W0 , A, TIW0 , W0 /S, and Mmax 

a b Cl C2 C3 C4 C5 

Jet trainer 0 4.28 -0.10 0.10 0.20 -0.24 0.ll 
Jet fighter -O.o2 2.16 -0.10 0.20 0.04 -0.10 0.08 
Military cargo/bomber 0.o7 l.71 -0.10 0.10 0.06 -0.10 0.05 
Jet transport 0.32 0.66 -0.13 0.30 0.06 -0.05 0.05 

K vs= variable sweep constant= 1.04 if variable sweep 

= 1.00 if fixed sweep 

lated by summing the crew weight, payload weight, fuel weight, and empty 
weight. This is shown in Eq. (6.2), which resembles Eq. (3.1) except that the 
payload now includes a fixed payload and a dropped payload. The empty 
weight is again expressed as an empty-weight fraction, but the fuel weight 
is determined directly. 

Wo = Wcrew + Wfi,ed + Wdropped + Wruet + Wempty 
payload payload 

(6.3) 

or 

Wo = fVc:rew + Wnxed + Wdropped + Wruel + (!!:) Wo (6.4) 
payload payload rr O 

As before, an initial guess of the takeoff weight is used to determine a 
calculated takeoff weight, and the solution is iterated until the two are 
approximately equal to within a few percent. Refined methods for determin
ing the empty-weight fraction and fuel used are discussed below. 

Empty-Weight Fraction 
The empty-weight fraction is estimated using improved statistical equa

tions. Tables 6.1 and 6.2 were prepared using data from Ref. 1 to provide 

Table 6.2 Empty weight fraction vs Wo, A, hp/ Wo, Wol S, and V max (mph) 

W,!Wo= a+ bWcf1A C2(hp/Wo)C3(Wo/S) c4 V~ix 
a b Cl C2 C3 C4 C5 

Sailplane-unpowered 0 0.75 -0.05 0.14 0 -0.30 0.06 
Sailplane-powered 0 1.20 -0.04 0.14 0.19 -0.20 0.05 
Homebuilt-metal/wood 0 0.69 -0.10 0.05 0.10 -0.05 0.17 
Homebuilt-composite 0 0.59 -0.10 0.05 0.10 -0.05 0.17 
General aviation-single engine - 0.25 l.14 -0.20 0.08 0.05 -0.05 0.27 
General aviation-twin engine -0.90 1.32 -0.10 0.08 0.05 -0.05 0.20 
Agricultural aircraft 0 l.64 -0.14 0.o7 0.10 -0.10 0.11 
Twin turboprop 0.37 0.08 -0.06 0.08 0.08 -0.05 0.30 
Flying boat 0 0.41 -0.ot 0.10 0.05 -0.12 0.18 
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empty-weight equations which better reflect the weight impact of the major 
design variables. These are the aspect ratio, thrust-to-weight (or horse-
power-to-weight) ratio, wing loading, and m::iximum speed. . . . 

The equations of Tables 6.1 and 6.2 result m a much better statistical fit, 
with only about half the standard deviation of the equations in Table 3 .1. 
However, these equations should not be used to conduct design trade stu?ies 
for one particular aircraft. That must be done using the component weight 
buildup methods in Chapter 15. 

Fuel Weight 
The remaining unknown in Eq. (6.4) is the fuel weight. Previously this 

was estimated as a fuel fraction by determining the ratio between the weight 
at the end of the mission and the takeoff weight (Wxl Wo). As the only 
weight loss during the mission was due to fuel usage, the fuel fraction was 
found simply as (1 - W,JW0). This cannot be assumed if the mission in
cludes a weight drop. 

If the mission includes a weight drop, it is necessary to actually calculate 
the weight of the fuel burned during every mission leg, and sum for the total 
mission fuel. The mission segment weight fractions ( W/ W; _ 1) are calcu
lated as before for all mission segments other than those which are weight 
drops. For each mission segment, the fuel burned is then equal to: 

(6.5) 

The total mission fuel, W1m, then is equal to: 

(6.6) 

The total aircraft fuel includes the mission fuel as well as an allowance for 
reserve and trapped fuel. This reserve fuel allowance is usually 5 OJo, and 
accounts for an engine with poorer-than-normal fuel consumption. An 
additional allowance of 1 OJo for trapped (i.e., unusable) fuel is typical. 
Thus, the total aircraft fuel is: 

W1 =l.06(tw1) (6.7) 

The methods used for estimating the mission segment weight fractions are 
presented below. These are a combination of analytical and statistical meth
ods, similar to the methods used in Chapter 3. 

Engine Start, Taxi, and Takeoff 

As before, the mission segment weight fraction for engine start, taxi, and 
takeoff is estimated historically. A reasonable estimate is: 

W 1/W0 =0.97-0.99 (6.8) 
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Climb and Accelerate 

From data in Ref. 10, the weight fraction for an aircraft climbing and 
accelerating to cruise altitude and Mach number "M," (starting at Mach 
0.1), will be approximately as follows: 

Subsonic: W/W,_ 1 = 1.0065 -0.0325M 

Supersonic: W/W;_ 1 =0.991-0.007M -0.01M2 

(6.9) 

(6.10) 

For an acceleration beginning at other than Mach 0.1, the weight fraction 
calculated by Eqs. (6.9) or (6.10) for the given ending Mach number should 
be divided by the weight fraction calculated for the beginning Mach number 
using Eqs. (6.9) or (6.10). 

For example, acceleration from Mach 0.1-0.8 requires a weight fraction 
of about 0.9805, whereas acceleration from Mach 0.1-2.0 requires a weight 
fraction of 0.937. To accelerate from Mach 0.8-2.0 would require a weight 
fraction of (0.937 /0.9805), or 0.956. 

Cruise 

Equation (3.6), repeated below as Eq. (6.11), is derived from the Breguet 
range equation for cruise as derived in Chapter 17. For propeller aircraft, 
the specific fuel consumption "C" is calculated from the propeller specific 
fuel consumption (Cp or Cbhp) using Eq. (3.10). Substitution of Eq. (3.10) 
into Eq. (6.11) yields Eq. (6.12). 

Jet: 

where 

R =range 

W, -RC 
-- =exp--
W;_1 V(LID) 

C = specific fuel consumption 
V =velocity 
LID = lift-to-drag ratio 

Prop: W; [ -RCbhp l -- =exp 
W;_ 1 550 T/p(LID) 

where T/p = propeller efficiency. 

(6.11) 

(6.12) 

During cruise and loiter, the lift equals the weight, so the LID can be 
expressed as the inverse of the drag divided by the weight: 

L 
D qCv0 + W_l_ 

WIS S q1rAe 

(6.13) 



106 AIRCRAFT DESIGN 

Note that the wing loading used in Eq. (6.13) and subsequent weight 
fraction equations is the actual wing loading at the condition being evalu
ated, not the takeoff wing loading. 

Loiter 

Repeating Eq. (3.8), the weight fraction for a loiter mission segment is: 

Jet: 
W; -EC 

W;_ 1 = exp LID (6.14) 

where E = endurance or loiter time. 
(Note-watch the units!) Substitution of Eq. (3.10) into Eq. (6.14) yields: 

Prop: W; -EVCbh --=exp P 
W;-1 550 1/p(LID) (6.15) 

Combat 

The combat mission leg is normally specified as either a time duration 
("d") at maximum power (typically d = 3 min), or as a certain number of 
combat turns at maximum power at some altitude and Mach number. The 
weight of the fuel burned is equal to the product of thrust, specific fuel 
consumption, and duration of the combat, so the mission segment weight 
fraction is: 

W;IW;_ 1 = 1-C(TIW)(d) (6.16) 

Note that the TIWis defined at combat weight and thrust, not at takeoff 
conditions. Again, watch the units, especially the time units. 

If the combat is defined by some number of turns, the duration of combat 
(d) must be calculated. The time to complete "x" turns is the total number 
of radians to turn divided by the turn rate. When combined with Eq. (5 .17), 
this yields: 

(6.17) 

The load factor "n" for a sustained combat turn is found by assuming 
that the thrust angle is approximately aligned with the flight direction, so the 
thrust must equal the drag. The lift must equal the weight times the load 
factor n, which yields: 

n = (TIW)(LID) (6.18) 

This is subject to the constraints of maximum structural load factor [Eq. 
(6.19)] and maximum available lift [Eq. (6.20)]. 

(6.19) 

INITIAL SIZING 

n < qCLmax 
- WIS 
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(6.20) 

The lift-to-drag ratio is found by including the load factor term into Eq. 
(6.13), which results in Eq. (6.21). The changes to Cv

0 
and eat combat 

conditions which were discussed in the last chapter should be used in Eq. 
(6.21). 

L 
D 

Descent for Landing 

Cv0 n(WIS) 
q n(WIS) + q1rAe 

Descent is estimated historically: 

W;IW;_ 1 =0.990 to 0.995 

Landing and Taxi Back 

Again, a historical approximation is used. 

W;IW;_ 1 = 0.992 to 0.997 

Summary of Refined Sizing Method 

(6.21) 

(6.22) 

(6.23) 

The design and sizing method presented above, as summarized in Fig. 
6.1, resembles in many respects the first-order method presented as Fig. 3. 7, 

SKETCH OR 

~ I DESIGN OBJECTIVES I ~ 
WING GEOMETRY SIZING 

INITIAL LAYOUT .. SELECTION AND .. MISSION 
"ii" ESTIMATE 

7 + ~ T/WAND WIS 

Swe.lS..r 
AND Co0 ~ FOR EACH 

W;-1 MISSION 

I~ SEGMENT 
ENGINE SFC's 

I~ 
W,GUESS 

J 
W, EQUATION 

W1FOREACH ITERATE w, 

~ 
MISSION SEGMENT FOR 

SOLUTION 

W8 CALCULATED 

Fig. 6.1 Refined sizing method. 
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but makes use of more sophisticated analytical techniques and also permits 
sizing to missions which include weight drops. 

From the design objectives and sizing mission, the wing geometry can be 
selected and an estimate of e obtained. A conceptual sketch or initial layout 
is used to estimate the wetted-area ratio, from which Cn

0 
is estimated. (Re

member that e and Cn
0 

will be reduced during high-lift, combat conditions). 
The methods of the previous chapter are used to select initial values for 

thrust-to-weight (or horsepower-to-weight) ratio and wing loading. Then 
the methods of this chapter are used along with engine data to determine the 
mission-segment weight fractions for each leg of the design mission. 

The iteration for takeoff gross weight (" W0") begins with an initial guess 
as to W0 , and then the aircraft weight is calculated throughout the mission. 
For each mission leg, the aircraft weight will be reduced by either the weight 
of fuel burned or the payload weight dropped. Also, the total fuel burned 
is summed throughout the mission. Equations (6. 7) and (6.4) are then used, 
along with a statistical empty weight fraction estimation, to arrive at a 
calculated Wo . 

If this does not equal the guessed value for W0 , a new guess for W0 is 
selected between the two values. Experience indicates that the solution will 
converge most rapidly if the new guess for W0 is about three-fourths of the 
way from the initial guess to the calculated W0 value. 

This procedure is less complicated than it sounds. Examples can be found 
in Chapter 21. 

(An alternative sizing method starts with a Wo guess, and then subtracts 
the payload weight, crew weight, and calculated fuel weight to arrive at the 
"empty weight required" to perform the mission. This is compared to the 
statistical "empty weight available." If the empty weight required exceeds 
the empty weight available, then Wo must be increased for the next itera
tion. This method is mathematically identical to the method presented 
above, but provides less-obvious guidance as to the next value of Wo to use 
for iteration.) 

6.3 FIXED-ENGINE SIZING 
The sizing procedure for the fixed-size engine is similar to the rubber

engine sizing, with several exceptions. These result from the fact that either 
the mission range or the performance must be considered a fallout parame
ter, and allowed to vary as the aircraft is sized. 

If the range is allowed to vary, the sizing problem is very simple. The 
required thrust-to-weight ratio (TIW) is determined as in the last section to 
provide all required performance capabilities, using the known characteris
tics of the selected engine. Then the takeoff gross weight is determined as 
the total engine takeoff thrust divided by the required takeoff thrust-to
weight ratio. 

Wt _ NTper engine 
0 - (TIW) (6.24) 

where N = number of engines. 
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With the takeoff weight known, the range capability can be determined 
from Eq. (6.4) using a modified iteration technique. The known takeoff 
weight is repeatedly used as the "guess" W0 , and the range for one or more 
cruise legs is varied until the calculated Wo equals the known Wo. 

This technique can also be used to vary mission parameters other than 
range. For example, a research aircraft may be sized for a certain radius 
(range out and back) with the number of minutes of test time as the variable 
parameter. 

If some range requirement must be satisfied, then performance must be 
the fallout. The takeoff gross weight will be set by fuel requirements, and 
the fixed-size engine may not necessarily provide the thrust-to-weight ratio 
desired for performance considerations. 

In this case the takeoff gross weight can be solved by iteration of Eq. (6.4) 
as for the rubber-engine case, with one major exception. The thrust-to
weight ratio is now permitted to vary during the sizing iterations. Equation 
(6.16) cannot be used for determining a weight fraction for combat mission 
legs as it assumes a known TI W. 

Instead, the fuel burned during combat by a fixed-size engine is treated as 
a weight drop. For a given engine, the fuel burned during a combat leg of 
duration dis simply the thrust times the specific fuel consumption times the 
duration: 

Uj = CTd (6.25) 

The weight of fuel calculated by Eq. (6.25) is treated as a weight drop in 
the iterations to solve Eq. (6.4). Once the takeoff gross weight is deter
mined, the resulting thrust-to-weight ratio must be used to determine the 
actual aircraft performance for the requirements evaluated in the last chap
ter. If the requirements are not met, then either your aircraft design is not 
very good or the requirements are too tough! 

6.4 GEOMETRY SIZING 

Fuselage 

Once the takeoff gross weight has been estimated, the fuselage, wing, and 
tails can be sized. Many methods exist to initially estimate the required 
fuselage size. 

For certain types of aircraft, the fuselage size is determined strictly by 
"real-world constraints." For example, a large passenger aircraft devotes 
most of its length to the passenger compartment. Once the number of pas
sengers is known and the number of seats across is selected, the fuselage 
length and diameter are essentially determined. 

For initial guidance during fuselage layout and tail sizing, Table 6.3 pro
vides statistical equations for fuselage length developed from data provided 
in Ref. 1. These are based solely upon takeoff gross weight, and give re
markably good correlations to most existing aircraft. 

Fuselage fineness ratio is the ratio between the fuselage length and its 
maximum diameter. If the fuselage cross section is not a circle, an equiva
lent diameter is calculated from the cross-sectional area. 
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Table 6.3 Fuselage length vs W0 

Length = a Wcf 

Sailplane-unpowered 
Sailplane-powered 
Homebuilt-metal/wood 
Homebuilt-composite 
General aviation-single engine 
General aviation-twin engine 
Agricultural aircraft 
Twin turboprop 
Flying boat 
Jet trainer 
Jet fighter 
Military cargo/bomber 
Jet transport 

a 

0.86 
0.71 
3.68 
3.50 
4.37 
0.86 
4.04 
0.37 
1.05 
0.79 
0.93 
0.23 
0.67 

C 

0.48 
0.48 
0.23 
0.23 
0.23 
0.42 
0.23 
0.51 
0.40 
0.41 
0.39 
0.50 
0.43 

Theoretically, for a fixed internal volume the subsonic drag is minimized 
by a fineness ratio of about 3.0 while supersonic drag is minimized by a 
fineness ratio of about 14. Most aircraft fall between these values. 

A historically-derived fuselage fineness ratio can be used, along with the 
length estimate, to develop the initial fuselage layout. However, "real
world constraints" such as payload envelope must take priority. For most 
design efforts the realities of packaging the internal components will estab
lish the fuselage length and diameter. 

Wing 
The actual wing size can now be determined simply as the takeoff gross 

weight divided by the takeoff wing loading. Remember that this is the 
reference area of the theoretical, trapezoidal wing, and includes the area 
extending into the aircraft centerline. 

Tail Volume Coefficient 
For the initial layout, a historical approach is used for the estimation of 

tail size. The effectiveness of a tail in generating a moment about the center 
of gravity is proportional to the force (i.e., lift) produced by the tail and to 
the tail moment arm. 

The primary purpose of a tail is to counter the moments produced by the 
wing. Thus, it would be expected that the tail size would be in some way 
related to the wing size. In fact, there is a directly proportional relationship 
between the two, as can be determined by examining the moment equations 
presented in Chapter 16. Therefore, the tail area divided by the wing area 
should sh~w some consistent relationship for different aircraft, if the ef
fects of tail moment arm could be accounted for. 

The force due to tail lift is proportional to the tail area. Thus, the tail 
effectiveness is proportional to the tail area times the tail moment arm. This 
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product has units of volume, which leads to the "tail volume coefficient" 
method for initial estimation of tail size. 

Rendering this parameter nondimensional requires dividing by some 
quantity with units of length. For a vertical tail, the wing yawing moments 
which must be countered are most directly related to the wing span bw. This 
leads to the "vertical tail volume coefficient," as defined by Eq. (6.26). For 
a horizontal tail or canard, the pitching moments which must be countered 
are most directly related to the wing mean chord (Cw). This leads to the 
"horizontal tail volume coefficient," as shown by Eq. (6.27). 

(6.26) 

(6.27) 

Note that the moment arm (L) is commonly approximated as the distance 
from the tail quarter-chord (i.e., 25% of the mean chord length measured 
back from the leading edge of the mean chord) to the wing quarter-chord. 

The definition of tail moment arm is shown in Fig. 6.2, along with the 
definitions of tail area. Observe that the horizontal tail area is commonly 
measured to the aircraft centerline, while a canard's area is commonly con
sidered to include only the exposed area. If twin vertical tails are used, the 
vertical tail area is the sum of the two. 

TAIL VOLUME COEFFICIENT METHOD 

!Le 

Sw = WING AREA 

bw WING SPAN 

cw= WING MEAN CHORD 

14--Lvt ---" 

Fig. 6.2 Initial tail sizing. 



112 AIRCRAFT DESIGN 

Table 6.4 Tail volume coefficient 

Typical values 

Horizontal cHT Vertical Cvr 

Sailplane 0.50 0.02 
Homebuilt 0.50 0.04 
General aviation-single engine 0.70 0.04 
General aviation-twin engine 0.80 0.o7 
Agricultural 0.50 0.04 
Twin turboprop 0.90 0.08 
Flying boat 0.70 0.06 
Jet trainer 0.70 0.06 
Jet fighter 0.40 0.07 
Military cargo/bomber 1.00 0.08 
Jet transport 1.00 0.09 

Table 6.4 provides typical values for volume coefficients for different 
classes of aircraft. These values (conservative averages based upon data in 
Refs. 1 and 11), are used in Eqs. (6.28) or (6.29) to calculate tail area. 

(Incidentally, Ref. 11 compiles a tremendous amount of aircraft data and 
is highly recommended for every designer's library.) 

(6.28) 

(6.29) 

To calculate tail size, the moment arm must be estimated. This can be 
approximated at this stage of design by a percent of the fuselage length as 
previously estimated. 

For an aircraft with a front-mounted propeller engine, the tail arm is 
about 600Jo of the fuselage length. For an aircraft with the engines on the 
wings, the tail arm is about 50-550Jo of the fuselage length. For aft-mounted 
engines the tail arm is about 45-500Jo of the fuselage length. A sailplane has 
a tail moment arm of about 650Jo of the fuselage length. 

For an all-moving tail, the volume coefficient can be reduced by about 
10-15 OJo. For a "T-tail," the vertical-tail volume coefficient can be reduced 
by approximately 50Jo due to the end-plate effect, and the horizontal tail 
volume coefficient can be reduced by about 5 OJo due to the clean air seen by 
the horizontal. Similarly, the horizontal tail volume coefficient for an "H
tail" can be reduced by about 50Jo. 

For an aircraft which uses a "V-tail," the required horizontal and vertical 
tail sizes should be estimated as above. Then the V surfaces should be sized 
to provide the same total surface area (Ref. 3) as required for conventional 
tails. The tail dihedral angle should be set to the arctangent of the square 
root of the ratio between the required vertical and horizontal tail areas. This 
should be near 45 deg. 
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The horizontal tail volume coefficient for an aircraft with a control-type 
canard is approximately 0.1, based upon the relatively few aircraft of this 
type that have flown. For canard aircraft there is a much wider variation in 
the tail moment arm. Typically, the canarded aircraft will have a moment 
arm of about 30-500Jo of the fuselage length. 

For a lifting-canard aircraft, the volume coefficient method isn't applica
ble. Instead, an area split must be selected by the designer. The required 
total wing area is then allocated accordingly. Typically, the area split allo
cates about 250Jo to the canard and 750Jo to the wing, although there can be 
wide variation. A 50-50 split produces a tandem-wing aircraft. 

For an airplane with a computerized "active" flight control system, the 
statistically estimated tail areas may be reduced by approximately 1 OOJo pro
vided that trim, engine-out, and nosewheel liftoff requirements can be met. 
These are discussed in Chapter 16. 

6.5 CONTROL-SURFACE SIZING 

The primary control surfaces are the ailerons (roll), elevator (pitch), and 
rudder (yaw). Final sizing of these surfaces is based upon dynamic analysis 
of control effectiveness, including structural bending and control-system 
effects. For initial design, the following guidelines are offered. 

The required aileron area can be estimated from Fig. 6.3, an updated 
version of a figure from Ref. 12. In span, the ailerons typically extend from 

1.0 
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.10 .12 .14 .16 .18 .20 .22 .24 .26 .28 .30 .32. .34 

AILERON CHORD 

After Ref. 12 WING CHORD 

Fig. 6.3 Aileron guidelines. 
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about 500Jo to about 900Jo of the span. In some aircraft, the ailerons extend 
all the way out to the wing tips. This extra lOOJo provides little control 
effectiveness due to the vortex flow at the wingtips, but can provide a 
location for an aileron mass balance (see below). 

Wing flaps occupy the part of the wing span inboard of the ailerons. If 
a large maximum lift coefficient is required, the flap span should be as large 
as possible. One way of accomplishing this is through the use of spoilers 
rather than ailerons. Spoilers are plates located forward of the flaps on the 
top of the wing, typically aft of the maximum thickness point. Spoilers are 
deflected upward into the slipstream to reduce the wing's lift. Deploying the 
spoiler on one wing will cause a large rolling moment. 

Spoilers are commonly used on jet transports to augment roll control at 
low speed, and can also be used to reduce lift and add drag during the 
landing roll out. However, because spoilers have very nonlinear response 
characteristics they are difficult to implement for roll control when using a 
manual flight control system. 

High-speed aircraft can experience a phenomena known as "aileron re
versal" in which the air loads placed upon a deflected aileron are so great 
that the wing itself is twisted. At some speed, the wing may twist so much 
that the rolling moment produced by the twist will exceed the rolling mo
ment produced by the aileron, causing the aircraft to roll the wrong way. 

To avoid this, many transport jets use an auxiliary, inboard aileron for 
high-speed roll control. Spoilers can also be used for this purpose. Several 
military fighters rely upon "rolling tails" (horizontal tails capable of being 
deflected nonsymmetrically) to achieve the same result. 

Elevators and rudders generally begin at the side of the fuselage and 
extend to the tip of the tail or to about 900Jo of the tail span. High-speed 

WING OR TAIL 

' ' ' 

Fig. 6.4 Constant-percent chord control surface. 

\ 
\ 

' ·. \ 
'' ~ I ' \ \ ', \, 

' .. , 
APEX '~ 

INITIAL SIZING 115 

HINGELINE 

(a) NOTCHED OR "HORN" (b) OVERHUNG AERODYNAMIC 
AERODYNAMIC BALANCE BALANCE 

Fig. 6.5 Aerodynamic balance. 

aircraft sometimes use rudders of large chord which only extend to about 
500Jo of the span. This avoids a rudder effectiveness problem similar to 
aileron reversal. 

Control surfaces are usually tapered in chord by the same ratio as the 
wing or tail surface so that the control surface maintains a constant percent 
chord (Fig. 6.4). This allows spars to be straight-tapered rather than curved. 
Ailerons and flaps are typically about 15-250Jo of the wing chord. Rudders 
and elevators are typically about 25-500Jo of the tail chord. 

Control-surface "flutter," a rapid oscillation of the surface caused by the 
airloads, can tear off the control surface or even the whole wing. Flutter 
tendencies are minimized by using mass balancing and aerodynamic balanc
ing. 

Mass balancing refers to the addition of weight forward of the control
surface hingeline to counterbalance the weight of the control surface aft of 
the hingeline. This greatly reduces flutter tendencies. To minimize the 
weight penalty, the balance weight should be located as far forward as 
possible. Some aircraft mount the balance weight on a boom flush to the 
wing tip. Others bury the mass balance within the wing, mounted on a 
boom attached to the control surface. 

An aerodynamic balance is a portion of the control surface in front of the 
hinge line. This lessens the control force required to deflect the surface, and 
helps to reduce flutter tendencies. 

The aerodynamic balance can be a notched part of the control surface 
(Fig. 6.5a), an overhung portion of the control surface (Fig. 6.5b), or a 
combination of the two. The notched balance is not suitable for ailerons or 
for any surface in high-speed flight. The hinge axis should be no farther aft 
than about 200Jo of the average chord of the control surface. 

The horizontal tail for a manually-controlled aircraft is almost always 
configured such that the elevator will have a hinge line perpendicular to the 
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aircraft centerline. This permits connecting the left- and right-hand elevator 
surfaces with a torque tube, which reduces elevator flutter tendencies. 

Some aircraft have no separate elevator. Instead, the entire horizontal tail 
is mounted on a spindle to provide variable tail incidence. This provides 
ou_tst~ndi°:g "elevator" effectiveness but is somewhat heavy. Some general
aviat10n aircraft use such an all-moving tail, but it is most common for 
supersonic aircraft, where it can be used to trim the rearward shift in aero
dynamic center that occurs at supersonic speeds. 

A few aircraft such as the SR-71 have used all-moving vertical tails to 
increase control authority. 

Lockheed SR-71 

7.1 

7 
CONFIGURATION LAYOUT AND LOFT 

INTRODUCTION 
The process of aircraft conceptual design includes numerous statistical 

estimations, analytical predictions, and numerical optimizations. However, 
the product of aircraft design is a drawing. While the analytical tasks are 
vitally important, the designer must remember that these tasks serve only to 
influence the drawing, for it is the drawing alone that ultimately will be used 
to fabricate the aircraft. 

All of the analysis efforts to date were performed to guide the designer in 
the layout of the initial drawing. Once that is completed, a detailed analysis 
can be conducted to resize the aircraft and determine its actual perfor
mance. This is discussed in Chapters 12-19. 

This detailed analysis is time-consuming and costly, so it is essential that 
the initial drawing be credible. Otherwise, substantial effort will be wasted 
upon analyzing an unrealistic aircraft. 

This chapter and Chapters 8-11 discuss the key concepts required to 
develop a credible initial drawing of a conceptual aircraft design. These 
concepts include the development of a smooth, producible, and aerodynam
ically acceptable external geometry, the installation of the internal features 
such as the crew station, payload, landing gear, and fuel system, and the 
integration of the propulsion system. 

Real-world considerations which must be met by the design include the 
correct relationship between the aerodynamic center and the center of grav
ity, the proper amount of pilot outside visibility, and sufficient internal 
access for production and maintenance. 

7.2 END PRODUCTS OF CONFIGURATION LAYOUT 
The outputs of the configuration layout task will be design drawings of 

several types as well as the geometric information required for further anal
ysis. 

The design layout process generally begins with a number of conceptual 
sketches. Figure 7 .1 illustrates an actual, unretouched sketch from a fighter 
conceptual design study (Ref. 13). As can be seen, these sketches are crude 
and quickly done, but depict the major ideas which the designer intends to 
incorporate into the actual design layout. 

A good sketch will show the overall aerodynamic concept and indicate the 
locations of the major internal components. These should include the land
ing gear, crew station, payload or passenger compartment, propulsion sys-

117 
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Fig. 7.1 Design sketch. 

tern, fuel tanks, and any unique internal compouents such as a large radar. 
Conceptual sketches are not usually shown to anybody after the actual 
layout is developed, but may be used among the design engineers to discuss 
novel ideas before they begin the layout. 

The actual design layout is developed using the techniques to be discussed 
in the following chapters. Figure 7 .2 shows such a design layout, Rockwell's 
entry in the competition to build the X-29 Forward Sweep Demonstrator. 
This drawing typifies initial design layouts developed by major airframe 
companies during design studies. 

Figure 7 .3 is the initial design developed from the sketch shown as Fig. 
7 .1. In this case a computer-aided conceptual design system was used to 
develop a three-dimensional geometric model of the aircraft concept (Ref. 
14). The design techniques are similar whether a computer or a drafting 
board is used for the initial design. 

A design layout such as those shown in Figs. 7 .2 and 7 .3 represents the 
primary input into the analysis and optimization tasks discussed in Chapters 
12-19. Three other inputs must be prepared by the designer: the wetted-area 
plot (Fig. 7 .4), volume distribution plot (Fig. 7 .5), and fuel-volume plots 
for the fuel tanks. Preparation of the wetted-area and volume plots is dis
cussed later in this chapter; the fuel-volume determination is discussed in 
Chapter 10. 

Once the design has been analyzed, optimized, and redrawn for a number 
of iterations of the conceptual design process, a more detailed drawing can 
be prepared. Called the "inboard profile" drawing, this depicts in much 
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greater detail the internal arrangement of the subsystems. Figure 7 .6 illus
trates the inboard profile prepared for the design of Fig. 7 .2. A companion 
drawing, not shown, would depict the internal arrangement at 20-50 cross
sectional locations. 

The inboard profile is far more detailed than the initial layout. For exam
ple, while the initial layout may merely indicate an avionics bay based upon 
a statistical estimate of the required avionics volume, the inboard profile 
drawing will depict the actual location of every piece of avionics (i.e., 
"black boxes") as well as the required wire bundles and cooling ducts. 

The inboard profile is generally a team project, and takes many weeks. 
During the preparation of the inboard profile it is not uncommon to find 
that the initial layout must be changed to provide enough room for every
thing. As this can result in weeks of lost effort, it is imperative that the 
initial layout be as well thought-out as possible. 

Figure 7. 7 shows a side-view inboard profile prepared in 1942 for an early 
variant of the P-51. This detailed drawing shows virtually every internal 
system, including control bellcranks, radio boxes, and fuel lines. Prepara
tion of such a detailed drawing goes beyond the scope of this book, but 
aspiring designers should be aware of them . 

At about the same time that the inboard profile drawing is being pre
pared, a "lines control" drawing may be prepared that refines and details 
the external geometry definition provided on the initial layout. Again, such 
a detailed drawing goes beyond the scope of this book. Also, most major 
companies now use computer-aided lofting systems that do not require a 
lines control drawing. 

After the inboard profile drawing has been prepared, an "inboard iso
metric" drawing (Fig. 7.8) may be prepared. It will usually be prepared by 
the art group for the purpose of illustration only, and be used in briefings 
and proposals. Such a drawing is frequently prepared and published by 
aviation magazines for existing aircraft. (In fact, the magazine illustrations 
are usually better than those prepared by the aircraft companies!) 

7.3 CONIC LOFTING 
"Lofting" is the process of defining the external geometry of the aircraft. 

"Production lofting," the most detailed form of lofting, provides an exact, 
mathematical definition of the entire aircraft including such minor details 
as the intake and exhaust ducts for the air conditioning. 

A production-loft definition is expected to be accurate to within a few 
hundredths of an inch (or less) over the entire aircraft. This allows the 
different parts of the aircraft to be designed and fabricated at different 
plant sites yet fit together perfectly during final assembly. Most aircraft 
companies now use computer-aided loft systems that incorporate methods 
discussed in Ref. 80. 

For an initial layout it is not necessary to go into as much detail. How
ever, the overall lofting of the fuselage, wing, tails, and nacelles must be 
defined sufficiently to show that these major components will properly 
enclose the required internal components and fuel tanks while providing a 
smooth aerodynamic contour. 
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LEAD "DUCKS" 

Fig. 7.9 Spline lofting. 

Lofting ~ets its name from shipbuilding. The definition of the hull shape 
was done m the loft over the shipyard, using enormous drawings. To 
provide a smooth longitudinal contour, points taken from the desired cross 
sections were connected longitudinally on the drawing by flexible 
"splines," long, thin wood or plastic rulers held down at certain points by 
lead "ducks" (pointed weights-see Fig. 7.9). 

This technique was used for early aircraft lofting, but suffers from two 
disadvantages. First, it requires a lot of trial and error to achieve a smooth 
surface both in cross section and longitudinally. 

~econd, and perhaps more important, this method does not provide a 
umque mathematical definition of the surface. To create a new cross section 
requires ~ tremendous amount of drafting effort, especially for a canted 
cross sect10n (i.e., a cross-sectional cut at some angle other than perpendic
ular to the centerline of the aircraft). In addition to the time involved this 
method is prone to mismatch errors. ' 

A new met?od of lofting was used for the first time on the P-51 Mustang 
(Ref._ 15). This method, now considered traditional, is based upon a math
ematical curve form known as the "conic." 

The great advantage of the conic is the wide variety of curves that it can 
represent, and the ease with which it can be constructed on the drafting 
table. 

Whil~ many other forms of lofting are in use, conic lofting has been the 
most widely used. Also, an understanding of conic lofting provides the 
necessary foundation to learn the other forms of lofting, including com
puter-aided lofting. 

A conic is a second-degree curve whose family includes the circle, ellipse, 
parabola, and hyperbola. The generalized form of the conic is given in Eq. 
(7.1). T~e conic is best visualized as a slanted cut through a right circular 
cone (Fig. 7 .10). A number of specialized conic equations are provided in 
Ref. 80. 

(7.1) 
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HYPERBOLA 

Fig. 7.10 Conic geometry definition. 
B 

The shape of the conic depends upon the angle of the cut through the 
cone. If the cut is flat.(i.e., perpendicular to the axis of the cone), then the 
resulting curve will be a circle; if somewhat slanted, an ellipse; if exactly 
parallel to the opposite side, a parabola. A greater cut angle yields a hyper
bola. 

A conic curve is constructed from the desired start and end points ("A" 
and "B"), and the desired tangent angles at those points. These tangent 
angles intersect at point "C." The shape of the conic between the points A 
and B is defined by some shoulder point "S." (The points labeled "E" in 
Fig. 7 .10 are a special type of shoulder point, discussed later.) Figure 7 .11 
illustrates the rapid graphical layout of a conic curve. 

The first illustration in Fig. 7 .11 shows the given points A, B, C, and S. 
In the second illustration, lines have been drawn from A and B, passing 
through S. 

The remaining illustrations show the generation of one point on the 
conic. In the third illustration a line is drawn from point Cat an arbitrary 
angle. Note the points where this line intersects the A-Sand B-S lines. 

Lines are now drawn from A and B through the points found in the last 
step. The intersection of these lines is a point "P" which is on the desired 
conic curve. 

To generate additional points, the last two steps are repeated. Another 
line is drawn from point C at another arbitrary angle, and then the lines 
from A and B are drawn and their intersection is found. When enough 
points have been generated, a French curve is used to draw the conic. 
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Fig. 7.11 Conic layout. 

Fig. 7.12 Conic layout example. 
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While this procedure seems complicated at first, with a little practice a 
good designer can construct an accurate conic in less than a minute. Figure 
7 .12 illustrates a conic curve generated in this manner. Note that it is not 
necessary to draw completely the various lines, as it is only their intersec
tions which are of interest. 

7 .4 CONIC FUSELAGE DEVELOPMENT 

Longitudinal Control Lines 
To create a smoothly-lofted fuselage using conics, it is necessary only to 

ensure that the points A, B, C, and S in each of the various cross sections 
can be connected longitudinally by a smooth line. Figure 7 .13 shows the 
upper half of a simple fuselage, in which the A, B, C, and S points in three 
cross sections are connected by smooth longitudinal lines. These are called 
"longitudinal control lines" because they control the shapes of the conic 
cross sections. 

Figure 7 .14 shows the side and top views of these longitudinal control 
lines. Since the cross sections are tangent to horizontal at the top of the 
fuselage, the A and Clines are identical in side view. Similarily, the cross 
sections are tangent to vertical at the side of the fuselage, so the B and C 
lines are identical in top view. This is common, but not required. 

In Fig. 7 .14, the longitudinal control lines are used to create a new cross 
section, in between the second and third cross sections previously defined. 
This new cross section is created by measuring, from the longitudinal con
trol lines, the positions of the A, B, C, and S points at the desired location 
of the new cross section. 

8 

A 

Fig. 7.13 Longitudinal control lines. 

8 
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Fig. 7.14 Cross section development from longitudinal control lines. 

As is shown for point A, each point is defined by two measurements, one 
from side view and one from top view. From these points the new cross 
section can be drawn using the conic layout procedure illustrated in Fig. 
7.11. 

The original cross sections that are used to develop the longitudinal con
trol lines are called the "control cross sections," or "control stations." 
These cross sections are drawn to enclose the various internal components, 
such as the cockpit or engine. 

Control stations can also be drawn to match some required shape. For 
example, the last cross section of a single-engined jet fighter with a conven
tional round nozzle would have to be a circle of the diameter of the nozzle. 

Typically, some five to ten control stations will be required to develop a 
fuselage that meets all geometric requirements. The remaining cross sec
tions of the fuselage can then be drawn from the longitudinal control lines 
developed from these control stations. 

Fuselage Lofting Example 

Figure 7 .15 illustrates a common application of conic lofting to define a 
fighter fuselage for an initial layout. Five control stations are required for 
this example. Station O is the nose, which is a single point. All the longitu
dinal control lines must originate there. 

CONFIGURATION LAYOUT AND LOFT 131 

~-i--1 --L---+---i~ 

0 120 

-a fl ii 
240 370 500 

290 

FUSELAGE 
REFERENCE 

k:CFc-1-------1--~-
I 

Fig. 7.15 Typical fuselage lofting. 

Station 120 is established for this example by the requirements for t~e 
cockpit (Chapter 9). T~is station is approximately circ?lar in.shape, and is 
defined using two conics (upper and lower). Each come has i!s ?~n A,. B, 
C, and S points. Note that the B (end) point of the upper come is identical 
to the A (start) point of the lower conic. 

Station 240 has a flat side to provide for a side-mounted inlet as can be 
seen on the F-4, the MiG-23, and many other aircraft. At t~is stati~n, the 
end points of the upper and lower conics are. moved ap~rt v_ertic~lly, with the 
area between them defined as a straight hne. Note m side view that the 
longitudinal control lines separate smoothly, not suddenly. This is to ensure 
a smooth longitudinal contour. 

Station 370 is similar to station 240, with a relatively square cross-sec
tional shape. This could allow room for the landing gear or pe_rhaps to 
attach a low wing to the side of the fuselage, without a drag-producmg acute 
angle. . · h 

Station 500 is a circular cross section, to allow for a connection wit . a 
round exhaust nozzle. The longitudinal control lines come back together m 
a smooth fashion, as shown. 

These five control stations are then used to create the longitudinal co~trol 
lines. From those lines, additional cross sections can be created a~ desired. 
Section 290 was created in such a fashion, by measuring !he come c~ntrol 
points from the longitudinal control lines and then drawmg the comes as 
previously described. 
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Figure 7.15 shows only the fuselage lofting. The canopy, inlet duct, and 
inlet duct fairing would be lofted in a similar fashion, using longitudinal 
control lines through a few control stations. 

Conic Shape Parameter 
One problem arises with this method of initial lofting. The locations of 

the shoulder points (S) can be difficult to control, creating conics either too 
square (shoulder point too close to point C) or too flat (shoulder point too 
far away from point C). An alternate technique using conics involves a 
parameter which directly controls the shoulder point's distance from the 
point C. 

The points labeled E in Fig. 7 .10 are conic shoulder points which happen 
to lie upon the line D-C. "D" is the point exactly midway between A and 
B. Such a shoulder point E determines the "conic shape parameter (p)," as 
defined in the following equation: 

p = JDEJ/JDCJ (7.2) 

where 

JADJ = JBDJ (7.3) 

Referring to Fig. 7 .10, the shoulder points labeled E are based upon the 
p values required to obtain the ellipse, parabola, or hyperbola forms of the 
conic. These are given below, along with the p value that defines a circle (a 
special form of the ellipse): 

Hyperbola: 
Parabola: 
Ellipse: 
Circle: 

p> 0.5 
p = 0.5 
p< 0.5 
p = 0.4142 and JACJ = JBCJ (7.4) 

The conic shape parameter allows the designer to specify the conic curve's 
distance from the point C. A conic with a large p value (approaching 1.0) 
will be nearly square, with the shoulder point almost touching the point C. 
A conic with a small p value (approaching 0.0) will nearly resemble the 
straight line from A-B. The parameter p can be used to control more easily 
the longitudinal fairing of a fuselage. 

Figure 7 .16 shows the use of the conic shape parameter (p) to lay out a 
conic. Points A, B, and Care known, but the shoulder point Sis not known. 
However, the value of p is given. 

In the illustration on the right side of Fig. 7 .16, the line A-B has been 
drawn and bisected to find the point D. The shoulder point S is found by 
measuring along line D-C, starting at D, by a distance equal to p times the 
total length of line D-C. Once the shoulder point is found, the conic can be 
drawn as illustrated in Fig. 7 .11. 

By using this approach, a fuselage can be lofted without the use of a 
longitudinal control line to control the location of the shoulder points. If p 
is specified to be some constant value for all of the cross sections, then the 
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Fig. 7 .16 Conic layout using p. 
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B 

designer need only control the conic endpoints and tangent intersection 
points. To permit the fuselage ends to be circular in shape, the value of P 

would be fixed at 0.4142. 
Greater flexibility can be attained by allowing p to vary longitudinally. 

For example, the fuselage of Fig. 7.15 requires a p value of 0.~142 at both 
ends to allow a circular shape, but the values of p at the middle of the 
fuselage are higher, perhaps around 0. 7. 

An '' auxiliary control line'' can be used to control graphically the value 
of p, as shown in Fig. 7.17. Note the auxiliary control l_ine for p at t~e 
bottom. If the value of p varies smoothly from nose to tall, and the come 
endpoints and tangent intersection point are controlled with smooth longitu
dinal lines then the resulting fuselage surface will be smooth. 

In Fig. 7 .17 the upper conic has a constant p value of 0.4142~ while the 
lower conic has a p value varying from 0.4142 at the nose and tall to about 
0.6 at the middle of the fuselage. This has the effect of" squaring" the lower 
fuselage to provide more room for the landing gear. . 

Figure 7 .18 shows the use of p to develop the cross sect10ns labeled A and 
B. Observe the development of the upper and lower conics by the method 
shown previously in Fig. 7 .16, and the use of different p values for the upper 
and lower conics. 

Thus far no mention has been made of the method for developing the 
longitudin;l control lines and auxiliary control lines_. Durin~ produ~tion 
lofting, these control lines would be defined mathematically, usmg comes or 
some form of polynomial. 

For initial layouts, sufficient accuracy can be obtaine~ graphically 
through the use of the flexible splines discussed earlier. Pomts are taken 
from the control cross sections and plotted in side and top view, then con
nected longitudinally using a spline to draft a smooth line. In fact, a design~r 
with a "good eye" can obtain sufficient smoothness using a French curve if 
spline and ducks are not available. 



134 

.P 
• :5 

AIRCRAFT DESIGN 

TOP VIEW 

< RADOME > SECT I ON A SECTION B <NOZZLE> 

SIDE VIEW 
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---1- \--, f" .4142 

p- CONTROL LINES UPPER CONIC 

Fig. 7.17 Conic fuselage development using p. 

f = .4142 f = .4142 

f = .595 f = .610 

SECTION A SECTION 8 

Fig. 7.18 Cross section development using p. 
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7 .5 FLAT-WRAP FUSELAGE LOFTING 
An important cost driver for aircraft fabrication is the amount of com

pound-curvature used in lofting the aircraft. Compound-curvature implies 
the existence of surface curvature in all directions for some point on the 
surface. 

For example, a ball is entirely composed of compound-curvature sur
faces. A flat sheet has no curvature, compound or otherwise. A cylinder is 
curved, but only in one direction, so it does not have any compound curva
ture. Instead, a cylinder or any other surface with curvature in only one 
direction is said to be "flat-wrapped". 

If a surface is flat-wrapped, it can be constructed by "wrapping" a flat 
sheet around its cross sections. For aircraft fabrication, this allows the skins 
to be cut from flat sheets and bent to the desired skin contours. 

This is far cheaper than the construction technique for a surface with 
compound curvature. Compound curvature requires that the skins be 
shaped by a stretching or stamping operation, which entails expensive tools 
and extra fabrication steps. 

Aircraft applications of flat-wrap lofting must be defined in the initial loft 
definition used for the conceptual layout. There are several ways of lofting 
a surface so that it is flat-wrapped. The simplest technique uses a constant 
cross section. For example, a commercial airliner usually has the identical 
circular-cross-sectional shape over most of its length. In fact, any cross 
section shape will produce a flat-wrap surface if it is held constant in the 
longitudinal direction. 

Often an identical cross-sectional shape will not be desired, yet a flat-wrap 
lofting may be attained. If the same cross-sectional shape is maintained but 
linearly scaled in size, a flat-wrap contour is produced. For example, a cone 
is a flat-wrap surface produced by linearly scaling a circular cross section. 

Many aircraft have a tailcone which, although not circular in cross sec
tion, is linearly scaled to produce a flat-wrap surface. This can be accom
plished with conics by maintaining identical tangent angles and p value, 
using straight longitudinal control lines, and maintaining the lengths AC 
and BC in constant proportion. 

Sometimes it is necessary to vary the shape of the cross sections other than 
by scaling. Flat wrap cannot be exactly maintained in such cases using 
conics. A more sophisticated technique (beyond the scope of this book) 
must be used. 

However, flat wrap can be closely approximated in most such cases on 
two conditions. First, the longitudinal control lines must be straight. This 
includes the line controlling the shoulder point (S). If the conic shape 
parameter (p) is used instead of a shoulder-point control line, then the p 
value must be either constant or linearly varied. 

Second, the tangent angles of the conics must not change longitudinally. 
If the tangent angles are all either horizontal or vertical, as in Figs. 7.15 and 
7 .17, this condition can easily be met. 

Figure 7 .19 shows such a complex flat-wrapped surface. The fuselage is 
defined by five conics plus a straight-line, flat underside. The "bump" on 
top could represent the back of the canopy, and grows smaller towards the 
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Fig. 7.19 Complex flat-wrapped surface. 

rear of the fuselage. While the conics change shape and size, their endpoints 
hold the same tangent angles. 

It is important to realize that the use of flat-wrap lofting for a fuselage 
represents a compromise. While flat-wrap surfaces are easier and cheaper to 
fabricate, they are less desirable from an aerodynamic viewpoint. For exam
ple, a smoothly contoured teardrop shape will have less drag than a flat
wrap cylinder with a nosecone and tailcone. 

7.6 CIRCLE-TO-SQUARE ADAPTER 

A common problem in lofting is the "circle-to-square adapter." For ex
ample, the inlet duct of many supersonic jet aircraft is approximately square 
at the air inlet, yet must attain a circular shape at the engine front-face. 
Modern, two-dimensional nozzles also require a circle-to-square adapter. 

0 
SECTION A-A 

Fig. 7.20 Circle-to-square adapter. 
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Flat-wrap can be attained for a circle-to-square adapter by constructing 
the adapter of interlocking, V-shaped segments, each of which is itself 
flat-wrapped (Fig. 7 .20). 

The flat sides of the square section taper to points that just touch the 
circular section. Similarily, the cone-shaped sides of the circular section 
taper to points that touch the corners of the square section. Note the 
"rounded-off square" shape of the intermediate sections. The connecting 
surfaces must be straight longitudinally for a flat-wrap surface to be main
tained. 

7.7 FUSELAGE LOFT VERIFICATION 
The use of smooth longitudinal control lines defining conic cross sections 

assures a smooth fuselage; but sometimes it is necessary to deviate from this 
type of definition. For example, if a part of the fusel~ge is to be ~at
wrapped, it may be difficult to smoothly connect the straight c~mtrol lmes 
for the flat-wrap part of the fuselage with the curved control lmes for the 
rest of the fuselage. 

Also, it may be desirable to have two different flat-wrap parts of the 
fuselage that are directly connected, resulting in an unavoidable break in the 
smoothness of the longitudinal control lines. In such cases the designer 
should evaluate the resulting contours to ensure that any breaks in the 
longitudinal smoothness are not too extreme. 

Sometimes a designer will be asked to evaluate a design created by some
one else. This is common practice at government agencies such as the Air 
Force Aeronautical Systems Division and the Naval Air Systems Command. 
In addition to the analytical evaluations for performance and range, the 
designer should evaluate the design layout to ensure that the cross sections 
shown are in fact smooth longitudinally. 

These smoothness evaluations are performed using a technique borrowed 
from shipbuilding. Hull contours are evaluated for smoothness by laying 
out the "waterlines." If a ship is floating in the water, the line around the 
hull where the surface of the water intersects the hull is a waterline. For good 
ship performance, this waterline should be smooth in the longitudinal direc
tion. 

If the hull is raised partly out of the water some arbitrary distance, a new 
waterline is formed. Hull designers check for hull smoothness by laying out 
a large number of these waterlines, each separated in height by some arb~
trary distance. If all the waterlines have smooth contours, then the hull 1s 
smooth. 

Such horizontal waterline cuts can be used for evaluation of the smooth
ness of an aircraft fuselage; but it is more common to use vertically-oriented 
cuts known as "buttock-plane cuts" (Fig. 7.21). 

Buttock-plane ("butt-plane") cuts form the intersection of the aircraft 
with vertical planes defined by their distance from the aircraft centerline. 
For example, "butt-plane 30" is the contour created by intersecting a verti
cal plane with the fuselage at a distance of 30 in. from the centerline. 

Note in Fig. 7 .21 that the butt-plane cuts are oriented such that the airfoil 
is a butt-plane cut of the wing. It is for this reason that butt-plane cuts are 
more commonly used for aircraft than waterlines. 
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AIRFOIL IS A BUTT-PLANE OF THE WINB 

Fig. 7.21 Buttock-plane cut. 

Cl:T FUSELAGE WITH VERTICAL PLA'-ES 

PARALLEL TO CE1'TERL11'E 

Top View 

Fig. 7.22 Buttock-plane cut layout. 

Figure 7.22 illustrates the development of butt-plane cuts. Vertical lines 
are drawn on each cross section, indicating the locations of the arbitrarily
selected butt-planes. The points where these vertical lines intersect the cross 
sections are transferred to the side-view drawing and connected longitudi
nally. If the fuselage surface is smooth, then these longitudinal lines for the 
different butt-planes will all be smooth. 

Buttock-plane cuts can also be used to generate new cross sections. Once 
the butt-plane cuts are developed as in Fig. 7 .22, a new cross section can be 
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developed by transferring the vertical locations of the butt-plane cuts to the 
cross section desired, and then drawing a smooth cross-sectional contour 
using those points. 

Sometimes this method is easier than developing the longitudinal control 
lines for conic fuselage lofting. This is most likely when the surface is highly 
irregular, such as the forebody of a blended wing-body aircraft like the 
B-lB. 

7 .8 WING/TAIL LAYOUT AND LOFT 

Reference Wing/Tail Layout 
Chapter 4 described the selection of the basic geometric parameters for 

the wing and tails. These parameters include the aspect ratio (A), taper ratio 
(A), sweep, dihedral, and thickness. Also, the selection of an appropriate 
airfoil was considered. In Chapter 6, the actual sizes for the wing, tails, and 
fuselage were defined, based upon an initial estimate for the takeoff gross 
weight. 

From these parameters, the geometric dimensions necessary for layout of 
the reference (trapezoidal) wing or tail can be obtained, as shown in Fig. 
7 .23 and defined by the following equations: 

l 

b = ./As 

2S 
Croot = b(l + A) 

t4'- C 

(7 .5) 

(7.6) 

(7.7) 

NEAN AERODVNANIC 

CHORD < C > 

,. .., 
C tip 

Fig. 7.23 Reference (trapezoidal) wing/tail. 
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C = (~) C 1 +A+ A2 
3 root 1 + A (7.8) 

Y= (~)(\:tA) (7.9) 

For.a vertical tail, Yis twice the value calculated in Eq. (7.9). 
. Figure 7 .23 ~lso shows a quick graphical method of determining the span

wise (Y) l?cation of_ the mean aerodynamic chord (MAC or C), which is 
mat~emat1cally_obtamed by Eq. (7.9). The location of the mean chord is 
obtamed graphically as the intersection of the 50%-chord line and a line 
dra~n from a point located at the tip chord length behind the root chord to 
a pomt at the root chord length ahead of the tip chord. 

Wing Location with Respect to the Fuselage 

The location and length of the MAC is important because the wing is 
lo_cated o~ the aircraft so that some selected percent of the MAC is aligned 
wit~ ~he aircraf~ center of ~ravity. 1:~is provides a first estimate of the wing 
position to attam the reqmred stab1hty characteristics. 

For a stable _aircraft with an aft tail, the wing should be initially located 
such_ that the aircraft center of gravity is at about 30% of the mean aerody
n~m1c chord. When the effects of the fuselage and tail are considered, this 
will cause the center of gravity to be at about 25% of the total subsonic 
aerodynamic center of the aircraft. 

For an unstable aircraft with an aft tail, the location of the wing depends 
upon t~e s:lected level of instability, but will usually be such that the center 
of gravity 1s at about 40% of the mean aerodynamic chord. 

For a canard aircraft, such rules of thumb are far less reliable due to the 
canard. down wash an~ its influence upon the wing. For a control-type ca
n~rd with a ~~~putenzed flight control system (i.e., unstable aircraft), the 
wmg can be 1mt1a~ly ~laced such that the aircraft center of gravity is at about 
15-25% of the wmg s mean aerodynamic chord. 

For a lifting-type canard, the mean aerodynamic chords of the wing and 
canard should ~oth ?: determined, and the appropriate percent MAC for 
ea.ch should be 1?entif1ed. Then the combined MAC location can be deter
mmed as the w_e1ghted aver~ge of the percent MAC locations for the wing 
an~ canard (weighted by thelf respective areas). Note that this is a very crude 
estimate! 

Cha~ter 15 provides a quick method of approximating the aircraft center 
of gravity o~c: ~he locations of the major internal components are known. 

After the 1mtial layout is completed and analyzed using the methods of 
Chapters 12-19, the wing will probably be moved and the tails resized to 
me.et all req.uired stability and control characteristics. Hopefully the initial 
estimates will be close enough so that major changes will not be needed. 

Wing/Tail Lofting 

The referenc~ (trapezoidal) wing and tails are positioned with respect to 
the fuselage usmg the.methods discussed above. During the layout process 
the actual, exposed wmg and tails will be drawn. 
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The reference wing is defined to the aircraft centerline, and is based upon 
the projected area (i.e., dihedral does not affect the top view of the reference 
wing). The actual, exposed wing begins at the side of the fuselage and 
includes the effect of the dihedral upon the true-view area. The dihedral 
angle increases the actual wing area equivalent to dividing by the cosine of 
the dihedral angle . 

Also, the actual wing planform may not be trapezoidal. Figure 7 .24 illus
trates several of the many nontrapezoidal wing variations. A typical 
rounded wing tip is shown in Fig. 7 .24a. This and other wing-tip shapes have 
already been discussed. The straightened-out trailing edge shown in Fig. 
7 .24b increases the flap chord and provides increased wing thickness for the 
landing gear. 

Figure 7.24c illustrates a "Leading-Edge Extension (LEX)," which in
creases lift for combat maneuvering (see Chapter 12). A highly-blended 
wing/body is shown in Fig. 7 .24d, in which the actual wing looks very little 
like the reference wing. This type of wing is used to minimize the transonic 
and supersonic shocks. 

Once the designer has settled upon the actual wing and tail planforms, 
their surfaces must be lofted to provide accurate cross sections. These are 
required to verify that there is sufficient room for the fuel tanks, landing 
gear, spars, and other internal components. During production design this 
lofting would be done using conics or some other mathematical surface 
definition. 

For initial design, simpler methods of wing and tail lofting can be used. 
These rely upon the assumption that the airfoil coordinates themselves are 
smoothly lofted. This is an excellent assumption, as otherwise the airfoil 
performance would be poor. 

A. ROUNDED 
WINGTIP 

B. TRAILING 
EDGE "KICK" 
OR "BAT" 

Fig. 7.24 Nontrapezoidal wings. 
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I 



142 AIRCRAFT DESIGN 

'~ AIRCRAFT TOP VIEW\ 

' ' ' 

Fig. 7.25 Airfoil layout on wing planform. 

If the wing or tail uses the identical airfoil section and thickness ratio at 
all span stations, and is without twist, the airfoils can be drawn simply by 
scaling the airfoil coordinates to fit the chord lengths of the selected span
wise locations. 

It is customary to lightly draw the airfoils on the top view of the wing, 
superimposing them on their chordline (Fig. 7 .25). This layout procedure 
simplifies the generation of cross sections, as will be discussed later. For 
initial design purposes the airfoils can be quickly drawn using only a few 
scaled coordinate points for the top and bottom surfaces. 

If twist is incorporated, the incidence at each span station must be deter
mined and the chord line rotated accordingly before the airfoil is drawn. 
Since the chord length is defined in top view, the chord length at each 
spanwise station must be increased equivalent to dividing by the cosine of 
the appropriate incidence angle. 

Instead of calculating the twist, an auxiliary twist control line may be 
constructed behind the wing. The airfoil incidence at each span station can 
then be read from the control line (Fig. 7 .26). 

A wing with a complicated aerodynamic design may have the twist, cam
ber, and thickness all varying from root to tip. These span wise variations 
can be lofted by using a separate auxiliary control line for each, as shown 
in Fig. 7 .27. The airfoil coordinate points must be calculated by separating 
the airfoil into its camber line and thickness distribution, scaling them as 
indicated by the auxiliary control lines, and recombining them. Such a 
complicated wing design is not normally accomplished until much later in 
the design process. 

For a wing such as shown in Fig. 7 .27, the complex curvatures of the wing 
surface may present difficulties. A spar running from root to tip may very 
well be so curved that it is structurally undesirable. Even worse, the hinge 
lines for the ailerons and flaps may not lie in a straight line. As curved hinge 
lines are impossible, the ailerons and flaps may have to be broken into a 
number of surfaces unless the wing surface can be modified to straighten the 
hingeline. 

This is done by "wing rigging" (not to be confused with the rigging of a 
biplane wing)-the process of vertically shifting the airfoil sections until 
some desired spanwise line is straight. 
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AIRFOIL INCIDENCE (deg) 
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ANGLES ARE EXAGGERATED FOR ILLUSTRATION 

Fig. 7 .26 Airfoil layout with twist. 

AUXILIARY CONTROL LINES 

I 
L_ TWIST _,._J J 

THICKNESS <tic> 

Fig. 7.27 Wing airfoil layout-nonlinear variations. 
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Fig. 7 .28 Wing airfoil rigging. 

Fi~ure 7 .28_ illustrates a complex wing in which the aileron hingeline, 
SectI~n A-A, 1_s c~rved. On the right side of the figure is the same wing with 
the midspan aufoII moved downward a few inches. This provides a straight 
hingeline shown as Section B-B. 

Airfoil Linear Interpolation 
Most wings are initially defined by a root airfoil and a tip airfoil, which 

may be different, and their incidence angles or relative twist. Frequently the 
tip airfoil will be selected for gentle stall characteristics while the root airfoil 
is selected for best performance. The resulting wing has good overall perfor
mance, with good stall characteristics because the tip will stall after the root. 
The airfoils between the root and tip can be quickly developed by one of two 
methods. 

Linear interpolation, the easiest method, is depicted in Fig. 7.29. Here the 
new airfoils are created as "weighted averages" of the root and tip airfoils. 
Linearly interpolated airfoils have section properties that are approximately 
the interpolation of the section properties of the root and tip airfoils. 

(Some modern laminar airfoils will not provide interpolated section char
acteristics. Instead, the interpolated airfoils must each be separately ana
lyzed.) 

The intermediate airfoils are linearly interpolated by a five-step process. 
The root and tip airfoils are drawn (step 1). A constant percent-chord line 
is drawn connecting the root and tip airfoil, and vertical lines are drawn 
from the intersection of that line with the chordlines (step 2). The airfoil 
points found at those vertical lines are "swung down" to the chord line 
using an arc centered at the intersection of the chord line and the vertical Jin; 
(step 3). These "swung down" points for the root and tip airfoils are then 
connected by a straight line (step 4). 

At the desired location of an interpolated airfoil, a chord line is drawn. 
The intersection of that chord line with the line drawn in step 4 defines the 
chordwise location of a point on the interpolated airfoil. In step 5 this point 
is "swung up" to its thickness location by an arc centered at the intersection 
of the chord line and the spanwise percent-chord line from step 2. 
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GRAPHIC INTERPOLATION BETWEEN DIFFERING ROOT AND TIP 
AIRFOILS 

• 

\ (4) 

\ 

I - SUPERIMPOSE ROOT AND TIP AIRFOILS ON PLAN FORM 
2 - DRAW LINE AT SOME CONSTANT PERCENT OF CHORD 
3 - SWING AIRFOIL POINT DOWN ONTO CHORD RE-

FERENCE LINE 
4 - CONNECT ROOT AND TIP POINTS FROM 3 
5 - SWING POINT UP TO NEW AIRFOIL LOCATION 
6 - REPEAT FOR OTHER PERCENT CHORD LINES 

• 

Fig. 7 .29 Wing airfoil layout-linear interpolation. 
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This process is repeated for as many points as are needed to draw the new 
airfoil. Then the process is repeated to draw other airfoils. While it seems 
complicated, a wing can be developed using this method in about fifteen 
minutes by an experienced designer. (However, a computer does this in 
seconds!) 

Airfoil Flat-Wrap Interpolation 
The linear-interpolation method doesn't necessarily provide a flat-wrap 

surface. In laying out a fuselage for flat-wrap, it was necessary to hold the 
same tangent angle for the conics in the different cross sections. The same 
is true for wings. 

To provide a flat-wrap wing, it is necessary to interpolate between airfoil 
coordinates with the same slope (i.e., tangent angle). The linear interpola
tion method connects points based upon their percent of chord. If the wing 
is twisted or the airfoils are dissimilar, the surface slopes may be different 
for airfoil points that are at the same percent of chord. This requires a 
modification to the method described above. 
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(6) 

• • 

I - SUPERIMPOSE ROOT AND TIP AIRFOILS ON 
PLAN FORM 

2A - FOR A POINT ON THE ROOT AIRFOIL, FIND THE 
SLOPE 

28 - FIND THE POINT ON THE TIP AIRFOIL WITH THE 
SAME SLOPE 

2C-CONNECT THE PERCENT CHORD POINTS FROM (2A) 
AND (28) 

3-AT ROOT AND TIP, SWING POINTS DOWN ONTO CHORD 
REFERENCE LINE 

4-CONNECT THE POINTS FROM (3) 

5-SWING POINT UP TO NEW AIRFOIL LOCATION 
6- REPEAT FOR OTHER POINTS 

Fig. 7 .30 Wing airfoil layout-flat-wrap. 

(1) 

Figure 7 .30 illustrates this modification. The only difference is in step 2. 
Previously a spanwise line was drawn connecting constant percent chord 
locations on the chordline. To obtain a flat-wrap surface this spanwise line 
must be drawn connecting locations on the chordline that have the same 
surface slope. Note in the figure how the tip chord has the indicated slope 
at a more-aft percent location of the chord than does the root chord. 

A number of composite homebuilts are being fabricated by a method long 
used for model airplanes. A large block of urethane foam is cut directly to 
the desired wing shape using a hot-wire cutter which is guided by root and 
tip airfoil templates attached to the foam block. The templates have tic
marks that are numbered. The wire is guided around the templates by two 
homebuilders, one of whom calls out the numbers of the tic-marks. 

If the tic-marks are at constant percent-chord locations, and the wing has 
dissimilar airfoils or appreciable twist, this method will produce a linearly
interpolated instead of a flat-wrap surface. If the wing is to be covered by 
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fiberglass, this will pose no problem as the fiberglass cloth will easily con
form to the slight amount of compound-curvature present. 

However, if the wing is to be covered by sheet metal or plywood, the 
linearly-interpolated foam surface will be depressed relative to the flat
wrapped skin. This could reduce the strength of the skin bonding. It is 
conceivable that such a wing could fail in flight for this simple reason. Who 
said lofting isn't important? 

Wing/Tail Cross-Section Layout 
Wing lofting during initial design permits verification that the fuel and 

other internal components will fit within the wing. This requires the devel
opment of wing and tail cross sections oriented perpendicular to the aircraft 
centerline. 

Such cross sections can be easily developed once the airfoils are drawn 
onto the top view of the wing. Figure 7.31 illustrates the development of one 
such cross section. 

To develop a wing (or tail) cross section, vertical lines are drawn on the 
cross section at the spanwise locations of the airfoils shown on the wing top 
view. Also, the wing reference plane is shown at the appropriate wing dihe
dral angle. Then the airfoil upper and lower points are measured relative to 
the plane of the wing, and drawn accordingly on the cross section. The 
cross-section shape can then be drawn using French curves. 

"~ "I 
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REFERENCE PLANE 

SUPERIMPOSE AIRFOILS ON PLANFORM 

TRANSFER POINTS TO CROSS SECTION 

Fig. 7 .31 Wing/tail cross section layout. 
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The same procedure can be used to develop section cuts at angles other 
than perpendicular to the aircraft centerline. The sections of Fig. 7 .28 la
beled A-A and B-B were developed in this manner. 

Wing Fillets 
For improved aerodynamic efficiency, the wing-fuselage connection of 

most aircraft is smoothly blended using a "wing fillet" (Fig. 7.32). A wing 
fillet is generally defined by a circular arc of varying radius, tangent to both 
the wing and fuselage. Typically a wing fillet has a radius of about 10% of 
the root-chord length. 

The fillet circular arc is perpendicular to the wing surface, so the arc is in 
a purely vertical plane only at the maximum thickness point of the wing. At 
the leading edge, the arc is in a horizontal plane. 

The fillet arc radius may be constant, or may be varied using an auxiliary 
radius control line, as shown in Fig. 7 .32. Note that the starting radius must 
be equal to the fillet radius shown in the wing top view. Also, the fillet radius 
is usually increasing towards the rear of the aircraft, to minimize airflow 
separation. 

Some aircraft have a fillet only on the rear part of the wing. In this case 
the fillet starts, with zero radius, at the wing's maximum thickness point. 

For initial layout purposes the fillet is frequently "eyeballed." Only a few 
of the 10 or 15 aircraft cross sections developed for an initial layout will 
show the wing fillet, so a fillet radius that "looks good" can be used. If 
better accuracy is desired, a fillet radius control line can be used with the 
simplifying assumption that the fillet arc is approximately vertical over most 

LEADING EDGE 

FILLET RADIUS 

,,,,,, ~ ~ 

AUXILIARY FILLET CONTROL LINE ARC 

RADIUS ii:-----....----
~ t 

Fig. 7.32 Wing fillet layout. 
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of the wing. This avoids the necessity of constructing auxi!iary vie~s perpen
dicular to the wing surface to accurately develop each fillet radms. 

7.9 AIRCRAFT LAYOUT PROCEDURES 
There are really no standard procedures for aircraft layout: Every aircr:ift 

demands its own procedure. The designer must develop the_a1rcraft draw~ng 
while simultaneously considering a wide variety of reqmrements, design 
drivers, and good design practices. This process can only be learned through 
practice and a high level of desire. . . . . . 

Nevertheless, certain generalities can be made. F1rst, the imtial design 
should be "roughed-out" before a quality drawing is begun. This is best 
done in the desired scale of the finished drawing. Common drawing scales 
are 1/10, 1/20, 1/40, and 1/100, depending upon the size of the aircraft. 
Computer-aided design systems usually work in "full scale" on the scope, 
and any desired scale can be selected if a paper copy is required. 

This "roughed-out" design is based upon the conceptual sketch and 
should identify the locations of the major internal components such as the 
crew station, payload, passengers, fuel tanks, landing gear, and engi~es. 
The fuselage length should be based upon prior aircraft or the statistic~l 
approach presented earlier, and should be modified as necessary to con tam 
the internal components. 

The completed roughed-out layout is used to define the initial lofting 
approach. The designer must determine the number of longitudinal control 
lines to use as well as selecting the control stations. A minimum number of 
control stations should be selected to insure that all of the large internal 
components can be properly enclosed by the aircraft s_urf ace. ~e?Iem?er 
that the more control stations selected, the greater the difficulty m msurmg 
smooth longitudinal contours. 

At this point the actual layout is begun, using the roughed-out layout as 
an "underlay" (i.e., the actual layout is done on transparent paper or mylar 
placed over the roughed-out layout). The fuselage is developed using the 
selected lofting approach, and the internal components are drawn. 

The wing and tail trapezoidal geometries should be drawn on. separ~te 
pieces of paper. The mean aerodynamic chord should be shown, mclud_mg 
the desired initial location of the wing with respect to the center of gravity. 

The wing drawing can then be slid under the actual drawing and moved 
to the desired position with respect to the estimated center of gravity loca
tion on the fuselage. The trapezoidal wing geometry is traced on to the 
layout, and the actual wing geometry is drawn. This includes desired plan
form modifications as well as fillets and wing tips. 

Tails are usually drawn after the fuselage is defined on the drawing. If the 
actual tail moment arm is different from that assumed in sizing the tail, the 
tail area should be recalculated at this time. 

The wing and tail geometric parameters should be tabulated somewhere 
on the drawing, along with the estimated takeoff gross weight, fuel weight 
and volume, engine type and size (if not 100% ), inlet capture area, propeller 
geometry, etc. This information will greatly aid those who later attempt to 
analyze the drawing. 
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7.10 WETTED AREA DETERMINATION 
Aircraft wetted area (Swet), the total exposed surface area, can be visual

ized as the area of the external parts of the aircraft that would get wet if it 
were dipped into water. The wetted area must be calculated for drag estima
tion, as it is the major contributor to friction drag. 

The wing and tail wetted areas can be approximated from their plan
forms, as shown in Fig. 7.33. The wetted area is estimated by multiplying the 
true-view exposed planform area (Sexposect) times a factor based upon the 
wing or tail thickness ratio. 

If a wing or tail were paper-thm, tne wetted area would be exactly twice 
the true planform area (i.e., top and bottom). The effect of finite thickness 
is to increase the wetted area, as approximated by Eqs. (7 .10) or (7 .11 ). Note 
that the true exposed planform area is the projected (top-view) area divided 
by the cosine of the dihedral angle. 

If tic< .05 

Swet = 2.003 Sexposed (7.10) 

If tic> .05 

Swet = Sexposed[l .977 + 0.52(!/c )] (7 .11) 

The exposed area shown in Fig. 7.33 can be measured from the drawing 
in several ways. A professional designer will have access to a "planimeter," 
a mechanical device for measuring areas. Use of the planimeter is a dying art 
as the computer replaces the drafting board. Alternatively, the area can be 
measured by tracing onto graph paper and "counting squares." 

The wetted area of the fuselage can be initially estimated using just the 
side and top views of the aircraft by the method shown in Fig. 7 .34. The 
side- and top-view projected areas of the fuselage are measured from the 
drawing, and the values are averaged. 

For a long, thin body circular in cross section, this average projected area 
times 1r will yield the surface wetted area. If the body is rectangular in cross 
section, the wetted area will be four times the average projected area. For 
typical aircraft, Eq. (7 .12) provides a reasonable approximation. 

\ 

' 

Fig. 7.33 Wing/tail wetted area estimate. 
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Fig. 7 .34 Quick fuselage wetted area estimate. 
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Fig. 7 .35 Fuselage wetted area plot. 
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S == 3 4(Atop + Aside) wet- • 2 (7 .12) 

A more accurate estimation of wetted area can be obtained by graphical 
integration using a number of fuselage cross sections. If the perimeters of 
the cross sections are measured and plotted vs longitudinal location, using 
the same units on the graph, then the integrated area under the resulting 
curve gives the wetted area (Fig. 7 .35). 

Perimeters can be measured using a professional's "map-measure," or 
approximated using a piece of scrap paper. Simply follow around the 
perimeter of the cross section making tic marks on the paper, and then 
measure the total length using a ruler. 

Note that the cross-sectional perimeter measurements should not include 
the portions where components join, such as at the wing-fuselage intersec
tion. These areas are not "wetted." 

7.11 VOLUME DETERMINATION 
The aircraft internal volume can be used as a measure of the reasonable

ness of a new design, by comparing the volume to existing aircraft of similar 
weight and type. This is frequently done by customer engineering groups, 
using statistical data bases which correlate internal volume with takeoff 
gross weight for different classes of aircraft. An aircraft with a less-than
typical internal volume will probably be tightly packed, which makes for 
poor maintainability. 

CROSS-SECTION 
AREA 

VOLUME• AREA UNDER CURVE 

Fig. 7.36 Aircraft volume plot. 
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Aircraft internal volume can be estimated in a similar fashion to the 
wetted-area estimation. A crude estimate of the fuselage internal volume can 
be made using Eq. (7.13), which uses the side and top view projected areas 
as used in Eq. (7.12). "L" in Eq. (7.13) is the fuselage length. 

V 1 == 3 4 (A1op)(Aside) 
o - . 4L (7 .13) 

A more accurate estimate of internal volume can be found by a graphical 
integration process much like that used for wetted area determination. The 
cross-section areas of a number of cross sections are measured and plotted 
vs longitudinal location, using consistent units (typically inches horizont~lly 
and square inches vertically on the graph). The area under the resultmg 
curve is the volume, as shown in Fig. 7 .36. 

To obtain reasonable accuracy, cross sections should be plotted and mea
sured anywhere that the cross-sectional area changes substantially. This 
typically includes the start of an inlet duct, the start and end of a canopy, 
and where a wing or tail begins and ends. 

Another use of the "volume distribution plot" is to predict and minimize 
supersonic wave drag and transonic drag rise. This will be discussed in 
Chapter 12. 



8.1 INTRODUCTION 

8 
SPECIAL CONSIDERATIONS 

IN CONFIGURATION LAYOUT 

The previous chapter discussed the mechanics of configuration layout. 
Later chapters will focus on the required provisions for specific internal 
components, such as the crew station and landing gear. This chapter dis
cusses a number of important intangible considerations, such as aerodynam
ics, structures, detectability, vulnerability, producibility, and maintainabil
ity. All of these are numerically analyzed in later stages of the design 
process. During configuration layout the designer must consider their im
pact in a qualitative sense. 

8.2 AERODYNAMIC CONSIDERATIONS 
The overall arrangement and smoothness of the fuselage can have a major 

effect upon aerodynamic efficiency. A poorly designed aircraft can have 
excessive flow separation, transonic drag rise, and supersonic wave drag. 
Also, a poor wing-fuselage arrangement can cause lift losses or disruption 
of the desired elliptical lift distribution. 

Aerodynamic analysis will be discussed in Chapter 12 and a variety of 
first-order estimation methods will be presented. During concept layout, the 
designer must consider the requirements for aerodynamics based upon expe
rience and a "good eye." 

Minimization of wetted area is the most powerful aerodynamic consider
ation for virtually all aircraft. Wetted area directly affects the friction drag. 
Fuselage wetted area is minimized by tight internal packaging and a low 
fineness ratio (i.e., a short, fat fuselage). However, excessively tight packag
ing should be avoided for maintainability considerations. Also, a short, fat 
fuselage will have a short tail moment arm which increases the required tail 
areas. The short, fat fuselage will also have high supersonic wave drag. 

Another major driver for good aerodynamic design during fuselage lay
out is the maintenance of smooth longitudinal contours. These can be pro
vided by the use of smooth longitudinal control lines. Generally, longitudi
nal breaks in contour should follow a radius at least equal to the fuselage 
diameter at that point. 

To prevent separation of the airflow, the aft-fuselage deviation from the 
freestream direction should not exceed 10-12 deg (Fig. 8.1). However, the 
air inflow induced by a pusher-propeller will prevent separation despite 
contour angles of up to 30 deg or more. 
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SMALL RADIUS CORNERS 

Fig. 8.1 Longitudinal contour guidelines. 

A lower-surface upsweep of about 25 deg can be tolerated for a rear-load
ing transport aircraft provided that the fuselage lower corners are fairly 
sharp. This causes a vortex-flow pattern that reduces the drag penalty. In 
gener~l, aft-fus_elage upsweep should be minimized as much as possible, 
especially for high-speed aircraft. 

The importance of well-designed wing fillets has already been discussed. 
Fillets are especially important for low-wing, high-speed aircraft such as jet 
transports. 

These aircraft will frequently have a modified wing-root airfoil to further 
minimize fuselage interference and shock-induced drag increases. This mod
i~icat_ion takes the form of an uncambered or even negatively-cambered 
a1rfo_Il_ set. at _a high positive angle of incidence. Design of such a wing 
mod1f1cat1on 1s beyond the scope of this book, but for layout purposes can 
b~ approximated by examining the wing of an existing, similar speed-class 
aircraft. 

"Base area" is any unfaired, rearward-facing blunt surface. Base area 
causes extremely high drag due to the low pressure experienced by the rear
ward-facing surface (see Chapter 12). 

~ow~ver, a base area between or very near to the jet exhausts may be 
"f1lled-m" by the pressure field of the exhaust, partial! alleviating the drag 
penalty. The T-38 has such a base area between its nozzles. A base area 
fill-in effect is difficult to predict. 

The aerodynamic interaction between different components should be 
visualized in designing the aircraft. For example, a canard should not be 
located such that its wake might enter the engine inlets at any possible angle 
of attack. Wake ingestion can stall or even destroy a jet engine. 
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FUSELAGE STATIONS 

Fig. 8.2 Sears-Haack volume distribution. 

If an aircraft's forebody has sharp lower corners, a separated vortex can 
be expected at high angle of attack. This could also be ingested by the inlets, 
with bad results. Also, such a vortex could unpredictably affect the wing or 
tail surfaces. 

For supersonic aircraft, the greatest aerodynamic impact upon the 
configuration layout results from the desire to minimize supersonic wave 
drag, a pressure drag due to the formation of shocks. This is a_nalytically 
related to the longitudinal change in the aircraft's total cross-sectional area. 
In fact, wave drag is calculated using the second derivative (i.e., curvature) 
of the volume-distribution plot as shown in Fig. 7 .36. 

Thus, a "good" volume distribution from a wave-drag viewpoint has the 
required total internal volume distributed longitudinally in a fashion that 
minimizes curvature in the volume-distribution plot. Several mathematical 
solutions to this problem have been found for simple bodies-of-revolution, 
with the "Sears-Haack" body (Fig. 8.2-see Ref. 16) having the lowest 
wave drag. 

If an aircraft could be designed with a volume plot shaped like the 
Sears-Haack volume distribution it would have the minimum wave drag at 
Mach 1.0 for a given length and total internal volume. (What happens at 
higher Mach numbers is discussed in Chapter 12, but for initial layout 
purposes the minimization of wave drag at Mach 1.0 is a suitable goal in 
most cases.) 

However, it is usually impossible to exactly or even approximately match 
the Sears-Haack shape for a real aircraft. Fortunately, major drag reduc
tions can be obtained simply by smoothing the volume distribution shape. 

As shown in Fig. 8.3, the main contributors to the cross-sectional area are 
the wing and the fuselage. A typical fuselage with a trapezoidal wing will 
have an irregularly-shaped volume distribution with the maximum cross
sectional area located near the center of the wing. By "squeezing" the 
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Fig. 8.3 Design for low wave drag. 

fuselage at that point, the volume-distribution shape can be smoothed and 
the maximum cross-sectional area reduced. 

This design technique, developed by R. Whitcomb of the NACA (Ref. 
17), is referred to as "area-ruling" or "coke-bottling" and can reduce the 
wave drag by as much as 500/o. Note that the volume removed at the center 
of the fuselage must be provided elsewhere, either by lengthening the 
fuselage or by increasing its cross-sectional area in other places. 

While area-ruling was developed for minimization of supersonic drag, 
there is reason to believe that even low-speed aircraft can benefit from it to 
some extent. The airflow over the wing tends to separate toward the trailing 
edge. If an aircraft is designed such that the fuselage is increasing in 
cross-sectional area towards the wing trailing edge, this may "push" air 
onto the wing, thus reducing the tendency to separate. The Wittman 
Tailwind, which is remarkably efficient, uses this approach. 

8.3 STRUCTURAL CONSIDERATIONS 

In most larger companies, the configuration designer is not ultimately 
responsible for the structural arrangement of the aircraft. That is the 
responsibility of the structural design group. However, a good configura
tion designer will consider the structural impacts of the general arrangement 
of the aircraft, and will in fact have at least an initial idea as to a workable 
structural arrangement. 

The primary concern in the development of a good structural arrange
ment is the provision of efficient "load paths"-the structural elements by 
which opposing forces are connected. The primary forces to be resolved are 
the lift of the wing and the opposing weight of the major parts of the 
aircraft, such as the engines and payload. The size and weight of the struc
tural members will be minimized by locating these opposing forces near to 
each other. 
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Carried to the extreme, this leads to the Flying Wing concept. In a flying 
wing the lift and weight forces can be located at virtually the same place. 
In the ideal case, the weight of the aircraft would be distributed along the 
span of the wing exactly as the lift is distributed (Fig. 8.4). This is referred 
to as "spanloading," and eliminates the need for a heavy wing structure to 
carry the weight of the fuselage to the opposing lift force exerted by the 
wing. The structure can then be sized by lesser requirements such as the 
landing-gear loads. 

While ideal span-loading is rarely possible, the span-loading concept can 
be applied to more-conventional aircraft by spreading some of the heavy 
items such as engines out along the wing. This will yield noticeable weight 
savings, but must be balanced against the possible drag increase. 

If the opposing lift and weight forces cannot be located at the same place, 
then some structural path will be required to carry the load. The weight of 
structural members can be reduced by providing the shortest, straightest 
load path possible. 

Figure 8.5 illustrates a structural arrangement for a small fighter. The 
major fuselage loads are carried to the wing by "longerons," which are 
typically I- or H-shaped extrusions running fore and aft and attached to the 
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Fig. 8.4 Spanloading for weight reduction. 
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skin. Longerons are heavy, and their weight should be minimized by design
ing the aircraft so that they are as straight as possible. 

For example, the lower longerons in Fig. 8.5 are high enough that they 
pass over the wing-carrythrough box. Had the longerons been placed lower, 
they would have required a kink to pass over the box. 

On the other hand, the purpose of the longeron is to prevent fuselage 
bending. This implies that the lightest longeron structure occurs when the 
upper and lower longerons are as far apart vertically as possible. In Fig. 8.6 
the longerons are farther apart, but this requires a kink to pass over the box. 
Only a trade study can ultimately determine which approach is lighter for 
any particular aircraft. 

In some designs similar to Fig. 8.5 the lower longerons are placed near the 
bottom of the aircraft. A kink over the wing box is avoided by passing the 
longeron under or through the wing box. This minimizes weight but compli
cates both fabrication and repair of the aircraft. 

For aircraft such as transports, which have fewer cutouts and concen
trated loads than a fighter, the fuselage will be constructed with a large 
number of "stringers" which are distributed around the circumference of 
the fuselage (Fig. 8.7). Weight is minimized when the stringers are all 
straight and uninterrupted. 

Another major structural element used to carry fuselage bending loads is 
the "keelson." This is like the keel on a boat, and is a large beam placed at 
the bottom of the fuselage as shown in Fig. 8. 7. A keelson is frequently used 
to carry the fuselage bending loads through the portion of the lower fuselage 
which is cut up by the wheel wells. 

As the wing provides the lift force, load-path distances can be reduced by 
locating the heavy weight items as near to the wing as possible. Similarly, 
weight can be reduced by locating structural cutouts away from the wing. 
Required structural cutouts include the cockpit area and a variety of doors 
(passenger, weapons bay, landing gear, engine access, etc.). 

An especially poor arrangement (seen on some older fighter aircraft) has 
the main landing gear retracting into the wing-box area, which requires a 
large cutout where the loads are the greatest. 

When possible, structural cutouts should be avoided altogether. For ex
ample, a jet engine that is buried in the fuselage requires a cutout for the 
inlet, a cutout for the exhaust, and in most cases another cutout for removal 

KINKED 
LOWER LONGERON 

Fig. 8.6 Kinked lower longeron. 
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Fig. 8. 7 Structural concepts for fuselage loads. 

of the engine. The re~ulting weight penalty compared to a podded engine 
mus_t be bala~ced agamst the reduced drag of a buried engine installation. 

Figure 8.5 illustrates another important concept in structural arrange
ment. Large concentrated loads such as the wing and landing gear attach
ments must be carried by a strong, heavy structural member such as a major 
fuselage bulkhead. The number of such heavy bulkheads can be minimized 
by arranging the aircraft so that the bulkheads each carry a number of 
concentrated loads, rather than requiring a separate bulkhead for each con
centrated load. 

I? Fig. 8_.5 the two bu~kheads in the aft fuselage carry the loads for the 
e~gmes, t~Il~, a~d arrestmg hook. Had the tails and engine been located 
w1t~out this m mmd, the structural designer would have had to provide four 
or five heavy bulkheads rather than the two shown. 

Th~ lift force on the wing produces a tremendous bending moment where 
~he w1i:ig attaches to the fuselage. The means by which this bending moment 
is earned ac~oss the f~selage is a key parameter in the structural arrange
ment, and will greatly mfluence both the structural weight and the aerody
namic drag of the aircraft. 

Figure 8.8 illustrates the four major types of wing carrythrough structure. 
The "box ~a~rythr_ough" is virtually standard for high-speed transports and 
general-aviation aucraft. The box carrythrough simply continues the wing 
box t_hrough the fuselage. _The fuselage itself is not subjected to any of the 
bendmg moment of the wmg, which minimizes fuselage weight. 

However, the box carrythrough o~cupies a substantial amount of fuselage 
volume, and tends to add cross-sectional area at the worst possible place for 
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WING BOX CARRYTHROUGH 
RING FRAMES 

BENDING BEAM 
STRUT-BRACED 

Fig. 8.8 Wing carrythrough structure. 

wave drag, as discussed above. Also, the box carrythrough interferes with 
the longeron load-paths~ 

The "ring-frame" approach relies upon large, heavy bulkheads to carry 
the bending moment through the fuselage. The wing panels are attached to 
fittings on the side of these fuselage bulkheads. While this approach is 
usually heavier from a structural viewpoint, the resulting drag reduction at 
high speeds has led to the use of this approach for most modern fighters. 

The "bending beam" carrythrough can be viewed as a compromise be
tween these two approaches. Like the ring-frame approach, the wing panels 
are attached to the side of the fuselage to carry the lift forces. However, the 
bending moment is carried through the fuselage by one or several beams that 
connect the two wing panels. This approach has less of a fuselage volume 
increase than does the box-carrythrough approach. 

Many light aircraft and slower transport aircraft use an external strut to 
carry the bending moments. While this approach is probably the lightest of 
all, it obviously has a substantial drag penalty at higher speeds. 

Aircraft wings usually have the front spar at about 20-30% of the chord 
back from the leading edge. The rear spar is usually at about the 60-75% 
chord location. Additional spars may be located between the front and rear 
spars forming a "multispar" structure. Multispar structure is typical for 
large or high-speed aircraft. 

If the wing skin over the spars is an integral part of the wing structure, a 
"wing box" is formed which in most cases provides the minimum weight. 



164 AIRCRAFT DESIGN 

WING 
ATTACHMENTS 

CARRYTHROUGH BOX OR 
RING FRAMES 

MAIN 
SPARS 

l•-4-- "KICK SPAR" 

Fig. 8.9 Typical wing box structure. 

Aircraft with the landing gear in the wing will usually have the gear 
located aft of the wing box, with a single trailing-edge spar behind the gear 
to carry the flap loads, as shown in Fig. 8.9. 

Ribs carry the loads from the control surfaces, store stations, and landing 
gear to the spars and skins. A multispar wing box will have comparatively 
few ribs, located only where major loads occur. 

Another form of wing structure, the "multirib" or "stringer panel" box, 
has only two spars, plus a large number of spanwise stringers attached to the 
wing skins. Numerous ribs are used to maintain the shape of the box under 
bending. 

Variable sweep and folding capability add considerably to the wing struc
tural weight. On the other hand, use of a delta wing will reduce the struc
tural weight. These are further discussed in Chapter 15. 

First-order structural sizing will be discussed in Chapter 14. For initial 
layout purposes the designer must guess at the amount of clearance required 
for structure around the internal components. A good designer with a "cal
ibrated eyeball" can prevent a lot of lost effort, for the aircraft may require 
substantial redesign if later structural analysis determines that more room is 
required for the structural members. 

A large airliner will typically require about 4 in. of clearance from the 
inner wall of the passenger compartment to the outer skin ("moldline"). 
The structure of a conventional fighter fuselage will typically require about 
2 in. of offset from the moldline for internal components. For a small 
general aviation aircraft, 1 in. clearance or less may be acceptable. 

The type of internal component will affect the required clearance. A jet 
engine contained within an aluminum or composite fuselage will require 
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perhaps an additional inch of clearance to allow for a heat shield. The heat 
shield may be constructed of titanium, steel, or a heat-proof matting. On the 
other hand, an "integral" fuel tank in which the existing structure is simply 
sealed and filled with fuel will require no clearance other than the thickness 
of the skin. 

There is no easy formula for the estimation of structural clearance. The 
designer must use judgement acquired through experience. The best way to 
gain this judgement other than actual design experience is by looking at 
existing designs. 

8.4 RADAR DETECT ABILITY 
Ever since the dawn of military aviation attempts have been made to 

reduce the detectability of aircraft. During World War I, the only "sensor" 
in use was the human eyeball. Camouflage paint in mottled patterns was 
used on both sides to reduce the chance of detection. 

Radar (acronym for Radio Detection And Ranging), the primary sensor 
used against aircraft today, consists of a transmitter antenna th~t broadcasts 
a directed beam of electromagnetic radio waves and a receiver antenna 
which picks up the faint radio waves that bounce off objects "illuminated" 
by the radio beam. Usually the transmitter and receiver antenn~s ar~ collo
cated ("monostatic radar"), although some systems have them m different 
locations ("bistatic radar"). 

Detectability to radar has been a concern since radar was first used in 
World War II. "Chaff" was the first radar "stealth" technology. Chaff, 
also called "window," consists of bits of metal foil or metallized fibers 
dropped by an aircraft to create many radar echos that hide its actual echo 
return. Chaff is still useful against less-sophisticated radars. 

Chaff obscures the actual location of the aircraft, but does not allow the 
aircraft to pass unnoticed. To avoid detection, the aircraft.must return such 
a low amount of the transmitted radio beam that the receiver antenna can
not distinguish between it and the background radio static. 

The extent to wmch an object returns electromagnetic energy is the 
object's "Radar Cross Section" (RCS). RCS is usually measured in square 
meters or in decibel square meters, with "zero dBsm" equal to ten to the 
zero power, or one square meter. "Twenty dBsm" equals ten t_o the ~econd 
power, or 100 square meters. Because radar signal strengt~ is an mverse 
function of the fourth power of the distance to the target, ~t takes a v~ry 
substantial reduction in RCS to obtain a meaningful operational benefit. 

Actually, the RCS of an aircraft is not a single number. The RCS is 
different for each "look-angle" (i.e., direction from the threat radar). 
Also, the RCS varies depending upon the frequency and polariza~ion of the 
threat radar (see Ref. 21). The following comments relate to typical threat 
radars seen by military aircraft. . 

There are many electromagnetic phenomena that contribute to the RCS 
of an aircraft. These require different design approaches for RCS reduc
tion, and can produce conflicting design requirements. Fi~ure 8 .1 ~ illus
trates the major RCS contributors for a typical, untreated fighter aircraft. 
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Fig. 8.10 Major RCS contributors. 

One of the largest contributions to airframe RCS occurs any time a rela
tively flat surface of the aircraft is perpendicular to the incoming radar 
beam. Imagine shining a flashlight at a shiny aircraft in a dark hanger. Any 
spots where the beam is reflected directly back at you will have an enormous 
RCS contribution. 

Typically this "specular return" occurs on the flat sides of the aircraft 
fuselage and along an upright vertical tail (when the radar is abeam the 
aircraft). To prevent these RCS "spikes," the designer may slope the fuse
lage sides, angle the vertical tails, and so on, so that there are no flat 
surfaces presented towards the radar (Fig. 8.11). 

Note that this RCS reduction approach assumes that the designer knows 
where the threat radar will be located relative to the aircraft. This informa
tion is usually provided by the operations-analysis department as a design 
driver. Also, this assumes a monostatic radar. 

Another area of the aircraft which can present a perpendicular bounce 
for the radar is the round leading edge of the wing and tail surfaces. If the 
aircraft is primarily designed for low detectability by a nose-on threat radar, 
the wings and tails can be highly swept to reduce their contribution to RCS. 
Note that this and many other approaches to reducing the RCS will produce 
a penalty in aerodynamic efficiency. 

It is also important to avoid any "corner reflectors," i.e., intersecting 
surfaces that form approximately a right angle, as shown in Fig. 8.10 at the 
wing-fuselage junction. · 

Another contributor to airframe RCS occurs due to the electromagnetic 
currents that build up on the skin when illuminated by a radar. These 
currents flow across the skin until they hit a discontinuity such as at a sharp 
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Fig. 8.11 Flat side RCS reduction. 

trailing edge, a wing tip, a control surface, or a crack around a removable 
panel or door. At a discontinuity, the currents "scatter," or radiate electro
magnetic energy, some of which is transmitted back to the radar (Fig. 8.12). 

This effect is much lower in intensity than the specular return, but is still 
sufficient for detection. The effect is strongest when the discontinuity is 
straight and perpendicular to the radar beam. Thus, the discontinuities such 
as at the wing and tail trailing edges can be swept to minimize the detectabil
ity from the front. Carried to the extreme, this leads to diamond- or 
sawtooth-shaped edges on every door, access plate, and other discontinuity 
on the aircraft, as seen on the B-2 and F-117. 

Fig. 8.12 Surface current scatterings. 

EDGE 
SCATTERING 
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First-generation stealth designs such as the Lockheed F-117 and the 
never-constructed North American Rockwell "Surprise Fighter" relied 
upon faceted shaping in which the aircraft shape is constructed of interlock
ing flat triangles and trapezoids. This has advantages in ease of construction 
and signature analysis, but offers a large number of sharp edges to create 
diffraction returns, and so is no longer in favor (Ref. 92). 

Current stealth design begins by configuring the aircraft such that all 
"big" returns, such as from perpendicular bounces, are "aimed" in just a 
few directions. For example, if the leading edges of the wings and tails are 
all straight and set at the same angle, there would be a huge radar return 
from that angle direction, but little return from other directions. This would 
presumably offer a small probability that the aircraft and threat radar 
would be mutually oriented in exactly the angle of high return, and the 
aircraft would be undetectable from all other angles. 

It is also common practice to "aim" the wing leading-edge return in the 
same direction as the edge diffraction return from the trailing edge. This is 
done either by using identical sweep angles at the leading and trailing edges 
(thus, a wing with no taper, as on the B-2), or by aligning the left wing 
leading edge at the same sweep angle as the right wing trailing edge (a?d vice 
versa). This creates a diamond wing as on the F-23 and an early Mikoyan 
research aircraft. 

Once all wing and tail returns are "aimed" in the same direction, the 
returns from doors, access panels, and other discontinuities can be "aimed" 
in the same direction by alignment of their edges. This is clearly seen on the 
B-2 where virtually every feature on the aircraft, including weapons, bay 
dodrs, gear doors, inlets, nozzles, and access panels, is constructed using 
only lines which are parallel to a wing leading edge. 

This design approach leads to an aircraft planform composed entirely of 
straight, highly swept lines, much like the first-generation stealth designs. 
However, the desire to eliminate the edge diffractions caused by the facets 
of first-generation stealth now produces designs in which cross-sectional 
shapes are smooth, not sharp-edged. The steep angles on the fuselage sides 
as shown in Fig. 8.11 are employed to prevent broadside perpendicular 
bounce returns, but these angled sides flow smoothly over the top and 
bottom of the fuselage. Such shaping can be seen on the B-2, F-22, and 
F-23. 

RCS can also be reduced simply by eliminating parts of the aircraft. A 
horizontal tail that isn't there cannot contribute to the radar return! Mod
ern computerized flight controls combined with the use of vectored-thrust 
engines can solve many of the difficulties of the tailless configuration. 

Similarly, RCS can be reduced if the nacelles can be eliminated through 
the use of buried engines, or better yet, by eliminating the entire fuselage 
through the use of the flying-wing concept. This approach is used in the 
Northrop B-2. 

In addition to reshaping the aircraft, detectability can be reduced through 
the use of skin materials that absorb radar energy. Such materials, called 
"radar absorbing materials" (RAM), are typically composites such as fiber
glass embedded with carbon or ferrite particles. 

These particles are heated by the radar electromagnetic waves, thus ab
sorbing some of the energy. This will reduce (not eliminate!) the radar 
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Fig. 8.13 Detectability reduction approaches. 

return due to perpendicular bounce, and can also reduce the surface cur
rents and thus reduce the RCS due to scattering at sharp edges. 

As there are many types of RAM and similar treatments, no quick esti
mate for the weight impact of their use can be provided here. However, one 
can probably assume that such use will reduce or eliminate any weight 
savings otherwise assumed for the use of composite materials. 

For most existing aircraft, the airframe is not the largest contributor to 
RCS, especially nose-on. A conventional radome, covering the aircraft's 
own radar, is transparent to radar for obvious reasons. Therefore, it is also 
transparent to the threat radar, allowing the threat radar's beam to bounce 
off the forward bulkhead and electronic equipment within the radome. 

Even worse, the aircraft's own radar antenna, when illuminated by a 
threat radar, can produce a radar magnification effect much like a cat's eye. 
These effects can be reduced with a "bandpass" radome, which is transpar
ent to only one radar frequency (that of the aircraft's radar). 

Ot~her huge contributors to the RCS for a conventional aircraft are the 
inlet and exhaust cavities. Radar energy gets into these cavities, bounces off 
the engine parts, and sprays back out the cavity towards the threat radar. 
Also, these cavities represent additional surface discontinuities. 

The best solution for reducing these RCS contributions is to hide them 
from the expected threat locations. For example, inlets can be hidden from 
ground-based radars by locating them on top of the aircraft (Fig. 8.13). 
Exhausts can be hidden through the use of two-dimensional nozzles. 

Cockpits provide a radar return for a similar reason. The radar energy 
enters the cockpit, bounces around off the equipment inside, and then rera
diates back outside. One solution for this is to thinly coat the canopy with 
some conductive metal such as gold, causing the canopy to reflect the radar 
energy away. 
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Finally, the aircraft's weapons can have a major impact on RCS. Missiles 
and bombs have fins that form natural corner reflectors. The carriage and 
release mechanisms have numerous corner reflectors, cavities, and surface 
discontinuities. Gun ports present yet another kind of cavity. The only real 
solution for these problems is to put all the weapons inside, behind closed 
doors. However, the weight, volume, and complexity penalties of this ap
proach must be carefully considered. 

Electronic countermeasures (ECM)-devices to trick the threat radar
usually consist of some sort of radar receiver that picks up the threat radar 
emissions, and some sort of transmit antenna to send a deceiving signal 
back to the threat radar. The many techniques for tricking radar (and ECM) 
go beyond the scope of this book. However, designers should be aware that 
there is a tradeoff between the aircraft's RCS level and the required amount 
of ECM. 

8.5 INFRARED DETECT ABILITY 
Infrared (IR) detectability also concerns the aircraft designer. Many 

short-range air-to-air and ground-to-air missiles rely upon IR seekers. Mod
ern IR sensors are sensitive enough to detect not only the radiation emitted 
by the engine exhaust and hot parts, but also that emitted by the whole 
aircraft skin due to aerodynamic heating at transonic and supersonic 
speeds. Also, sensors can detect the solar IR radiation that reflects off the 
skin and cockpit transparencies (windows). 

Of several approaches for reduction of IR detectability, one of the most 
potent reduces engine exhaust temperatures through the use of a high
bypass-ratio engine. This reduces both exhaust and hot-part temperatures. 
However, depending upon such an engine for IR reduction may result in 
selecting one that is less than optimal for aircraft sizing, which increases 
aircraft weight and cost. 

Emissions from the exposed engine hot-parts (primarily the inside of the 
nozzle) can be reduced by cooling them with air bled off the engine com
pressor. This will also increase fuel consumption slightly. Another ap
proach hides the nozzles from the expected location of the threat IR sensor. 
For example, the H-tails of the A-10 hide the nozzles from some angles. 
Unfortunately, the worst-case threat location is from the rear, and it is 
difficult to shield the nozzles from that direction! 

Plume emissions are reduced by quickly mixing the exhaust with the 
outside air. As mentioned, a high-bypass engine is the best way of accom
plishing this. Mixing can also be enhanced by the use of a wide, thin nozzle 
rather than a circular one. Another technique is to angle the exhaust upward 
or downward relative to the freestream. This will have an obvious thrust 
penalty, however. 

Sun glint in the IR frequencies can be somewhat reduced by the use of 
special paints that have low IR reflectivity. Cockpit transparencies (which 
can't be painted!) can be shaped with all flat sides to prevent continuous 
tracking by an IR sensor. 

Emissions due to aerodynamic heat are best controlled by slowing the 
aircraft down. 
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IR missiles can sometimes be tricked by throwing out a flare which burns 
to produce approximately the same IR frequencies as the aircraft. How_ever, 
modern IR seekers are getting better at identifying which hot source 1s the 
actual aircraft. 

IR fundamentals are more thoroughly discussed in Ref. 18. 

8.6 VISUAL DETECTABILITY 
The human eyeball is still a potent aircraft-detection sensor. On a clear 

day, an aircraft or its contrail may be spotted ~isually ?efore detection by 
the on-board radar of a typical fighter. Also, fighter aucraft usually have 
radar only in front, which leaves the eyeball as the primary detector for 
spotting threat aircraft which are abe~m or ~bove. . . 

Visual detection depends upon the size of aucraft and its color and mten
sity contrast with the background. In simulated combat, pilots of the small 
F-5 can frequently spot the much-larger F-15s well before the F-5s are seen. 
However, aircraft size is determined by the mission requirements and can-
not be arbitrarily reduced. . . 

Background contrast is reduced primarily with camouflage pamts, usmg 
colors and surface textures that cause the aircraft to reflect light at an 
intensity and color equal to that of the background. T~is r7quires a~s.ump
tions as to the appropriate background as well as the hghtmg cond1t10ns. 

Frequently aircraft will have a lighter paint on the bottom, because ~he 
background for look-up angles is the sky. Current camouflage pamt 
schemes are dirty blue-grey for sky backgrounds and dull, mottled grey
greens and grey-browns for ground backgrounds .. 

Different parts of the aircraft can contrast agamst each ?ther, _which 
increases detectability. To counter this, paint colors can be vaned to hghten 
the dark areas such as where one part of the aircraft casts a shadow on 
another. Also,' small lights can sometimes be used to fill in a shadow spot. 

Canopy glint is also a problem for visual detection. Th7 use of flat trans
parencies can be applied as previously discussed, but will tend to detract 
from the pilot's outside viewing. . 

At night, aircraft are visually detected mostly by engme and exhaust _glow 
and by glint off the transparencies. These can be reduced by techmques 
previously discussed for IR and glint suppre~sion. . . 

There are also psychological aspects to visual detection. If the aucraft 
does not look like an aircraft, the human mind may ignore it. The irregular 
mottled patterns used for camouflage paints exploit this tendency. 

In air-to-air combat seconds are precious. If a pilot is confused as to the 
opponent's orientatio~. the opponent may obtain ~avor~ble positioning. To 
this end, some aircraft have even had fake canopies pamted on the u?de~
side. Forward-swept and oblique wings may also provide momentary d1son-
entation. 

8.7 AURAL SIGNATURE 
Aural signature (noise) is important for civili~n ~s well_ as military air

craft. Commercial airports frequently have antm01se ordmances that re
strict some aircraft. Aircraft noise is largely caused by airflow shear layers, 
primarily due to the engine exhaust. 
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A small-diameter, high-velocity jet exhaust produces the greatest noise, 
while a large-diameter propeller with a low tip-speed pr~duces t?e least 
noise. A turbofan falls somewhere in between. Blade shapmg and mternal 
duct shaping can somewhat reduce noise. 

Piston exhaust stacks are also a source of noise. This noise can be con
trolled with mufflers, and by aiming the exhaust stacks away from the 
ground and possibly over the wings. . 

Within the aircraft, noise is primarily caused by the engmes. Well-de
signed engine mounts, mufflers, and insulation materials can be us~d to 
reduce the noise. Internal noise will be created if the exhaust from a piston 
engine impinges upon any part of the aircraft, especially the_ cabin. . 

Wing-mounted propellers can have a tremendous effect on mternal nmse. 
All propellers should have a minimum clearance to the fuselage of about 1 
ft, and should preferably have a minimum clearance of about one-half of 
the propeller radius. 

However, the greater the propeller clearance, the larger the vertical tail 
must be to counter the engine-out yaw. 

Jet engines mounted on the aft fuselage (DC-9, B727, etc.) should be 
located as far away from the fuselage as structurally permitted to reduce 
cabin noise. 

8.8 VULNERABILITY CONSIDERATIONS 
Vulnerability concerns the ability of the aircraft to sustain battle damage, 

continue flying, and return to base. An aircraft can be "killed" in many 
ways. A single bullet through a non-redundant elevator actuator is as bad as 
a big missile up the tailpipe! 

"Vulnerable area" is a key concept. This refers to the product of the 
projected area (square feet or meters) of the aircraft components, times the 
probability that each component will, if struck, cause the aircraft to be lost. 
Vulnerable area is different for each threat direction. Typical components 
with a high aircraft kill probability (near 1.0) are the crew compartment, 
engine (if single-engined), fuel tanks (unless self-sealing), and weapons. 
Figure 8.14 shows a typical vulnerable area calculation. 

When assessing the vulnerability of an aircraft, the first step is to deter
mine the ways in which it can be "killed." Referred to as a "failure modes 
and effects analysis (FMEA)," this step will typically be performed during 
the later stages of conceptual design. The FMEA considers both the ways in 
which battle damage can affect individual aircraft components, and the 
ways in which damage to each component will affect the other components. 

During initial configuration layout, the designer should strive to avoid 
certain features known to cause vulnerability problems. Fire is the greatest 
danger to a battle-damaged aircraft. Not only is the fuel highly flammable, 
but so is the hydraulic fluid. Also, combat aircraft carry gun ammo, bombs, 
and missiles. An aircraft may survive a burst of cannon shells only to ex
plode from a fire in the ammo box. 

If at all possible, fuel should not be located over or around the engines 
and inlet ducts. While tanks can be made self-sealing to a small puncture, 
a large hole will allow fuel to ignite on the hot engine. The pylon-mounted 
engines on the A-10 insure that leaking fuel cannot ignite on the engines. 
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Sample calculation 

Presented Area P• given hit Vulnerable area 

Pilot (a) 
Computer (b) 
Fuel (c) 
Engine (d) 

5 ft' 
4 ft2 

80 ft2 

50 ft' 

1.0 
0.5 
0.3 
0.4 

Total vulnerable area 

Fig. 8.14 Vulnerable area calculation. 

5 ft' 
2 ft' 

24 ft2 

20 ft2 

51 ft' 

Similarity, hydraulic lines and reservoirs should be located away from the 
engines. 

Firewalls should be used to prevent the spread of flames beyond a bu_rn
ing engine bay. Engine bays, fuel bays, and weapon bays should have a fire
suppression system. 

When an engine is struck, turbine and compressor blades can. fly_ off at 
high speeds. Avoid placing critical components such as hydraulic Imes or 
weapons anyplace where they could be damaged by a1:1 exploding eng~ne. 
Also, a twin-engine aircraft should have enough separat10n between e~gmes 
to prevent damage to the good engine. If twin engines are together m the 
fuselage, a combined firewall and containment shield s?ould separate them. 
This requires at least 1 foot of clearance between engmes. . 

Propeller blades can fly off either from battle damage or durmg a wheels
up landing. Critical components, especially the crew and passenger. com
partments, shouldn't be placed within a 5-deg arc of the propeller disk. 

Avoid placing guns, bombs, or fuel near the crew compartment. Fuel 
should not be placed in the fuselage of a passenger plane. . 

Redundancy of critical components can be used to allow the survival of 
the aircraft when a critical component is hit. Typical components that could 
be redundant include the hydraulic system, electrical system, flight control 
system, and fuel system. Note that while redundancy im~roves the surviv
ability and reliability, it worsens the maintenance requirements because 
there are more components to fail. 

For more information on vulnerability, Ref. 18 is again suggested. 
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SCARFED FIREWALL PREVENTS SCOOPING 

FIREWALL SCOOPING INCREASES CRASH LOADS 

Fig. 8.15 Crasbworthiness design. 

8.9 CRASHWORTHINESS CONSIDERATIONS 

NO FLOOR STRUTS 

FLOOR STRUTS PUSH 
FLOOR UPWARDS 

Airplanes crash. Careful design can reduce the probability of injury in a 
moderate crash. Several suggestions have been mentioned above, including 
positioning the propellers so that the blades will not strike anyone if they fly 
off during a crash. Also mentioned was the desire to avoid placing fuel 
tanks in the fuselage of a passenger airplane (although fuel in the wing box 
carrythrough structure is usually acceptable). 

Figure 8.15 shows several other design suggestions which were learned the 
hard way. A normal, vertical firewall in a propeller aircraft has a sharp 
lower corner which tends to dig into the ground, stopping the aircraft dan
gerously fast. Sloping the lower part of the firewall back as shown will 
prevent digging in. therefore reducing the deceleration. 

For a large passenger a1rcraft, the floor should not be supported by 
braces from the lower part of the fuselage. As shown, these braces may 
push upward through the floor in the event of a crash. 

Common sense will avoid many crashworthiness problems. For example, 
things will break loose and fly forward during a crash. Therefore, don't put 
heavy items behind and/or above people. This sounds obvious, but there 
are some aircraft with the engine in a pod above and behind the cockpit. 

There are also some military jets with large fuel tanks directly behind the 
cockpit, offering the opportunity to be bathed in jet fuel during a crash. 
However, the pilot would probably try to eject rather than ride out a crash 
bad enough to rupture the fuel tanks. 

One should also consider secondary damage. For example, landing gear 
and engine nacelles will frequently be ripped away during a crash. If possi
ble, they should be located so that they do not rip open fuel tanks in the 
process. 
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Some form of protection should be provided in the not-unlikely event 
that the aircraft flips over during a crash. This is lacking in several small 
homebuilt designs. 

8.10 PRODUCIBILITY CONSIDERATIONS 
It is often said that aircraft are bought "by the pound." While it is true 

that aircraft cost is most directly related to weight, there is also a strong cost 
impact due to the materials selected, the fabrication processes and tooling 
required (forging, stamping, molding, etc.), and the assembly manhours. 

The configuration designer does not usually determine the materials used 
or exactly how the aircraft will be fabricated. However, the ease of produc
ing the aircraft can be greatly facilitated by the overall design layout. 

The greatest impact the configuration designer has upon producibility is 
the extent to which flat-wrap structure is incorporated. This has a major 
impact upon the tooling costs and fabrication manhours, as discussed in 
the last chapter. 

Part commonality can also reduce production costs. If possible, the left 
and right main landing gear should be identical (left-right common). It may 
be desirable to use uncambered horizontal tails to allow left-right common
ality even if a slight aerodynamic penalty results. In some cases the wing 
airfoil can be slightly reshaped to allow left-right common ailerons. 

Forgings are the most expensive type of structure in common usage, and 
are also usually the longest-lead-time items for production tooling. Forgings 
may be required whenever a high load passes through a small area. Forgings 
are used for landing-gear· struts, wing-sweep pivots, and all-moving tail 
pivots (trunnions). The designer should avoid, if possible, such highly
loaded structure. 

Installation of internal components and routing of hydraulic lines, elec
trical wiring, and cooling ducts comprises another major production cost 
due to the large amount of manual labor required. To ease installation of 
components and routing, avoid the tight internal packaging so desirable for 
reduced wetted area and wave drag. When evaluating proposed designs, 
government design boards will compare the overall aircraft density (weight 
divided by volume) with historical data for similar aircraft to insure packag
ing realism. 

Routing can be simplified through provision of a clearly defined "routing 
tunnel." This can be internal or, as shown in Fig. 8.16, an external and 
nonstructural fairing that typically runs along the spine of the aircraft. 
However, if all routing is concentrated in one area the aircraft vulnerability 
will be drastically worsened. 

Routing can be reduced by careful placement of the internal components. 
For example, the avionics and the crew station will both require cooling air 
("environmental control"). If the avionics, crew station, and environmen
tal control system (ECS) can be located near to each other, the routing 
distances will be minimized. 

Sometimes clever design can reduce routing. The Rutan Defiant, a "push
pull" twin-engined design, uses completely separate electrical systems for 
the front and rear engines, including separate batteries. This requires an 
extra battery, but a trade study determined that the extra battery weighs less 
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than the otherwise-required electrical cable, and eliminates the front-to-rear 
routing requirement. 

Another factor for producibility concerns manufacturing breaks. Aircraft 
are built in subassemblies. Typically, a large aircraft will be built up from 
a cockpit, an aft-fuselage, and a number of mid-fuselage subassemblies. A 
small aircraft may be built from only two or three subassemblies. 

It is important that the designer consider where the subassembly breaks 
will occur, and avoid placing components across the convenient break loca
tions. Figure 8.17 shows a typical fighter with a fuselage production brea~ 
located just aft of the cockpit. This is very common because the cockpit 
pressure vessel should not be broken for fabrication. 

In the upper design, the nose wheel well is divided by the production 
break, which prevents fully assembling the nose-wheel linkages before the 
two subassemblies are connected. The lower illustration shows a better ar-
rangement. . 

Design for producibility requires experience that no book can provide. A 
good understanding of structural design and fabrication and the basic prin
ciples of operation for the major subsystems provides the background for 
developing producible designs. The following material provides a brief 
introduction to aircraft fabrication. 

While there have been tremendous advances in aircraft production in 
recent years, much of the modern factory would be recognizable to a 
manufacturing engineer from the Wright Brothers' days. Aircraft produc
tion, then and now, involves the application of the mechanical arts of 
machining, forming, finishing, joining, assembly, and testing. 

Machining involves the removal of a carefully-controlled amount of 
material from a part, typically by the application of a cutting tool via 
relative motion between the part and the tool. The cutting tool is generally 
based upon the inclined wedge, and acts to peel away a thin shaving of the 
part (a drill bit can be seen as a set of inclined wedges positioned radially 
around an axis). The relative motion between tool and part can be rota
tional, as with the drill, lathe, and mill, or it can be translational, as with the 
broach and planer. 

Fig. 8.16 External routing tunnel. 
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Fig. 8.17 Production breaks. 

Forming refers to the numerous ways in which materials, especially -
metals are changed in shape other than by machining. Forming includes 
castin~, forging, extruding, stamping, punching, bending, and drawing. In 
casting, the metal is brought up to its melting temperature then poured into 
a mold. Forging involves forcing nonmolten metal into a mold through 
pressure or impact. Extrusion is the process of forcing metal to flow out a 
hole with the desired cross-sectional area, creating shaped bar stock. Stamp
ing and punching are used to cut out shapes and holes in sheet metal. 
Bending is self-explanatory, and drawing is the process of forcing sheet 
metal into a form creating cup-like geometries. 

Finishing encompasses a number of processes applied to formed and/or 
machined parts. Some finish processes include further material removal to 
create a smoother surface, such as deburring, lapping, and finish grinding. 
Other finish processes, such as painting, anodization, and plating, involve 
application of a surface coating. 

Composite fabrication is sufficiently unlike metal fabrication that it 
deserves special mention. In thermoset composite production, a liquid or 
pliable semisolid plastic material undergoes a chemical change into a new, 
solid material, usually accompanied by the application of heat and~or 
pressure. For aircraft applications the plastic "matrix" material is rem
forced by a fiber, typically of graphite material. Thermoset composite 
manufacture is unique in that the material itself is produced at the same 
time and place as the part. A second class of composites, the thermoplas
tics, involves a plastic matrix which is heated in a mold until it deforms 
readily, assuming the shape of the mold. Composite fabrication is further 
described in Chapter 14. 

Joining is simply the attachment of parts together, by processes including 
brazing, soldering, welding, bonding, riveting, and bolting. All these p~o
cesses historically have a high manual-labor content, and all are bemg 
automated to various extents in modern factories. For example, modern car 
factories have long lines of robotic spot-welders attaching body panels. 
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~uto~atic riveting machines, applicable for simple geometries such as 
nvets m a row down a wing spar, can be found in the modern aircraft 
factory. 
. Assembly is the process of combining parts and subassemblies into the 

fmal pr_oduct. A~se~b!y us_ually involves joining operations such as riveting 
or boltmg, but 1s d1stmgmshed from joining by the greater level of com
pleteness _of t~e s~ba_ss~~b!i~s. F,~r example, when you attach a wing skin 
to the wmg nbs 1t 1s Jommg, but when you attach the wing to the 
fuselage, it is "assembly." 
. Testin_g is a key part of the manufacturing process. In traditional facto

nes, testmg was generally done by random selection of finished product and 
was _frequently of a destructive nature. While helping to keep average 
quality up, such random destructive testing did not insure that any given 
part was acceptable because the only parts known by testing to be accept
able were destroyed in the process! 

Today's factories are tending toward nondestructive testing techniques 
such as m_agnaflux, ultrasonic, and nuclear magnetic resonance, and are 
also applymg ~dvanced statistical techniques to better select samples to test 
and to determme the corrective action required. 

CAD/CAM, or Computer-Aided Design/Computer-Aided Manufac
tu~e, is a g~neric _term for the many different ways in which computers are 
?emg used m design and manufacture. Typically CAD/CAM refers specif-
1cal_ly to the use of computers for two- and three-dimensional component 
design, an? the use of. the resulting CAD data base as the input for the 
programmmg of n~mencally-controlled machinery and robots (as described 
below). The benefits of CAD/CAM are well-established and include im
proved design quality, reduction in design time and/or increase in the 
numbe~ of design !terations possible, earlier discovery of errors, integration 
of _d~s1gn, analysis, and manufacturing engineering, and facilitation of 
trammg. 

Automation refers to almost a~y use of computerized equipment during 
man~facture. However, the genenc term "automation" is most frequently 
applied to tasks ~uch as riveting, parts retrieval, and process control (such 
as autoclave cycling), whereas the more specific terms "numerical control" 
and "robotics" are used as described below. 
. Num7rical c~ntrol (NC) programming refers to the creation of digital 
m~truct10ns wh1c_h com~and a computer-controlled machine tool such as a 
mill o_r lathe. This. area is_ probably one of the highest leverage in terms of 
reduc!ng cost_ and 1mprovmg quality. While machine tools themselves have 
expenenced little fundamental change in this century (this author knows of 
a co~nv~ny making h_igh-tech wind turbines on a 100-year-old lathe!), the 
applicat10n of numencal control replacing the skilled but bored machinist 
has had a tremen~o~s effect on productivity and quality. 

The most soph1st1cated subset of automation is robotics in which a 
c_ompute~-controlled machine performs tasl<s involving highly ~omplex mo
~1~ns wh1c~. previously might have been performed by a human. Note that 
It I~ the ~b~lity !o physically manipulate objects in response to programming 
w_h1ch d1stm~mshes the robot from other forms of automation or mecha
msm. Robotics examples include part pickup and positioning, painting, 
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composite-ply laydown, material handling, simple assembly, and welding, 
and are usually limited to "semi-skilled" jobs, at least to date. 

A key robotics technology for composites is in the labor-intensive tape 
lay-up process. Programmable robot arms with tape dispenser end effectors 
are widely used to place the prepreg. Also, autoclave cycle control is widely 
automated. 

Rapid prototyping of parts without tools is being performed using a new 
technique known as Stereolithography (SLA), which can produce plastic 
prototype parts in a day or less. SLA works by mathematically slicing CAD 
designs into thin cross sections, which are traced one at a time by an 
ultraviolet laser beam on a vat of photosensitive chemicals that solidify as 
they are irradiated. After each layer is completed, an "elevator" holding 
the part moves down slightly and the next layer is solidified on top of it. 
While to date only certain types of relatively fragile plastics may be used by 
SLA devices, the plastic prototypes can then be used to create molds for 
strong epoxy or aluminum parts. 

8.11 MAINTAINABILITY CONSIDERATIONS 
Maintainability means simply the ease with which the aircraft can be 

fixed. ''Reliability and Maintainability'' (R&M) are frequently bundled to
gether and measured in "Maintenance Manhours Per Flighthour" (MMH/ 
FH). MMH/FH's range from less than one for a small private aircraft to 
well over a hundred for a sophisticated supersonic bomber or interceptor. 

Reliability is usually out of the hands of the conceptual designer. Reliabil
ity depends largely upon the detail design of the avionics, engines, and other 
subsystems. The configuration designer can only negatively impact reliabil
ity by placing delicate components, such as avionics, too near to vibration 
and heat sources such as the engines. 

Anybody who has attempted to repair a car will already know what the 
major driver is for maintainability. Getting at the internal components fre
quently takes longer than fixing them! Accessibility depends upon the pack
aging density, number and location of doors, and number of components 
that must be removed to get at the broken component. 

Packaging density has already been discussed. The number and location 
of doors on modern fighters have greatly improved over prior-generation 
designs. Frequently the ratio between the total area of the access doors and 
the total wetted area of the aircraft's fuselage is used as a measure of merit, 
with modern fighters approaching a value of one-half. 

A structural weight penalty must be paid for such access. This leads to the 
temptation to use "structural doors" that carry skin loads via heavy hinges 
and latches. These are always more difficult to open than nonload-bearing 
doors because the airframe's deflection from its own weight will bind the 
latches and hinges. In extreme cases, the aircraft must be supported on jacks 
or a cradle to open these structural doors. 

As a general rule, the best access should be provided to the components 
that break the most often or require the most routine maintenance. Engine 
access doors should definitely be provided that allow most of the engine to 
be exposed. Also, large doors should be provided for the avionics compart-
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me
1
nt, hydraulic p~mps, actuators, electrical generators, environmental con

tro system, auxihary power unit, and gun bay. 
Thef worst _feature an aircraft can have for maintainability is a require

;ent or maJor structural disassembly to access or remove a component 
or example, the V /STOL AV-88 Harrier requires that the entire win b~ 

re~ovfedhbelfore removing the engine. Several aircraft require removal ~f a 
par. o_ t e ongeron to remove the wing. 

Similarly, the designer should avoid placing internal components such 
that one must be removed to get to another In the F 4 Phantom · t· se t t b · - , an eJec 10n 

a mus e removed to get to the radio (a high-break-rate item) It is not 
~nco~mo? for ~he ej~ction seat to be damaged during this proce~s "One-

eep design will avoid such problems. · 

9.1 INTRODUCTION 

9 
CREW STATION, PASSENGERS, 

AND PAYLOAD 

At the conceptual design level it is not necessary to go into the details of 
crew-station design, such as the actual design and location of controls and 
instruments, or the details of passenger and payload provisions. However, 
the basic geometry of the crew station and payload/passenger compartment 
must be considered so that the subsequent detailed cockpit design and pay
load integration efforts will not require revision of the overall aircraft. 

This chapter presents dimensions and "rule-of-thumb" design guidance 
for conceptual layout of aircraft crew stations, passenger compartments, 
payload compartments, and weapons installations. Information for more 
detailed design efforts is contained in the various civilian and military speci
fications and in subsystem vendors' design data packages. 

9.2 CREW STATION 
The crew station will affect the conceptual design primarily in the vision 

requirements. Requirements for unobstructed outside vision for the pilot 
can determine both the location of the cockpit and the fuselage shape in the 
vicinity of the cockpit. 

For example, the pilot must be able to see the runway while on final 
approach, so the nose of the aircraft must slope away from the pilot's eye 
at some specified angle. While this may produce greater drag than a more
streamlined nose, the need for safety overrides drag considerations. Simi
larly, the need for over-side vision may prevent locating the cockpit directly 
above the wing. 

When laying out an aircraft's cockpit, it is first necessary to decide what 
range of pilot sizes to accommodate. For most military aircraft, the design 
requirements include accommodation of the 5th to the 95th percentile of 
male pilots, (i.e., a pilot height range of 65.2-73.1 in.). Due to the expense 
of designing aircraft that will accommodate smaller or larger pilots, the 
services exclude such people from pilot training. 

Women are only now entering the military flying profession in substantial 
numbers, and a standard percentile range for the accommodation of female 
pilots had not yet been established as this was written. Future military 
aircraft might require the accommodation of approximately the 20th per
centile female and larger. This may affect the detailed layout of cockpit 
controls and displays, but should have little impact upon conceptual cockpit 
layout. 
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General-aviation cockpits are designed to whatever range of pilot sizes 
the marketing department feels is needed for customer appeal, but typically 
are comfortable only for those under about 72 in. Commercial-airliner 
cockpits are designed to accommodate pilot sizes similar to those of military 
aircraft. 

Figure 9.1 shows a typical pilot figure useful for conceptual design lay
out. This 95th percentile pilot, based upon dimensions from Ref. 22, in
cludes allowances for boots and a helmet. A cockpit designed for this size 
of pilot will usually provide sufficient cockpit space for adjustable seats and 
controls to accommodate down to the 5th percentile of pilots. 

Designers sometimes copy such a figure onto cardboard in a standard 
design scale such as twenty-to-one, cut out the pieces, and connect them 
with pins to produce a movable manikin. This is placed on the drawing, 
positioned as desired, and traced onto the layout. A computer-aided air
craft design system can incorporate a built-in pilot manikin (see Ref. 14). 

Dimensions for a typical cockpit sized to fit the 95th-percentile pilot are 
shown in Fig. 9.2. The two key reference points for cockpit layout are 
shown. The seat reference point, where the seat pan meets the back, is the 
reference for the floor height and the legroom requirement. The pilot's eye 
point is used for defining the overnose angle, transparency grazing angle, 
and pilot's head clearance (10-in. radius). 

This cockpit layout uses a typical 13-deg seatback angle, but seatback 
angles of 30 deg are in use (F-16), and angles of up to 70 deg have been 
considered for advanced fighter studies. This entails a substantial penalty in 

IO in. 

TYPICAL 
SEAT-TYPE 
PARACHUTE 

Fig. 9.1 Average 95th percentile pilot. 
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outside vision for the pilot, but can improve his ability to withstand high-g 
turns and also can reduce drag because of a reduction in the cockpit height. 

When designing a reclined-seat cockpit, rotate both the seat and the pi
lot's eye point about the seat reference point, and then use the new position 
of the pilot's eye to check overnose vision. 

Overnose vision is critical for safety especially during landing, and is also 
important for air-to-air combat. Military specifications typically require 
17-deg overnose vision for transports and bombers, and 11-15 deg for 
fighter and attack aircraft. Military trainer aircraft in which the instructor 
pilot sits behind the student require 5-deg vision from the back seat over the 
top of the front seat. 

Various military specifications and design handbooks provide detailed 
requirements for the layout of the cockpit of fighters, transports, bombers, 
and other military aircraft. 

General-aviation aircraft land in a fairly level attitude, and so have over
nose vision angles of only about 5-10 deg. Many of the older designs have 
such a small overnose vision angle that the pilot loses sight of the runway 
from the time of flare until the aircraft is on the ground and the nose is 
lowered. 

Civilian transports frequently have a much greater overnose vision angle, 
such as the Lockheed L-1011 with an overnose vision angle of 21 deg. 
Civilian overnose vision angles must be calculated for each aircraft based 
upon the ability of the pilot to see and react to the approach lights at 
decision height (100 ft) during minimum weather conditions (1200-ft run
way visual range). The higher the approach speed, the greater the overnose 
vision angle must be. 

Reference 23 details a graphical technique for determining the required 
overnose angle, but fr can only be applied after the initial aircraft layout is 
complete and the exact location of the pilot's eye and the main landing gear 
is known. For initial layout, Eq. (9.1) is a close approximation, based upon 
the aircraft angle of attack during approach and the approach speed. 

aovernose = aapproach + 0.07 V,.pproach 
(9.1) 

where Vapproach is in knots. 
Figure 9.2 shows an over-the-side vision requirement of 40 deg, measured 

from the pilot's eye location on centerline. This is typical for fighters and 
attack aircraft. For bombers and transports, it is desirable that the pilot be 
able to look down at a 35-deg angle without head movement, and at a 
70-deg angle when the pilot's head is pressed against the cockpit glass. This 
would also be reasonable for general-aviation aircraft, but many general
aviation aircraft have a low wing blocking the downward view. 

The vision angle looking upward is also important. Transport and 
bomber aircraft should have unobstructed vision forwards and upwards to 
at least 20 deg above the horizon. Fighters should have completely unob
structed vision above and all the way to the tail of the aircraft. Any canopy 
structure should be no more that 2 in. wide to avoid blocking vision. 
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The transparency grazing angle shown in Fig. 9.2 is the smallest angle 
between the pilot's line of vision and the cockpit windscreen. If this angle 
becomes too small, the transparency of the glass or plexiglass will become 
substantially reduced, and under adverse lighting conditions the pilot may 
only see a reflection of the top of the instrument panel instead of whatever 
is in front of the aircraft! For this reason, a minimum grazing angle of 30 
deg is recommended . 

The cockpit of a transport aircraft must contain anywhere from two to 
four crew members as well as provisions for radios, instruments, and 
stowage of map cases and overnight bags. Reference 23 suggests an overall 
length of about 150 in. for a four-crewmember cockpit, 130 in. for three 
crewmembers, and 100 in. for a two-crewmember cockpit. 

The cockpit dimensions shown in Fig. 9.2 will provide enough room for 
most military ejection seats. An ejection seat is required for safe escape 
when flying at a speed which gives a dynamic pressure above about 230 psf 
(equal to 260 knots at sea level). 

At speeds approaching Mach 1 at sea level (dynamic pressure above 
1200), even an ejection seat is unsafe and an encapsulated seat or separable 
crew capsule must be used. These are heavy and complex. A separable crew 
capsule is seen on the FB-111 and the prototype B-lA. The latter, including 
seats for four crew members, instruments, and some avionics, weighed 
about 9000 lb. 

9.3 PASSENGER COMPARTMENT 
The actual cabin arrangement for a commercial aircraft is determined 

more by marketing than by regulations. Figure 9.3 defines the dimensions 
of interest. "Pitch" of the seats is defined as the distance from the back of 
one seat to the back of the next. Pitch includes fore and aft seat length as 
well as leg room. "Headroom" is the height from the floor to the roof over 
the seats. For many smaller aircraft the sidewall of the fuselage cuts off a 
portion of the outer seat's headroom, as shown. In such a case it is impor
tant to assure that the outer passenger has a 10-in. clearance radius about 
the eye position. 

Table 9.1 provides typical dimensions and data for passenger compart
ments with first-class, economy, or high-density seating. This information 
(based upon Refs. 23, 24, and others) can be used to lay out a cabin floor 
plan. 

There should be no more than three seats accessed from one aisle, so an 
aircraft with more than six seats abreast will require two aisles. Also, doors 
and entry aisles are required for approximately every 10-20 rows of seats. 
These usually include closet space, and occupy 40-60 in. of cabin length 
each. 

Passengers can be assumed to weigh an average of 180 lb (dressed and 
with carry-on bags), and to bring about 40-60 lb of checked luggage. A 
current trend towards more carry-on luggage and less checked luggage has 
been overflowing the current aircrafts' capacity for overhead stowage of 
bags. 

The cabin cross section and cargo bay dimensions (see below) are used to 
determine the internal diameter of the fuselage. The fuselage external di-
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Table 9.1 Typical passenger compartment data 

Seat pitch (in.) 
Seat width (in.) 
Headroom (in.) 
Aisle width (in.) 
Aisle height (in.) 
Passengers per cabin staff 

(international-domestic) 
Passengers per lavatory 

(40" x40") 
Galley volume per 

passenger (ft3 /pass) 

HEADROOM 

First class 

38-40 
20-28 
>65 

20-28 
>76 

16-20 

10-20 

5-8 

AISLE 
HEIGHT 

AISLE 
WIDTH ... 

High density I 
Economy small aircraft 

34-36 30-32 
17-22 16-18 
>65 

18-20 ~ 12 
>76 >60 

31-36 ::550 

40-60 40-60 

1-2 0-1 

,--------, 
I : 
I I 
I I 
I 
I SEAT 
~PITCH I ---1-.....,... 
I 
I 

Fig. 9.3 Commercial passenger allowances. 

am.eter is then dete~mined by estimating the required structural thickness. 
This r~nges f~om 1 m. for a small business or utility transport to about 4 in 
for a Jumbo Jet. · 

9.4 CARGO PROVISIONS 
. Cargo must ~e. c_arried in a secure fashion to prevent shifting while in 

flight. Large~ civilian transports use standard cargo containers that are 
p~e-loaded w!th cargo and luggage and then placed into the belly of the 
aircra_ft. Dunng conceptual design it is best to attempt to use an existing 
co.ntamer rather than requiring purchase of a large inventory of new con
tamers. 
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727-200 C CONTAINER 

78 CUBIC FEET 

26.4 

Fig. 9.4 Cargo containers. 

LD-3 CONTAINER 

158 CUBIC FEET 

44.4 

Two of the more widely used cargo containers are shown in Fig. 9.4. Of 
the smaller transports, the Boeing 727 is the most widely used, and the 727 
container shown is available at virtually every commercial airport. 

The LD-3 container is used by all of the widebody transports. The B-747 
carries 30 LD-3's plus 1000 ft 3 of bulk cargo volume (non-containered). The 
L-1011 carries 16 LD-3's plus 700 ft3 of bulk cargo volume, and the DC-10 
and Airbus each carry 14 LD-3's (plus 805 and 565 ft 3

, respectively, of bulk 
cargo volume). 

To accommodate these containers, the belly cargo compartments require 
doors measuring appro.ximately 70 in. on a side. As was discussed in the 
section on wing vertical placement, low-wing transports usually have two 
belly cargo compartments, one forward of the wing box and one aft. 

The cargo volume per passenger of a civilian transport ranges from about 
8.6-15.6 ft3 per passenger (Ref. 24). The smaller number represents a small 
short-haul jet (DC-9). The larger number represents a transcontinental jet 
(B-747). The DC-10, L-1011, Airbus, and B-767 all have about 11 ft

3 
per 

passenger. Note that these volumes provide room for paid cargo as well as 
passenger luggage. 

Smaller transports don't use cargo containers, but instead rely upon 
hand-loading of the cargo compartment. For such aircraft a cargo provision 
of 6-8 ft3 per passenger is reasonable. 

Military transports use flat pallets to pre-load cargo. Cargo is placed 
upon these pallets, tied down, and covered with a tarp. The most common 
pallet measures 88 by 108 in. 

Military transports must have their cargo compartment floor approx-
imately 4-5 ft off the ground to allow direct loading and unloading of cargo 
from a truck bed at air bases without cargo-handling facilities. However, 
the military does use some commercial aircraft for cargo transport and has 
pallet loaders capable of raising to a floor height of 13 ft at the major 
Military Airlift Command bases. 

The cross section of the cargo compartment is extremely important for a 
military transport aircraft. The C-5, largest of the U.S. military transports, 
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is sized to carry so-called "outsized" cargo, which includes M-60 tanks 
helicopters, and large trucks. The C-5 cargo bay is 19 ft wide, 13\/z ft high: 
and 121 ft long. 

The C-130 is u~ed for troop and supply delivery to the front lines, and 
cannot carry outsized cargo. Its cargo bay measures 10' 3 11 wide, 9 '2 11 high, 
and 41 '5 11 long. 

9.5 WEAPONS CARRIAGE 

Carriage of weapons is the purpose of most military aircraft. Traditional 
weapons include guns, bombs, and missiles. Lasers and other exotic tech
nologies may someday become feasible as airborne weapons but will not be 
discussed here. ' 

T~e weapons are a substantial portion of the aircraft's total weight. This 
reqmres that the weapons be located near the aircraft's center of gravity. 
Otherwise the aircraft would pitch up or down when the weapons are re
leased . 

. Missiles diff~r t:rom bombs primarily in that missiles are powered. Today, 
vutually all missiles are also guided in some fashion. Most bombs are 
"dumb," or unguided, and are placed upon a target by some bombsight 
mechanism or computer which releases them at the proper position and 
velocity so that they free-fall to the desired target. However, "smart
bombs," which have some guidance mechanism, are also in use. 

Missiles are launched from the aircraft in one of two ways. Most of the 
smaller missiles such as the AIM-9 are rail-launched. A rail-launcher is 
mounted to the aircraft, usually at the wingtip or on a pylon under the wing. 
Attached to the missile are several mounting lugs, which slide onto the rail 
as shown on Fig. 9.5. For launch, the missile motor powers the missile down 
the rail and free of the aircraft. 

RAIL EJECTOR 

PYLON - OR 
WINGTIP 

f 
'-

J 
RELEASE 

MECHANISM 

Fig. 9.5 Missile carriage/launch. 
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Ejection-launch is used mainly for larger missiles. The missile is attached 
to the aircraft through hooks which are capable of quick-release, powered 
by an explosive charge. This explosive charge also powers !wo pistons !hat 
shove the missile away from the aircraft at an extremely high acceleration. 
The missile motor is lit after it clears the aircraft by some specified distance. 

Bombs can also be ejected, or can simply be released and allowed to fall 
free of the aircraft. 

There are four options for weapons carriage. Each has pros and cons, 
depending upon the application. External carriage is the lightest and sim
plest, and offers the most flexibility for carrying alter~ate weapon s_t?res. 

While most fighter aircraft are designed to an air-to-au role, the abihty to 
perform an additional air-to-ground role is often imposed. To avo~d p~nal
izing the aircraft's performance when "clean" (i.e., set up for dogfightmg), 
most fighter aircraft have "hardpoints" under the wing and fuselage to 
which weapon pylons can be attached, as shown in Fig. 9.6. The~e are used 
to carry additional external weapons, and are removed for maximum dog
fighting performance. 

Most fighter aircraft can also carry external fuel tanks on the weapons 
pylons. These can be dropped when entering a dogfight. but are not 
dropped during long overwater ferry flights. Standard external fuel tanks 
include 150 and 600 gal sizes. 

C\ 
EXTERNAL C\ 

-, 
' ' "--.,\ 

SEMI-SUBMERGED C\ INTERNAL 

CONFORMAL 

Fig. 9.6 Weapon carriage options. 
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Externally-carried weapons have extremely high drag. At near-sonic 
speeds, a load of external bombs can have more drag than the entire rest of 
the aircraft. Supersonic flight is virtually impossible with pylon-mounted 
external weapons, due to drag and buffeting. (Wing tip-mounted missiles 
are small, and have fairly low drag.) 

To avoid these problems, semisubmerged or conformally-carried weap
ons may be used. Conformal weapons mount flush to the bottom of the 
wing or fuselage. Semisubmerged weapons are half-submerged in an inden
tation on the aircraft. This is seen on the F-4 for air-to-air missiles. 

Semisu~~~rged carriage offers a substantial reduction in drag, but re
duces flex1b1hty for carrying different weapons. Also, the indentations pro
duce ~ _structu~al weigh! penalty on the airplane. Conformal carriage 
doesn t mtrude mto the a1rcraft structure, but has slightly higher drag than 
the semisubmerged carriage. 

The lowest-drag option for weapons carriage is internal. An internal 
weapons bay has been a standard feature of bombers for over fifty years, 
but has been seen on only a few fighters and fighter-bombers, such as the 
~-106 and FB-111. This is partly due to the weight penalty imposed by an 
mternal weapons bay and its required doors, but is also due to the prevalent 
d~si~e to maximize dogfighting performance at the expense of alternate 
mission ~ertormance. However, only an internal weapons bay can com
pletely ehmmate the weapons' contribution to radar cross section so the 
internal weapons bay may become common for fighters as well as b~mbers. 

During concep~ual layout, there are several aspects of weapons carriage 
that must be considered once the type of carriage is selected. Foremost is the 
need to remember the l?a~ing crew. They will be handling large, heavy, and 
extremely dangerous m!ssdes a~d bombs. They may be working at night, in 
a snowstorm, on a rollmg earner deck, and under attack. Missiles must be 
physically attached to the mounting hooks or slid down the rail then se
cured by a locking mechanism. Electrical connections must be m~de to the 
guidanc~ mechanism, ~nd the safety wire must be removed from the fusing 
~echamsm. For a~ eJector-type launcher, the explosive charge must be 
mser!ed. All of this cannot be done if the designer, to reduce drag, has 
provided only a few inches of clearance around the missile. The loading 
crew absolutely must have sufficient room in which to work. 
. Clearance around the missiles and bombs is also important for safety. To 
msure that the weapons never strike the ground, the designer should provide 
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Fig. 9.7 Weapon release clearance. 
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1--l 
Fig. 9.8 Rotary weapons bay. 

at least a 3-in. clearance to the ground in all aircraft attitudes. This includes 
the worst-case bad landing in which one tire and shock-strut are completely 
flat, the aircraft is at its maximum tail-down attitude (usually 15 deg or 
more) and the aircraft is in a 5-deg roll. The minimum clearance should be 
doubled if the airplane is to operate from rough runways. 

If weapons are mounted near each other, there should be a clearance on 
the order of 3 in. between them. There should also be a foot or more 
clearance between weapons and a propeller disk. 

The path taken by missiles or bombs when launched must be considered. 
For rail-launched missiles, there should be at least a IO-deg cone of clear
ance between any part of the aircraft and the launch direction of the missile. 
Also, the designer must consider the effects of the missile exhaust blast on 
the aircraft's structure. 

For an ejector-launched or free-fall released weapon, there should be a 
fall line clearance of IO deg off the vertical down from any part of the 
missile to any part of the aircraft or other weapons as shown in Fig. 9. 7. 

A special type of internal weapons carriage is the rotary weapons bay, as 
shown in Fig. 9.8. This allows launching all of the weapons through a 
single, smaller door. At supersonic speeds it can be difficult or impossible 
to launch weapons out of a bay due to buffeting and airloads which tend to 
push the weapon back into the bay. A single smaller door reduces these 
tendencies. Also, the rotary launcher simplifies installation of multiple 
weapons into a single bay. In fact, it is possible to design a rotary launcher 
that can be pre-loaded with weapons and loaded full into the aircraft. 

9.6 GUN INSTALLATION 
The gun has been the primary weapon of the air-to-air fighter since the 

first World War I scout pilot took a shot at an opposing scout pilot with a 
handgun. For a time during the 1950's it was felt that the then-new air-to
air missiles would replace the gun, and in fact several fighters such as the 
F-4 and F-104 were originally designed without guns. History proved that 
missiles cannot be solely relied upon, and all new fighters are being designed 
with guns. 

The standard U.S. air-to-air gun today is the M61Al "Vulcan" six-barrel 
gatling gun, shown in Fig. 9.9. This is used in the F-15, F-16, F-18, and 
others. Note the ammunition container. This must be located near the aft 
end of the gun. Rounds of ammo are fed out of the container ("drum") 
through feed chutes and into the gun. Ammo is loaded into the drum by 
attaching an ammo loading cart to the feed chute shown. The door to this 
loading chute must be accessible from the ground. 
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Fig. 9.9 M61 "VULCAN" gun. 

An air-to-air gun such as the M61Al can produce a recoil force on the 
order of two tons. A large anti-tank gun such as the GAU-8 used in the A-10 
can produce ~ ~ecoil force five times greater. To avoid a sudden yawing 
motion from fmng, guns should be located as near as possible to the center
line of the aircraft. On the A-10, the nose landing gear is offset to one side 
to allow the gun to be exactly on the centerline. This extreme is not neces
sary for the smaller air-to-air guns. 

When a gun is fired, it produces a bright flash and a large cloud of 
smoke. The gun muzzle should be located so that these do not obscure the 
pilot's vision. Also, being very noisy, a gun should be located away from 
the cockpit. 

The ~loud of _smoke ~roduced by a gun can easily stall a jet engine if 
sucked mto the mlet. This should also be considered when locating a gun. 

10.1 INTRODUCTION 

10 
PROPULSION AND FUEL 

SYSTEM INTEGRATION 

This section treats the integration and layout of the propulsion system 
into the overall vehicle design, not the calculation of installed propulsion 
performance. Propulsion analysis methods are covered in Chapter 13. 

To develop the propulsion system layout it is necessary to know the actual 
dimensions and installation requirements of the engine as well as its sup
porting equipment such as inlet ducts, nozzles, or propellers. Also, the fuel 
system including the fuel tanks must be defined. 

10.2 PROPULSION SELECTION 
Figure 10.1 illustrates the major options for aircraft propulsion. All air

craft engines operate by compressing outside air, mixing it with fuel, burn
ing the mixture, and extracting energy from the resulting high-pressure hot 
gases. In a piston-prop, these steps are done intermittently in the cylinders 
via the reciprocating pistons. In a turbine engine, these steps are done con
tinuously, but in three distinct parts of the engine. 

The piston-prop was the first form of aircraft propulsion. By the dawn of 
the jet era, a 5500-hp piston-prop engine was in development. Today piston
props are mainly limited to light airplanes and some agricultural aircraft. 

Piston-prop engines have two advantages. They are cheap, and they have 
the lowest fuel consumption. However, they are heavy and produce a lot of 
noise and vibration. Also, the propeller loses efficiency as the velocity in-
creases. 

The turbine engine consists of a "compressor," a "burner," and a "tur
bine." These separately perform the three functions of the reciprocating 
piston in a piston engine. 

The compressor takes the air delivered by the inlet system and compresses 
it to many times atmospheric pressure. This compressed air passes to the 
burner, where fuel is injected and mixed with the air and the resulting 
mixture ignited. 

The hot gases could be immediately expelled out the rear to provide 
thrust, but are first passed through a turbine to extract enough mechanical 
power to drive the compressor. It is interesting to note that one early jet 
engine used a separate piston engine to drive the compressor. 

There are two types of compressors. The centrifugal compressor relies 
upon centrifugal force to "fling" the air into an increasingly narrow chan-
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Fig. 10.1 Propulsion system options. 

nel, which raises the pressure_ In contrast, an axial compressor relies upon 
blade aerodynamics to force the air into an increasingly narrow channel. An 
axial compressor typically has about six to ten "stages," each of which 
consists of a "rotor" (i.e., rotating) disk of blades and a "stator" (i.e., 
stationary) disk of blades. The rotors tend to swirl the air, so the stators are 
used to remove the swirl. 

The axial compressor, relying upon blade aerodynamics, is intolerent to 
distortions in the incoming air such as swirl or pressure variations_ These 
distortions can stall the blades, causing a loss of compression and a possible 
engine flame-out. 

The centrifugal compressor is much more forgiving of inlet distortion, 
but causes the engine to have a substantially higher frontal area, which 
increases aircraft drag. Also, a centrifugal compressor cannot provide as 
great a pressure increase (pressure ratio) as an axial compressor. Several 
smaller turbine engines use a centrifugal compressor behind an axial com
pressor to attempt to get the best of both types. 

The turboprop and turbofan engines both use a turbine to extract me
chanical power from the exhaust gases. This mechanical power is used to 
accelerate a larger mass of outside air, which increases efficiency at lower 
speeds_ 

For the turboprop engine, the outside air is accelerated by a conventional 
propeller. The "prop-fan" or "unducted fan" is essentially a turboprop 
with an advanced aerodynamics propeller capable of near-sonic speeds. 

For the turbofan engine, the air is accelerated with a ducted fan of one or 
several stages_ This accelerated air is then split, with part remaining in the 
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Fig. 10.2 Propulsion system speed limits. 

engine for further compression and burning, and the remainder being "by-
passed" around the engine to exit unburned. . . 

The "bypass ratio" is the mass-flow ratio of the bypassed air to the air 
that goes into the core 'of the engine_ Bypass ratio ranges from as high as 6 
to as low as 0.25 (the so-called "leaky turbojet"). 

The ideal turbine engine would inject enough fuel to completely combust 
all of the compressed air, producing maximum thrust for a given engine 
size. Unfortunately, this "stoichiometric" air/fuel mixture ratio of about 
15 to 1 produces temperatures far greater than the capabilities of known 
materials, and would therefore burn up the turbine blades. 

To lower the temperature seen by the turbine blades, excess air is used_ 
Currently engines are limited to a turbine temperature of about 2000-
25000F, which requires an air/fuel mixture ratio of about 60 to 1. Thus, 
only about a quarter of the captured and compressed air is actually used for 
combustion. The exhaust is 75% unused hot air. 

If fuel is injected into this largely-uncombusted hot air, it will mix and 
burn_ This will raise the thrust as much as a factor of two, and is known as 
"afterburning." Unfortunately, afterburning is inefficient in terms of fuel 
usage. The fuel flow required to produce a pound of thrust in afterbur?er 
is approximately double that used to produce a pound of thrust durmg 
normal engine operations. 

Due to the high temperatures produced, afterburning must be done 
downstream of the turbine. Also, it is usually necessary to divert part of the 
compressor air to cool the walls of the afterburner and nozzles. Addition of 
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an afterburner will approximately double the length of a turbojet or turbo
fan engine. 

If the aircraft is traveling fast enough, the inlet duct alone will compress 
the air enough to burn if fuel is added. This is the principle of a "ramjet." 
Ramjets must be traveling at above Mach 3 to become competitive with a 
turbojet in terms of efficiency. 

A "scramjet" is a ramjet that can operate with supersonic internal flow 
and combustion. Scramjets are largely unproven as of this writing, and are 
probably suitable only for operation above Mach 5 or 6. Ramjets and 
scramjets require some other form of propulsion for takeoff and accelera
tion to the high Mach numbers they require for operation. 

The selection of the type of propulsion system-piston-prop, turboprop, 
turbofan, turbojet, ramjet-will usually be obvious from the design re
quirements. Aircraft maximum speed limits the choices, as shown in Fig. 
10.2. In most cases there is no reason to select a propulsion system other 
than the lowest on the chart for the design Mach number. Fuel-consump
tion trends have been shown in Fig. 3.3. 

The choice between a piston-prop and a turboprop can depend upon 
several additional factors. The turboprop uses more fuel than a piston prop 
of the same horsepower, but is substantially lighter and more reliable. Also, 
turboprops are usually quieter. For these reasons turbine engines have 
largely replaced piston engines for most helicopters, business twins, and 
short-range commuter airplanes regardless of design speed. However, pis
ton-props are substantially cheaper and will likely remain the only choice 
for light aircraft for a long time. 

10.3 JET-ENGINE INTEGRATION 

Engine Dimensions 
If the aircraft is designed using an existing, off-the-shelf engine, the di

mensions are obtained from the manufacturer. If a "rubber" engine is 
being used, the dimensions for the engine must be obtained by scaling from 
some nominal engine size by whatever scale factor is required to provide the 
desired thrust. The nominal engine can be obtained by several methods. 

In the major aircraft companies, designers can obtain estimated data for 
hypothetical "rubber" engines from the engine companies. This data is 
presented for a nominal engine size, and precise scaling laws are provided. 
Appendix A.4 provides data for several hypothetical advanced engines. 

Better yet, engine companies sometimes provide a "parametric deck," a 
computer program that will provide performance and dimensional data for 
an arbitrary advanced-technology engine based upon inputs such as bypass 
ratio, overall pressure ratio, and turbine-inlet temperature. This kind of 
program, which provides great flexibility for early trade studies, goes be
yond the scope of this book. 

Another method for defining a nominal engine assumes that the new 
engine will be a scaled version of an existing one, perhaps with some perfor
mance improvement due to the use of newer technologies. For example, in 
designing a new fighter one could start with the dimensions and perfor
mance charts of the P&W F-100 turbofan, which powers the F-15 and F-16. 
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To approximate the improvements due to advanced t~chnologie~, ~ne 
could assume, say, a IO or 200Jo reduction in fuel consum_ptlon ~nd a similar 
reduction in weight. This would reflect the better materials,. higher operat
ing temperatures, and more efficient compressors and turbmes that could 
be built today. 

Figure 10.3 illustrates the dimensions that must be scaled fro~ the nom-
inal engine. The scale factor "SF" is the ratio between the reqmred thrust 
and the actual thrust of the nominal engine. Equations (10.1-10.3) s~ow 
how length, diameter, and weight vary with the scale factor for the typical 

jet engine. 

D = Dactua1(SF)°-5 

W = Wactua1(SF)l.l 

(10.1) 

(10.2) 

(10.3) 

Although statistically derived, these equations ~ake intuitive sei:ise. 
Thrust is roughly proportional to the mass flow of au u~ed by_ the engm:, 
which is related to the cross-sectional area of the engme. Smee _area is 
proportional to the square of the diameter, it follows that the diameter 
should be proportional to the square root of the thrus~ scale-factor. . 

Note the engine-accessories package beneath the engme. The ac~essones 
include fuel pumps, oil pumps, power-takeoff gearboxes, an~ eng_me con
trol boxes. The location and size of the accessory package vanes widely for 
different types of engines. In the absence o~ a drawing: the accessory pack
age can be assumed to extend below the engi~e to a radms of a~out 20-400Jo 
greater than the engine radius. On some engmes these accessories have been 
located in the compressor spinner or other places. 
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Fig. 10.3 Engine scaling. 
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If a parametric _deck is unavailable, and no existing engines come close 
en~ugh to the demed characteristics to be rubberized and updated as de
scnbed ~bove, t~en a parametric statistical approach can be used to define 
the nommal engme. 

Equations (10.4-10.15) define two first-order statistical jet-engine models 
bas~d upon data from Ref. 1. One model is for subsonic nonafterburning 
engmes such as found on commercial transports, and covers a bypass-ratio 
range fro_m ~era to about 6. The other model is for afterburning engines for 
superso~ic fighters and bombers (M <2.5), and includes bypass ratios from 
zero to Just under 1. 

Nonafterburning engines: 

w = 0.084Tl.le(-o.04s BPR) 

D = 0.393 T°·se<o.04 BPR) 

SFCmaxT = 0.67e(-0.12 BPR) 

Tcruise = 0.60T°·9e<0·02 BPR) 

SFCcruise = 0.88e(-0.05 BPR) 

Afterburning engines: 

D = 0.288T°·se<0.04 BPR) 

SFCmaxT = 2.le(-0.12BPR) 

Tcruise = 1.6T°·74e(0.023 BPR) 

SFCcruise = 1.04e(-0.186 BPR) 
where 

W = weight 
T = takeoff thrust 
BPR = bypass ratio 
M = max Mach number 
Cruise is at 36,000 ft and 0.9M. 

(10.4) 

(10.5) 

(10.6) 

(10.7) 

(10.8) 

(10.9) 

(10.10) 

(10.11) 

(10.12) 

(10.13) 

(10.14) 

(10.15) 

. These eq~atio~s represent a very unsophisticated model for initial estima
tion of en~me dimensions. They should not be applied beyond the given 
bypass-rat10 and speed ranges. Also, these equations represent today's state 
of the art. Improvement factors should be applied to approximate future 
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Fig. 10.4 Inlet types. 

engines. For a post-1995 engine this author recommends, as a crude approx
imation, a 20% reduction in SFC, weight, and length for a given maximum 
thrust. 

Reference 46 is recommended for the theory and practice of jet-engine 
design. 

Inlet Geometry 
Turbojet and turbofan engines are incapable of efficient operation unless 

the air entering them is slowed to a speed of about Mach 0.4-0.5. This is to 
keep the tip speed of the compressor blades below sonic speed relative to the 
incoming air. Slowing down the incoming air is the primary purpose of an 
inlet system. 

The installed performance of a jet engine greatly depends upon the air
inlet system. The type and geometry of the inlet and inlet duct will deter
mine the pressure loss and distortion of the air supplied to the engine, which 
will affect the installed thrust and fuel consumption. Roughly speaking, a 
1 % reduction in inlet pressure recovery (total pressure delivered to the en
gine divided by freestream total pressure) will reduce thrust by about 1.3%. 

Also, the inlet's external geometry including the cowl and boundary-layer 
diverter will greatly influence the aircraft drag. As discussed in Chapter 13, 
this drag due to propulsion is counted as a reduction in the installed thrust. 

There are four basic types of inlet, as shown in Fig. 10.4. The NACA 
flush inlet was used by several early jet aircraft but is rarely seen today for 
aircraft propulsion systems due to its poor pressure recovery (i.e., large 
losses). At the subsonic speeds for which the NACA inlet is suitable, a 
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pitot-type inlet will have virtually lOOOJo pressure recovery vs about 900Jo for 
a_ well-designed NACA inlet. However, the NACA inlet tends to reduce 
aircraft wetted. area. and weight if the engine is in the fuselage. 

The ~ACA_ mlet 1s regularly used for applications in which pressure re
covery 1s less. ~mportant, such as the intakes for cooling air or for turbine
po~ered aux1hary power units. The BD-51, a jet version of the BD-5 home
bull~, used the NACA inlet, probably to minimize the redesign effort. 

Figure 10.~ and T~bl~ 10.1 provide dimensions for laying out a good 
NACA flus~ mlet. This mlet will provide as high as 92% pressure recovery 
~hen 01:'eratmg at a mass flow ratio of 0.5 (i.e., air mass flow through inlet 
1s 0.5 times the mass flow through the same cross-sectional area in the 
freestream). 

- L 

RAMP FLOOR 

Fig. 10.5 Flush inlet geometry. 

Table 10.1 Flush inlet wall geometry 

x/L y 

W/2 

1.0 0.083 
0.9 0.160 
0.8 0.236 
0.7 0.313 
0.6 0.389 
0.5 0.466 
0.4 0.614 
0.3 0.766 
0.2 0.916 
0.1 0.996 
0.0 1.000 

CAPTURE 
AREA 

PROPULSION AND FUEL SYSTEM INTEGRATION 201 

~ 
t"l z 
s:l z 1', t"l 

CAPTURE 
,<\ "l 

i ,, 
AREA DIFFUSER 0 

~ z 

j 
.., 

,<\ "l 
'7 > 
9, (') 

t"l 

Fig. 10.6 Pitot (normal shock) inlet layout. 

The pitot inlet is simply a forward-facing hole. It works very well subson
ically and fairly well at low supersonic speeds. It is also called a "normal 
shock inlet" when used for supersonic flight ("normal" meaning perpen
dicular in this case). Figure 10.6 gives design guidance for pitot inlets. 

The cowl lip radius has a major influence upon engine performance and 
aircraft drag. A large lip radius tends to minimize distortion, especially at 
high angles of attack and sideslip. Also, a large lip radius will readily ac
commodate the additional air required for takeoff thrust, when the ram air 
effect is small. However, a large lip radius will produce shock-separated 
flow on the outside of the inlet as the speed of sound is approached, and 
that greatly increases the drag. 

For supersonic jets, the cowl lip should be nearly sharp. Typically the lip 
radius will be about 3-50Jo of the inlet front face radius. For subsonic jets, 
the lip radius ranges from 6-lOOJo of the inlet radius. 

To minimize distortion the lip radius on a subsonic inlet is frequently 
greater on the inside than the outside, with perhaps an 80Jo inner radius and 
a 40Jo outer radius. Also, a number of aircraft have a lip radius on the lower 
part of the inlet up to 500Jo greater than that on the upper lip. This reduces 
the effects of angle of attack during takeoff and landing. 

Note that the inlet front face may not be perpendicular to the engine axis. 
The desired front-face orientation depends upon the location of the inlet 
and the aircraft's angle-of-attack range. Normally the inlet should be about 
perpendicular to the local flow direction during cruise. If the aircraft is to 
operate at large angles of attack, it may be desirable to compromise between 
these angles and the angle at cruise. 

The remaining inlet types shown in Fig. 10.4 are for supersonic aircraft, 
and offer improvements over the performance of the normal shock inlet at 
higher supersonic speeds. The conical inlet (also called a spike, round, or 
axisymmetric inlet) exploits the shock patterns created by supersonic flow 
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over a cone. Similarly, the two-dimensional ramp inlet (also called a "D-in
let") uses the flow over a wedge. 

The spike inlet is typically lighter and has slighter better pressure recovery 
(1.5%), but has higher cowl drag and involves much more complicated 
mechanisms to produce variable geometry. The ramp inlet tends to be used 
more for speeds up to about Mach 2, while the spike inlet tends to be used 
above that speed. 

Any inlet must slow the air to about half the speed of sound before it 
reaches the engine. The final transition from supersonic to subsonic speed 
always occurs through a normal shock. The pressure recovery through a 
shock depends upon the strength of the shock, which is related to the speed 
reduction through the shock. 

In other words, a normal shock used to slow air from Mach 2 down to 
subsonic speeds will have a far worse pressure recovery than a normal shock 
used to slow the air from Mach 1.1 to subsonic speeds (72% vs 99.9%). For 
this reason a normal-shock inlet is rarely used for prolonged operation 
above Mach 1.4. 

An oblique shock, however, does not reduce the air speed all the way to 
subsonic. The speed reduction and pressure recovery through an oblique 
shock depends upon the angle of the wedge or cone used to establish the 
shock. For example, a IO-deg wedge in Mach 2 flow creates an oblique 
shock at 39 deg that reduces the flow speed to Mach 1.66 (see Appendix 
A.2). This gives a pressure loss of only 1.4% (i.e., pressure recovery of 
98.6%). 

If the Mach 1.66 air downstream of this oblique shock is then run into a 
normal shock inlet, it will slow to Mach 0.65, with a pressure recovery of 
87.2%. The total pressure recovery from Mach 2 to subsonic speed is 98.6 
times 87 .2, or 86%. Thus, use of an oblique shock before the normal shock 
has improved pressure recovery for this example Mach 2 inlet from 72% to 
86%. (Note that this is far from optimal. A well-designed Mach 2 inlet with 
one oblique shock will approach a 95% pressure recovery.) 

This illustrates the principle of the external-compression inlet shown in 
Fig. 10.7. The above example is a two-shock system, one external and one 
normal. The greater the number of oblique shocks employed, the better the 
pressure recovery. 

The theoretical optimal is the isentropic ramp inlet, which corresponds to 
infinitely-many oblique shocks and produces a pressure recovery of 100% 
(ignoring friction losses). The pure isentropic ramp inlet works properly at 
only its design Mach number, and is seen only rarely. However, isentropic 
ramps are frequently used in combination with flat wedge ramps, such as on 
the Concorde SST. 

Figure 10.8 illustrates a typical three-shock external-compression inlet. 
This illustration could be a side view of a 2-D inlet or a section view through 
a spike inlet. Note that the second ramp has a variable angle, and can 
collapse to open a larger duct opening for subsonic flight. 

Some form of boundary-layer bleed is required on the ramp to prevent 
shock-induced separation on the ramp. The bled air is usually dumped 
overboard out a rearward-facing hole above the inlet duct. 
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The throat ~re~ s~ould be about 70-80% of the engine front-face area. 
T~e speed l_1m1tat10n on external compression inlets is due to the flow 

turmng angle mtrod_uced by the shocks. A wedge turns the flow parallel to 
the wedge angle, while a cone turns the flow to an angle slightly less than the 
cone angle. 

At speeds approaching Mach 3, the required oblique shocks to obtain 
go~d p_ressure recovery will introduce a total flow turning of about 40 deg. 
T_h1s ~Ir mus! be turned by the outside cowl lip back to the freestream 
~1rect1on, w~1ch m~y not be possible without either separation or an exces
SIVely large hp ~adms that ~ill increase aircraft drag. 

One fo~m ~f mlet system mtroduces no outside flow turning: the internal 
~ompress10n mlet, as shown in Fig. 10.9. In this inlet a pair of inward-fac
mg ramps produce oblique shocks that cross upstream of the final normal 
shock. 

!his f~rm of shock system can be very efficient when operating properly 
a! its design M~ch number. ~ow ever, this inlet must be "started." If it is 
simply placed mto. supersomc flow, a normal shock will form across its 
f~ont. To ~t~rt the mlet and produce the efficient shock structure shown in 
Fig. ~0.9, it 1s necessary to "suck" the normal shock down to the throat by 
openmg doors do~n~tre~m. Once formed, the desired shock structure is 
unstable. Any dev1at10n m flow condition, such as temperature pressure 
or angle of attack c~n cause an "unstart" in which the normal shock pop~ 
out of the duct. This can stall the engine. 

MIXED COMPRESSION 

INTERNAL SHOCKS 

~ 
3SHOCK 

4SHOCK 

5 SHOCK 

Fig. 10.9 Supersonic inlets-internal and mixed. 
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The "mixed compression inlet" as shown in Fig. 10.9 uses both external 
and internal compression to provide high efficiency over a wide Mach num
ber range, with an acceptable amount of external flow turning. Typically 
one or more external oblique shocks will feed a single internal oblique 
shock, followed by a final normal shock. 

Such an inlet has been used for most aircraft designed to fly above Mach 
2.5, including the B-70, which has a 2-D inlet, and the SR-71, which has an 
axisymmetric inlet. Unstart remains a problem for this type of inlet. Auto
matically opening doors are used to control unstart. 

Mixed-compression inlets are complex, and can be defined only by de
tailed propulsion analysis beyond the scope of this book. Reference 25 is 
recommended. The rules of thumb provided above for the dimensions of 
external-compression inlets give a reasonable first approximation for 
mixed-compression inlets. 

The "diffuser" is the interior portion of an inlet where the subsonic flow 
is further slowed down to the speed required by the engine. Thus, a diffuser 
is increasing in cross-sectional area from front to back. 

The required length of a diffuser depends upon the application. For a 
subsonic aircraft such as a commercial transport, the diffuser should be as 
short as possible without exceeding an internal angle of about IO deg. Typ
ically, this produces a pitot inlet with a length about equal to its front-face 
diameter. 

For a supersonic application, the theoretical diffuser length for maximum 
efficiency is about eight times the diameter. Lengths longer than eight times 
the diameter are permissible but have internal friction losses as well as an 
additional weight penalty. 

A supersomc diffuser shorter tt1an about tour times the diameter may 
produce some internal flow separation, but the weight savings can exceed 
the engine performance penalty. Diffusers as short as two times the diame
ter have been used with axisymmetric spike inlets. 

For a long diffuser it is important to verify that the cross-sectional area 
of the flow path is smoothly increasing from the inlet front face back to the 
engine. This verification is done with a volume-distribution plot of the inlet 
duct, constructed in the same fashion as the aircraft volume plot shown in 
Fig. 7.36. 

To reduce distortion, some aircraft use a diffuser oversized about 5% 
that "pinches" the flow down to the engine front-face diameter in a very 
short distance just before the engine. 

Figure 10.10 summarizes the selection criteria for different inlets, based 
upon design Mach number. Note that these are approximate criteria, and 
may be overruled by special cons1aerations. Estimated pressure recoveries 
of these inlets is provided in Chapter 13. 

Inlet Location 
The inlet location can have almost as great an effect on engine perfor

mance as the inlet geometry. If the inlet is located where it can ingest a 
vortex off the fuselage or a separated wake from a wing, the resulting 
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Fig. 10.10 Inlet applicability. 

inlet-fl?w _dis_tortion c~n stall the engine. The F-111 had tremendous prob
lems with its mlets, which were tucked up under the intersection of the wing 
and fuselage. The A-10 required a fixed slot on the inboard wing leading 
edge to cure a wake-ingestion problem. 

Figures 10.11 and 10.12 illustrate the various options for inlet location. 
The nose location offers the inlet a completely clean airflow, and was used 
in most early fighters including the F-86 and MiG 21 as a way of insuring 
that the fuselage would not cause distortion problems. However the nose 
inlet requires a very long internal duct, which is heavy, has high l~sses, and 
occupies much of the fuselage volume. 

The chin inlet as seen on the F-16 has most of the advantages of the nose 
inlet but a shorter duct length. The chin inlet is especially good at high angle 
of attack because the fuselage forebody helps to turn the flow into it. 

The location of the nose landing gear is a problem. It cannot be placed 
forward of the inlet because it would block and distort the flow, and also 
the nose wheel would tend to throw water and rocks into the inlet. Instead, 
it is usually placed immediately behind the inlet, which requires that the 
cowl be deep enough to hold the retracted gear, which can increase cowl 
drag. Also, the cowl must be strong enough to carry the nose-gear loads. 

If two engines are used, twin inlets can be placed in the chin position with 
the nose wheel located between them. This was used on the North American 
Rockwell proposal for the F-15, and is seen on the Sukhoi Su-27. 

. Another problem with the chin inlet is foreign-object ingestion by suc
t10n. As a rule of thumb, all inlets should be located a height above the 
run~ay equal to at least 80% of the inlet's height if using a low bypass ratio 
eng~ne, and at le~st 50% of the inlet's height for a high-bypass-ratio engine. 

Side-mounted mlets are now virtually standard for aircraft with twin 
e!1gin~s in the fuse!age. Side inlets provide short ducts and relatively clean 
a!f. Side-mounted mlets can have problems at high angles of attack due to 
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the vortex shed off the lower corner of the forebody. This is especially 
severe if the forward fuselage has a fairly square shape. 

If side-mounted inlets are used with a single engine, a split duct must be 
used. Split ducts are prone to a pressure instability that can stall the engine. 
To minimize this risk, it is best to keep the two halves of the duct separate 
all the way to the engine front face, although several aircraft have flown 
with the duct halves rejoined well forward of the engine. 

A side inlet at the intersection of the fuselage and a high wing is called an 
"armpit" inlet. It is risky! The combined boundary layers of the forebody 
and wing can produce a boundary layer in the wing-fuselage corner that is 
too thick to remove (boundary-layer removal is discussed later). This type 
of inlet is especially prone to distortion at angle of attack and sideslip. In 
many cases however, the armpit inlet does offer a very short internal duct. 

An over-fuselage inlet is much Tike an inverted chin inlet, and has a short 
duct length but without the problems of nose-wheel location. This was used 
on the unusual F-107. The upper-fuselage inlet is poor at high angle of 
attack because the fore body blanks the airflow. Also, many pilots fear that 
they may be sucked down the inlet if forced to bail out manually. 

Placed over the wing and near the fuselage, an inlet encounters problems 
similar to those of an inverted-armpit inlet. It also suffers at angle of attack. 

An inlet above the aft fuselage for a buried engine is used on the L-1011 
and B-727, with the inlet located at the root of the vertical tail. This ar
rangement allows the engine exhaust to be placed at the rear of the fuselage, 
which tends to reduce fuselage separation and drag. The buried engine with 
a tail inlet must use an "S-duct." This requires careful design to avoid 
internal separation. Also, the inlet should be well above the fuselage to 
avoid ingesting the tbick boundary layer. 

Inlets set into the wing leading edge can reduce the total aircraft wetted 
area by eliminating the need for a separate inlet cowl. However, these inlets 
can disturb the flow over the wing and increase its weight. The wing-root 
position may also ingest disturbed air off the fuselage. 

A podded engine has higher wetted area than a buried engine, but offers 
substantial advantages that have made it standard for commercial and bus
iness jets. Podded engines place the inlet away from the fuselage, providing 
undisturbed air with a very short inlet duct. Podded engines produce less 
noise in the cabin because the engine and exhaust are away from the fuse
lage. Podded engines are usually easier to get to for maintenance. M~st are 
mounted on pylons, but they can also be mounted conformal to the wmg or 
fuselage. . 

The wing-mounted podded engine is the most commonly used engme 
installation for jet transports. The engines are accessible from the ground 
and well away from the cabin. The weight of the engines out along the wing 
provides a "span-loading" effect, which helps reduce wing weight. The jet 
exhaust can be directed downward by flaps which greatly increases lift for 
short takeoff. 

On the negative side, the presence of pods and pylons can disturb the 
airflow on the wing, increasing drag and reducing lift. To minimize this, the 
pylons should not extend above and around the wing leading edge, as was 
seen on one early jet transport. 
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Fig. 10.11 Inlet locations-buried engines. 
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Fig. 10.12 Inlet locations-podded engines. 

On the basis of years of wind-tunnel study, design charts for pylon
mounted engines have been prepared that minimize the interference effects 
of the nacelle pod on the wing. As a classical rule-of-thumb, the inlet for a 
wing-mounted podded engine should be located approximately two inlet 
diameters forward and one inlet diameter below the wing leading edge. 
However, modern computational fluid dynamic (CFD) methods now allow 
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designing a wing-mounted nacelle much closer to the wing, or even confor
mal to the wing, without incurring substantial drag increase due to interfer
ence. This will be further discussed in Chapter 12. 

The wing-mounted nacelle should be angled nose down by about 2-4 deg, 
and canted nose inward about 2 deg to align it to the local flow under the 
wing. 

To reduce foreign-object ingestion by suction, the inlet of a high-bypass 
engine should be located about half a diameter above the ground. This 
requirement increases the required landing-gear height of the under-wing 
arrangement. 

The over-wing podded nacelle reduces the landing-gear height and re
duces noise on the ground, but is difficult to get to for maintenance. The 
inlets can be forward of the wing to minimize distortion, or above it. If an 
over-wing nacelle is conformal to the wing, the exhaust can be directed over 
the top of flaps, which, through Coanda effect, turn the flow downward for 
increased lift. 

The other standard engine installation for jet transports is the aft
fuselage mount, usually with a T-tail. This eliminates the wing-interference 
effects of wing-mounted engines, and allows a short landing gear. However, 
it increases the cabin noise at the rear of the aircraft. 

Also, aft-mounting of the engines tends to move the center of gravity aft, 
which requires shifting the entire fuselage forward relative to the wing. This 
shortens the tail moment arm and increases the amount of fuselage forward 
of the wing, and that necessitates a larger vertical and horizontal tail. 

To align the aft nacelle with the local flow, a nose-up pitch of 2-4 deg and 
a nose outward cant of 2 deg are recommended. 

The Illyushin II-76 uses four aft-podded engines in two twin-engine pods. 
The L-1011, B-727, and Hawker-Siddeley Trident combine aft-fuselage 
podded engines with a buried engine using an inlet over the tail. 

The DC-10 combines aft-fuselage side pods with a tail-mounted podded 
engine. This is similar to the tail-mounted inlet for a buried engine, but 
eliminates the need for an S-duct. However, this arrangement increases the 
tail weight and doesn't have the fuselage drag-reduction effect. All told, the 
two installations are probably equivalent. 

The supersonic Tupolev Tu-22 ("Blinder") uses twin engines, pod
mounted on the tail, but this arrangement has not been seen on later Soviet 
supersonic designs. 

The over-fuselage podded engine has been used only rarely. Most recently 
it was used to add a jet engine to the turboprop Rockwell OV-10. Access 
and cabin noise are undesirable for this installation. 

The wing tip-mounted engine has an obvious engine-out controllability 
problem. It was used on the Soviet supersonic Myasishchev M-52 
("Bounder"), which also had under-wing engine pods. 

Capture-Area Calculation 
Figure 10.13 provides a quick method of estimating the required inlet 

capture area. This statistical method is based upon the design Mach number 
and the engine mass flow in pounds per second. 
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Fig. 10.13 Preliminary capture area sizing. 
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If mass flow is not known, it may be estimated as 0.18 times the square 
of the engine front-face diameter in inches, or as 0.12 times the square of 
the maximum engine diameter. To determine the required capture area, the 
mass flow is multiplied by the value from Fig. 10.13. 

This capture-area estimation is adequate for initial layout and rough 
analysis, but not accurate enough for a good configuration layout. A better 
estimate of capture area should be made during configuration layout based 
upon the actual mass flow of the engine, as described below. 

In a jet propulsion system, the engine is the boss. It takes the amount of 
air it wants, not what the inlet wants to give it. If the inlet is providing more 
air than the engine wants, the inlet must spill the excess out the front. If the 
inlet is not providing what the engine needs, it will attempt to suck in the 
extra air required. 

The inlet capture area must be sized to provide sufficient air to the engine 
at all aircraft speeds. For many aircraft the capture area must also provide 
"secondary air" for cooling and environmental control, and also provide 
for the air bled off the inlet ramps to prevent boundary-layer buildup. 

Figure 10.14 defines the capture area for a subsonic inlet. A typical sub
sonic jet inlet is sized for cruise at about Mach 0.8-0.9, and the inlet must 
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slow the air to about Mach 0.4 for most engines. Since this is subsonic flow, 
the inlet does not need to do all the work itself. As shown in Fig. 10.14, the 
expansion associated with slowing the flow from its freestream velocity at 
"infinity" takes place about half within and half outside the inlet duct. 

The area at the inlet front face is both the capture area and the throat 
area. It can be calculated from the following isentropic compressible flow 
relationship: 

Athroat (A/ A *)throat 

A engine (A/ A *)engine 

~ = _!_ (1 + 0.2M
2

)
3 

A* M 1.2 

where A* is the area of the same flow at sonic speed. 

(10.16) 

(10.17) 

For a typical inlet designed to a cruise speed of Mach 0 .. 8,. the inlet must 
slow the air from about Mach 0.6 down to Mach 0.4. The air is slowed from 
Mach 0.8-0.6 outside the inlet. 

Equations (10.16) and (10.17) give the ratio be~ween throat ar:a and 
engine front-face area as 1.188/1.59, or 0. 75 (for this example). Takmg the 
square root gives a diameter ratio of about 0.88, which is reasonable. No~e 
that a subsonic inlet generally does not require bleed air, since secondary au 
is obtained from separate, small NACA flush inlets in most subsonic aircraft. 

Equations (10.16) and (10.17) may be used to determine the ca~ture area 
for a supersonic pi(ot inlet with negligible bleed or secondary air~ow by 
finding the Mach number behind the normal shock from Appendix A.2. 
For other supersonic inlets the required capture area must be determined by 
considering the air-flow requirements for the engine, bleed, and second~ry 

In sizing a supersonic inlet, a variety of flight conditions must be consid
ered to find the largest required capture area. Typically this will be at the 
aircraft maximum Mach number, but may also occur during takeoff or 
subsonic cruise. If the maximum required capture-area occurs during take-

t 
INLET 
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(Ao,) 

-------
t 
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ENGINE FRONT 
FACE 

Fig. 10.14 Subsonic inlet capture area. 
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off, consider using auxiliary "suck-in" doors during takeoff. This allows 
the inlet to be sized to another, lesser capture area requirement. 

To avoid the confusion of differing velocities and densities, the airflow is 
defined by mass flow in pounds mass per second. Mass flow is related to 
flow conditions by Eq. (10.18), where g is 32.2 ft/s2

• 

in= gpVA, lb/s (10.18) 

Figure 10.15 defines the capture area geometry for a supersonic ramp or 
cone inlet. This inlet is shown at the design case, which is known as "shock
on-cowl." At this Mach number and ramp angle, the initial oblique shock 
is almost touching the cowl lip. If the auxiliary doors are shut and the shock 
is on cowl, the geometric capture area is providing exactly the right amount 
of air for the engine, bleed, and secondary flow. 

Usually the inlet ramp geometry provides shock-on-cowl at about Mach 
0.1-0.2 above the aircraft's maximum speed, giving a safety margin for 
speed overshoot and engine mass-flow fluctuations. 

If the total mass flow required by the engine, bleed, and secondary flow 
is known, then Eq. (10.18) can be solved for the required cross-sectional 
area upstream of the inlet (at "infinity") using the freestream values for 
density and velocity. This calculated area is identical to the capture area in 
the design case (shock-on-cowl) since all of the air in the capture area is 
going into the inlet. 

The required engine mass flow is provided by the engine manufacturer, 
and is a function of the Mach number, altitude, and throttle setting (percent 
power). Usually the manufacturer's data should be increased by 3% to 
allow for manufacturing tolerances. 

The secondary airflow requirements are accurately determined by an 
evaluation of the aircraft's subsystems such as environmental control. For 
initial capture-area estimation, Table 10.2 (from Ref. 26) provides sec
ondary airflow as a fraction of engine mass flow. 

Engine 
Nacelle cooling 
Oil cooling 
Ejector nozzle air 

Table 10.2 Secondary airflow (typical)26 

Hydraulic system cooling 
Environmental control system 

cooling air (if taken from inlet) 

Typical totals 
Fighter 
Transport 

in5 /in, 

0-0.04 
0-0.01 

0.04-0.20 
0-0.01 

0.02-0.05 

0.20 
0.03 
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Fig. 10.16 Typical boundary layer bleed area. 

Inlet boundary layer bleed should also be determined analytically, but 
can be approximated using Fig. 10.16, taken from Ref. 27. This estimates 
the required extra capture area for bleed as a percent of the capture area 
required for the engine and secondary airflow. 

The capture area is therefore determined as in Eq. (10.19), using Table 
10.2 and Fig. 10.16. 

A = [mE(l + mslmE)] (1 + AABc) 
capture g Poo Voo (10.19) 

Figure 10.15 shows the inlet operating at its design condition, shock-on
cowl, where the geometric capture area equals the freestream area of the air 
actually taken into the inlet and used. If the freestream Mach number is 
reduced, the oblique shock angle drops, which moves the oblique shock in 
front of the cowl, as shown in Fig. 10.17a. 

Since the airflow is parallel to the ramp, it can be seen that the freestream 
cross-sectional area of the air that actually goes into the inlet has been 
reduced. Part of the air defined by the geometric capture area is now spilled 
after being compressed. This represents wasted work and increased drag 
compared to the case of shock-on-cowl. 

If the mass-flow demand exactly equals the mass flow shown going into 
the inlet in Fig. 10.17a (i.e., capture area less compression-ramp spillage), 
then the engine and inlet duct are still "matched" and the normal shock will 
be at the cowl lip, as shown in Fig. 10.17a. 
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However, the engine demand is usually reduced at a slower speed. The 
excess air is simply rejected by the inlet, as shown in Fig. 10.17b. (Remem
ber, the engine is the boss!) This pushes the normal shock forward of the 
inlet and creates a much larger spillage drag than for the matched condition. 

Two approaches to move the normal shock back to the cowl lip are shown 
in Figs. 10.17c and 10.17d. By opening a bypass door in the diffusor sec
tion, the excess air can be taken into the inlet and thrown away before 
reaching the engine. While an inlet bypass will create some additional drag, 
the total is reduced compared with the case in Fig. 10.17b. 

(Do not confuse inlet bypass air with the engine bypass air. Inlet bypass 
air is dumped out of the inlet before it reaches the engine, and is therefore 
not a contributor to thrust. Engine bypass air is exited after being acceler
ated by the compressor, and does contribute to thrust.) 

Another approach for returning the normal shock to the inlet lip is to 
move the cowl lip down, reducing the capture area as shown in Fig. 10.17d. 
This is complex and heavy to mechanize, and virtually impossible for an 
axisymmetric inlet. 

It is also possible to translate the ramp or spike fore and aft to maintain 
shock-on-cowl at different Mach numbers. This is often employed with 
high-speed spike inlets. 

The ratio between the air flow actually going into the inlet and the total 
possible air flow (i.e., the airflow of the capture area) is called the "capture 
area ratio," or "inlet mass flow ratio." The total mass flow actually going 
into the inlet is the mass flow required for the engine plus secondary airflow 
plus bleed airflow plus inlet bypass air, if any. 

Capture-area ratio is calculated by determining the required mass flow 
and dividing by the mass flow through the capture area far upstream (Eq. 
(10.20). Note that capture-area ratio is generally critical for conditions in 
which the inlet bypass doors are closed (no bypass mass flow). 

Aoo frlE + ms + maL + frlbypass 

Ac gpoo VooAc 
(10.20) 

The capture-area ratio in subsonic flow can be greater than, equal to, or 
less than 1. In supersonic flow, it can only be equal to or less than 1. 

Boundary-Layer Diverter 
Any object moving through air will build up a boundary layer on its 

surface. In the last section, boundary-layer bleed was included in the cap
ture-area calculation. This boundary-layer bleed was used to remove the 
low-energy boundary layer air from the compression ramps, to prevent 
shock-induced separation. 

The aircraft's forebody builds up its own boundary layer. If this low-en
ergy, turbulent air is allowed to enter the engine, it can reduce engine per
formance subsonically and prevent proper inlet operation supersonically. 
Unless the aircraft's inlets are very near the nose (within two to four inlet 
diameters), some form of boundary-layer removal should be used just in 
front of the inlet. 
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Fig. 10.18 Boundary layer removal. 
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The four major_ varieti~s o~ boundary-layer diverter are shown in Fig. 
10.18. The step d1verter 1s smtable only for subsonic aircraft and relies 
upon the boun~ary layer itself for operation. The boundary la~er consists 
of low-energy air, compared to the air outside of the boundary layer. 

The step d1verter works by forcing the boundary-layer air to either climb 
the step, pushing asi~e hig?-energy air outside the boundary layer, or to 
follow the step, pushmg aside other boundary-layer air which is of lower 
energy. If th~ step diverter is properly shaped, the latter option prevails. 

The step d1verter s~ould have an airfoil-like shape that is faired smoothly 
to the °:acelle. The d1verter should extend about one inlet diameter forward 
of the mlet, and should be have a depth equal to roughly 2-4% of the 
forebody length ahead of the inlet. 

The boundary-layer bypass duct (simply a separate inlet duct) admits the 
boundary-layer air and ducts it to an aft-facing hole. The internal duct 
~hape sho~ld_ expand roughly 30% from intake to exit to compensate for the 
mternal fnct10n losses. 

The ~u~tion form of bom_1dary-layer diverter is similar. The boundary
!ayer air 1s removed by suct10n through holes or slots just forward of the 
mlet and ducted to an aft-facing hole. This type of diverter does not benefit 
from the ram impact of the boundary-layer air, and therefore does not work 
as well. 

. The channel divert.er ~Fig. 10.19) is the most common boundary-layer 
d1verter_ for _supersomc aircraft. It provides the best performance and the 
least weight m most ~ases. }'he_inlet front face is located some distance away 
f~om the fusela~e, with ~ splitter plate" to insure that the boundary-layer 
air _does not get mto the mlet. The boundary-layer air is caught between the 
splitter plate and the fuselage, and pushed out of the resulting channel by 
the diverter ramps. The diverter ramps should have an angle of no more 
than about 30 deg. 
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Fig. 10.19 Boundary layer diverter. 

The required depth of a boundary-layer diverter depends on the depth of 
the boundary layer itself. This cannot be simply calculated. The classic 
boundary-layer equations assume a flat plate, which is unlike a fuselage 
forebody. The 3-D effects of a real forebody tend to reduce boundary-layer 
buildup compared to a flat plate. 

A very good rule of thumb for the required thickness of a boundary-layer 
diverter is that it should be between 1 and 3 OJo of the fuselage length in front 
of the inlet, with the larger number for fighters which go to high angle of 
attack. 

As will be discussed in Chapter 12, the drag of a boundary-layer diverter 
depends upon its frontal area. During conceptual layout, the fuselage and 
inlet should be designed to minimize this area, shown shaded in Fig. 10.19. 

Nozzle Integration 
The fundamental problem in jet engine nozzle design is the mismatch in 

desired exit areas at different speeds, altitudes, and thrust settings. The 
engine can be viewed as a producer of high-pressure subsonic gases. The 
nozzle accelerates those gases to the desired exit speed, which is controlled 
by the exit area. 

The nozzle must converge to accelerate the exhaust gases to a high sub
sonic exit speed. If the desired exit speed is supersonic, a converging-diverg
ing nozzle is required. 

The exit area to obtain a desired exhaust velocity depends upon the engine 
mass flow (i.e., percent power). This is especially a problem with afterburn
ing engines, in which the desired exit area for supersonic afterburning oper
ation can be three times the desired area for subsonic, part-thrust operation. 
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Typical nozzles are shown in Fig. 10.20. In the past, the nozzle of a jet 
engine was considered an integral part of the engine, to be installed on the 
aircraft without question or change. This is still the case for subsonic com
mercial aircraft, but is changing for supersonic military aircraft due to the 
emergence of 2-D and other advanced nozzles. 

The fixed convergent nozzle is almost universally used for subsonic com
mercial turbojet and turbofan engines. The nozzle exit area is selected for 
cruise efficiency, resulting in a loss of theoretical performance at lower 
speeds. However, the gain in simplicity and weight reduction of the fixed 
nozzle more than makes up for the performance loss in most subsonic 
applications. 

For an aircraft which occasionally flies at high-subsonic to low-super
sonic speeds, a variable-area convergent nozzle allows a better match be
tween low-speed, part-thrust operation and the maximum speed and thrust 
conditions. The nozzle shown has a fixed outer surface, which causes a 
"base" area when the nozzle inside is in the closed position. 

Such a nozzle was used on many early transonic fighters, but is not 
typically used today. Instead, the convergent-iris nozzle is used to vary the 
area of a convergent nozzle without introducing a base area. 

Another means to vary the exit area of a convergent nozzle is the translat
ing plug. This was used on the engine for the Me-262, the first jet to be 
employed in combat in substantial numbers. The plug slides aft to decrease 
exit area. 

The ejector nozzle takes engine bypass air that has been used to cool the 
afterburner and ejects it into the exhaust air, thus cooling the nozzle as well. 
The variable-geometry convergent-divergent ejector nozzle is most com
monly applied to supersonic jet aircraft. It allows varying the throat and 
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exit areas separately for maximum engine performance throughout the 
flight envelope. 

If an existing engine is used in the design, or if a hypothetical engine data 
package has been obtained from an engine company, the nozzle areas will 
be provided for the design flight regime. If not, the nozzle areas must be 
estimated because they have a substantial effect upon the calculated aircraft 
wave drag and boattail drag. 

For initial design layout, a reasonable approximation can be made based 
upon the estimated capture area. For a subsonic convergent nozzle or a 
convergent-divergent nozzle in the closed position, the required exit area is 
approximately 0.5-0. 7 times the capture area. For maximum supersonic 
afterburning operation, the required exit area is about 1.2-1.6 times the 
capture area. 

As mentioned, nozzle arrangement can have a substantial effect on boat
tail drag. This is the drag due to separation on the outside of the nozzle and 
aft fuselage. To reduce boattail drag to acceptable levels, the closure angles 
on the aft fuselage should be kept below 15 deg, and the angles outside of 
the nozzle should be kept below 20 deg in the nozzle-closed position. 

Jet engines mounted next to each other produce an interference effect 
that reduces net thrust. To minimize this, the nozzles should be separated by 
about one to two times their maximum exit diameter. The area between 
them should taper down like the back of an airfoil, terminating just before 
the nozzles. However, this arrangement increases weight and wetted area so 
many fighters have twin engines mounted right next to each other despite 
the increased interference. 

10.4 PROPELLER-ENGINE INTEGRATION 

Propeller Sizing 

The actual details of the propeller design such as the blade shape and 
twist are not required to lay out a propeller-engine aircraft. But the diame
ter of the propeller, the dimensions of the engine, and the required inlets 
and exhausts must be determined. 

Generally speaking, the larger the propeller diameter, the more efficient 
the propeller will be. The old rule of thumb was "keep it as long as possible, 
as long as possible." The limitation on length is the propeller tip speed, 
which should be kept below sonic speed. 

The tip of a propeller follows a helical path through the air. Tip speed is 
the vector sum of the rotational speed [Eq. (10.21)] and the aircraft's for
ward speed as defined in Eq. (10.22). 

(ft/s) 
where 

n = rotational rate (rpm) obtained from engine data 
d =diameter 

(Y;ip)helica1 = --J V1f P + V 2 

Note: watch the units! 

(10.21) 

(10.22) 
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At sea level the helical tip speed of a metal propeller should not exceed 
950 fps. A wooden propeller, which must be thicker, should be kept below 
850 fps. If noise is of concern, the upper limit for metal or wood should be 
about 700 fps during takeoff. 

Equations (10.23-10.25) provide an estimate of the propeller diameter as 
a function of horsepower (Ref. 28). The propeller diameters obtained from 
these equations should be compared to the maximum diameters obtained 
from tip-speed considerations, and the smaller of the two values used for 
initial layout. 

Two blade: d = 22 --YHp 

Three blade: d = 18 --YHp 

Three blade (agricultural): d = 20 --YHp 

(10.23) 

(10.24) 

(10.25) 

As forward velocity increases the angle of attack seen by the blades of a 
fixed-pitch propeller will decrease. This limits the thrust obtained at higher 
speeds. If the fixed pitch is increased, the blades will tend to stall at low 
speeds, which reduces low-speed thrust. A fixed-pitch propeller is called a 
"cruise prop" or "climb prop" depending upon the flight regime the de
signer has decided to emphasize. 

A variable-pitch propeller can be used to improve thrust across a broad 
speed range. A "controllable-pitch" propeller has its pitch directly con
trolled by the pilot through a lever alongside the throttle. A "constant
speed" propeller is automatically controlled in pitch to maintain the engine 
at its optimal RPM. 

Most aircraft propellers have a "spinner," a cone- or bullet-shaped fair
ing at the hub. The inner part of the propeller contributes very little to the 
thrust. A spinner pushes the air out to where the propeller is more efficient. 
Also, a spinner streamlines the nacelle. Ideally, the spinner should cover the 
propeller out to about 25% of the radius, although most spinners are not 
that large. 

To further streamline the nacelle, some aircraft designers use a "prop 
extension," a short shaft which locates the propeller 2-4 in. farther forward 
(or aft) of the engine. If the propeller is located much farther away from the 
engine, a complicated drive shaft with a separate bearing support for the 
propeller must be used. This type of installation was used in the P-39, which 
had a piston engine behind the cockpit and a drive shaft to the forward
mounted propeller. Similarly, the BD-5 had a drive shaft to a rear-mounted 
pusher propeller. 

Propeller Location 
A matrix of possible propeller locations is shown in Fig. 10.21. A tractor 

installation has the propeller in front of its attachment point (usually the 
motor). A pusher location has the propeller behind the attachment point. 

The Wright Flyer was a pusher. However, the tractor location has been 
standard for most of the history of aviation. The conventional tractor loca-
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tion ~uts the heavy ~ngine up front, which tends to shorten the forebody, 
allowmg a smaller tad area and improved stability. The tractor location also 
provides a ready source of cooling air, and places the propeller in undis
turbed air. 

Theyusher locati?n is now seeing wider use because of its advantages. 
Most Importantly, It can reduce aircraft skin friction drag because the 
pusher location allows the aircraft to fly in undisturbed air. With a tractor 
propeller the aircraft flies in the turbulence from the propeller wake. 

The fuselage-mounted pusher propeller can allow a reduction in aircraft 
wetted area by shortening the fuselage. The inflow caused by the propeller 
allows a much steeper fuselage closure angle without flow separation than 
otherwise possible. The canard-pusher combination is especially favorable 
because the canard requires a shorter tail arm than the aft tail. 

The pusher propeller reduces cabin noise because the engine exhaust is 
pointed away from the cabin, and because the windscreen isn't buffetted by 
propwash. Also, the pusher arrangement usually improves the pilot's out-
side vision. · 

Th_e pusher propeller may require longer landing gear because the aft 
locat10n causes the propeller to dip closer to the runway as the nose is lifted 
for takeoff. The propeller should have at least 9 in. of clearance in all 
attitudes. 

TRACTOR PUSHER 

WING 

POD 

TAIL ---,---......:b~ 
-£.> c:::::a. ~ c J ~~ <7=(5f 

Fig. 10.21 Propeller location matrix. 
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The pusher-propeller is also more likely to be damaged by rocks thrown 
up by the wheels. A pusher location for a turboprop propeller can create 
problems due to the engine exhaust impinging upon the propeller. 

The Cessna Skymaster and Rutan Defiant use a combination of pusher 
and tractor engines on the fuselage. 

Wing mounting of the engines is normally used for multiengine designs. 
Wing mounting of engines reduces wing structural weight through a span
loading effect, and reduces fuselage drag by removing the fuselage from the 
propeller wake. 

Wing mounting of engines introduces engine-out controllability problems 
that force an increase in the size of the rudder and vertical tail. Also, care 
must be taken to insure that the crew compartment is not located within 
plus or minus 5 deg of the propeller disk, in case a blade is thrown through 
the fuselage. 

Most twin-engine aircraft are of low-wing design. For these, the location 
of the engine and propeller on the wing requires a longer landing gear. 
Frequently the propeller will be raised above the plane of the wing to reduce 
landing-gear height. This causes additional interference between the wing 
and propeller. 

The wing-mounted pusher arrangement has been seen on the Beech Star
ship and B-36. This arrangement tends to lengthen the forebody and require 
a very long landing gear. 

Also, the propeller is half in the wake from under the wing and half in the 
wake from over the wing. The pressure differences between these two wakes 
can cause the propeller to lose efficiency and produce vibrations. This is 
minimized by locating the propeller as far as possible behind the wing. 

Upper fuselage pods and tail-mounted pods tend to be used only for 
seaplane and amphibian designs, which need a huge clearance between the 
water and the propeller (minimum of 18 in., preferably one propeller di
ameter). The high thrust line can cause undesirable control characteristics in 
which application of power for an emergency go-around produces a nose
down pitching moment. 

Engine-Size Estimation 
The required horsepower has previously been calculated. The dimensions 

of an engine producing this power must now be determined. In propeller 
aircraft design it is far more common to size the aircraft to a known, 
fixed-size engine as opposed to the rubber-engine aircraft sizing more com
mon in jet-aircraft design. 

In fact, most propeller-aircraft designs are based around some produc
tion engine, probably because very few new piston or turboprop engines 
have been designed and certified. Most piston engines in production were 
designed three decades ago. The high cost of developing and certifying a 
new engine, and the relatively small market, prevent new engines from 
appearing. 

However, rubber-engine trade studies can point to the optimal existing 
engine. Also, the use of rubber-engine trade studies for comparison of 
alternate technologies (such as composite vs aluminum structure) can pre
vent a bias in the results due to the use of a fixed engine size. 
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Table 10.3 Scaling laws for piston and turboprop engines 

X,calect =Xactua1SP'; b from table values 
SF= bhP,caled/bhpactual 

Piston engines 

X Opposed In-line Radial 

Weight 0.78 0.78 0.809 
Length 0.424 4.24 0.310 
Diameter 0.130 

*Width and height vary insignificantly within ± 50% horsepower. 

Table 10.4 Piston and turboprop statistical models 

X = a(bhp)h (lb or in.) 

0.803 
3.730 
0.120 

_________ P_is_to_n_en....:g::....in_e_s ________ Turboprop 

X Opposed In-line Radial 

a b a b a b a b 

Weight 5.47 0.780 5.22 0.780 4.90 0.809 1.67 0.803 
Length 3.86 0.424 5.83 0.424 6.27 0.310 4.14 0.373 
Diameter Width 32-34 in. Width 17-19 in. 20.2 0.130 9.48 0.120 

Height 22-25 in. Height 24-26 in. 

Typical 2770 2770 2300 
propeller 
rpm 

Applicable 60-500 100-300 200-2000 400-5000 
bhprange 

If a production engine is to be used, dimensional and installation data can 
be obtained from the manufacturer. If a rubber-engine is to be used, an 
existing engine can be scaled using the scaling equations defined in Table 
10.3. Alternatively, the statistical models defined in Table 10.4 can be used 
to define a nominal engine. The equations in Tables 10.3 and 10.4 were 
developed by the author from data taken from Ref. 1. 

Tables 10.3 and 10.4 include equations for four different types of pro
peller powerplant. The horizontally-opposed piston engine sees most use 
today. In-line and radial engines were common up to the 1950's, but are 
rare today in the Western countries. In Soviet-block countries large radial 
engines are still in production for agricultural and utility aircraft. The radial 
arrangement provides better piston cooling for a high-horsepower piston 
engine. 
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Piston-Engine Installation 
Piston engines have special installation requirements that can greatly af

fect the configuration layout. These are illustrated in Fig. 10.22. 
Cooling is a major concern. Up to lOOJo of the engine's horsepower can 

be wasted by the drag associated with taking in cooling air, passing it over 
the engine, and exiting it. 

To minimize this cooling drag, the cooling-air mass flow should be kept 
as small as possible and used as efficiently as possible. As a rough rule of 
thumb, the cooling-air intake should be about 30-500Jo of the engine frontal 
area. The exit should be about 300Jo larger, and may be variable in area 
("cowl flaps") to better control cooling airflow. 

For tractor engines, the cooling-air intake is usually located directly in 
front of the engine cylinders. The air is diverted over the top of the engine 
by "baffles," which are flat sheets of metal that direct the airflow within 
the engine compartment. The air then flows down through and around the 
cylinders into the area beneath the engine, and then exits through an aft
facing hole below the fuselage. This is referred to as "down-draft" cooling. 

Down-draft cooling exits the air beneath the fuselage, which is a high
pressure area and therefore a poor place to exit air. "Up-draft" cooling 
flows the cooling air upwards through the cylinders and exits it into low
pressure air above the fuselage, creating more efficient cooling flow due to 
a suction effect. 

However, updraft cooling dumps hot air in front of the windscreen; this 
can heat up the cabin. An engine oil leak can coat the windscreen with black 
oil. Aircraft engines have the exhaust pipes below the cylinders, so updraft 
cooling causes the cooling air to be heated by the exhaust pipes before 
reaching the cylinders. 

DOWNDRAFT COOLING 

UPDRAFT COOLING 

SCOOP 

PUSHER PROPELLER 
UPDRAFT COOLING 

Fig. 10.22 Piston engine installation. 
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For pusher engines cooling is much more difficult. On the ground a 
front-mounted propeller blows air into the cooling intakes. This is not the 
case for a pusher engine. Also, the cooling-air intakes for a pusher engine 
are at the rear of the fuselage where the boundary layer is thick and slow
m.oving. For these reasons virtually all piston-pushers use updraft cooling 
with a large scoop mounted below the fuselage. Also, internal fans are 
sometimes used to improve cooling on pusher configurations. 

Figure 10.22 also shows the motor mount and firewall. The motor 
mount-usually fabricated from welded steel tubing-transfers the engine 
loads to the corners of the fuselage or the longerons. Typically the motor 
mount extends the engine forward of the firewall by about half the length 
of the engine. This extra space is used for location of the battery and 
nosewheel steering linkages. 

The firewall is typically a 0.015-in. steel sheet (stainless or galvanized) 
attached to the first structural bulkhead of the fuselage or nacelle. Its pur
p~se is to prevent a fire in the engine compartment from damaging the 
a1rcraft structure or spreading into the rest of the aircraft. 

The firewall should not be broken with cutouts (such as for a retractable 
nose wheel). All controls, hoses, and wires that pass through the firewall 
have to be sealed with fireproof fittings. 

Piston-engine installation is covered in depth in Ref. 29. 

10.5 FUEL SYSTEM 

An aircraft fuel system includes the fuel tanks, fuel lines, fuel pumps, 
vents, and fuel-management controls. Usually the tanks themselves are the 
or:ily components that impact the overall aircraft layout, although the 
wmglets on the round-the-world Rutan Voyager were added solely to raise 
the fuel vents above the wing tanks when the wing tips bent down to the 
runway on takeoff. 

There are three types of fuel tank: discrete, bladder, and integral. Dis
crete tanks are fuel containers which are separately fabricated and mounted 
in the aircraft by bolts or straps. Discrete tanks are normally used only for 
small general aviation and homebuilt aircraft. Discrete tanks are usually 
shaped like the front of an airfoil and placed at the inboard wing leading 
edge, or are placed in the fuselage directly behind the engine and above the 
pilot's feet. 

Bladder tanks are made by stuffing a shaped rubber bag into a cavity in 
the structure. The rubber bag is thick, causing the loss of about 10% of the 
available fuel volume. However, bladders are widely used because they can 
be made "self-sealing." If a bullet passes through a self-sealing tank, the 
rubber will fill in the hole preventing a large fuel loss and fire hazard. This 
offers a major improvement in aircraft survivability as approximately a 
th1rd of combat losses are attributed to hits in the fuel tanks. 

Integral tanks are cavities within the airframe structure that are sealed to 
for~ a f~el. tank. Ideally, an integral tank would be created simply by 
sealmg ex1stmg structure such as wing boxes and cavities created between 
two fuselage bulkheads. 
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Despite years of research, integral tanks are still prone to leaks as wit
nessed upon the introduction of the B-lB into service. Due to the fire haz
ard in the event of a leak or battle damage, integral tanks should not be used 
near personnel compartments, inlet ducts, gun bays, or engines. 

The fire hazard of an integral tank can be reduced by filling the tank with 
a porous foam material, but some fuel volume is lost. Approximately 2\/z OJo 
of the fuel volume is displaced by the foam. In addition, another 2\/z OJo of 
the volume is lost because the foam tends to absorb fuel. This increases the 
unusable fuel weight. Furthermore, the foam itself weighs roughly 1.3 lb 
per cubic ft. 

The required volume of the fuel tanks is based upon the total required 
fuel, as calculated during the mission sizing. Densities for various fuels are 
provided in Table 10.5. The lower values represent hot-day densities. The 
higher densities are the 32°F values. The actual fuel volume required can be 
calculated using the fact that one gallon occupies 231 cubic in. 

CROSS-SECTION 

AREA OF TANKS 

1 

TANK VOLUME• AREA UNDER EACH CURVE 

' \ TANK c.a. IS CENTROID OF AREA PLOT TOTAL FUEL c.a. MUST BE NEAR AIRCRAFT c.a. 

Fig. 10.23 Fuel tank volume plotting. 

Table 10.5 Fuel densities (lb/gal) 

Average actual density Mil-spec density 

o·F 100°F 

Aviation gasoline 6.1 5.7 6.0 
JP-4 6.7 6.4 6.5 
JP-5 7.2 6.8 6.8 
JP-8 6.7 
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If fuel tanks of simple geometry are used, the tank volume can be calcu
lated directly. Wing-box fuel volume can be approximated by assuming a 
tapered box shape. For complex integral and bladder tanks, the tank vol
ume is determined using a fuel-volume plot as shown in Fig. 10.23. This is 
constructed by measuring the cross-sectional area of the tanks at various 
fuselage locations, then plotting those cross-sectional areas on a volume 
plot similar to the aircraft volume plot previously discussed. 

If a discrete tank is used, the actually available internal volume can be 
calculated by subtracting the wall thickness from the external dimensions. 
For integral and bladder tanks, the available tank volume must be reduced 
from the measured value to allow for wall thickness, internal structure, and 
bladder thickness. 

A rule of thumb is to assume that 85% of the volume measured to the 
external skin surface is usable for integral wing tanks, and 92% is usable for 
integral fuselage tanks. If bladder tanks are used, the values become 77% 
for wing tanks and 83% for fuselage tanks. 

Note in Fig. 10.23 that the fuel volume plot allows the estimation of the 
center of gravity (e.g.) for each fuel tank, which is the centroid of the area 
plotted for the tank. The total fuel e.g. is simply the weighted average of the 
individual tank e.g. 's, and should be close to the aircraft e.g. 

11 
LANDING GEAR AND SUBSYSTEMS 

11.1 INTRODUCTION 
Of the many internal components that must be defined in an. aircraft 

layout, the landing gear will usually cause the most trouble. Landmg gear 
must be placed in the correct down position for landing, and m~st so~ehow 
retract into the aircraft without chopping up the structure, obhteratmg the 
fuel tanks, or bulging out into the slipstream. This chapter covers landing
gear design as well as installation of other subsystems. 

11.2 LANDING GEAR ARRANGEMENTS 
The common options for landing-gear arrangement are sho~n ~n F~g. 

11.1. The single main gear is used for many sailplanes because of its simplic
ity. The wheel can be forward of the center of gravity (e.g.), as shown here, 
or can be aft of the e.g. with a skid under the cockpit. . 

"Bicycle" gear has two main wheels, fore and aft of the e.g.: w~th s~all 
"outrigger" wheels on the wings to prevent the aircraft fr~m tippmg side
ways. The bicycle landing gear has the aft wheel so far b~hm~ t_he c.~. that 
the aircraft must takeoff and land in a flat attitude, which hmits this type 
of gear to aircraft with high lift at low angles of ~ttack (i.e., high-aspect-ra
tio wings with large camber and/or flaps). Bicycle gear has been used 
mainly on aircraft with narrow fuselage and wide wing span such as the 
B-47. 

The "taildragger" landing gear has two main wheels forward of the e.g. 
and an auxiliary wheel at the tail. Taildragger gear is also called "conven
tional" landing gear, because it was the most widely use? arrangement 
during the first 40 years of aviation. Taildragger gear provides more pro
peller clearance, has less drag and weight, and ~llows the wing to generate 
more lift for rough-field operation than does tncycle gear. . 

However taildragger landing gear is inherently unstable. If the aucraft 
starts to tu;n, the location of the e.g. behind the main gear ca~ses the _turn 
to get tighter until a "ground loop" is encountered, and the auc_raft either 
drags a wingtip, collapses the landing gear, or run_s off the side. of the 
runway. To prevent this the pilot of a taildragger aucraft must ahgn the 
aircraft almost perfectly with the runway at touchdown, and "dance" on 
the rudder pedals until the aircraft stops. . 

The most commonly used arrangement today is the "tricycle" gear, with 
two main wheels aft of the e.g. and an auxiliary wheel forward of the e.g .. 
With a tricycle landing gear, the e.g. is ahead of the m~in wheels..50 t~: 
aircraft is stable on the ground and can be landed at a fairly large crab 
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Fig. 11.1 Landing gear arrangements. 

angle (i.e., nose not aligned with the runway). Also, tricycle landing gear 
improves forward visibility on the ground and permits a flat cabin floor for 
passenger and cargo loading. 

Quadricycle gear is much like bicycle gear but with wheels at the sides of 
the fuselage. Quadricycle gear also requires a flat takeoff and landing atti
tude. It is used on the B-52 and several cargo planes where it has the advan
tage of permitting a cargo floor very low to the ground. 

The gear arrangements described above are also seen with two, four, or 
more wheels in place of the single wheels shown in Fig. 11.1. As aircraft 
weights become larger, the required wheel size for a single wheel capable of 
holding the aircraft's weight becomes too large. Then multiple wheels are 
used to share the load between reasonably-sized tires. 

Also, it is very common to use twin nose-wheels to retain some control in 
the event of a nose-wheel flat tire. Similarly, multiple main wheels (i.e., 
total of four or more) are desirable for safety. When multiple wheels are 
used in tandem, they are attached to a structural element called a "bogey," 
or "truck," which is attached to the end of the shock-absorber strut. 

Typically an aircraft weighing under about 50,000 lb will use a single 
main wheel per strut, although for safety in the event of a flat tire it is 
always better to use two wheels per strut. Between 50,000 and 150,000 lb, 
two wheels per strut are typical. Two wheels per strut are sometimes used 
for aircraft weighing up to about 250,000 lb. 

Between aircraft weights of about 200,000 and 400,000 lb the four-wheel 
bogey is usually employed; for aircraft over 400,000 lb, four bogeys, each 
with four or six wheels, spread the total aircraft load across the runway 
pavement. 
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Except for light aircraft and a few fighters, most aircraft use twin nose
wheels to retain control in the event of a flat nose tire. Carrier-based air
craft must use twin nose-wheels at least 19 inches in diam to straddle the 
catapult-launching mechanism. The massive C-5 employs four nose-wheels 
to spread the tire load, permitting operation off of relatively soft fields. 

Guidelines for layout of a bicycle landing gear are shown in Fig. 11.2. 
The e.g. should be aft of the midpoint between the two wheels. 

The requirements for taildragger gear are shown in Fig. 11.3. The tail
down angle should be about 10-15 deg with the gear in the static position 
(i.e., tires and shock absorbers compressed the amount seen when the air
craft is stationary on the ground at takeoff gross weight). 

The e.g. (most forward and most aft) should fall between 16-25 deg back 
from vertical measured from the main wheel location. If the e.g. is too far 
forward the aircraft will tend to nose over, and if it is too far back it will 
tend to groundloop. 

Q Q 

>f/2 --.I 
WHE_EL BASE-£ 

_j 
Fig. 11.2 Bicycle landing gear. 
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1 16-25 deg / 25 deg 

~I 
I 

Fig. 11.3 Taildragger landing gear. 
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To prevent the aircraft from overturning the main wheels should be later
ally separated beyond a 25 deg angle off the e.g., as measured from the rear 
in a tail-down attitude. 

The layout of tricycle landing gear as shown in Fig. 11.4 is even more 
complex. The length of the landing gear must be set so that the tail doesn't 
hit the ground on landing. This is measured from the wheel in the static 
position assuming an aircraft angle of attack for landing which gives 900Jo 
of the maximum lift. This ranges from about 10-15 deg for most types of 
aircraft. 

The "tipback angle" is the maximum aircraft nose-up attitude with the 
tail touching the ground and the strut fully extended. To prevent the aircraft 
from tipping back on its tail, the angle off the vertical from the main wheel 
position to the e.g. should be greater than the tipback angle or 15 deg, 
whichever is larger. 

For carrier-based aircraft this angle frequently exceeds 25 deg, implying 
that the e.g. for carrier-based aircraft is well forward of the main wheels. 
This insures that the rolling of the deck will not cause an aircraft to tip back 
on its tail. 

However, this also makes it difficult to lift the nose for a runway takeoff. 
If the nose wheel is carrying over 200Jo of the aircraft's weight, the main 
gear is probably too far aft relative to the e.g. 

On the other hand, if the nose wheel is carrying less than 50Jo of the 
aircraft's weight, there will not be enough nose-wheel traction to steer the 
aircraft. The optimum range for the percent of the aircraft's weight which 
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Fig. 11.4 Tricycle landing gear geometry. 
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is carried by the nose wheel is about 8-150Jo, for the most-aft and most
forward e.g. positions. 

The "overturn angle" is a measure of the aircraft's tendency to overturn 
when taxied around a sharp corner. This is measured as the angle from the 
e.g. to the main wheel, seen from the rear at a location where the main 
wheel is aligned with the nose wheel. For most aircraft this angle should be 
no greater than 63 deg (54 deg for carrier-based aircraft). 

Figure 11.4 also shows the desired strut-travel angle as about 7 deg. This 
optimal angle allows the tire to move upwards and backwards when a large 
bump is encountered, thus tending to smooth out the ride. However, any 
strut-travel angle from purely vertical to about 10 deg aft of vertical is 
acceptable. Strut geometry in which the tire must move forward as it moves 
up is undesirable. 

11.3 TIRE SIZING 
Strictly speaking, the "wheel" is the circular metal object upon which the 

rubber "tire" is mounted. The "brake" inside the wheel slows the aircraft 
by increasing the rolling friction. However, the term "wheel" is frequently 
used to mean the entire wheel/brake/tire assembly. 

The tires are sized to carry the weight of the aircraft. Typically the main 
tires carry about 900Jo of the total aircraft weight. Nose tires carry only 
about 1 OOJo of the static load but experience higher dynamic loads during 
landing. 

For early conceptual design, the engineer can copy the tire sizes of a 
similar design or use a statistical approach. Table 11.1 provides equations 
developed from data in Ref. 1 for rapidly estimating main tire sizes (assum
ing that the main tires carry about 900Jo of the aircraft weight). 

These calculated values for diameter and width should be increased about 
300Jo if the aircraft is to operate from rough unpaved runways. 

Nose tires can be assumed to be about 60-1 OOOJo the size of the main tires. 
The front tires of a bicycle or quadricycle-gear aircraft are usually the same 
size as the main tires. Taildragger aft tires are about a quarter to a third the 
size of the main tires . 

For a finished design layout, the actual tires to be used must be selected 
from a manufacturer's catalog. This selection is usually based upon the 
smallest tire rated to carry the calculated static and dynamic loads . 

Table 11. l Statistical tire sizing 

Main wheels diameter or width (in.) =A Wt 
Diameter 

General aviation 
Business twin 
Transport/bomber 
Jet fighter /trainer 

A 

1.51 
2.69 
1.63 
1.59 

B 

0.349 
0.251 
0.315 
0.302 

W w = Weight on Wheel 

A 

0. 7150 
1.170 

0.1043 
0.0980 

Width 

B 

0.312 
0.216 
0.480 
0.467 
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Calculation of the static loads on the tires is illustrated in Fig. 11.5 and 
Eqs. (11.1-11.3). The additional dynamic load on the nose tires under a 10 
fps per second braking deceleration is given in Eq. (11.4). Note that these 
loads are divided by the total number of main or nose tires to get the load 
per tire (wheel) "Ww," which is used for tire selection. 

(Max Static Load) = W ~a (11.1) 

(Max Static Load)nose = W ¥!- (11.2) 

(Min Static Load)nose = W ~a (11.3) 

(Dynamic Braking Load)00,e = lO:!W (11.4) 

Equation (11.4) assumes a braking coefficient(µ) of 0.3, which is typical 
for hard runways. This results in a deceleration of 10 ft/s2• 

To insure that the nose gear is not carrying too much or too little of the 
load, the parameter (M0 /B) should be greater than 0.05, and the parameter 
(MJIB) should be less than 0.20 (0.08 and 0.15 preferred). 

If an airplane is to be operated under FAR 25 provisions, a 7% margin 
should be added to all calculated wheel loads. Also, it is common to add an 
additional 25% to the loads to allow for later growth of the aircraft design. 

Table 11.2 summarizes design data for typical tires (Ref. 30), including 
maximum load ratings, inflation pressures at that load, maximum landing 
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H C.G. 

B 

Fig. 11.5 Wheel load geometry. 
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Table 11.2 Tire data 

Max Max Max 
Speed, load. lnfi, width, diam, Rolling Wheel Number 

Size mph lb psi in. in. radius diam of plies 

Type III 

5.00-4 120 1,200 55 5.05 13.25 5.2 4.0 6 
5.00-4 120 2,200 95 5.05 13.25 5.2 4.0 12 
7.00-8 120 2,400 46 7.30 20.85 8.3 8.0 6 
8.50-10 120 3,250 41 9.05 26.30 10.4 10.0 6 
8.50-10 120 4,400 55 8.70 25.65 10.2 10.0 8 
9.50-16 160 9,250 90 9.70 33.35 13.9 16.0 10 
12.50-16 160 12,800 75 12.75 38.45 15.6 16.0 12 
20.00-20 174kt 46,500 125 20.10 56.00 22.1 20.0 26 

Type VII 

16x4.4 210 1,100 55 4.45 16.00 6.9 8.0 4 
18 x4.4 174kt 2,100 100 4.45 17.90 7.9 10.0 6 
18 X 4.4 217kt 4,350 225 4.45 17.90 7.9 10.0 12 
24x 5.5 174kt 11,500 355 5.75 24.15 10.6 14.0 16 
30x 7.7 230 16,500 270 7.85 29.40 12.7 16.0 18 
36x 11 217kt 26,000 235 11.50 35.10 14.7 16.0 24 
40x 14 174kt 33,500 200 14.00 39.80 16.5 16.0 28 
46x 16 225 48,000 245 16.00 45.25 19.0 20.0 32 
SOX 18 225 41,770 155 17.50 49.50 20.4 20.0 26 

Three Part Name 

18 X 4.25-10 210 2,300 100 4.70 18.25 7.9 10.0 6 
21 x7.25-10 210 5,150 135 7.20 21.25 9.0 10.0 10 
28 X 9.00-12 156kt 16,650 235 8.85 27.60 11.6 12.0 22 
37 X 14.0-14 225 25,000 160 14.0 37.0 15.1 14.0 24 
47 X 18-18 195kt 43,700 175 17.9 46.9 19.2 18.0 30 
52x20.5-23 235 63,700 195 20.5 52.0 21.3 23.0 30 

speed, tire width, diameter, and "rolling radius" (i.e., r~d~us when 1:1nder 
load, typically two-thirds of tire radius). For a c?mplete hstmg of available 
tires, a "tire book" can be obtained from the t1re manufacturers. 

The data in Table 11.2 is organized by tire type. A Type III tire, used for 
most piston-engined aircraft, has a wide tread and low internal pressure. 
The identifying numbers for a Type III tire, such as 8.50-10, refer to the 
approximate tire width (8.2-8.7 in.) and wheel rim diameter (10 in.). The 
tire outside diameter must be obtained from a tire book such as Ref. 30. 

Type VII tires, used by most jet aircraft, operate u~der highe~ internal 
pressures, which reduces their size. Also, the Type VII t1res a~e designed for 
higher landing speeds. They are identified by their approximate external 
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dimensions. For example, an 18 x 5.7 tire has an outside diameter of 
17.25-17.8 in. and a width of 5.25-5.6 in. These actual numbers are ob
tained from a tire book. 

For a while, the newest and highest-pressure tires were called "Type 
VIII," but are now simply referred to as "new design" or "three-part 
name" tires. Designed for specific requirements, they are identified by out
side diameter, width, and rim diameter. For example, a 36 x 10.00-18 tire 
has diameter ranging from 35.75-36.6 in., width from 9.75-10.3 in., and 
rim diameter of 18 in. 

Tires are selected by finding the smallest tire that will carry the calculated 
maximum loads (Ww). For the nose tire the total dynamic load must be 
carried as well as the maximum static load. 

However, a tire is permitted to carry more dynamic load than the rated 
static value found in Table 11.2 or a tire book. A Type III tire is permitted 
a dynamic load of 1.4 times the static value. A Type VII or a "new design" 
tire is allowed to carry 1.3 times the static value. 

The total dynamic nosewheel load (static plus dynamic) should therefore 
be divided by 1.4 or 1.3, and then used to pick the nose tire size for dynamic 
load. Both static and dynamic loadings should be used to determine a min
imum size of nose-wheel tire. Then the larger of the two should be selected. 

As a tire ages it loses ability to withstand its own internal pressure. This 
causes it to swell in size by about 2 or 3% in diameter and 4% in width. This 
swelling should be allowed for in designing the wheel wells and retraction 
geometry, or the wheel pants for a fixed-gear aircraft. 

A tire supports a load almost entirely by its internal pressure. The load
carrying ability of the sidewalls and tread can be ignored. The weight car
ried by the tire (Ww) is simply the inflation pressure (P) times the tire's 
contact area with the pavement (Ap, also called "footprint area"), as 
shown in Fig. 11.6 and defined in Eq. (11.5). 

Ww=PAp (11.5) 

Ap = 2.3 '1wd (1-R,) (11.6) 

Equation (11.6), from Ref. 31, relates the pavement contact area (Ap) to 
the tire width (w), diameter (d), and rolling radius (R,). [Note: do not 
confuse tire width (w) with weight on the wheel (Ww)]. 

Usually a tire is kept at about the same rolling radius as given in the tire 
book even when being used for a lower-than-maximum load. From Eq. 
(11.5), the internal pressure must therefore be proportionally reduced when 
a tire is operated at a lower than maximum load. 

Operating a tire at a lower internal pressure will greatly improve tire life. 
Roughly speaking, operating a tire at half of its maximum rated load (hence 
pressure) will increase the number of landings obtained from the tire by a 
factor of six. However, this requires a larger tire causing greater drag, 
weight, and wheel-well size. 

Tire pressure should also be reduced (i.e., larger tires used) if the aircraft 
will operate from soft or rough runways. Actual determination of the tire 
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size for a particular soft-field landing requirement is very complex (see Ref. 
32). As a rough estimate, tires should be sized to keep internal pressures 
below the values in Table 11.3 (Ref. 33) for the desired application. 

Sometimes the diameter of the tires is set by the braking requirements. 
Aircraft brakes are similar to automobile disk brakes, and are usually 
placed inside the wheels in all but the smallest aircraft. The wheel typically 
has a rim diameter of about half the total diameter of the tire mounted on 
it. Wheel rim diameters are provided in Table 11.2 or a tire book. 

TIRE 

f 
d 

I'... ,'I ... _____ ------
1 I 

Fig. 11.6 Tire contact area. 

Table 11.3 Recommended tire pressures 

Surface 

Aircraft carrier 
Major military airfield 
Major civil airfield 
Tarmac runway, good foundation 
Tarmac runway, poor foundation 
Temporary metal runway 
Dry grass on hard soil 
Wet grass on soft soil 
Hard packed sand 
Soft sand 

Maximum pressure, psi 

200+ 
200 
120 

70-90 
50-70 
50-70 
45-60 
30-45 
40-60 
25-35 
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The brakes must absorb the kinetic energy of the aircraft at touchdown, 
less the energy absorbed by aerodynamic drag and thrust reversing. These 
can be ignored by assuming that the brakes are applied when the aircraft has 
slowed to stall speed. This yields Eq. (11. 7), which must be divided by the 
number of wheels with brakes to get the kinetic energy that must be ab
sorbed by each brake. Note that while Western design practice puts brakes 
only on the main wheels, several Soviet designs also put brakes on the nose 
wheels. 

KE _ 1 Wiancting v2 
braking - 2 --g- stall (11. 7) 

where g = 32.2 ft/s2 • 

The landing weight in Eq. (11. 7) is not the same as the weight at the end 
of the design mission. To allow an emergency landing shortly after takeoff 
the landing weight should be approximated as 80-100% of the takeoff 
weight. 

A brake absorbs kinetic energy by turning it into heat. There is insuffi
cient time during landing for much heat energy to be radiated to the air, so 
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Fig. 11.7 Wheel diameter for braking. 
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it must be absorbed in the mass of the brake material. The amount of heat 
a brake can tolerate depends upon its size. 

Figure 11. 7 provides a statistical estimate of the required wheel rim di
ameter to provide a brake that can absorb a given amount of kinetic energy. 
Note that if an aircraft is initially designed with inadequate brakes, addi
tional braking ability can be obtained in the same-sized wheels but only at 
a much higher cost by using exotic materials and complex design. 

If the wheel rim diameter as estimated from Fig. 11. 7 is larger than the 
rim diameter of the selected tire, a larger tire must be used. Alternatively, 
a brake which protrudes laterally from the tire can be used but will require 
a larger wheel well. 

11.4 SHOCK ABSORBERS 

Shock-Absorber Types 
The landing gear must absorb the shock of a bad landing and smooth out 

the ride when taxiing. The more common forms of shock absorber are 
shown in Fig. 11.8. 

The tires themselves provide some shock-absorbing ability by deflecting 
when a bump is encountered. Sailplanes and a few homebuilt aircraft have 
been built with rigid axles, relying solely upon the tires for shock absorbing. 

Many World War I fighters used a rigid axle mounted with some vertical 
movement. The axle was attached to the aircraft with strong rubber chords 

RIGID AXLE SOLID SPRING 

LEVERED BUNGEE 
\t~* 

RUBBER BUNGEE OLEO SHOCK-STRUT 

~~12- =riF ~ OIZ1 ~ 
@T \D""'f'<l ~ T\i 
TRIANGULATED HINGE HINGE 

TRAILING LINK (OR LEVERED) 

Fig. 11.8 Gear/shock arrangments . 
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("bungees") that stretched as the axle moved upward. This is rarely seen 
today. 

The solid spring gear is 1:1sed i~ m~ny general-aviation aircraft (especially 
Cess?a products). The sohd sprmg 1s as simple as possible, but is slightly 
heavier than other types of gear. 

Not~ that the solid-spring gear deflects with some lateral motion instead 
of straig~t up and down. This lateral motion tends to scrub the tires side
:,vays agamst the runway, wearing them out. The solid spring has no damp
mg other than this scrubbing action. The aircraft thus tends to bounce a lot 
much like a car with bad shock-absorbers. ' 

The levered. bungee-chord gear was very common in early light aircraft 
such as the Piper Cub. The gear leg is pivoted at the fuselage. Rubber 
bungee chords underneath the gear are stretched as the gear deflects upward 
and outwards. This gear is light in weight but is high in drag. This gear also 
causes lateral scrubbing of the tires. 

The oleopn_eumatic s?ock strut, or "o_leo," is the most common type of 
shock-absorbmg gear m use today (Fig. 11.9). The oleo concept was 
patented in 1915 as a recoil device for large cannons. The oleo combines a 
spr~ng effect u~ing compressed air with a damping effect using a piston 
which forces 011 through ~ small hole (orifice). For maximum efficiency, 
many oleos have a mechamsm for varying the size of the orifice as the oleo 
compresses ("metered orifice"). 
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AIR OR NITROGEN 

-~-OIL -:::Ji~~J--- ORIFICE ...,_ -
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l_ 
Q 4--- STATIC WHEEL 

l 
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OR AXLE 

Fig. 11.9 Oleo shock absorber (most simple type). 
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When used as a shock-strut, the oleo itself must provide the full required 
amount of wheel deflection, which can lengthen the total landing-gear 
height. Also, the oleo strut must be strong enough to handle the lateral a?d 
braking loads of the wheels. To repair or replace the oleo strut, the entue 
wheel assembly must be removed because it is attached to the bottom of the 
strut. 

The triangulated gear is similar to the levered bungee gear. When the 
triangulated gear is deflected, an oleopneumatic shock absorber is com
pressed. This provides a leveraged effect in which the oleo can b~ shorter 
than the required wheel travel. This is especially useful for earner-based 
aircraft such as the A-7 that require large amounts of wheel travel to absorb 
the carrier-landing impact loads. 

On a triangulated gear, the oleo can be replaced without removing the 
wheel assembly. The wheel lateral and braking loads are carried by th~ solid 
gear legs, which reduces the oleo weight. However, the complete tnangu
lated gear is usually a little heavier than the oleo shock-strut gear. Also, 
there is a tire-scrubbing effect that shortens tire life. 

The triangulated gear is sometimes seen on smaller aircraft ?sing rubber 
blocks or springs in compression instead of an oleopneumatic shock ~b
sorber. The rubber blocks or springs can be inside the fuselage which 
streamlines the exposed part of the gear but requires the gear leg to support 
the aircraft's weight in a cantilevered fashion. This increases the gear 
weight. . 

The trailing-link, or levered, gear resembles the tnangulate~ gear, but 
with the solid gear leg running aft rather than laterally. This gear 1s common 
for carrier-based aircraft such as the F-18 where it provides the large 
amounts of gear travel required for carrier landings. Typically the pi~ot 
point of the lower gear leg is slightly in front of the tire, less than one tire 
radius in front of the tire. 

The levered gear allows the wheel to travel aft as it deflects. This is ver_y 
desirable for operations on rough fields. If a large rock or other obstacle 1s 
encountered, the aft motion of the wheel gives it more time to ride over. the 
obstacle. For this reason the levered gear was used on the North Amencan 
Rockwell OV-10. 

The triangulated gear and levered gear provide a mechanical lever.effect 
that reduces the deflection of the shock-absorber oleo. However, this also 
increases the forces on the shock-absorber oleo, which increases its required 
diameter. The mechanical advantage of the triangulated or levered gear is 
determined from the actual dimensions of the gear layout, and is used to 
size the shock absorber. 

Stroke Determination 
The required deflection of the shock-absorbing system (the "s!roke") 

depends upon the vertical velocity at touchdown, the shock-absorbmg ma
terial and the amount of wing lift still available after touchdown. As a 
rough rule-of-thumb, the stroke in inches approximately equals the vertical 
velocity at touchdown in (ft/s). 
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Table 11.4 Shock absorber efficiency 

Type 

Steel leaf spring 
Steel coil spring 
Air spring 
Rubber block 
Rubber bungee 
Oleopneumatic 

- Fixed orifice 
- Metered orifice 

Tire 

Efficiency 1/ 

0.50 
0.62 
0.45 
0.60 
0.58 

0.65-0.80 
0.75-0.90 

0.47 

The vertical velocity (or "sink speed") at touchdown is established in 
various specifications for different types of aircraft. Most aircraft require 
10 ft/s vertical velocity capability. This is substantially above the 4-5 ft/s 
that most passengers would consider a "bad" landing. 

While most Air Force aircraft require only 10 ft/s, Air Force trainer 
aircraft require 13 ft/s. Due to steeper descent angles, Ref. 32 suggests 15 
ft/s for short takeoff and landing ("STOL") aircraft. 

Carrier-based naval aircraft require 20 or more ft/s vertical velocity, 
which is much like a controlled crash! This is the reason that carrier-based 
aircraft tend to use triangulated or levered gear, which provide longer 
strokes than shock-strut gear. 

In most cases it may be assumed that the wing is still creating lift equal to 
the aircraft's weight during the time that the shock absorber is deflecting. 
The detailed shock-absorber calculations for FAR-23 aircraft must assume 
that only two-thirds of the aircraft's weight is supported by the wing during 
touchdown. However, this can be ignored for initial stroke calculations. 

The vertical energy of the aircraft, which must be absorbed during the 
landing, is defined in Eq. (11.8). This kinetic energy is absorbed by the work 
of deflecting the shock absorber and tire. 

KE _ (1) ( Wianding) v2 vertical - 2 --g- vertical 

where 

W = total aircraft weight 
g = 32.2 ft/s2 

(11.8) 

If the shock absorber were perfectly efficient, the energy absorbed by 
deflection would be simply the load times the deflection. Actual efficiencies 
of shock absorbers range from 0.5-0.9, as provided in Table 11.4. The 
actual energy absorbed by deflection is defined in Eq. (11.9). 

KEabsorbect = 'TJLS (11.9) 
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where 

'Tl = shock-absorbing efficiency 
L = average total load during deflection (not lift!) 
S = stroke 
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For tires it is assumed that the tire deflects only to its rolling ra~ius, so _the 
"stroke" (ST) of a tire is equal to half the diameter minus the rollmg radms. 

Combining Eqs. (11.8) and (11.9) and assuming that the ~hock absorber 
and tire both deflect to absorb the vertical kinetic energy yields: 

(!) (Wlanding) VJertical = ('flLS)shock + (71TLST)tire 
2 g absorber 

(11.10) 

Note in Eq. (11.10) that the number of shock absorbers doesn't enter into 
the equation. Remember that "L" is the average total load on the shock 
absorbers during deflection. The number of shock absorbers affects the 
diameter of the shock absorbers but not the required stroke. . 

The shock absorbers and tires act together to decelerate the ~ucraft from 
the landing vertical velocity to zero vertical velocity. The vertical dec~lera
tion rate is called the "gear load factor" (Ngear). Gear load _f ~ctor is the 
average total load summed for all of the shock a~sorbers dIVIded by t~e 
landing weight, and is assumed to be constant durmg touchdown. Ngear is 
defined in Eq. (11.11) and typically equals three. 

Ngear = L/W1anding (11.11) 

The gear load factor determines how much loa? the gear passes to the 
airframe, which affects the airframe structural weigh~ as wel~ as crew and 
passenger comfort during_ the landing. T~ble 11.5 provides typical gear load 
factors permitted for vanous types of aucraft: 

Substituting Eq. (11.11) into Eq. (11.10) yields Eq. (11.12)_ for shock
absorber stroke. Note that the equation for stroke d~es not 1?clude ~ny 
terms containing the aircraft weight. For the same reqmred landmg v~rtical 
velocity and gear load-factor, an airliner and an ultralight would reqmre the 
same stroke! 

S = VJertical _ 'TIT ST 
2g 7/Ngear 7/ 

Table 11.5 Gear load factors 

Aircraft type 

Large bomber 
Commercial 
General aviation 
Air Force fighter 
Navy fighter 

2.0-3 
2.7-3 

3 
3.0-4 
5.0-6 

(11.12) 
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The stroke calculated by Eq. (11.12) should be increased by about 1 in. as 
a safety margin. Also, a stroke of 8 in. is usually considered a minimum 
and at least 10-12 in. is desirable for most aircraft. ' 

Nosewheel stroke is generally set equal to or slightly larger than main
wheel stroke to provide a smooth ride while taxiing. 

Note that the stroke defined by Eq. (11.12) is a vertical distance. If a type 
of gear is used which produces some lateral motion of the wheel, the total 
distance the wheel moves must provide the required stroke in a vertical 
direction. 

Equation (11.12) defines the total stroke required. If a levered or triangu
lated gear is used, the required stroke of the oleo, bungee, or rubber block 
is reduced and is determined by dividing the total stroke by the mechanical 
advantage. The actual load on the shock absorber is increased (multiplied) 
by the mechanical advantage. 

Oleo Sizing 
The actual dimensions of an oleo shock absorber or shock strut can now 

be estimated. The total oleo stroke is known. For most types of aircraft the 
static position is approximately 660Jo of the distance from the fully extended 
to the fully compressed position (see Fig. 11.9). For large transport aircraft 
the static position is about 840Jo of stroke above the fully extended position'. 
For a general-aviation aircraft the static position is typically about 600Jo of 
stroke above the extended position. 

The total length of the oleo including the stroke distance and the fixed 
portion of the oleo will be approximately 2.5 times the stroke. For an 
ai~c~aft with the desired gear attachment point close to the ground, this 
mm1mum oleo length may require going to a levered gear. 

Oleo diameter is determined by the load carried by the oleo. The main 
wheel oleo load is the static load found from Eq. (11.1) divided by the 
number of main-wheel oleos (usually two). The nose-wheel oleo load is the 
sum of the static and dynamic loads [Eqs. (11.2) and (11.4)]. These loads 
must be increased by the mechanical advantage if levered or triangulated 
gear is used. 

_The oleo carr~es its load by the internal pressure of compressed air, ap
plied across a piston. Typically an oleo has an internal pressure ("P") of 
1800 psi. Internal diameter is determined from the relationship which states 
that force equals pressure times area. The external diameter is typically 300Jo 
greater than the piston diameter, so the external oleo diameter can be ap
proximated by Eq. (11.13). 

D -13 /4Lo:_ ~ oleo - · ,'1~ = 0.04 'ILoleo (11.13) 

where Loieo = load on the oleo in pounds. 

Solid-Spring Gear Sizing 
Figure 11.10 illustrates the deflection geometry for a solid-spring gear leg. 

The total stroke as determined by Eq. (11.12) is the vertical component of 
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the deflection of the gear leg. Note that the wheel is mounted so that it is 
vertical when the gear leg is deflected under the static load. This provides 
even tire wear. 

If the gear leg is not excessively tapered, it may be approximated as a 
constant-cross-section bending beam using the average values of beam 
width (w) and thickness (t). 

The load on the gear leg in the fully deflected position is the force re
quired to produce the gear load factor, Ngear· Assuming there are two gear 
legs yields Eq. (11.14). The component of the load on the gear that is 
perpendicular to the gear leg is defined by Eq. ( 11.15). 

Fs = WNgear/2 

F = F5 (sin0) 

(11.14) 

(11.15) 

The deflection "y" perpendicular to the gear leg is related to the stroke 
by Eq. (11.16), and is calculated by the structural bending-beam equation 
[Eq. (11.17)-see Chapter 14]. Substituting Eqs. (11.14-11.16) into Eq. 
(11.17) yields the equation for the stroke "S" of a solid-spring gear leg: 

S = y sinO (11.16) 

(11.17) 
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S = Fs (sin28) 
3
~

1 (11.18) 

where 

I = beam's moment of inertia 
E = material modulus of elasticity (psi) 
(approximately 30 million for steel; 10 million for aluminum) 

For a rectangular-cross-section gear leg, the moment of inertia is defined 
byEq. (11.19). 

(11.19) 

The static deflection is also determined using Eq. (11.18), but from the 
static wheel-load for the force (Fs). 

11.5 CASTORING-WHEEL GEOMETRY 

For ground steering, a nosewheel or tailwheel must be capable of being 
castored (turned). The castoring can introduce static and dynamic stability 
problems causing "wheel shimmy," a rapid side-to-side motion of the 
wheel that can tear the landing gear off the airplane. 

Prevention of shimmy is accomplished by selection of the "rake angle" 
and "trail," as shown in Fig. 11.11. In some cases a frictional shimmy 
damper is also used to prevent shimmy. This can be a separate hydraulic 
plunger or simply a pivot with a lot of friction. 
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NEGATIVE RAKE 
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FORWARD 

STEERABLE 
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Fig. 11.11 Castoring wheel geometry. 
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If the castoring wheel is free to swivel, shimmy can be prevented by using 
a small negative angle of rake (4-6 deg), and trail equal to 0.2-1.2 times the 
tire radius (0.2 is typical for tailwheels). If the trail is less than the tire 
radius, a shimmy damper may be required. 

If the nosewheel is free to swivel, the pilot must steer the aircraft on the 
ground using only the brakes. This increases brake wear and presents a 
great danger if one brake fails during takeoff or landing. 

Note that tailwheels are always designed as if they are free to swivel. 
Steerable tailwheels are connected to the rudder pedals by soft springs that 
don't affect the wheel dynamics. Most larger tailwheel aircraft have provi
sions for locking the tailwheel during takeoff and landing. 

For most tricycle-geared aircraft, a steering linkage is connected to the 
rudder pedals or a separate steering wheel, providing positive control of the 
turning angle. A key objective in the design of a steerable nosewheel is to 
reduce the required control forces while retaining dynamic stability. 

This is done by minimizing the trail through use of a positive rake angle. 
Note that the weight of the aircraft tends to cause this gear to "flop over," 
i.e., the gear is statically unstable. This is prevented by the control linkages. 

For a large aircraft with a steerable nose-wheel, the rake angle should be 
about 7 deg positive, and the trail should be at least 160Jo of the tire radius. 
For smaller aircraft, rake angles up to 15 deg and trail of about 200Jo are 
used. 

11.6 GEAR-RETRACTION GEOMETRY 
At this point, the required sizes for the wheels, tires, and shock absorbers 

are known, along with the required down locations of the wheels. The one 
remaining task is to find a "home for the gear" in the retracted position. 

A poor location for the retracted gear can ruin an otherwise good design 
concept! A bad choice for the retracted position can chop up the aircraft 
structure (increasing weight), reduce the internal fuel volume, or create 
additional aerodynamic drag. 

Figure 11.12 shows the options for main-landing-gear retracted positions. 
Locating the gear in the wing, in the fuselage, or in the wing-fuselage junc
tion produces the smallest aerodynamic penalty but tends to chop up the 
structure. Gear in the wing reduces the size of the wing box, which increases 
weight and may reduce fuel volume. Gear in the fuselage or wing-fuselage 
junction may interfere with the longerons. However, the aerodynamic ben
efits of these arrangements outweigh the drawbacks for higher-speed air
craft. 

Virtually all civilian jet transports retract the gear into the wing-fuselage 
junction. Most low-wing fighters retract the gear into the wing or wing-fuse
lage junction, while mid- and high-wing fighters retract the gear into the 
fuselage. 

While some slower aircraft retract the gear into the wing, fuselage, or 
wing-fuselage junction, many retract the gear into the nacelles or a separate 
gear pod. This reduces weight significantly because the wing and fuselage 
structure is uninterrupted. 

The wing-podded arrangement is rarely seen in Western aircraft designs 
(A-10), but is used in Soviet designs even for jet transports and bombers. 



248 AIRCRAFT DESIGN 

IN THE WING 

c--Q§§--...... ~=-m-
WING-PODDED 

FUSELAGE-PODDED 

IN THE FUSELAGE 

WINS/FUSELAGE JUNCTION IN THE NACELLE 

Fig. 11.12 "A home for the gear." 

The aerodynamic penalty is minimized by placing the pods at the trailing 
edge of the wing, where some "area-ruling" benefit is obtained. 

The fuselage-podded arrangement is common for high-winged military 
transports where the fuselage must remain open for cargo. The drag penalty 
of the pods can be substantial. 

Retraction of the gear into the nacelles behind the engine is typical for 
propeller-driven aircraft. For jet-engined aircraft, nacelle-mounted landing 
gear must go alongside the engine, which widens the nacelle, increasing the 
drag. 

Most mechanisms for landing-gear retraction are based upon the "four
bar linkage." This uses three members (the fourth bar being the aircraft 
structure) connected by pivots. The four-bar linkage provides a simple and 
li~htweight gear because the loads pass through rigid members and simple 
pivots. 

Several variations of four-bar linkage landing gear are shown in Fig. 
11.13. The oldest form of four-bar linkage for landing gear retraction is 
shown in front view (Fig. 11.13a), where the wheel is at the bottom of a 
vertical gear member attached to parallel arms, which in turn attach to the 
fuselage. The gear retracts by pivoting the arms upward and inward. This 
was widely used during the 1930's, and is seen today in modified form on 
the MiG-23. 

Figure 11.13b shows the typical retraction arrangement for nose wheels. 
The diagonal arm is called a "drag brace" because it withstands the aerody-
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Fig. 11.13 Landing gear retraction. 
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namic loads (as well as braking loads). The drag brace breaks at the middle 
for retraction. 

The drag brace may be behind the wheel with the gear retracting rearward 
or it may be in front of the wheel with the gear retracting forward. The 
latter is preferable because the air loads will blow the gear down in the event 
of a hydraulic failure. 

In Fig. 11.13c the vertical gear member breaks for retraction instead of 
the drag brace. This has the advantage of reducing the length of the re
tracted gear, but is usually heavier. This gear was used on the DC-3 and 
several World War II bombers. 

Figure 11.13d shows the use of a sliding pivot rather than a four-bar 
linkage. The sliding motion is frequently provided by a wormscrew mecha
nism that is rotated to retract the gear. This is usually heavier than a four
bar linkage because the entire length of the wormscrew must be strong 
enough for the landing-gear loads. However, this gear is very simple and 
compact. 

The retraction concepts as shown in Fig. 11.13 are for nose or main 
wheels that retract in a fore or aft direction. However, the same basic 
concepts can be used for main wheels that retract inwards or outwards. 
These illustrations then become front views, and the tires are redrawn ac
cordingly. The gear members labeled "drag brace" become "sway braces" 
because they provide lateral support for the gear in this arrangement. 
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Fig. 11.14 Pivot point determination. 

There are dozens of additional geometries for gear retraction based upon 
the four-bar linkage and other concepts. For these, see Ref. 32 or 33. 

The landing-gear leg is attached to the aircraft at the "pivot point." This 
is determined as shown in Fig. 11.14. The pivot point can lie anywhere 
along the perpendicular bisector to the line connecting the up and down 
positions of the wheel. 

Normally the gear strut is allowed to extend fully before retraction, as 
shown in Fig. 11.14, although it is possible to install a "strut compressor" 
that causes the gear to be retracted with the strut in the compressed posi
tion. This should be used only when internal space is absolutely unavailable 
for the fully extended strut. 

It is also possible to provide a "rotator" mechanism or "planing link" 
that will change the angle between the gear leg and the wheel axis when the 
gear is retracted. This is sometimes required to permit the wheel to lie flat 
inside the wheel well when retracted. This is fairly simple and is seen on 
many military aircraft such as the F-16. However, all such mechanisms 
should be avoided if possible due to the increased weight, complexity, and 
maintenance. 

11. 7 SEAPLANES 
Seaplanes were important during the early days of aviation because of the 

limited number of good airports. Early commercial over-water flights were 
made exclusively by seaplanes, for safety. Most early speed records were 
held by seaplanes (or floatplanes) because the use of water for takeoff 
allowed long takeoff runs and hence high wing-loadings. 

Today the seaplane concept is largely restricted to sportplanes, bush 
planes, and search-and-rescue aircraft. However, the notion of a "sea-sit
ter" strategic bomber which "loiters" for weeks at an unknown ocean 
location is revived every few years. 

The hull of a seaplane and the pontoon of a float plane are based on the 
planing-hull concept. The bottom is fairly flat, allowing the aircraft to skim 
(plane) on top of the water at high speeds. A step breaks the suction on the 
after body. A vertical discontinuity, as shown in Fig. 11.15, the step can be 
straight in planview, or it can have an elliptical shape in planview to reduce 
aerodynamic drag. 
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While a few small seaplanes have been built with flat bottoms, most use 
a V-shaped bottom to reduce the water-impact loads. The height of the V 
is called the "deadrise," and the angle is the "deadrise angle." Deadrise 
angle must be increased for higher landing speeds, and should roughly 
follow Eq. (11.20). Deadrise angle is increased toward the nose to about 
30-40 deg to better cut through waves. 

V-20 
adeadrise = --2-, deg (11.20) 

where V = stall speed in miles per hour. 
To reduce water spray, spray strips can be attached to the edges of the 

bottom, as shown. These are angled about 30 deg below the horizon. 
The ratio between the waterline length and "beam" (width) has a strong 

effect upon water resistance and landing impact. A wider hull has a lower 
water resistance due to its better planing ability but suffers a higher landing 
impact. Length-to-beam ratios vary from about six for a small seaplane to 
about 15 for a large one. 

The step height should be about 5% of the beam. The step should be 
located on an angle about 10-20 deg behind the e.g. The bottom of the hull 
forward of the step should not be curved for a distance about equal to 1.5 
times the beam. This is to reduce porpoising tendencies. Also, the hull 
bottom aft of the step (the "sternpost") should angle upward about 8 deg. 

For a true "flying boat" (i.e., seaplane with a boat-like fuselage), lateral 
stability on the water is usually provided by wing-mounted pontoons. These 
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should be located such that they contact the water when the aircraft tips 
sideways about 1 deg. 

Determination of the static waterline is done using a modification of the 
fuselage-volume plotting technique previously described. First, a static wa
terline is assumed and drawn on the configuration layout. Then a volume 
plot is prepared from the cross-sectional areas of only those parts of the 
fuselage which are below the assumed waterline. 

The area under the curve on the volume plot defines the fuselage sub
merged volume (i.e., below the waterline). This is multiplied by the density 
of water (62.4 lb/ft3

) to determine the weight of aircraft which can be 
supported by that amount of displaced water. 

The centroid of the area on the volume plot is the center of buoyancy, 
which should coincide with the e.g .. If either the weight of aircraft sup
ported or the center of buoyancy are incorrect, another waterline must be 
assumed and a new volume plot prepared. 

Water-resistance drag is very difficult to estimate. It depends upon the 
mechanics of wave production, and can vary widely for similar hull shapes. 
Also, water-resistance drag varies with speed. A seaplane hull can have a 
maximum water resistance at "hump speed" equal to 20% or more of the 
aircraft's weight. 

Seaplane design and analysis should be based upon some published set of 
test results for a known hull shape. These can be found in early NACA 
reports. The major U.S. facility for testing seaplane and ship hulls is the 
Naval Ship Research and Development Center (NSRDC) near Washington, 
D.C. 

For a rough estimate of a seaplane's takeoff distance, it can be assumed 
that the water-resistance drag will average about 10-15% of the waterborne 
weight. This is analagous to a rolling-friction coefficient (µ) of 0.10-0.15 in 
the takeoff calculations provided in Chapter 17. 

11.8 SUBSYSTEMS 
Aircraft subsystems include the hydraulic, electrical, pneumatic, and aux

iliary/ emergency power systems. Also, the avionics can be considered a 
subsystem (although to the avionics engineers, the airframe is merely the 
"mobility subsystem" of their avionics package!) 

In general, the subsystems do not have a major impact on the initial 
design layout. However, later in the design cycle the configuration designer 
will have to accommodate the needs of the various subsystems, so a brief 
introduction is provided below. No attempt is made to provide examples or 
rules of thumb because the subsystems hardware varies widely between 
different classes of aircraft. Reference 11 provides additional information 
on subsystems. 

Hydraulics 
A simplified hydraulic system is shown in Fig. 11.16. Hydraulic fluid, a 

light oil-like liquid, is pumped up to some specified pressure and stored in 
an "accumulator" (simply a holding tank). 

LANDING GEAR AND SUBSYSTEMS 253 

ACCUMULATOR 

RETURN LINE 

CONTROL STICK 

CONTROL 
CABLES 

VALVE 

CONTROL 

SURFACE l 
(l3~-

ACTUATOR 

Fig. 11.16 Simplified hydraulic system. 

When the valve is opened, the hydraulic fluid flows into the actuator 
where it presses against the piston, causing it to move and in turn moving 
the control surface. To move the control surface the other direction, an 
additional valve (not shown) admits hydraulic fluid to the back side of the 
piston. The hydraulic fluid returns to the pump by a return line. 

To obtain rapid response, the valve must be very close to the actuator. 
The valve therefore cannot be in or near the cockpit, and instead is usually 
attached to the actuator. 

In most current designs the pilot's control inputs are mechanically carried 
to the actuator by steel cables strung from the control wheel or rudder 
pedals to the valves on the actuators. In many new aircraft the pilot's inputs 
are carried electronically to electromechanical valves ("fly-by-wire"). 

Hydraulics are used for aircraft flight control as well as actuation of the 
flaps, landing gear, spoilers, speed brakes, and weapon bays. Flight-control 
hydraulic systems must also include some means of providing the pr?per 
control "feel" to the pilot. For example, the controls should become stiffer 
at higher speeds, and should become heavier in a tight, high-g turn. Such 
"feel" is provided by a combination of springs, bobweights, and air 
bellows. 

In most cases the hydraulic system will impact the aircraft conceptual 
design only in the provision of space for the hydraulic_ pumps, whi:h _are 
usually attached to the engines. These should be copied from a similar 
aircraft if better information is not available. 

Electrical System 
An aircraft electrical system provides electrical power to the avionics, 

hydraulics, environmental-control, lighting, and other subsystems .. '!he 
electrical system consists of batteries, generators, transformer-rectifiers 
("TR's"), electrical controls, circuit breakers,. and cables. 

Aircraft generators usually produce alternatmg current (AC) ~nd are lo
cated on or near the engines. TR's are used to convert the alternatmg current 
to direct current (DC). Aircraft batteries can be large and heavy if they are 
used as the only power source for starting. 
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Fig. 11.17 APU installation. 

Pneumatic System 

The pneumatic system provides compressed air for pressurization, envi
ronmental control, anti-icing, and in some cases engine starting. Typically 
the pneumatic system uses pressurized air bled from the engine compressor. 

This compressed air is cooled through a heat exchanger using outside air. 
This cooling air is taken from a flush inlet inside the inlet duct (i.e., inlet 
secondary airflow) or from a separate inlet usually located on the fuselage 
or at the front of the inlet boundary-layer diverter. 

The cooled compressor air is then used for cockpit pressurization and 
avionics cooling. For anti-icing, the compressor bleed air goes uncooled 
through ducts to the wing leading edge, inlet cowls, and windshield. 

Compressed air is sometimes used for starting other engines after one 
engine has been started by battery. Also, some military aircraft use a ground 
power cart that provides compressed air through a hose to start the engine. 

Auxiliary/Emergency Power 

Large or high-speed aircraft are completely dependent upon the hydraulic 
system for flight control. If the hydraulic pumps stop producing pressure 
for any reason, the aircraft will be uncontrollable. If the pumps are driven 
off the engines, an engine flame-out will cause an immediate loss of control. 

For this reason, some form of emergency hydraulic power is required. 
Also, electrical power must be retained until the engines can be restarted. 
The three major forms of emergency power are the ram-air turbine (RAT), 
monopropellant emergency power unit (EPU), and jet-fuel EPU. 

The ram-air turbine is a windmill extended into the slipstream. Alterna
tively, a small inlet duct can open to admit air into a turbine. 
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The monopropellant EPU uses a monopropellant fuel such as hydrazine 
to drive a turbine. The available monopropellants are all toxic and caustic, 
so monopropellant EPU's are undesirable for operational considerations. 

However, they have the advantage of not requiring any inlet ducts and can 
be relied upon to provide immediate power regardless of aircraft altitude, 
velocity, or attitude. Monopropellant EPU's must be located such that a 
small fuel leak will not allow the caustic fuel to puddle in the aircraft 
structure, possibly dissolving it! 

Jet-fuel EPU's are small jet engines that drive a turbine to produce emer
gency power. These may also be used to start the main engines ("jet-fuel 
starter"). While they do not require a separate and dangerous fuel, the 
jet-fuel EPU's require their own inlet duct. 

Most commercial transports and an increasing number of military aircraft 
use a jet-fuel auxiliary power unit ("APU"). An APU is much like an EPU 
but is designed and installed to allow continuous operation. 

Usually an APU is designed to provide ground power for air condition
ing, cabin lighting, and engine starting. This frees the aircraft from any 
dependence upon ground power carts. The APU is also used for in-flight 
emergency power, and in some cases is run continuously in-flight for addi
tional hydraulic and/ or electrical power. 

The APU is actually another jet engine, and its installation must receive 
attention in the earliest design layout. The APU requires its own inlet and 
exhaust ducts, and must be contained in a firewalled structure. APU's have 
fairly high maintenance requirements so access is important. 

To avoid high levels of noise, the inlet and exhaust of an APU should be 
directed upward. For in-flight operation of the APU, the inlet should ide
ally be in a high-prei;sure area and the exhaust in a low-pressure area. Also, 
the inlet should not be located where the exhaust of the jet engines or APU 
can be ingested. The exhaust of an APU is hot and noisy, and should not 
impinge upon aircraft structure or ground pers~:mnel. 

Transport aircraft usually have the APU in the tail, as shown in Fig. 
11.17. This removes the APU from the vicinity of the passenger compart 

Table 11.6 Avionics weights 

General aviation-single engine 
Light twin 
Turboprop transport 
Business jet 
Jet transport 
Fighters 
Bombers 
Jet trainers 

Typical values 

wavionics 

wempty 

.01-.03 

.02-.04 

.02-.04 

.04-.05 

.01-.02 

.03-.08 

.06-.08 

.03-.04 
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ment to reduce noise. The APU firewall is of minimum size, and the APU 
is easily accessible from a workstand. 

Military transports with the landing gear in fuselage-mounted pods can 
place the APU in the pod. This provides ground-level access to the APU, 
but requires increased firewall area. 

Fighters usually have the APU in the fuselage, near the hydraulic pumps 
and generators. This requires a firewall that completely encloses the APU. 

APU installation is discussed in detail in Ref. 34. 

Avionics 

Avionics (a contraction of "aviation electronics") includes radios, flight 
instruments, navigational aids, flight control computers, radar, and other 
aircraft sensors such as infrared detectors. For initial layout, it is necessary 
to provide sufficient volume in the avionics bays. Also, the nose of the 
aircraft should be designed to hold the radar. 

On the average, avionics has a density of about 30-45 lb/ft3 • The required 
avionics weight can be estimated from the aircraft empty weight (We), 
which is known at this point. Table 11.6 provides ratios between avionics 
weight and aircraft empty weight. 

Estimation of radar size is very complex, and depends upon the desired 
detection range, radar cross section of the threat aircraft, and radar fre
quency. For initial design, the radar from a similar design should be used 
until the avionics group provides a definition of the required radar. 

In the absence of better information, it can be assumed that a bomber will 
use a 40-in. radar, a large fighter will use a 35-in. radar, and a small fighter 
will use a 22-in. radar. Transport-aircraft radars are only for weather avoid
ance. They are small relative to the size of the aircraft nose and can be 
initially ignored. 

12.1 INTRODUCTION 

12 
AERODYNAMICS 

The previous chapters have presented methods for the design layout of a 
credible aircraft configuration. Initial sizing, wing geometry, engine instal
lation, tail geometry, fuselage internal arrangement, and numerous other 
design topics have been discussed. 

The initial sizing was based upon rough estimates of the aircraft's aerody
namics, weights, and propulsion characteristics. At that time we could not 
calculate the actual characteristics of the design because the aircraft had not 
been designed yet! 

Now the aircraft design can be analyzed "as-drawn" to see if it actually 
meets the required mission range. If not, we will resize the aircraft until it 
does. 

Also, a variety of trade studies can now be performed to determine the 
best combination of design parameters (T/W, WIS, aspect ratio, etc.) to 
meet the given mission and performance requirements at the minimum 
weight and cost. 

Additional analysis on the as-drawn aircraft is also required at this time 
to insure that stability and control requirements are met. In previous chap
ters, an approximate tail volume coefficient method was used for tail sizing. 
Now that the aircraft is drawn, we can analytically determine if the selected 
tail sizes are adequate. 

These methods will be presented in Chapters 12-19. The overall objective 
of these chapters is the understanding of the sizing optimization and trade 
study process, not the presentation of particular theories and analysis meth
ods. Presumably the student has spent several years studying aerodynamics, 
controls, structures, and propulsion. 

The analysis techniques presented in these chapters, all approximate 
methods, illustrate the major parameters to be determined and pro
vide realistic trends for trade studies. In many cases these are not the meth
ods employed by the major aircraft companies, whose methods are highly 
computerized and cannot be presented in any single textbook. Also, each 
company uses many proprietary methods that are simply unavailable to 
students. 

By using the simplified methods provided in this book, the student de
signer will experience the interaction of the major design variables but will 
not devote excessive time to the analytical tasks. This should leave more 
time for learning the basic principles of sizing optimization and trade stud
ies, which are the same regardless of analytical techniques. 
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12.2 AERODYNAMIC FORCES 
Figure 12.1 shows the only two ways that the airmass and the airplane can 

act upon each other. As the aircraft moves forward, the air molecules slide 
over its skin. The molecules closest to the skin act as if they are stuck to it, 
moving with the aircraft ("no-slip condition"). 

If the air molecules closest to the aircraft skin are moving with it, there 
must be slippage (or "shear") between these molecules and the nonmoving 
molecules away from the aircraft. "Viscosity" is the honey-like tendency of 
air to resist shear deformation, which causes additional air near the aircraft 
skin to be dragged along with the aircraft. The force required to accelerate 
this "boundary-layer" air in the direction the aircraft is travelling produces 
skin-friction drag. 

If the air molecules slide over each other (shear) in an orderly fashion, the 
flow is said to be "laminar." If the molecules shear in a disorderly fashion 
the flow is "turbulent." This produces a thicker boundary layer, indicating 
that more air molecules are dragged along with the aircraft, generating 
more skin-friction drag. 

Airflow along a smooth plate becomes turbulent when the local Reynolds 
number reaches about one-half million, but can become turbulent at a lower 
Reynolds number if there is substantial skin roughness. Also, the curvature 
of the surface can either prevent or encourage the transition from laminar 
to turbulent flow. 

As the aircraft moves forward, the air molecules are pushed aside. This 
causes the relative velocity of the air to vary about the aircraft. In some 
p~a~es, mostly toward _the nose, the air is slowed down. In other places the 
air is speeded up relative to the freestream velocity. 

A7cording to Bernoulli's equation, the total pressure (static plus dy
namic) along a subsonic streamline remains constant. If the local air veloc
ity increases, the dynamic pressure has increased so the static pressure must 
decrease. Similarly, a reduction in local air velocity leads to an increase in 
static pressure. 

Thus, the passage of the aircraft creates varying pressures around it, 
which push on the skin as shown in Fig. 12.1. 
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Fig. 12.1 Origin of aerodynamic forces. 
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In fact, lift is created by forcing the air that travels over the top of the 
wing to travel faster than the air which passes under it. This is accomplished 
by the wing's angle of attack and/or wing camber. The resulting difference 
in air velocity creates a pressure differential between the upper and lower 
surfaces of the wing, which produces the lift that supports the aircraft. 

If the aircraft is traveling near or above the speed of sound, additional 
pressure forces are produced by the shock waves around the aircraft. Shock 
waves result whenever supersonic flow is being slowed down. 

All aerodynamic lift and drag forces result from the combination of shear 
and pressure forces. However, the dozens of classification schemes for 
aerodynamic forces can create considerable confusion because of overlap
ping terminology. 

For example, the drag on a wing includes forces variously called airfoil 
profile drag, skin-friction drag, separation drag, parasite drag, camber 
drag, drag-due-to-lift, wave drag, wave-drag-due-to-lift, interference drag 
-and so forth. 

Figure 12.2 presents the various drag terminologies using a matrix that 
defines the drag type based upon the origin of the drag force (shear or 
pressure) and whether or not the drag is strongly related to the lift force 
being developed. 

Drag forces not strongly related to lift are usually known as parasite drag 
or zero-lift drag. In subsonic cruising flight of a well-designed aircraft, the 
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parasite drag consists mostly of skin-friction drag, which depends mostly 
upon the wetted area. 

The skin-friction drag of a flat plate of the same wetted area as the 
aircraft can be determined for various Reynolds numbers and skin rough
n~sses using equations provided below. However, the actual parasite drag 
wdl be somewhat larger than this value, as will be shown later. 

"Scru?bing drag'_' is ~n ~ncrease in the skin-friction drag due to the prop
wash ?r Jet_ exhaus~ 1mpmgmg upon the aircraft skin. This produces a higher 
effective_ air vel?c1ty and assures turbulent flow, both of which increase 
drag. It 1s for this reason that pusher-propellers are desirable and that few 
modern jets have conformal nacelles in which the exhaust rub~ along the aft 
fuselage. 

There are three separate origins of the drag-producing pressure forces. 
The first, viscous separation, was the source of considerable difficulty dur
ing the early theoretical development of aerodynamics. 

If the theoretical pressure forces in a perfect fluid are integrated over a 
streamlined body without flow separation, it is found that the pressures 
around the body which yield a drag force in the flight direction are exactly 
matched by the pressures around the body which yield a forward force. 
Thus, if skin friction is ignored the net drag is zero. 

This was known to be false, and was called d' Alembert's paradox. The 
paradox was finally resolved by Prandtl who determined that the boundary 
layer, which is produced by viscosity, causes the flow to separate some
where on the back half of the body. This prevents the full attainment of the 
forward-acting force, leaving a net drag force due to viscous separation. 
(See Ref. 35 for a more detailed discussion.) 

Vi~cous separation drag, also called "form drag," depends upon the 
locat10n of the separation point on the body. If the flow separates nearer to 
the front of the body the drag is much higher than if it separates more 
towards the rear. 

The location of the separation point depends largely upon the curvature 
?f the body. Also, the separation point is affected by the amount of energy 
m the flow. Turbulent air has more energy than laminar air, so a turbulent 
boundary layer actually tends to delay separation. 

If a body is small and flying at low speed, the Reynolds number will be 
so low that the flow will remain laminar resulting in separated flow. For this 
reason a small body may actually have a lower total drag when its skin is 
rough. This produces turbulent flow, which will remain attached longer 
than would laminar flow. The dimples on a golf ball are an example of this. 

For a very long body such as the fuselage of an airliner, the turbulent 
boundary layer will become so thick that the air near the skin loses most of 
its energy. This causes separation near the tail of the aircraft resulting in 
high "boattail drag." ' 
. To prevent this, ~mall vanes perpendicular to the skin and angled to the 

airflow ar_e placed Jus_t upstream of the separation point. These vanes pro
duce vor~1ces off the~r ends, which mix the boundary layer with higher
energy air from outside the boundary layer. This delays separation and 
reduces boattail drag. Such "vortex generators" are also used on wing and 
tail surfaces. 
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Viscous separation is largely responsible for the drag of irregular bodies 
such as landing gear and boundary-layer diverters. It also produces base 
drag, the pressure drag created by a "cut-off" aft fuselage. 

The subsonic drag of a streamlined, nonlifting body consists solely of 
skin friction and viscous separation drag and is frequently called the "pro
file drag." Profile drag is usually referenced to the maximum cross-sec
tional area of the body. 

Note that the terms "profile drag" and "form drag" are frequently inter
mixed, although strictly speaking the profile drag is the sum of the form 
drag and the skin-friction drag. Also note that the term "profile drag" is 
sometimes used for the zero-lift drag of an airfoil. 

Interference drag is the increase in the drag of the various aircraft compo
nents due to the change in the airflow caused by other components. For 
example, the fuselage generally causes an increase in the wing's drag by 
encouraging airflow separation at the wing root. 

Interference drag usually results from an increase in viscous separation, 
although the skin-friction drag can also be increased if one component 
causes the airflow over another component to become turbulent or to in
crease in velocity. 

"Wave drag" is the drag caused by the formation of shocks at supersonic 
and high subsonic speeds. At high subsonic speeds, the shocks form first on 
the upper surface of the wings because the airflow is accelerated as it passes 
over the wing. 

Drag forces that are a strong function of lift are known as "induced 
drag" or "drag-due-to-lift." The induced drag is caused by the circulation 
about the airfoil that, for a three-dimensional wing, produces vortices in the 
airflow behind the wing. The energy required to produce these vortices is 
extracted from the wing as a drag force, and is proportional to the square 
of the lift. 

Another way of looking at induced drag is that the higher-pressure air 
under the wing escapes around the wingtip to the wing upper surface, reduc
ing the lift and causing the outer part of the wing to fly in an effective 
downwash. In other words, the wing is always flying uphill! This rotates the 
lift force vector toward the rear, so that a component of the lift is now in 
the drag direction. 

To counter the pitching moment of the wing, the tail surfaces produce a 
lift force generally in the downward direction. The induced drag of the tail 
is called "trim drag." Trim drag also includes the additional lift required of 
the wing to counter any download produced by t~e tail. 

When aircraft total drag vs lift is presented, the drag can be calculated 
with some fixed elevator deflection or it can be calculated using the varying 
elevator deflections required to trim the aircraft at each lift coefficient. This 
"trimmed" drag provides the correct data for use in performance calcula
tions. 

In supersonic flight there is a component of wave drag that changes as the 
lift changes. The creation of lift results from changes in the pressure around 
the aircraft. Wave drag is a pressure drag due to shock formation, and any 
changes in the pressures around the aircraft will change the location and 
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strength of the shocks around it resulting in "wave-drag-due-to-lift." This 
drag is fairly small and is usually ignored in early conceptual design. 

Two-dimensional (2-D) airfoil drag, or profile drag, is a combination of 
skin-friction drag and viscous separation drag. There is no drag-due-to-lift 
for the 2-D airfoil because the lift force is perpendicular to the freestream 
direction. However, the profile drag increases as the angle of attack is 
increased, leading to some confusion. 

This increase in 2-D airfoil drag is due to an increase in viscous separation 
caused by a greater pressure drop on the upper surface of the airfoil as the 
angle of attack is increased. This increase in profile drag with increasing 
angle of attack is not technically caused by the generation of lift, but does 
vary as the lift is varied. 

Most preliminary drag-estimation methods do not actually use the airfoil 
profile drag data to determine total wing drag. Instead, the drag for an 
idealized wing with no camber or twist is determined, and then a separate 
"camber drag" is estimated. Often the camber drag term is included statis
tically in the drag-due-to-lift calculation even though it is not technically 
caused by the generation of lift! 

Changing the lift on the wing changes the velocities above and below it. 
This change in local airflow velocity causes a small change in skin-friction 
drag. Sometimes called a "supervelocity" effect, this is minor and is usually 
ignored. 

12.3 AERODYNAMIC COEFFICIENTS 
Lift and drag forces are usually treated as nondimensional coefficients as 

defined in Eqs. (12.1) and (12.2). The wing reference area, S,er or simply S, 
is the full trapezoidal area extending to the aircraft centerline. The dynamic 
pressure of the freestream air is called "q," as defined in Eq. (12.3). 

(12.1) 

D =qSCn (12.2) 

where 

q = YipV2 (12.3) 

By definition, the lift force is perpendicular to the flight direction while 
the drag is parallel to the flight direction. Remember that the 2-D airfoil 
characteristics are denoted by lowercase subscripts (i.e .. , C1) whereas the 
3-D wing characteristics are denoted by uppercase subscripts (i.e., CL). 

Drag is normally spoken of as so many "counts" of drag, meaning the 
four digits to the right of the decimal place. For example, 38 counts of drag 
mean a drag coefficient of 0.0038. 

Figure 12.3 illustrates the drag polar, which is the standard presentation 
format for aerodynamic data used in performance calculations. The drag 
polar is simply a plot of the coefficient of lift vs the coefficient of drag. 
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Fig. 12.3 Drag polar. 
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Note that the angle of attack (a) is indicated here by tic marks along !he 
polar curve. This is not standard practice, but is useful for understandmg 
the relationship between lift, drag, and angle of attack. 

Uiicambered: Cn = Cn 0 + KCl (12.4) 

Cambered: Cn = Cnmin + K(CL - CL min dra/ (12.5) 

For an uncambered wing, the minimum drag ("Cn() occurs when.the lift 
is zero. The drag polar has an approximately parabohc shape, as defmed by 
Eq. (12.4). The value of "K" will be discussed later. . 

For a cambered wing, the minimum drag ("Cnm,n") .occurs at so~e posi-

t. li'ft ("C . "). The drag polar also has a parabohc shape, but is offset 
ive Lmmdrag d b th' ff t vertically as defined by Eq. (12.5). For wings o~ mo erate cam er is o se 

is usually small, which implies that Cn
0 
approximately equals Cnm,n and that 

Eq. (12.4) may be used. . . . . 
The point at which a line from the ongm is J~st tangent to th7 ~rag polar 

curve is the point of maximum lift-to-drag rat10. Note that this is not the 
point of minimum drag! 

12.4 LIFT 
Figure 12.4 shows typical wing lift curves. The ~ncambered w.i~g h~s no 

lift at zero angle of attack, while the cambered ~mg h~s a positiv~ hft at 
zero angle of attack. A negative angle of attack is reqmred to obtam zero 
lift with a cambered wing. 
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An old rule-of-thumb is that the negative angle of attack for zero lift in 
degree equals the airfoil's percent camber (the maximum vertical displace
ment of the camber line divided by the chord). 

Maximum lift is obtained at the "stall" angle of attack, beyond which the 
lift rapidly reduces. When a wing is stalled, most of the flow over the top 
has separated. 

The slope of the lift curve is essentially linear except near the stall angle, 
allowing the lift coefficient below stall to be calculated simply as the lift
curve slope times the angle of attack (relative to the zero-lift angle). At the 
stall, the lift curve has become nonlinear such that the angle for maximum 
lift is greater than the linear value by an amount shown as .la at CLmax in the 
figure. 

Figure 12.4 also shows the effect of aspect ratio on lift. For an infinite
aspect-ratio wing (the 2-D airfoil case) the theoretical low-speed lift-curve 
slope is two times 71' (per radian). 

Actual airfoils have lift-curve slopes between about 90 and lOOOJo of the 
theoretical value. This percentage of the theoretical value is sometimes 
called the "airfoil efficiency (17)." 

Reduction of aspect ratio reduces the lift-curve slope, as shown. At very 
low aspect ratios, the ability of the air to escape around the wing tips tends 
to prevent stalling even at very high angles of attack. Also note that the lift 
curve becomes nonlinear for very low aspect ratios. 

Increasing the wing sweep has an effect similar to reducing the aspect 
ratio. A highly-swept wing has a lift-curve slope much like the aspect-ratio
three curve shown. 

The effect of Mach number on the lift-curve slope is shown in Fig. 12.5. 
The 2-D airfoil lines represent upper boundaries for the no-sweep, infinite 
aspect-ratio wing. Real wings fall below these curves as shown. 
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Note that real wings follow a transition curve in the transonic regime 
between the upward-trending subsonic curve and the downward-trending 
supersonic curve. Also, note that a fat and unswept wing loses lift in the 
transonic regime whereas a thinner, swept wing does not. 

The lift-curve slope is needed during conceptual design for three reasons. 
First, it is used to properly set the wing incidence angle. This can be espe
cially important for a transport aircraft, in which the floor must be level 
during cruise. Also, the wing incidence angle influences the required fuse
lage angle of attack during takeoff and landing, which affects the aft-fuse
lage upsweep and/or landing-gear length. 

Secondly, the methodology for calculating drag-due-to-lift for high-per
formance aircraft uses the slope of the lift curve, as will be seen. 

The third use of the lift curve slope in conceptual design is for longitudi
nal-stability analysis, as discussed in Chapter 16. 

Subsonic Lift-Curve Slope 
Equation (12.6) is a semi-empirical formula from Ref. 36 for the com

plete wing lift curve slope (per radian). This is accurate up to the drag-diver
gent Mach number, and reasonably accurate almost to Mach one for a 
swept wing. 
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Fig. 12.5 Lift curve slope vs Mach number. 
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2+ 

2~A (S.xposed)(F) 
A 2R2 ( tan2 A ) Sref 4 + _fJ_ 1 + max t 

712 [j2 
(12.6) 

where 

{j2 = 1 -M2 (12. 7) 

(12.8) 

Amax r is the sweep of the wing at the chord location where the airfoil is 
thickest. 

If the airfoil lift-curve slope as a function of Mach number is not known 
the airfoil efficiency 71 can be approximated as about 0.95. (In several text: 
books this term is dropped by assuming that 71 equals 1.0 at all Mach num
bers.) 

"Sexposed" is the exposed wing planform, i.e., the wing reference area less 
the part of the wing covered by the fuselage. "F" is the fuselage lift factor 
[Eq. (12.9)] that accounts for the fact that the fuselage of diameter "d" 
creates some lift due to the "spill-over" of lift from the wing. 

F = 1.07(1 + d/b)2 (12.9) 

The wing aspect ratio "A " is the geometric aspect ratio of the complete 
reference planform. The effective aspect ratio will be increased by wing end
plates or winglets. 

End plate: Aerrective = A (1 + 1.9 h/b) (12.10) 

where h = endplate height. 

Winglet: Aerrective = l.2A (12.11) 

Thes~ effective aspect ratios should also be used in the induced drag 
calculations below. Note that Eq. (12.11) for winglets is a crude approxima
tion based upon limited data for wings of moderate aspect ratio. 

The ~ctual increase in effective aspect ratio due to the use of winglets is 
a. fu~ct10n of velocity and lift coefficient and depends upon the selected 
a1~fods and the relative location, geometry, and twist of the wing and 
wmglet. Typically, a wing with higher aspect ratio will obtain less improve
ment by the use of winglets. 

Supersonic Lift-Curve Slope 

For a wing in purely supersonic flow, the lift-curve slope is ideally defined 
by Eq. (1_2.12), as shown in F~g. 12.5. A wing is considered to be in purely 
supersomc flow when the leading edge is "supersonic," i.e., when the Mach 
cone angle is greater than the leading-edge sweep [see Eq. (12.14)]. 
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CL"= 4/{j (12.12) 
where 

[j=JM2 - I (12.13) 

when 

M> 1/cosALE (12.14) 

The actual lift-curve slope of a wing in supersonic flight is difficult to 
predict without use of a sophisticated computer program. The charts in Fig. 
12.6 are probably the best approximate method available. They were de
fined in Ref. 37 and have been used in a number of textbooks. 

These charts actually estimate the slope of the ''normal force'' coefficient 
(Cn), i.e., the lift curve slope in a direction perpendicular to the surface of 
the wing. For low angles of attack, this is approximately equal to the lift
curve slope. 

To use these charts, the wing aspect ratio, taper ratio, and leading-edge 
sweep are employed. The six charts each represent data for wings of a 
different taper ratio. If a chart for the actual taper ratio of a wing is not 
provided, interpolation must be used. 

The term {j [Eq. (12.13)] divided by the tangent of the leading-edge sweep 
is calculated and found on the horizontal axis of the chart. If this ratio is 
greater than 1.0, it is inverted and the right side of the chart must be used. 
Then the appropriate line is selected by calculating the wing aspect ratio 
times the tangent of the leading-edge sweep, and the vertical-axis value is 
read. 

To obtain the approximate slope of the lift curve, this value is then di
vided by the tangent· of the leading-edge sweep, if on the left side of the 
chart, or by {j if on the right side of the chart. 

As this value is referenced to the exposed planform of the wing, it must 
be multiplied by (Sexposed!Srer) as in Eq. (12.6). Also, the value must be 
multiplied by F from Eq. (12.9) to account for the fuselage lift effect. 

Note that these charts give best results only for trapezoidal wings without 
kinks or strakes. For highly nontrapezoidal planforms, Ref. 37 contains 
additional estimation procedures. However, these charts are rarely used in 
industry where computerized "panel methods" are available. These are 
discussed later. 

Transonic Lift-Curve Slope 
In the transonic regime (roughly Mach 0.85-1.2 for a swept wing) there 

are no good initial-estimation methods for slope of the lift curve. It is 
suggested that the subsonic and supersonic values be plotted vs Mach num
ber, and that a smooth curve be faired between the subsonic and supersonic 
values similar to the curves shown in Fig. 12.5. 

Nonlinear Lift Effects 
For a wing of very high sweep or very low aspect ratio (under two or 

three), the air escaping around the swept leading edge or wing tip will form 
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Fig. 12.6 Wing supersonic normal-force-curve slope. (Ref. 37) 
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Fie. 12.6 (cont'd.) Wine supersonic normal-force-curve slope. (Ref. 37) 
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a strong vortex that creates additional lift at a given angle of attack. This 
additional lift varies approximately by the square of the angle of attack. 
This nonlinear increase in the slope of the lift curve is difficult to estimate 
and can conservatively be ignored during early conceptual design. 

(However, the increase in maximum lift due to vortex formation is very 
important. It will be discussed in the next section.) 

Maximum Lift (Clean) 
The maximum lift coefficient of the wing will usually determine the wing 

area. This in turn will have a great influence upon the cruise drag. This 
strongly affects the aircraft takeoff weight to perform the design mission. 

Thus, the maximum lift coefficient is critical in determining the aircraft 
weight; yet the estimation of maximum lift is probably the least reliable of 
all of the calculations used in aircraft conceptual design. Even refined wind
tunnel tests cannot predict maximum lift with great accuracy. Frequently an 
aircraft must be modified during flight test to achieve the estimated maxi
mum lift. 

For high-aspect-ratio wings with moderate sweep and a large airfoil lead
ing edge radius, the maximum lift depends mostly upon the airfoil charac
teristics. The maximum lift coefficient of the "clean" wing (i.e., without 
the use of flaps and other high-lift devices) will usually be about 900Jo of the 
airfoil's maximum lift as determined from the 2-D airfoil data at a similar 
Reynolds number. 

Sweeping the wing reduces the maximum lift, which can be found by 
multiplying the unswept maximum lift value by the cosine of the quarter
chord sweep [Eq. (12.15)]. This equation is reasonably valid for most sub
sonic aircraft of moderate sweep. 

CL max= 0.9C1max cosAo.25c (12.15) 

If a wing has a low aspect ratio or has substantial sweep and a relatively 
sharp leading edge, the maximum lift will be increased due to the formation 
of leading-edge vortices. This vortex formation is strongly affected by the 
shape of the upper surface of the leading edge. 

Leading-edge shape could be defined by the airfoil nose radius. However, 
the nose radius alone doesn't take into account the effect of airfoil camber 
on the shape of the upper surface of the airfoil leading edge. 

Instead, an arbitrary "leading-edge sharpness parameter" has been de
fined as the vertical separation between the points on the upper surface, 
which are 0.150Jo and 60Jo of the airfoil chord back from the leading edge 
(Fig. 12.7). The leading-edge sharpness parameter (or ".1y") as a function 
of thickness ratio for various airfoils is provided in Table 12.1. 

The leading-edge sharpness parameter has been used in Ref. 37 to develop 
methods for the construction of the lift curve up to the stall, for low- or 
high-aspect-ratio wings. For high-aspect-ratio wings, Eq. (12.16) is used 
along with Figs. 12.8 and 12.9. The first term of Eq. (12.16) represents the 
maximum lift at Mach 0.2, and the second term represents the correction to 
a higher Mach number. 
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Fig. 12.8 Subsonic maximum lift of high-aspect-ratio wings. (Ref. 37) 

Table 12.1 

Airfoil type 

NACA 4 digit 
NACA 5 digit 
NACA 64 series 
NACA 65 series 
Biconvex 

A Y for common airfoils 

26 tic 
26 tic 
21.3 t/c 
19.3 tic 
11.8 tic 
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Fig. 12.9 Mach-number correction for subsonic maximum lift of high-aspect
ratio wings. (Ref. 37) 

High Aspect Ratio: CLmax = Ctmax (~max) + !:J,.CLmax fmax (12.16) 

where C1max is the airfoil maximum lift coefficient at M = 0.2. 
The angle of attack for maximum lift is defined in Eq. (12.17) with the 

help of Fig. 12.10. Note that the first and second terms represent the angle 
of attack if the lift curve slope were linear all the way up to stall. The second 
term may be approximated by the airfoil zero-lift angle, which is negative 
for a cambered airfoil. If the wing is twisted, the zero-lift angle is approx
imately the zero lift angle at the mean chord location. The third term in Eq. 
(12.17) is a correction for the nonlinear effects of vortex flow. 

High Aspect Ratio: (12.17) 
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A different set of charts is used for a low-aspect-ratio wing, where vortex 
flow dominates the aerodynamics. For use of these charts, low aspect ratio 
is defined by Eq. (12.18), which uses the parameter C1 from Fig. 12.11. 
Maximum lift of a low-aspect-ratio wing is defined by Eq. (12.19) using 
Figs. 12.12 and 12.13. The angle of attack at maximum lift is defined by Eq. 
(12.20) using Figs. 12.14 and 12.15. 

Low Aspect Ratio if: A :s: (Ci+ 1/(cosALE) (12.18) 
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Fig. 12.10 Angle-of-attack increment for subsonic maximum lift of high-aspect
ratio wings. (Ref. 37) 
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Low Aspect Ratio: C - (C ) + ac L max - L max base L max 

<:xcL = (ac ) + dac 
max Lmax base Lmax 

(12.19) 

(12.20) 

. At trans~ni~ and supersonic speeds, the maximum lift a wing can achieve 
1s usually hm1ted by structural considerations rather than aerodynamics. 
Unless the aircraft is flying at a very high altitude the available maximum 
lift at Mach 1 is usually enough to break the win~s off! 

As a conservative assumption, it can be assumed that the maximum lift 
available at Mach 0.6 will remain constant at higher Mach numbers. Actu
ally, the maximu~ lift will usually increase through the transonic regime, 
and then fall agam at supersonic speeds. 
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Angle of attack for subsonic maximum lift of low-aspect-ratio wings. 
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Fig. 12.15 Angle-of-attack increment for subsonic maximum lift of low-aspect-ra
tio wings. (Ref. 37) 

Maximum Lift with High-Lift Devices 
There is always a basic incompatibility in aircraft wing design. For cruise 

efficiency a wing should have little camber and should operate at a high 
wing-loading. For takeoff and landing a wing should have lots of lift, which 
means a lot of camber and a low wing-loading. 

In the history of aviation almost every imaginab~e devi_ce for v_aryin~ the 
wing camber and wing area has been attempted, mcludmg a wmg with a 
telescoping outer panel, a fabric membrane which unfurls behind the wing, 
a device which pivots out from the fuselage forming an extended flap, and 
even something called a "mutable" wing having variable span, camber, and 
sweep (Ref. 38). 

Figure 12.16 illustrates the commonly used high lift flaps. The plain flap 
is simply a hinged portion of the airfoil, typically with a flap chord "C/' 
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Fig. 12.16 Flap types. 

of 30% of the airfoil chord. The plain flap increases lift by increasing 
camber. For a typical airfoil, the maximum lift occurs with a flap deflection 
angle of about 40-45 deg. Note that ailerons and other control surfaces are 
a form of plain flap. 

The split flap is like the plain flap except that only the bottom surface of 
the airfoil is hinged. This produces virtually the same increase in lift as the 
plain flap. However, the split flap produces more drag and much less 
change in pitching moment, which may be useful in some designs. Split 
flaps are rarely used now but were common during World War II. 

The slotted flap is a plain flap with a slot between the wing and the flap. 
This permits high-pressure air from beneath the wing to exit over the top of 
the flap, which tends to reduce separation. This increases lift and reduces 
drag. 

The "Fowler-type" flap is like a slotted flap, but mechanized to slide 
rearward as it is deflected. This increases the wing area as well as the cam
ber. Fowler flaps can be mechanized by a simple hinge located below the 
wing, or by some form of track arrangement contained within it. 

To further improve the airflow over the Fowler flap, double- and even 
triple-slotted flaps are used on some airliners. These increase lift but at a 
considerable increase in cost and complexity. 

Aft flaps do not increase the angle of stall. In fact, they tend to reduce the 
stall angle by increasing the pressure drop over the top of the airfoil, which 
promotes flow separation. To increase the stall angle, some form of lead
ing-edge device is required, as shown in Fig. 12.17. 

The leading-edge slot is simply a hole which permits high-pressure air 
from under the wing to blow over the top of the wing, delaying separation 
and stall. Usually such a slot is fixed, but may have closing doors to reduce 
drag at high speeds. 
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A leading-edge flap is a hinged portion of the leading edge that droops 
down to increase camber. This has the effect of increasing the curvature on 
the upper surface. The increase has been shown to be a major f~ctor in 
determining maximum lift. Leading-edge flaps are. usually us~d for impr<_>v
ing the transonic maneuvering performance of high-speed fighters, which 
need a thin wing for supersonic flight. 

A slotted leading-edge flap ("slat") provides increased camber, a slot, 
and an increase in wing area. Slats are the most widely used leading-edge 
device for both low-speed and transonic maneuvering. At tra~sonic spe~d~, 
slats are also useful for reducing the buffetting tendency which may hmit 
the usable lift. At Mach 0.9 the use of slats improved the usable lift of the 
F-4 by over 50%. . 

The Kruger flap is used mostly by large airliners. It works as an ~Ir da~, 
forcing air up and over the top of the wing. Kruger flaps are hghter m 
weight than slats but produce higher drag at !he .~ower ang_les _of_ attack. 

The wing strake, or "Leading Edge Extens10n (LEX), is si~ilar to the 
dorsal fin used on vertical tails. Like dorsal fins, the LEX at high angle of 
attack produces a vortex that delays separation and stall. Unfortu~ately, a 
LEX tends to promote pitch-up tendencies and so must be used with care. 

Figure 12.18 illustrates the effects these high-lift devices ha~e upo?- the 
lift curve of the wing. The nonextending flaps such as the plam, spht, ?r 
slotted flaps act as an increase in camber, which moves the angle of zero-hft 
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Fig. 12.18 Effects of high lift devices. 
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to th.e left and increases the maximum lift. The slope of the lift curve 
remams unc~anged, and the angle of stall is somewhat reduced. 

An extendm~ flap such as the Fowler type acts much like the other flaps 
as far as zero hft angle and st~ll angle. However, the wing area is increased 
as the flap deflects, so the wmg generates more lift at any given angle of 
atta.ck compared to the nonextending flap. 

Smee th~ lift coefficient is referenced to the original wing area, not the 
~x~ended wmg area, the effective slope of the lift curve for an extending flap 
is mcr~~sed b~ approximately the ratio of the total extended wing area to 
the ongmal wmg area. 

Double- and triple-slotted flaps act much like single-slotted Fowler flaps 
but the maximum lift is increased. ' 

A leading-edge slot acts only to delay stall. A leading-edge flap or slat 
delays the ~tall, but. also has the effect of reducing the lift at a given angle 
of attack (1.e., the hft curve moves to the right). This is because the droop 

a 
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in the leading edge acts as a reduction in the effective angle of attack as 
measured from the leading edge to the trailing edge. Note that a leading 
edge slat, which increases wing area, also increases the slope of the lift curve 
much as does a Fowler flap. 

Leading-edge devices alone do little to improve lift for takeoff and land
ing, because they are effective only at fairly high angles of attack. However, 
they are very useful when used in combination with trailing-edge flaps be
cause they prevent premature airflow separation caused by the flaps. 

The wing strake, or LEX, delays the stall at high angles of attack (over 20 
deg). Also, the area of the LEX provides additional lift, thus increasing the 
slope of the lift curve. However, the LEX does little to increase lift at the 
angles of attack seen during takeoff and landing. The LEX does not delay 
the premature stall associated with trailing-edge flaps. 

There are many complex methods for estimating the effects of high-lift 
devices, some of which are detailed in Ref. 37. For initial design, Eqs. 
(12.21) and (12.22) provide a reasonable estimate of the increase in maxi
mum lift and the change in the zero-lift angle for flaps and leading-edge 
devices when deployed at the optimum angle for high lift during landing. 

LlCe values should be obtained from test data for the selected airfoil, or 
may b';:ax approximated from Table 12.2. For takeoff flap settings, lift incre
ments of about 60-800/o of these values should be used. The change in zero
lift angle for flaps in the 2-D case is approximately -15 deg at the landing 
setting, and -10 deg at the takeoff setting. 

(
Snapped) 

LlCL max = LlCfmax -s- cosAH.L. 
• ref 

(12.21) 

(
Snapped) 

LlaoL = (LlaodairfoiI ~ cosAH.L. (12.22) 

Table 12.2 Approximate lift contributions of high-lift devices 

High-lift device ~clmax 

Flaps 
Plain and split 0.9 
Slotted 1.3 
Fowler 1.3 c' le 
Double slotted 1.6 c' le 
Triple slotted 1.9c'/c 

Leading edge devices 
Fixed slot 0.2 
Leading edge flap 0.3 
Kruger flap 0.3 
Slat 0.4 c' le 
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In Eqs. (12.21) and (12.22), "H.L." refers to the hinge line of the high
lift surface. "Snapped" is defined in Fig. 12.19. The lift increment for a 
leading-edge extension may be crudely estimated as 0.4 at high angles of 
attack. 

Other methods for increasing the lift coefficient involve active flow con
trol using either suction or blowing. Suction uses mechanical air pumps to 
suck the thickening boundary layer off the wing before it causes separation. 
This increases the stall angle of attack, and therefore increases maximum 
lift in a manner similar to leading-edge flaps. 

Blowing uses compressor bleed air or compressed air provided by a me
chanical air pump to prevent flow separation and increase the freestream
flow turning. Typically, the compressed air is exited through rearward
facing slots over the flaps or leading-edge flaps. 

12.5 PARASITE (ZERO-LIFT) DRAG 

Equivalent Skin-Friction Method 
Two methods for the estimation of the parasite drag ("CD0") are pre

sented below. The first is based upon the fact that a well-designed aircraft 
in subsonic cruise will have parasite drag that is mostly skin-friction drag 
plus a small separation pressure drag. The latter is a fairly consistent per
centage of the skin-friction drag for different classes of aircraft. This leads 
to the concept of an "equivalent skin friction coefficient" (C1e), which 
includes both skin-friction and separation drag. 

Cie is multiplied by the aircraft's wetted area to obtain an initial estimate 
of parasite drag. This estimate [Eq. (12.23) and Table 12.3] is suitable for 
initial subsonic analysis and for checking the results of the more detailed 
method described in the next section. 

C - C Swet 
Do - le Sref 

Table 12.3 Equivalent skin friction coefficients 

Bomber and civil transport 
Military cargo (high upsweep fuselage) 
Air Force fighter 
Navy fighter 
Clean supersonic cruise aircraft 
Light aircraft - single engine 
Light aircraft - twin engine 
Prop seaplane 
Jet seaplane 

(12.23) 

0.0030 
0.0035 
0.0035 
0.0040 
0.0025 
0.0055 
0.0045 
0.0065 
0.0040 

LEADING 
EDGE 

DEVICES 
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Fig. 12.19 "Flapped" wing area. 
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Component Buildup Method . . 
The component buildup method estimates the subsomc parasi~e 1r.ag_ of 

each com~o~ent of the aircraft :~:!t ~.~::
1
;!~~o~~t(J:J~;:ti~~t:~~~e~ 

drag coefficient (~1) and _a comp paration Then the interference effects on 
the pressure drag ue to vis~ous sde fact~r ''Q'' and the total component 
the component drag are estimate as a d Q 
dra is determined as the product of the wetted area, C1, FF, ~n . . 

(tote that the interference factor Q should not be confused with dynamic 

pres~urelq.) d (C ) for special features of an aircraft such as 
Miscel aneous rags Dmisc d b are 

fla s unretracted landing gear, an upswept aft ~usela~e, an ase ~re~ 

h 
p , . t d and added to the total, along with estimated contn?utio~s 

t en estima e ) S b nic parasite-drag buildup is 
for lea~agEes an{ld2p2r4o)tu:~:r~c;~e(;:b:~ript ~.;?, indicates that those values 
shown m q. . , 
are different for each component. 

(12.24) 

For supersonic flight, the skin-friction contribution is simpl! the flat
plate skin friction coefficient times the wet!ed area. ~II supersomc pressure 
drag contributions (except base drag) are included m. th~ w~ve-drag term, 
which is determined from the total aircraft volume distribution. 



282 AIRCRAFT DESIGN 

For transonic flight, a graphical interpolation between subsonic and su
personic values is used. Supersonic and transonic drag calculations are dis
cussed later. 

Flat-Plate Skin Friction Coefficient 
The flat-plate skin friction coefficient C1 depends upon the Reynolds 

number, Mach number, and skin roughness. The most important factor 
affecting skin-friction drag is the extent to which the aircraft has laminar 
flow over its surfaces. 

At a local Reynolds number of one million, a surface with turbulent flow 
will have a friction drag coefficient as much as three times the drag coeffi
cient of a surface with laminar flow. Laminar flow may be maintained if the 
local Reynolds number is below roughly half a million, and only if the skin 
is very smooth (molded composite or polished aluminum without rivets). 

Most current aircraft have turbulent flow over virtually the entire wetted 
surface, although some laminar flow may be seen towards the front of the 
wings and tails. A typical current aircraft may have laminar flow over 
perhaps 10-200/o of the wings and tails, and virtually no laminar flow over 
the fuselage. 

A carefully designed modern composite aircraft such as the Piaggio 
GP180 can have laminar flow over as much as 500/o of the wings and tails, 
and about 20-350/o of the fuselage. 

For the portion of the aircraft that has laminar flow, the flat-plate skin 
friction coefficient is expressed by Eq. (12.25). Note that laminar flow is 
unlikely at transonic or supersonic speeds, unless great attention is paid to 
shaping and surface smoothness. 

Laminar: C1 = 1.328/.Jii (12.25) 

where Reynolds number is: 

R =pVf/µ (12.26) 

The "£" in Eq. (12.26) is the characteristic length. For a fuselage, £ is the 
total length. For a wing or tail, £ is the mean aerodynamic chord length. 

For turbulent flow, which in most cases covers the whole aircraft, the 
flat-plate skin friction coefficient is determined by Eq. (12.27). Note that 
the second term in the denominator, the Mach number correction, goes to 
1.0 for low-subsonic flight. 

Turbulent: C - o.455 
I - (logioR)2.ss (1 + 0.144M2)°.6S (12.27) 

If the surface is relatively rough, the friction coefficient will be higher 
than indicated by this equation. This is accounted for by the use of a 
"cut-off Reynolds number," which is determined from Eq. (12.28) or 
(12.29) using the characteristic length £ (feet) and a skin-roughness value 
"k" based upon Table 12.4. The lower of the actual Reynolds number and 
the cut-off Reynolds number should be used in Eq. (12.27). 

Subsonic: Rcutoff = 38.21(£/k)1-os3 (12.28) 
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Transonic or Supersonic: Rcutoff = 44.62(£!k)1-
053

M1.1
6 (12.29) 

Once laminar and turbulent flat-plate skin friction coefficients hav~ been 
calculated, an "average" coefficient can be calculated as the weig~ted 
average of the two. This requi_res e_stim~tio? o~ the percentage of lammar 
flow which can be attained. This estimat10n IS a Judgment call base~ on past 
experience as discussed above, and one must revie~ the c_urrent hterature 
to determine how much laminar flow can be attamed with current state 

of the art. 

Component Form Factors 
Form factors for subsonic-drag estimation are prese_nted in Eqs. 

(12.30-12.32). These are considered valid up to the dra~-d1verg~nt Mach 
number. In Eq. (12.30), the term "(xlc)m" is the chordwI~e lo_cat10~ o~ the 
airfoil maximum thickness point. For most low-speed airfoils, this IS at 
about 0.3 of the chord. For high-speed airfoils this is at ~bout 0.5 of the 
chord. Am refers to the sweep of the maximum-thickness lme. 

Wing, Tail, Strut, and Pylon: 

FF~ [ l + c!:). (i) + 100(~)'] [ !.34M'"(cosA.)'"] (12.30) 

Fuselage and Smooth Canopy: 

( 
60 f) 

FF = 1 + I' + 400 
(12.31) 

Nacelle and Smooth External Store: 

FF= 1 + (0.35/j) (12.32) 

where 
£ £ 

J-- ---==== - d - .../(4hr) Amax 
(12.33) 

A tail surface with a hinged rudder or elevator will have a form factor 
about IOOJo higher than predicted by Eq. (12.30) due to the extra drag of the 
gap between the tail surface and its control surface. 

Table 12.4 Skin roughness value (k) 

Surface 

Camouflage paint on aluminum 
Smooth paint 
Production sheet metal 
Polished sheet metal 
Smooth molded composite 

k (ft) 

3.33 X 10 5 

2.08X 10-s 
1.33 X 10- 5 

0.50X 10- 5 

0.17xl0- 5 
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Fig. 12.20 Inlet boundary layer diverter. f ~,' 

Equation (12.31) is mainly used for estimation of the fuselage form fac
tor, but can also be used for a blister or fairing such as a pod used for 
landing-gear stowage. 

For a fuselage with a steep aft-fuselage closure angle in front of a pusher 
propeller, the separation drag will be lower than predicted using this form
factor equation. 

A square-sided fuselage has a form factor about 40% higher than the 
value estimated with Eq. (12.31) due to additional separation caused by the 
corners. This can be somewhat reduced by rounding the corners. A flying
boat hull has a form factor about 50% higher, and a float has a form factor 
about three times the estimated value. 

Equation (12.31) will predict the form factor for a smooth, one-piece 
fighter canopy such as seen on the F-16. For a typical two-piece canopy with 
a fixed but streamlined windscreen (i.e., F-15), the form factor calculated 
with Eq. (12.31) should be increased by about 40%. A canopy with a flat
sided windscreen has a form factor about three times the value estimated 
with Eq. (12.31). 

The external boundary-layer diverter for an inlet mounted on the fuselage 
can have a large drag contribution. Equations (12.34) and (12.35) estimate 
the form factors to use for a double-wedge and single-wedge diverter, where 
the Reynolds number is determined using f and the wetted area is defined as 
shown in Fig. 12.20. Remember to double the drag if there are two inlets. 

Double Wedge: FF= 1 + (dlf) 

Single Wedge: FF= 1 + (2dlf) 

Component Interference Factors 

(12.34) 

(12.35) 

Parasite drag is increased due to the mutual interference between compo
nents. For a nacelle or external store mounted directly on the fuselage or 
wing, the interference factor Q is about 1.5. If the nacelle or store is 
mounted less than about one diameter away, the Q factor is about 1. 3. If it 
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Fig. 12.21 External stores drag-fuel tanks. 

is mounted much beyond one diameter, the Q factor approaches 1.0. Wing 
tip-mounted missiles have a Q factor of about 1.25. . . 

For a high-wing, a mid-wing, or a well-filletted low wmg, the mterfere1:1ce 
will be negligible so the Q factor will be about 1.0. An unfilletted low wmg 
can have a Q factor from about 1.1-1.4. . 

The fuselage has a negligible interference factor (Q = 1.0) m _most cases. 
Also, Q = 1.0 for a boundary-layer diverter. For tail surfa~es, mterfer~nce 
ranges from about three percent ( Q = 1.03) t:or a clean Y_-tatl to about eight 
percent for an H-tail. For a conventional tail, four to five percent may be 

assumed (Ref. 8). . . 
Component parasite drags can now be determ1.ned usmg Eq. (12.24) and 

the skin-friction coefficients, form factors, and mterference factors. 

Miscellaneous Drags 
The drag of miscellaneous items can be determine~ separately using a 

variety of empirical graphs and equations, and then addmg the results to the 
parasite drags determined above. 

While the drag of smooth external stores can be estimated usin~ Eq. 
(12.31), the majority of external stores are in fact not very smooth. Figures 
12.21 and 12.22 provide drag estimates for external fuel tanks and weapons, 
presented as drag divided by dynamic pressure (D-over-q or Dlq). 
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Fig. 12.22 Bomb and missile drag. 

D/q has units of square feet, and so is sometimes called the "drag area." 
D/q divided by the wing reference area yields the miscellaneous parasite 
drag coefficient. Note that pylon and bomb-rack drag as estimated using 
Fig. 12.23 must be added to the store drag. 

Most transport and cargo aircraft have a pronounced upsweep to the aft 
fuselage (Fig. 12.24). This increases the drag beyond the value calculated 
using Eq. (12.31). This extra drag is a complicated function of the fuselage 
cross-sectional shape and the aircraft angle of attack, but can be approxi
mated using Eq. (12.36) where "u" is the upsweep angle (radians) of the 
fuselage centerline and Amax is the maximum cross-sectional area of the 
fuselage. 

D/Qupsweep = 3.83u 2
·
5
Amax (12.36) 

The landing-gear drag is best estimated by comparison to test data for a 
similar gear arrangement. Such data for a variety of aircraft is available in 
Refs. 7, 8, 28, and others. If such data is not available, the gear drag can be 
estimated as the summation of the drags of the wheels, struts, and other 
gear components using the data in Table 12.5 (largely from Ref. 8). 

These values times the frontal area of the indicated component yield Dlq 
values, which must be divided by the wing reference area to obtain parasite
drag coefficients. To account for mutual interference it is suggested that the 
sum of the gear component drags be multiplied by 1.2. Also, the total gear 
drag should be increased by about 70/o for a retractable landing gear in 
which the gear wells are left open when the gear is down. 

AERODYNAMICS 287 

D/q -ft2 

2.5 

2.0 

MULTIPLE BOMB CLUSTER RACK 
1.5 

1.0 

.5 FUSELAGE STORES PYLON 

WING STORES PYLON 

.5 .6 .7 .8 .9 
MACH NUMBER 

0 
1.0 1.1 

Fig. 12.23 Pylon and bomb rack drag. 

J<'ig. 12.24 Fuselage upsweep. 

Table 12.5 Landing gear component drags 

Regular wheel and tire 
Second wheel and tire in tandem 
Streamlined wheel and tire 
Wheel and tire with fairing 
Streamline strut (1/6< tic< 113) 
Round strut or wire 
Flat spring gear leg 
Fork, bogey, irregular fitting 

D/q 

Frontal area (Ft2
) 

0.25 
0.15 
0.18 
0.13 
0.05 
0.30 
1.40 

l.0-1.4 
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Note that landing-gear drag is actually a function of lift. The more lift the 
aircraft wing is producing, the greater the velocity of the airflow over the 
top of the wing and, conversely, the lesser the airflow velocity underneath 
the wing where the gear is located. Hence, at higher lift coefficients the gear 
drag is reduced. This can be ignored for initial analysis. 

Strut, wire, and fitting data in Table 12.4 may also be used to estimate the 
extra drag for a braced wing or biplane. The optimal thickness ratio consid
ering both aerodynamic and structural efficiency is about 0.19 for a strut in 
tension and about 0.23 for a strut in compression. 

Flaps affect both the parasite and induced drag. The induced effect is due 
to the change in the lift distribution, but is relatively small and can be 
ignored for initial analysis. 

The flap contribution to parasite drag is caused by the separated flow 
above the flap, and can be estimated using Eq. (12.37) for most types of 
flap. Note that this is referenced to wing area. Typically the flap deflection 
is about 60-70 deg for landing and about 20-40 deg for takeoff. Light 
aircraft usually take off with no flaps. 

.1Cn = 0.0023 fl_ap span o 
0nap wmg span flap 

(12.37) 

where onap is in deg. Note that this is a very rough estimate! 
Many aircraft have some form of speed brake. Typically these are plates 

which extend from the fuselage or wing. Fuselage-mounted speed brakes 
have a D/q of about 1.0 times the speed-brake frontal area, while wing
mounted speed brakes have a Dlq of about 1.6 times their frontal area if 
mounted at about the 60% of chord location. 

Speed brakes mounted on top of the wing will also disturb the airflow and 
spoil the lift, and so are called "spoilers." These further reduce landing 
distance by transferring more of the aircraft's weight to the landing-gear 
which increases the braking action. 

Base area produces a drag according to Eqs. (12.38) and (12.39) (Ref. 40). 
"Abase" includes any aft-facing flat surfaces as well as the projected aft-fac
ing area for any portions of the aft fuselage that experience highly-sepa
rated airflow. Roughly speaking, this should be expected any place where 
the aft fuselage angle to the freestream exceeds about 20 deg. As previously 
mentioned, a pusher propeller may prevent aft-fuselage separation despite 
an aft fuselage angle of 30 deg or more. 

Subsonic: (D/q)base= [0.139+0.419(M-0.161)2]Abase 

Supersonic: (D/q)base= [0.064+0.042(M-3.84}2]Abase 

(12.38) 

(12.39) 

Fighter-type canopies have been discussed above. For transport and light
aircraft windshields that smoothly fair into the fuselage, an additional D/q 
of about 0.07 times the windshield frontal area is suggested. A sharp-edged, 
poorly-faired windshield has an additional D/q of about 0.15 times its 
frontal area. 
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An open cockpit has a D!q of about 0.50 times the windshield frontal 
area. For an aircraft with an unenclosed cockpit, such as a hang-glider or 
ultralight, a seated person has a Dlq of about 6 ft2. This reduces to a Dlq 
of 1.2 ft2 in the prone position. 

An arresting hook for carrier operation adds a DI q of about 0.15 ft2. The 
smaller emergency arresting hook for Air Force aircraft adds a D!q of 
about 0.10 ft2. Machine-gun ports add a D!q of about 0.02 ft

2 
per gun. A 

cannon port such as for the M61 adds a D!q of about 0.2 ft2. 

Leakage and Protuberance Drag 
Leaks and protuberances add drag that is difficult to predict by any 

method. Leakage drag is due to the tendency of an aircraft to "inhale" 
through holes and gaps in high-pressure zones, and "exhale" int~ the lo"'.
pressure zones. The momentum loss of the air "inhaled" ~~ntnbu~es di
rectly to drag, and the air "exhaled" tends to produce additional airflow 

separation. . 
Protuberances include antennas, lights, and such manufacturmg defects 

as protruding rivets and rough or misaligned skin panels. Trpically these 
drag increments are estimated as a percent of the total parasite drag. 

For a normal production aircraft, leaks and protuberance drags can be 
estimated as about 2-5% of the parasite drag for jet transports or bombers, 
5-lOOJo for propeller aircraft, and 10-15% f~r current-~esign !ighters 
(5-10% for new-design fighters). If special care is taken dunng design and 
manufacturing, these drag increments can be reduced to near zero but at a 
considerable expense. 

An aircraft with variable-sweep wings will have an additional protuber-
ance drag of about 3 % due to the gaps and steps of the wing pivot area. 

Stopped-Propeller and Windmilling Engine Drags 
The specifications for civilian and military aircraft require takeoff and 

climb capabilities following an engine failure. Not only does this reduce the 
available thrust, but the drag of the stopped propeller or windmilling engine 
must be considered. 

Data on the drag of a stopped or windmilling propeller are normally 
obtained from the manufacturer. For a jet engine, detailed knowledge of 
the characteristics of the engine, inlet, and nozzle are required to estimate 
the drag from a stopped or windmilling engine. In the absence of such data, 
the following rough approximations can be used. . . 

For a stopped propeller, Ref. 8 indicates that the sub~omc drag coeff~
cient will be about 0.1 based upon the total blade area if the propeller is 
feathered (turned so that the blades align with the airflo~~- If ~he propeller 
has fixed pitch and cannot be feathered, the drag coefficient is abou~ 0.8. 

To determine the total blade area it is necessary to know or to estimate 
the propeller "solidity" (a), the ratio between the total blade area and th_e 
propeller disk area. This can be shown to equal the number of blades di
vided by the blade aspect ratio and 1r. 

For a typical blade aspect ratio of 8, the solidity will be 0.04 times the 
number of blades. A small piston-prop engine will generally use a two-
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bladed propeller. A fast piston-prop or a small turboprop will use a three
bladed propeller, while a large turboprop may use a four-bladed propeller. 

Drag of a feathered propeller can be roughly estimated by Eq. (12.40). 
For an unfeathered, stopped propeller, the 0.1 term is replaced by 0.8. 

(DI q )feathered prop= 0.1 aApropeller disk 
(12.40) 

For jet engines, Ref. 9 indicates that the subsonic drag coefficient of a 
windmilling turbojet engine will be about 0.3, referenced to the flow area at 
the engine's front face. Thus, the drag of a windmilling turbojet will be approximately: 

(D / q )windmilling jet= 0.3Aengine front face 
(12.41) 

Supersonic Parasite Drag 

The supersonic parasite drag is calculated in a similar fashion to the 
subsonic drag, with two exceptions. First, the supersonic skin-friction drag 
does not include adjustments for form factors or interference effects (i.e., 
FF= Q = 1.0). Second, a new term, wave drag, is added. This accounts for 
the pressure drag due to shock formation. Supersonic parasite-drag buildup is defined in Eq. (12.42). 

(12.42) 

The supersonic turbulent skin friction coefficient was previously pre
sented in Eq. (12.27), using the cutoff Reynolds number from Eq. (12.29). 

Miscellaneous drag calculations for supersonic flight have been presented 
above, where appropriate. Many of the items that produce miscellaneous 
drag will not appear on a supersonic aircraft (floats, open cockpits, etc.!). 

The drag due to leaks and protuberances in supersonic flight follows 
about the same percentages presented above, applied to the skin-friction drag only. 

The wave drag in supersonic flight will often be greater than all the other 
drag put together. Wave drag is pressure drag due to shocks, and is a direct 
result of the way in which the aircraft's volume is distributed. 

An ideal volume distribution is produced by the Sears-Haack body (Ref. 
16), which was shown in Fig. 8.2. A Sears-Haack body, as defined by Eq. 
(12.43), has a wave drag as in Eq. (12.45). This is the minimum possible 
wave drag for any closed-end body of the same length and total volume. 

r [ ( X )2]0.75 -= 1- -
rmax f/2 (12.43) 

where 

r = the cross-section radius 
f = the longitudinal dimension 
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'PROJ I me distribution (two roll angles). Fig. 12.25 Mach-plane cut vo u 

and -f/2 ~ X ~ f/2 (12.44) 

91r(Amax)
2 

(D/q)wave = 2 -f- (12.45) 
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a theoretical wave drag at Mach 1.0 that is less than twice the Sears-Haack 
value. Typical ratios of actual wave drag to the optimum Sears-Haack value 
will be used below as a first-order wave drag estimation method. 

At Mach 1.0, shocks form at an angle of 90 deg to the freestream direc
tion. At Mach numbers higher than 1.0, the shocks may form at an angle 
less than 90 deg. The "Mach angle" is the smallest angle at which a shock 
may form, representing a "zero-strength" shock. Mach angle is defined as 
arcsine (1/M). 

At Mach 1.0, the wave drag is based upon the aircraft's cross-sectional 
areas found by the intersection of the aircraft and an infinite plane set at an 
angle perpendicular (90 deg) to the freestream direction. At speeds higher 
than Mach 1.0, the wave drag still depends upon the volume distribution as 
before, but with one major exception. 

At higher Mach numbers the volume distribution is based upon aircraft 
cross sections that are determined by intersecting the aircraft with "Mach 
planes," set at the appropriate Mach angle to the freestream direction. 

A Mach plane may be rolled about the freestream direction to any roll 
angle. Figure 12.25 shows two roll angles. Note that the different Mach
plane roll angles produce entirely different volume-distribution plots. In the 
left illustration, the Mach-plane cut includes the fuselage and canopy plus 
a slice of the left wing. In the right illustration only the fuselage and canopy 
are cut, producing a much smaller cross-sectional area at that location. 

For each Mach-plane roll angle, a volume-distribution plot can be pre
pared by taking Mach-plane cuts at a number of longitudinal locations. 
According to linear wave drag theory (Ref. 41) the supersonic wave drag at 
Mach numbers greater than 1.0 is determined by averaging the wave drags 
of the Mach-plane-cut volume distributions for different roll angles. 

This is the basis of the widely-used Harris Wave Drag code (Ref. 42). A 
simplified computer code suitable for university use is presented in Ref. 43. 

The use of canted Mach-plane cuts to determine the volume distribution 
at Mach numbers greater than 1.0 requires a different approach to area-rul
ing. Pinching the fuselage at the wing location may smooth out the volume 
distribution for one Mach-plane roll angle, but may make the volume distri
bution even less smooth at another Mach-plane roll angle. 

At higher Mach numbers it is very difficult to minimize total wave drag 
by "eyeball" area-ruling. Instead it is more profitable to smooth the entire 
configuration through wing-body blending, as seen on the B- lB and in the 
design concept of Fig. 7 .3. 

For preliminary wave drag analysis at M ~ 1.2, without use of a com-
puter, a correlation to the Sears-Haack body wave drag is presented in Eq. 
(12.46), where the Sears-Haack D/q is from Eq. (12.45). 

The maximum cross-sectional area (AmaJ is determined from the aircraft 
volume-distribution plot. Inlet capture area should be subtracted from 
Amax· The length term £ is the aircraft length except that any portion of the 
aircraft with a constant cross-sectional area should be subtracted from the 
length. 

(D/q)wave = Ewo[ I - 0.386(M - l.2)0·57 (1 - 'll"~~deg) J (D/q)sears-Haack 

(12.46) 
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The last term in Eq (12 47) · d' coeff . t (' . . is an a Justment for the wing design lift 
. 1c1~n I.e.,. ~am~er and twist). Initially it can be assumed that the 

design hft coefficient is the same as the lift coefficient at cruise. 

MDD = MDDL =OLFDD - 0.05CLd . es1gn (12.47) 
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If the wing uses a supercritical airfoil the actual thickness ratio should be 
multiplied by 0.6 before using these figures. This approximation is to ac
count for the shock-delaying characteristics of the supercritical airfoil. 

MDD changes with lift coefficient. Lift coefficient changes with weight 
and altitude, both of which may change during cruise. To be completely 
accurate it is necessary to calculate MDD for each point in the mission. For 
initial analysis, however, it is acceptable to use a single MDD based upon a 
mid-mission weight and cruise altitude . 

If the fuselage is relatively blunt it will experience shock formation before 
the wing does. In this case, Mvv is set by the shape of the forebody. Body 
Mvv can be estimated using Fig. 12.28 (Ref. 44), where "Ln'' is the length 
from the nose to the longitudinal location at which the fuselage cross sec
tion becomes essentially constant. dis the body diameter at that location. If 
the fuselage is noncircular, d is an equivalent diameter based upon the 
fuselage cross-sectional area. Determine both wing and fuselage Mvv, and 

use the lower value. 
The linear-wave-drag analysis gives completely incorrect results in the 

transonic regime. This analysis is called "linear" because the higher-order, 
nonlinear terms have been dropped from the aerodynamic equations to 

permit computation. 
Some of these dropped nonlinear terms account for any changes in the 

airflow longitudinal velocity. At high supersonic speeds these terms have 
little effect compared to the far greater aircraft velocity. 

However, the drag rise at transonic speeds is largely caused by the in
crease in airflow velocity over the top of the wing. Thus, drag rise below 
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Fig. 12.28 Body drag-divergent Mach number. 
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Mach 1.0 is in fact caused by the terms that are dropped in the linear 
analysis! Transonic drag rise is therefore calculated to be zero by the linear
wave-drag methods. Only sophisticated nonlinear computational aerody
namic programs can give reasonable analytical results within the transonic 
regime. 

Empirical methods for the calculation of the drag rise are presented in 
Ref. 37. These estimate the drag rise for the wing and fuselage separately, 
so the benefits of area ruling are ignored. These methods are very time-con
suming and not very accurate, so an approximation technique is presented 
below. 

For initial analysis the drag rise may be graphically estimated using a few 
rules of thumb, as shown in Fig. 12.29. The drag at and above Mach 1.2 
(labeled A in the figure) is determined using Eq. (12.46) (divided by wing 
reference area). The drag at Mach 1.05 (labeled B) is typically equal to the 
drag at Mach 1.2. 

The drag at Mach 1.0 (labeled C) is about half of the Mach 1.05 value. 
The drag rise at Mnn (determined above) is 0.002 by definition (labeled D). 
Mer, the beginning of drag rise, is roughly 0.08 slower in Mach number than 
Mnn and is labeled E. 

T? co~plete the transonic-drag-rise curve from these points, draw a 
straight hne through points B and C, extending almost to the horizontal 
axis. Then, draw a curve from Mc, through Mnn which fairs smoothly into 
the straight line as shown. If a smooth curve cannot be drawn, the Mc, point 
(E) should be moved until an approximately circular arc can be drawn. 
Finally, draw a smooth curve connecting B to A. 

This crude technique may be used even for subsonic transport aircraft. 
The supersonic wave drag (point B) is determined from Eq. (12.46) al
though the aircraft will never fly at this speed. When calculating the Sears-
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Haack Dlq for Eq. (12.46), remember to subtr~ct from th~ aircraft length 
the portions of the aircraft where the cross-sectional area 1s constant. 

Complete Parasite-Drag Buildup 
Figure 12.30 illustrates the complete buildup ot: parasite drag vs_ Mach 

number for subsonic, transonic, and supersomc flight. The s~bsomc drag 
consists of the skin-friction drag including form factor and mterferenc~, 
plus miscellaneous drag and leak and protuberance drag. Th~ supersomc 
drag includes the flat-plate supersonic skin-friction drag, miscellaneous 
drag, leak and protuberance drag, and wave drag. . 

In the transonic regime, the skin friction-drag is estimated simply _by 
drawing a straight line between the skin-friction_ dra~ ~t Mnn (which m
cludes form factor and interference) and the skm-~nct~on drag at Ml .2 
(which does not). This does not reflect any reduct10n m drag, merely a 
change in bookkeeping. The pressure dr~gs repre~ented by the form and 
interference terms at subsonic speeds are mcluded m the wave-drag term at 

supersonic speeds. . . 
In Fig. 12.31, the actual parasite drag and drag nse 1s shown for a number 

of aircraft. 

12.6 DRAG DUE TO LIFT (INDUCED DRAG) 
The induced-drag coefficient at moderate angles _of at~ack is proportional 

to the square of the lift coefficient with a proportionality factor called the 
"drag-due-to-lift factor," or "K" [see Eq. (12.4)]. . . 

Two methods of estimating K will be presented. The first 1s the classical 
method based upon e, the Oswald span efficiency factor. Methods are pre-
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Fig. 12.31 Parasite drag and drag rise. 

sented for subsonic monoplanes and biplanes along with an empirical equa
tion for supersonic speeds. 

The second method for the estimation of K is based upon the concept of 
leading-edge suction and provides, for high-speed designs, a better estimate 
of K, one that includes the effects of the change in viscous separation as lift 
coefficient is changed. This method also reflects the choice of the wing 
design lift coefficient on the drag due to lift at different lift coefficients. 

Oswald Span Efficiency Method 
According to classical wing theory, the induced-drag coefficient of a 

3-D wing with an elliptical lift distribution equals the square of the lift 
coefficient divided by the product of aspect ratio and 1r. However, few 
wings actually have an elliptical lift distribution. Also, this doesn't take into 
account the wing separation drag. 

The extra drag due to the nonelliptical lift distribution and the flow 
separation can be accounted for using e, the "Oswald span efficiency fac
tor." This effectively reduces the aspect ratio, producing the following 
equation for K. 

K=-l-
1rAe 

(12.48) 

The Oswald efficiency factor is typically between 0. 7 and 0.85. Numerous 
estimation methods for e have been developed over the years, such as those 
by Glauert and Weissinger. These tend to produce results higher than thee 
values of real aircraft. More realistic estimation equations based upon ac
tual aircraft (Ref. 45) are presented below. 
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Fig. 12.32 Prandtl's biplane interference factor. (Ref. 12) 

Straight-Wing Aircraft: e = l.78(1-0.045A 0·
68
)- 0.64 (12.49) 

Swept-Wing Aircraft: e = 4.61(1 - 0.045A 0·
68)(cosALE)°"

15 
- 3.1 (12.50) 

(ALE> 30 deg) 

If the wing has end-plates or winglets, the effective aspect ratio from Eq. 
(12 10) or (12.11) should be used in Eq. (12.48). . 

Drag-due-to-lift for a biplane was first analytic~lly determmed by Max 
Munk in 1922, based upon the calculation of an eqmvalent monoplane span 
providing the same wing area and the same drag. . . tis 

Prandtl developed an interference factor (u, sho~1_1 m Fig. 12.32) tha 
d · E (12 51) to determine a biplane span efficiency factor (Ref. 12). 

~~e ~~la~~ as~ect ratio is the square of the longer span divided by the total 

area of both wings. 

Biplane: e - 2 - µ2 + 2uµr + r 
(12.51) 



300 AIRCRAFT DESIGN 

where 

µ = shorter span/longer span 
r = lift on shorter wing/lift on longer wing 
(approximately= area of shorter wing/area of longer wing) 

At supersonic speeds, the drag-due-to-lift factor (K) increases substan
tially. In terms of Oswald efficiency factor, e is reduced to approximately 
0.3-0.5 at Mach 1.2. Equation (12.52) provides a quick estimate of K at 
supersonic speeds (Ref. 6), although the leading-edge suction method pre
sented later is preferable. 

Supersonic Speeds: K = A (M
2 

- l) cosA 
4A .,,/ M 2 - 1 - 2 LE 

(12.52) 

Leading-Edge-Suction Method 

Drag at angle of attack is strongly affected by viscous separation. At high 
lift-coefficients the drag polar breaks away from the parabolic shape repre
sented by a fixed value of K in Eq. (12.4). The e method ignores this 
variation of K with lift coefficient. For a wing with a large leading-edge 
radius this is acceptable, but for most supersonic aircraft it gives a poor 
approximation. 

A semi-empirical method for estimation of K allows for the variation of 
K with lift coefficient and Mach number; it is based upon the concept of 
"leading-edge suction." Figure 12.33 illustrates the concept. The thick air
foil on the left is at an angle of attack below that at which substantial 
separation occurs. The flow streamlines curve rapidly to follow the leading
edge radius over the top of the wing. 

This rapid curvature creates a pressure drop on the upper part of the 
leading edge. The reduced pressure exerts a suction force on the leading
edge in a forward direction. This "leading-edge suction" force Sis shown 
at the bottom of the figure in a direction perpendicular to the normal force 
N. 

Vo r:::::> 

LEADING EDGE N 

SUCTION ! 
PRESSURE DISTRIBUTION 

NO LEADING 
EDGE SUCTION s._~ 

v0 I::=:> ~ 

RESOLUTION OF FORCES 

Fig. 12.33 Leading edge suction definition. 
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If there is no viscous separation or induced downwash, the leading-edge 
suction force exactly balances the rearward component of the norm~l force 
and the airfoil experiences zero drag. This is the i~eal 2-D case ?esc~.1bed by 
d' Alembert's Paradox, and is called "1000/o lea~mg-edge suc!10n. 

A 3-D wing is considered to have 1000/o leadmg-edge sect10n when the 
Oswald efficiency factor (e) exactly equals 1.0. When e equals 1.0, t~e 
induced-drag constant K exactly equals the inverse of the aspect rat10 

times 1r. • f ·1 E 
On the right side of Fig. 12.33 is a zero-thickness flat pla~e a1r 01 . ve!1 

without the leading-edge separation, which will almost certa~nly occur, this 
airfoil must have higher drag because there is no forward-facmg area for the 
leading-edge pressure forces to act against. All p~essure forces for a zero
thickness flat plate must act in a direction perpend1~ular to_the plate, shown 
as N. There is zero leading-edge suction, and the hft and mduced drag are 
simply N times the cosine or sine of the angle of attack [Eqs. (12.53) and 
(12.54)]. 

L = N cosa 

D; = N sina = L tana 
or 

but (assuming a is small), 
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Fig. 12.34 0% and 100% K vs Mach number. 

(12.53) 

(12.54) 

(12.55) 

(12.56) 
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so, 
(12.57) 

Thus, in the worst case of zero leading-edge suction, the drag-due-to-lift 
factor K is simply the inverse of the slope of the lift curve (in radians), as 
previously determined. 

All real wings operate somewhere between 100 and OOJo leading-edge 
suction. The percent of leading-edge suction a wing attains is called S (not 
to be confused with the force Sin Fig. 12.33). 

During subsonic cruise, a wing with moderate sweep and a large leading
edge radius will have S equal to about 0.85-0.95 (85-95% leading-edge 
suction). The wing of a supersonic fighter in a high-g turn may have an S 
approaching zero. 

The method below for calculating K for high-speed aircraft is based upon 
an empirical estimate of the actual percent of leading-edge suction attain
able by a wing, which is then applied to the calculated K values for 100 and 
OOJo leading-edge suction. The actual K is calculated as a weighted average 
of the 100 and OOJo K, as in Eq. (12.58). 

K = SK100 + (I - S)Ko (12.58) 

The OOJo K value is the inverse of the slope of the lift curve, as determined 
before. The 1 OOOJo K value in subsonic flight is the inverse of the aspect ratio 
times 1r. 

In transonic flight, the shock formation interferes with leading-edge 
suction. This increases the K value. When the leading-edge becomes super
sonic, the suction goes to zero so the K value equals the OOJo K value. 

This occurs at the speed at which the Mach angle (arcsine 1/M) equals the 
leading-edge sweep. Above that speed the wing has zero leading-edge suc
tion so the K value is always the inverse of the slope of the lift curve. 

For initial analysis, the supersonic behavior of the lOOOJo Kline may be 
approximated by a smooth curve, as shown in Fig. 12.34. This shows the 
typical behavior of the 100 and OOJo K values vs Mach number. 

The only unknown remaining is the value of S, the percent of leading
edge suction actually attained by the wing at the flight condition in ques
tion. S depends largely upon the leading-edge radius, and is also affected by 
the sweep and other geometric parameters. 

Sis also a strong function of the wing design lift coefficient and the actual 
lift coefficient. For any wing, the value of Sis at a maximum when the wing 
is operating at the design lift coefficient. For most wings, S equals approx
imately 0.9 when operating at the design lift coefficient. 

For a subsonic wing with large leading-edge radius and moderate sweep, 
the value of S will change very little with lift coefficient until the wing is 
near the stall angle of attack. For this reason, the induced drag for this type 
of wing can reasonably be estimated using thee method. 

For the thin, swept wings typical in supersonic aircraft, the value of Scan 
change substantially with lift coefficient. A wing with an S of 0.9 at its 
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design lift coefficient of 0.5 may have an S value less than 0.3 at a lift 
coefficient of 1.0. . . · · 1 Proper calculation of S for an actual wm~ 1s c?mplex. An eml?mca 
approach may be used during conceptual design. Figure. 12.35 prov1d~s a 
first-order estimate of the percent of leading-edge suction for a ~yp1~al 
supersonic aircraft's wing, given the actual lift coefficient and th~ design hft 
coefficient (this determines which curve to use). Note that this chart ~s
sumes a well-designed wing, and at some later date. the aerodynamics 
department must optimize the twist and camber to attam these values. 

From Fig. 12.35 the leading-edge suction at various lift coefficients can b_e 
estimated. This allows adding curves to Fig. 12.34 that represent the esti
mated K value for different lift coefficients as a function of Mach number, 
as in Fig. 12.36. These are then used for total drag estimation via Eq. (12.4). 

For the sake of comparison, Eqs. (12.59) and (12.60) relate S toe and t:.N 
(used in several other textbooks). 

1 e - ----,-------=,,...----:::: 
- (1rA !CL)(l - S) + s 

t:.N = s(-1 __ 1 ) 
CLO{ 1rA 

TYPICAL DESIGN GOAL VALUES FOR SUPERSONIC AIRCRAFT 

LEAUING EDGE 
SUCTION FACTOR 

s 

(12.59) 

(12.60) 
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Fig. 12.35 Leading edge suction vs Cv 
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Fig. 12.36 Sample results-K vs Mach and CL. 

Ground Effect 

When a wi?g is near the ground, say less than half the span away the 
d;a.g due to hft (K_) c~n be substantially reduced. This is theoretical!; ex
p amed as_ a reduction m the induced down wash angle but can b · 1· d 
as a trappmg f " h · f . , e v1sua 1ze 

. o . a cus 10n o atr" under the wing. This effect is accounted 
for by multiplymg K by the factor calculated in Eq. (12.61) (Ref. 70). 

Keffective 33(hlb )1.5 
K 1 + 33(h I b )u 

where h is wing height above ground. 

Trim Drag 

(12.61) 

The dr~g val~e.s used for performance calculations should include the trim 
drag: This add1ttonal induced drag is caused by the horizontal tail force 
reqmred to. balance (tri~) the aircraft so that the total pitching moment 
about th~ atrcraft c:g. will ~e zero for any given flight condition. 

The t_~I usua~ly tnms the atrcraft with a download that must be countered 
?Y additional hft from the wing. This produces an increase in the wing 
mdu:ed drag th_at ~us~ also be included in the trim drag. 

:nm calculatt~m 1s discussed in Chapter 16. The trim drag is determined 
u~mg_ the above mduced-drag methods once the tail lift force required for 
tnm 1s known. 
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12. 7 AERODYNAMIC CODES AND 
COMPUTATIONAL FLUID DYNAMICS (CFO) 

Industry Practice for Aerodynamic Estimation 
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The aerodynamic methods presented above do not reflect current industry 
practice. Aircraft companies rely upon linearized computer codes such as 
the Harris wave-drag code, the Sommer and Short skin-friction code, and 
one of several panel codes such as USSAERO for induced effects. Newer 
panel codes such as PANAIR and QUADPAN are used to estimate the 
induced effects and the wave drag simultaneously and with better accuracy 
than the older codes. 

These linearized computer codes can provide correct results only when the 
airflow around the aircraft is steady, unseparated, and does not contain any 
strong vortices. This is typically true only during cruising flight. Lift and 
drag at high angles of attack are estimated empirically using correlations to 
flight-test and wind-tunnel data for similar configurations. 

The same is true for transonic lift and drag, where some of the very terms 
which are thrown away to linearize the equations are the longitudinal veloc
ity-variation terms that produce the transonic shocks. Linearized wave-drag 
codes tend to over estimate the wave drag from Mach I.Oto about Mach 1.2, 
and incorrectly predict zero drag rise below Mach 1.0. Empirical data is 
therefore used for the transonic regime. 

Despite these problems, the standard industry practice of combining lin
earized computer codes with empirical data and corrections will produce 
good results in most cases. Actual flight-measured values of lift and drag are 
usually within about 2-lOOJo of the estimates. Also, the estimates are the 
most accurate for the cruise portions of the flight where the most fuel is 
burned. 

However, the fact that we can estimate a given design's lift and drag with 
reasonable accuracy does not guarantee that these methods will produce the 
best of all possible designs. Aerodynamic design has had to rely upon a 
trial-and-error process of design, analyze, test, and redesign. 

Wind-tunnel testing offers a powerful tool for aircraft development. Un
fortunately, the costs associated with detailed wind-tunnel testing tend to 
preclude an exhaustive evaluation of all possible designs. At a cost of sev
eral hundred thousand dollars per model, one is not likely to try something 
different just to see if it is better than the baseline design. Instead, the wind
tunnel is largely used to verify that a given design is workable. 

It is sometimes difficult to identify the source of a problem during a 
wind-tunnel investigation because the wind tunnel "solves" all the flow 
equations simultaneously (i.e., viscous effects, vortex flow, induced effects, 
etc.). An unacceptable wiggle in the pitching-moment curve may be due to 
one of a number of causes, and the wind tunnel may not tell you which 
cause to fix! 

Another problem with wind-tunnel testing is the Reynolds-number effect. 
Most wind tunnels cannot test at anything close to full-scale Reynolds num
bers, resulting in substantial errors. Even worse, the optimal solution at a 
lower Reynolds number may not be the optimum at full-scale Reynolds 
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n~mbers. 'Yho wou_Id propose a full-scale test on an airfoil or complete 
aircraft design that 1s known to be less-than-optimal in the wind tunnel? 

CFD Definitions 

I! is for these reasons that Computational Fluid Dynamics (CFD) has 
rapidly become a key part of the aircraft design process. CFD is a catch-all 
phrase. for a. number of n~w computational techniques for aerodynamic 
analysis. It differs from pnor aerodynamic codes by solving for the com
plete properties of the flowfield around the aircraft, rather than only on the 
surface of the aircraft. 
. CFD ~ode~ are based upon the Navier-Stokes (NS) equations, which were 

tmt denve~ m 1822. The NS equations completely describe the aerodynam
ics of~ flmd (except_ for chemical-reaction effects at high temperatures). 

NS mc~udes equations based upon the existence of flow continuity, the 
co~serv~t10n of momentum, and the conservation of energy. These are 
derived m many textbooks on theoretical and computational aerodynamics 
and will not be repeated here. ' 

The NS equations seem straightforward enough but cannot be analyti
cally &olved for any useful flow conditions. The author of Ref. 80 describes 
them as '.'some of the nastiest differential equations in theoretical physics." 

The history of theoretical aerodynamics to date can largely be described 
~s !he ~uest for s~lvable simplifications of the NS equations. The classical 
hftmg-hne theory 1s one such simplification, as are the linearized wave-drag 
and panel codes, the Euler Codes, and the various NS codes. 

There is a compete hierarchy of aerodynamic codes depending upon how 
many flow phenomena are neglected from the full NS equations. No current 
c?d~s attempt to actually solve the true, full NS equations, due to the 
difficulty in mathematically analyzing turbulence. Turbulence occurs at the 
~o~ecular level, whic? would probably require gridding the flowfield with 
bilhons of molecule-sized grids. 
. T~e current s?-called "Navier-Stokes Codes" actually use a simplifica

tion m the handlmg of turbulence, which is the most difficult flow phenom
ena to analyze mathematically. Turbulence is handled with some type of 
separate statistically-calibrated model apart from the NS solution. 

The most sophisticated codes to date, the "Large Eddy Simulation" 
codes, use a statistically-based turbulence model for small-scale turbulence 
effects. ~arge Eddy codes are capable of directly analyzing the larger turbu
lent eddies. The Large Eddy Simulation is beyond the capabilities of current 
c~~puters for a complex aircraft configuration, but has been used for sim
phf1ed geometries. 

The current state of the art for complex aircraft configurations the 
"Reynolds-Averaged Navier-Stokes," has both large and small eddies'(tur
bulence) modeled statistically. Reynolds-Averaged codes can handle most of 
the co~plex flow phenomena that elude linearized codes, including vortex 
formation, separation, transonic effects, and unsteady effects. 

Reynolds-Averaged codes are being used on the National Aerospace 
Plane (NASP) project to solve particular design problems where no other 
methods can give correct results. Unfortunately, Reynolds-Averaged codes 
are extremely expensive to set up and run. One recent example took 20 hours 
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on a Cray XMP-22 to yield results at one Mach number, altitude, angle of 
attack, and angle of sideslip. Because of the expense these codes are not yet 
useful for routine design work. 

The NS simplification emerging as the workhorse for design analysis, the 
"Parabolized Navier-Stokes" (PNS), drops the viscous terms in the stream
wise direction, which ignores streamwise separation effects. However, with 
a good turbulence model the PNS codes give correct and illuminating results 
for most design problems. 

If all viscosity effects are ignored and the flow is assumed to be steady, 
the Euler equations are derived from the NS equations. Euler codes are 
much cheaper to run than even PNS codes, and are widely used at this time. 
The Euler codes can handle vortex formation, and with the addition of a 
separate boundary-layer code, can also realistically estimate viscous and 
separation effects. 

The "Potential Flow" equations are further simplified from the Euler 
equations by dropping the rotational terms. This prevents the analysis of 
vortex flow, which is important at high angles of attack but is of lesser 
importance during cruise conditions. Potential Flow codes can handle tran
sonic shock formation and are very useful for transonic design compared to 
the linearized methods. The Potential Flow codes are not usually considered 
to be true "CFD," but are probably the most widely-used aerodynamic 
codes that treat the entire flowfield rather than just the surface conditions. 

The "Linearized" aerodynamic codes are based upon a further simplifi
cation to the Potential Flow equations by neglecting the higher-order terms. 
It is assumed that, since they involve small quantities multiplied by other 
small quantities, they must be very small and therefore negligible. At tran
sonic speeds, however, these terms are not so small! 

The Linearized Potential Flow equations are the basis of the standard 
industry methods described at the beginning of this section. These include 
the Harris Wave Drag and the USSAERO and similar panel methods. With 
further simplifications, such classical methods as the lifting-line theory are 
derived. 

To recap, only the Large Eddy, Reynolds-Averaged, and PNS codes are 
considered to be true "Navier-Stokes" codes. However, the Euler, Potential 
Flow, and Linearized aerodynamic codes are in fact successive simplifica
tions of the NS equations. The choice of code for a given design problem 
depends upon the nature of the problem and the available budget (and not 
always in that order!). 

Applications of CFD 
CFD does not replace the wind tunnel. In fact, it really doesn't even 

reduce the number of wind-tunnel test hours. CFD does permit you to 
design a better airplane by a truer understanding of the flow field around it. 
Not only do the CFD codes determine the entire flowfield around the air
craft, but also, unlike the wind tunnel, the flowfield determination is done 
at the full-scale Reynolds number. 

A perfect example of the use of CFD can be found at every major com
mercial airport in the country. The installation of the fuel-efficient CFM-56 
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engine on the Boeing 737 would not have been possible without the use of 
CFO, as described in Ref. 80. 

The original Boeing 737 used the P&W JT80, a low-bypass-ratio engine 
that was mounted in a wing-conformal nacelle. The nacelle barely cleared 
the ground, providing a minimum-weight landing gear. 

When Boeing decided to develop an updated version of the 737, the 
CFM-56 engine was the logical choice as a modern fuel-efficient engine of 
the required thrust class. However, it has a diameter some 20% greater than 
the old engine. Furthermore, the CFM-56 exits its fan air up front like most 
modern turbofans. For this reason, a wing-conformal nacelle was not possi
ble. 

In a prior chapter, the cited rough rule of thumb for podded jet nacelles 
said that the inlet should be about two inlet diameters forward of the wing 
and about one inlet diameter below it. A more-refined empirical method of 
locating a turbofan engine indicated that the geometry shown in Fig. 12.37a 
was the closest acceptable nacelle spacing. Clearly this posed a ground clear
ance problem! 

The empirical rules for nacelle spacing were based upon years of trial and 
error in the wind tunnel. Closer spacings were found to increase cruise drag, 
although the wind-tunnel investigations had not clearly determined just 
exactly what this "interference" drag consisted of. Various suspects in
cluded increased skin friction due to supervelocity, increased separation, 
shock effects, and a change in the wing's spanwise lift distribution resulting 
in an increase in the induced drag. 

Through the use of a nonlinear potential flow panel program (CFO state 
of the art in the 1970's), Boeing was able to determine that it was in fact the 
induced drag effect that was creating the "interference drag." This impor
tant piece of information had not been determined in 20 years of wind
tunnel testing! 

With this information, Boeing was then able to contour a closely-spaced 
podded nacelle to prevent any change in the wing's spanwise lift distribu
tion. This was possible with CFO because the entire flowfield is solved, 
allowing the designers to study the streamlines and pressure fields resulting 
from various design changes. The designers sought to minimize the impact 
of the nacelle on the streamlines of the bare wing. 

ORIGINAL JT8D 
NACELLE 

Fig. 12.37 CFD example: Boeing 737 nacelle (after R. Bengelink, AIAA Paper 
88-2043). 
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Figure I2._37b shows the res~~~s n~;t~~c:;~~~~ed~~;x;~:::
1
i~/s~f:/pac-

ing to the wm~ tha\t::r:~~~eof ;ortices at high angles of attack re~resent 
The format10n an . the desi ners of fighter aircraft. 

another ar~a of substantial concernditf~erent lift~ drag, and pitching-mo
These vortices pr_oduce comh pletel~. h ould be predicted using the linear 
ment charactenst1cs than t ose w ic w 

m~~1:r~nce 81 details the CFO so*~~~
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~sing a.~~~~e;1)E~::~~~~;-~ail~r!printed ~ith permission) shows t~e c~t 
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delta configuration used in the study. The vortex ~eg10n cand plots 
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Figure 12.39 illustrates t e p_ower o Arrows are used to depict 
around the aircraft rathe~ th:!1 J~~t a~:!::u;!~~: aircraft. The length of the 
the flowfield at four lo.ng1tu m~ oc f the flow velocity in the plane of the 
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cross section. The vortex ow is c ear 
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f~ont of the wing, and growing and moving outward toward the rear of the 
au craft. 

CFD Issues and Challenges 

Y"_e have come a long ways since 1879 when the annual proceedings of the 
Bntish Royal Aeronautical Society could say, "Mathematics up to the 
present day has been quit~ useless to us in regard to flying" (quoted in Ref. 
80). However, there are stdl many problems associated with the use of CFD 

TEAM COMPUTATIONS 

V = (MAGNITUDE) 

Fig. 12.39 Correlation of computed and measured cross-plate velocity fields; 
75° /62° double-Delta wing body; M00 = 0.3; a= 20°. (Ref. 81) 
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Fig. 12.40 Flowfield gridding. (Ref. 82) 

for routinely solving aircraft design problems. Two problems are especially 
important: the influence of the turbulence model and the requirements for 
flow gridding. 

The use of separate turbulence models for NS codes has been discussed. 
The results of the various NS codes are very sensitive to the turbulence 
model used, especially when separated flow is present. 

CFD codes tend to produce reasonable-looking flowfields and pressures, 
but sometimes the integration of the calculated pressures yields lifts, drags, 
and moments which do not match experience. Reproduction of experimen
tal data sometimes requires extensive "calibration" (i.e., fudging!) of the 
turbulence model. For this reason, CFD results are always somewhat sus
pect until the code has been checked against experimental data for a similar 
configuration. 

The need to grid the entire flowfield around the aircraft presents another 
big problem for CFD users. "Gridding" refers to the breaking up of the 
space around the aircraft into numerous small blocks, or "cells," usually of 
roughly hexahedral shape. CFD methods calculate the flow properties 
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within each cell, using various convergence schemes to equate the flow 
properties along the boundaries connecting the cells. 

While gridding the space around a simple cylinder or a lone wing can be 
easily automated, the gridding of the flowfield around a full aircraft must 
currently be done manually and can literally take months. Figure 12.40 
(reprinted with permission from Ref. 82) illustrates the complexity of the 
flowfield gridding. Note, for example, where the canopy meets the fuselage 
and where the cells must fan out in the empty region between wing and 
canard. 

Gridding is especially important because the CPD results are highly sensi
tive to the shaping of the cells. You can actually get different answers for 
the same aircraft using two different gridding schemes. According to the 
author of Ref. 82, "this sensitivity is more pronounced than that due to the 
type of mathematical model being used, e.g., NS vs Euler equations." 

To address the gridding problem, researchers are investigating artificial 
intelligence (AI) approaches to gridding. Another approach is the computa
tionally-adaptive gridding in which the gridding scheme is automatically 
adjusted based upon the CPD results. 
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13 
PROPULSION 

13.1 INTRODUCTION 
All forms of aircraft propulsion develop thrust by pushing air (or_ hot 

gases) backward. In a simplified case the force obtained can be det_ermi~ed 
using Newton's equation (F =ma) by summing all the accelerations im-
parted to the air. . . . 

This is shown for fluid flow in Eq. (13.1), wheres is the cross-sectional 
area of the fluid acted upon by the propulsion system, V is the fluid 
velocity, and the zero subscript indicates the freestream conditi~n. The 
propeller or jet engine is assumed to "magically" accelerate the air from 
velocity Vo to V. 

The rate of useful work done by the propulsion system, called the "thrust 
power (P

1 
), " equals the product of the thrust force and the aircraft velocity 

[Eq. (13.2)]. . . . 
The kinetic energy imparted to the flmd by the propulsion system is 

determined by the difference in fluid velocity, as shown in Eq. (13.3). 
The "propulsion efficiency (7/PE)" is defined as the ratio of thrust pow~r 

obtained to energy expended, as shown in Eq. (13.4). Note that the effi
ciency is maximized when there is no change in fluid velocity. Unfortu
nately, at this condition Eq. (13.1) shows that the thrust is zero! 

F=ma=fiuiV=(pVs)(V-Vo)=psV(V-Vo) 

1 1 1 . ps TT2 TT2 
LiE =-mV2--mVt=-p Vs (V2

- Vcf)=-2 V(v-- Vo) 
2 2 2 

pt 2 
7/PE = LiE = V!Vo+ 1 

(13.1) 

(13.2) 

(13.3) 

(13.4) 

There is an unavoidable tradeoff between thrust and efficiency as deter
mined by the ratio between exhaust and freestream fl~id velocit_y: For m~
imum thrust, this ratio must be very high. For maximum efficiency, this 
ratio should be unity. 

If the exhaust velocity is reduced to little more than the freestream veloc-
. ity for improved efficiency, the cross-sectional area of fluid affected by the 
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propulsion system must approach infinity to maintain constant thrust. A 
typical turbojet will operate with the ratio of exhaust velocity to freestream 
velocity at well above 3.0, whereas a typical propeller aircraft will operate 
with this ratio at about 1.5. 

The analysis above is too simplistic for actual thrust calculation. It falsely 
assumes that the fluid velocity is constant throughout the exhaust and that 
all of the accelerations experienced by the airmass occur at the propeller 
plane or within the jet engine. 

Actually, the exhaust of a jet engine is usually at a higher pressure than 
the outside air, so the flow expands after leaving the nozzle. In other words 
the air is still accelerating after the aircraft has passed. ' 

For a propeller, the airmass acceleration doesn't even occur at the pro
peller disk! Roughly half the airmass acceleration occurs before reaching 
the propeller, and the other half occurs after passing the propeller. 

Propulsion force estimation is also complicated by the fact that the pro
peller flowfield or jet intake and exhaust will influence the whole flowfield 
of the aircraft. It has already been mentioned that a pusher propeller will 
reduce the drag of a stubby aft fuselage by "sucking" air inward and pre
venting flow separation. Should this reduced drag be considered a part of 
the propulsive force because it is controlled with the throttle? What about 
the increased drag due to the propeller wake on a conventional airplane? 

Fo! a propeller aircraft, most of the propulsive force is exerted directly on 
the a1rcraft by the pull (or push) of the propeller itself through the propeller 
shaft. The propeller shaft is usually connected to the engine so the engine 
mounts actually pull (or push) the rest of the aircraft through the air. 

For a jet aircraft the force exerted through the engine mounts may only 
be a third of the total propulsive force. Figure 13. I shows the thrust contrib
utors for a typical Mach 2.2 nacelle. The engine itself only contributes 
about 80/o of the total. The nozzle, which generates thrust by expanding the 
high-pressure engine exhaust, contributes almost 300/o. 

The inlet system uses a system of shocks to slow the air to a subsonic 
speed. This creates a substantial drag. However, the subsonic expansion 
inside the inlet duct contributes a positive force that more than makes up 

MACH 2.2 ~ NET THRUST=IOOOJo 
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Fig. 13.1 Turbojet thrust contributors. 

PROPULSION 315 

for the external inlet system drag. In fact, the subsonic expansion inside the 
inlet duct is the largest single contributor of thrust! This illustrates the 
difficulty of calculating thrust by any simple model. 

This chapter provides methods for estimating the net thrust provided by 
a propeller or jet engine as a part of the overall vehicle analysis and opti
mization. These methods are simplified to permit experiencing the whole 
design process within the time devoted to the typical coll~ge design course. 
The chapter will also introduce the vastly more comphcated process of 
installed-thrust estimation used at major aerospace firms. Reference 46 
(highly recommended) provides a detailed treatment of jet-engine design 
and installation. 

13.2 JET-ENGINE THRUST CONSIDERATIONS 
Before we begin the discussion of jet-engine installed thrust, a brief 

introduction to jet-engine cycle analysis and its effect on design is in order. 
As mentioned in Chapter 10 and shown in Fig. 10.1, a jet engine develops 
thrust by taking in air, compressing it (via the inlet duct and the compres
sor), mixing in fuel, burning the mixture, and expanding and accelerating 
the resulting high-pressure, high-temperature gases out the rear through a 

nozzle. 
To provide power to drive the compressor, a turbine is p~aced in the 

exhaust stream which extracts mechanical power from the high-pressure 
gases. If greater thrust is required for a short period of time, an afterb_urner 
can be placed downstream of the turbine permitting the unburned air m the 
turbine exhaust to combust with additional fuel and thereby increase the 
exhaust velocity. . 

"Gross thrust" is produced as a result of the total momentum m the 
high-velocity exhaust stream. "Net thrust" is calculate~ as the_ gross thrust 
minus the "ram drag," which is the total momentum m the mlet stream. 
Note that the ram drag, which results from the deceleration of the air taken 
into the inlet, is included in the engine cycle analysis performed by the 
engine manufacturer to determine net uninstalled thrust. . 

Jet-engine cycle analysis, as detailed in Ref. 46 and other prop~ls10n 
texts is the straightforward application of the laws of thermodynamics to 
this Brayton engine cycle. In an "ideal" analysis, the efficiencies of compo
nents such as compressors and turbines are assumed to be 1000/o, i.e., no 
losses and the resulting thrust for a given fuel flow, altitude, and Mach 
numb~r is calculated. While optimistic, such ideal cycle analysis produces 
results in the "right ballpark" and illustrates the trends produced by vary
ing such cycle parameters as overall pressure ratio, turbine inlet tempera-
ture, bypass ratio, and flight condition. These are discussed below. . 

One over-riding factor in the determination of jet-engine performance 1s 
that the net thrust produced is roughly proportional to the air mass flow 
(velocity x air density x airflow cross section) entering the engine. For a 
modern afterburning turbojet engine, roughly 126 pounds of thrust (the 
"specific net thrust") is developed for each pound per second of air taken 
in by the engine. For a turbofan engine, a specific net thrust of roughly 
40-60 can be obtained. 
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An increase in air density such as at low altitude or low outside air 
temperature would therefore increase thrust by increasing mass flow. Hot 
day takeoffs from a high-elevation airport such as Denver pose problems 
because the reduction in air density causes a reduction in mass flow, and 
hence, thrust. 

Similarly, an increase in aircraft velocity also increases thrust due to ram 
effect increasing the mass flow. However, for a typical subsonic jet, the 
exhaust comes out the nozzle at a choked condition, and so the exit velocity 
equals the speed of sound regardless of aircraft velocity. As aircraft velocity 
approaches the speed of sound, the thrust is therefore reduced for the 
choked exit nozzle [see Eq. (13.1)). When combined with the favorable ram 
effect, this results in a relatively constant thrust as velocity increases for the 
typical subsonic jet, dropping off as transonic speeds are reached. 

For supersonic jet engines, a variable area, converging-diverging nozzle is 
typically employed which permits supersonic exhaust velocities. Therefore, 
the ram effect does cause the thrust to tend to increase with increasing 
velocity until at high Mach numbers where excessive total pressure losses 
occur in the inlet, resulting in thrust degradation. The Mach number at 
which inlet losses become excessive is determined by the number of shocks 
and the extent of variable geometry employed, as described in Chapter 10. 

Thrust and propulsive efficiency are strongly affected by the engine's 
overall pressure ratio (OPR). OPR is the ratio of the pressures at the engine 
exhaust plane and inlet front face. This pressure ratio is a measure of the 
engine's ability to accelerate the exhaust, which produces thrust. OPRs 
usually range from about 15 to 1 to about 30 to 1. 

Another key parameter which currently limits turbine engine perfor
mance is the turbine inlet temperature (TIT). As mentioned earlier, it would 
be desirable for maximum thrust and efficiency to combust at the stoichio
metric air-fuel ratio of about 15 to 1. This produces temperatures far too 
high for current turbine materials, even using the best available cooling 
techniques. Instead, a "lean" mixture of about 60 to 1 (air to fuel) is used, 
with the extra air holding down the TIT to about 2000-2500°F. This results 
in less thrust and thermal efficiency, and so a key objective in propulsion 
technology development has always been the increase in allowable TIT. 

To increase propulsive efficiency, the turbofan engine uses an oversized 
fan with some of the accelerated fan air "bypassed" around the engine, not 
being used for combustion. This has the effect of allowing the engine to 
accelerate a larger cross-sectional area of air by a smaller change in velocity, 
which increases efficiency as determined by Eqs. (13.1) and (13.4). The 
bypass ratio was defined in Chapter IO as the ratio of the mass flows of the 
bypassed air and the air that goes through the core of the engine to be used 
for combustion. 

A higher bypass ratio, which enables the engine to accelerate a larger 
cross section of air, produces higher efficiency and hence greater thrust for 
a given expenditure of fuel. However, the fan alone cannot efficiently 
accelerate the air to transonic or supersonic exit speeds, and so this favor
able effect works only at lower speeds. As was shown in Fig. 10.2, the 
high-bypass turbofan is best at subsonic speeds, giving way to the low-by
pass ratio turbofan at the low supersonic speeds. At higher supersonic 
speeds, say over about Mach 2.2, the pure turbojet is superior. 
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13.3 TURBOJET INSTALLED THRUST 
Chapter IO described statistical _metho?s for estimating _installed ~h~~st 

and specific fuel consumption for Jet engmes. These ~r~ smtable for .m~t1~l 
sizing and performance estimation. For a more soph1st1cated analys1~ 1~ 1s 
necessary to estimate analytically the installe~ performan~e of an ex1stmg 
engine or a proposed new engine from the umnstalled e~gme data. 

Uninstalled engine data can be obtained fr~m t~e engme ma~ufacturer. 
Data for several conceptual engines is su~manzed ~n the append1ce_s. For a 
new-design engine, the data must be estimate~ usmg. cycle-analysis equ~
tions such as in Ref. 46. Usually the designers man a1~craft company ~Ill 
obtain the uninstalled-engine data for a propose~ engme. from the engme 
manufacturer, and then will correct. the data for _mstallation effects. 

It is common early in design studies to approximate th~ ~erfor~ance _of 
a new-design engine by a "fudge-factor" approach. An. ex1~tmg en~me with 
approximately the same bypass ratio is selected, and its size, weight, ~nd 
performance data are multiplied by factors _based upon the expected 1m-

rovements by applying advanced technologies.. . 
p For example, it might be assumed that an engm_e designed ten years from 
now would have 250Jo-less specific fuel consumption, 300Jo-less length, and 
300Jo-less weight compared to an existing engine. Such '~fudge-factors" a~e 
based upon either historical trend analysis or an approximate cycle analysis 
for expected technology improvements. . . . . 

It is assumed below that uninstalled-engme data 1s ~vallable, either from 
an engine manufacturer, a preliminary cycle analysis,. or a fudge-f~ctor 
approach based upon some given engine (such as those m the appendices). 

13.4 THRUST-DRAG BOOKKEEPING 
Bookkeeping is not normally considered an engineering subject. How

ever the interactions between thrust and drag are so complex that only a 
bookkeeping-like approach can assure that all f<?rces have been c~unte~ 
once and only once. It is not at all unco~mon to d1~cover, halfway! ;ou_g 
an aircraft design project, that some mmor drag item ha~ been e1t er m
cluded in both drag and thrust calculat~o':1s o~ ha~ been ignored by bo~h 
departments under the assumption that 1t 1s bemg mcluded by the other. 

Each aircraft company develops its own system for thrust-dra¥ book
keeping. In fact, a different system may be develop~~ for each design pr~
ject In most cases the guiding principle for determmmg whether a force is 
con~idered a part of the drag or the thrust is whether that force changes 
when the throttle setting is changed. . 

In an afterbuming jet engine, for example, ~~e nozzl.es open wide when 
the throttle is advanced to the afterbuming position. This changes th~ a;ro
dynamic drag on the outside of the nozzles, so the nozzle aerodynamic rag 
is counted as a reduction in the engine thrust in many thrust-drag bookkeep-
ing systems. · t d 

In other thrust-drag bookkeeping systems, the nozzle drag 1s s_epara e 
into two components: (1) the drag value at some fi~ed nozzle sett1!1g (usu
ally full open), which is included in the aerodynamic drag calculation, and 
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~2) the variati~n o~ drag as the nozzle setting is changed, which is included 
m the propuls10n-mstallation calculations. 

Either bookkeeping approach will give correct results providing that the 
Aerodynamics and Propulsion departments both understand it. 

Thrust-drag ?ookkeeping becomes especially complex when sorting out 
the re~ults of wmd-tunnel testing. Different wind-tunnel models are used to 
test different thrust and drag items. The model used for determining basic 
aerodynamic an? stability derivatives is usually unpowered, and a separate 
powered model 1s use? to estimate propulsion effects. Lack of a mutually 
understood bookkeepmg system by both the Aerodynamic and Propulsion 
departments will cause chaos. 

The student should realize that the organization of this book assumes a 
t?rust-drag bookkeeping system. Items presented in this chapter as reduc
tions to thrust may be considered to be drag items in another bookkeeping 
system. Reference 35 contains a detailed review of the subject of thrust-drag 
bookkeeping. 

13.5 INSTALLED-THRUST METHODOLOGY 

. The actual available thrust used in performance calculations-called the 
~ 'mstall~d net propulsive force" -is the uninstalled thrust corrected for 
mstalla~10n effects, minus the drag contributions that are assigned to the 
pro~uls1~n s)'.stem by the selected thrust-drag bookkeeping system. This is 
depicted m Fig. 13.2. 

The_ "manufactu~er's uninstalled engine thrust" is obtained by cycle 
an~lys1s and/or testmg, or can be approximated using fudge-factors as de
scnbed abo~e. The manufacturer's engine data is based upon some assumed 
schedul~ of mlet pressure recovery vs Mach number. Inlet pressure recovery 
(Pi!Po) I~ the total pressure at the engine front face (1) divided by the total 
pressure m the freestream (0). 
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For subsonic engines, it is frequently assumed that the inlet pressure 
recovery is perfect, i.e., P/ P0 = 1.0. For supersonic military aircraft a Mil
Spec formula is used. Inlet distortion, engine bleed, and engine power ex
traction are usually assumed by the manufacturer to be zero. Also, the 
engine data is based upon the manufacturer's nozzle design. 

Note that the SFC values supplied with the engine are based upon this 
uninstalled-engine thrust, not the installed net propulsive force. When de
termining fuel usage, the SFC values must be rati?ed up b~ the ratio be
tween uninstalled-engine thrust and the net propulsive force (1.e., the thrust 
required for the desired performance). . 

The "installed-engine thrust" is the actual thrust generated by the engme 
when installed in the aircraft. This is obtained by correcting the thrust for 
the actual inlet pressure recovery and nozzle performance, and applying 
thrust losses to account for engine bleed and power extraction. 

"Inlet distortion" refers to pressure and velocity variations in the air 
delivered to the engine. It primarily affects the allowable operating envelope 
of the engine. 

The installed net propulsive force is the installed engine thrust minus the 
inlet, nozzle, and throttle-dependent trim drags. The steps depicted in Fig. 
13.2 are detailed below. 

Installed Engine Thrust Corrections 

The manufacturer's uninstalled engine thrust is based upon an assumed 
inlet pressure-recovery. For a subsonic engine, it is typically assumed that 
the inlet has perfect recovery, i.e., 1.0. Supersonic military aircraft engines 
are usually defined using an inlet pressure-recovery of 1.0 at subsonic 
speeds and the inlet recovery of Eq. (13.5) (MIL-E-5008B) at supersonic 
speeds. Added to this is the pressure recovery loss due to internal flow in the 
inlet duct itself. Typically this adds 2-30Jo to the losses. 

Figure 13.3 shows this reference inlet pressure-recovery plotted vs Mach 
number, compared to the recovery available for a normal-shock inlet and 
external compression inlets with one, two, and three ramps. 

( Pi) = 1 - 0.075(Moo - 1)1.35 

Po ref 
(13.5) 

The external compression inlets of Fig. 13.3 are of movable ramp design 
with a perfectly optimized schedule of ramp angles as a function of Mach 
number. To determine the pressure recovery of a fixed or less-than-perfect 
inlet, the shock tables in the appendix should be used. 

The pressure losses inside the inlet duct must also be accounted for. These 
losses are determined by the length and diameter of the duct, the presence 
of bends in the duct, and the internal Mach number. 

For initial evaluation of a typical inlet duct, an internal pressure recovery 
of 0.96 for a straight duct and 0.94 for an S duct may be used. The short 

••• 
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Fig. 13.3 Reference and available inlet pressure recovery. 

duct of a subsonic podded nacelle will have a pressure recovery of 0.98 or 
better. More detailed estimation of inlet internal-pressure loss is based upon 
experimental data (see Ref. 27), and requires a separate evaluation at each 
Mach number. 

~igure 13_.4 I?rovides the actual inlet pressure recoveries of some existing 
designs. This figure may be used for pressure-recovery estimation during 
early design studies. 

Reducing inlet pressure recovery has a greater-than-proportional effect 
upon the engine thrust, as shown in Eq. (13.6). The inlet "ram recovery 
correction factor (Cram)" is provided by the manufacturer for various alti
tudes, Mach numbers, air temperatures, and thrust settings. Typically, Cram 
ranges fr~m 1.2-1.5. If the manufacturer's data is not available, Cram may 
be approximated as 1.35 for subsonic flight and by Eq. (13.7) for supersonic 
flight. 

Percent thrust loss= C,am [ (p1
) - (p1

) J x [100] 
PO ref PO actual 

(13.6) 

Supersonic: Cram=l.35-0.15(M
00
-l) (13.7) 

High-pressure air is bled from the engine compressor for cabin air anti
icing, and other uses. This engine bleed air (not to be confused with inlet 
boundary-layer bleed and other forms of secondary airflow) exacts a thrust 
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Fig. 13.4 Actual inlet pressure recoveries. 

penalty that is also more-than-proportional to the percent of the total en-
gine mass flow extracted as bleed air. . 

Equation (13.8) illustrates this, where the "bleed correct10n factor 
(Cb1eect)" is provided by the manufacturer for various flight conditions. For 
initial analysis, Cbteect can be approximated as 2.0. The bleed massflow typ
ically ranges from 1-50/o of the engine mass-flow. 

( 
bleed mass flow ) Percent thrust loss = Cb1eect . fl X [ 100] 

engme mass ow (13.8) 

Installed engine thrust is also affected by horsepower extraction. Je! en
gines are equipped with rotating mechanical shafts turned by the turbmes. 
The electrical generators, hydraulic pumps, and other such components 
connect to these shafts. . 

This extraction is typically less than 200 hp for a 30,000-lb-thrust engme, 
and usually has only a small effect upon installed thrus_t. Horsepo"'.er ex
traction is included in the cycle analysis used _f~r. detailed _calculation of 
installed-engine thrust, but can be ignored for imtial anal!sis. 

As mentioned, moderate inlet distortion usua!ly has httle effect upon 
installed thrust, but can restrict the engine operatmg enve}op~- The. effects 
of distortion are calculated later in the design process. For mitial design, the 
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~uidelines prev~ously suggested for location of inlets and for forebody shap
mg should avoid any later problems with inlet distortion. 

Nozzle efficiency has a direct effect upon thrust. However, it is rare to 
use. a nozz!e other than that provided by the manufacturer. For cases in 
which a umque nozzle (su~h as a 2-D vectoring nozzle) is employed, the new 
nozzle c~n usually be designed to provide the same efficiency as the manu
facturer s nozzle. (The drag effects of alternate nozzles are discussed later.) 

Installed Net Propulsive Force Corrections 

!he "inst.ailed e~gine thrust" is the actual thrust produced by the engine 
as mstalled m the aucraft. However,_the engine creates three forms of drag 
that must be subtracted from the engme thrust to determine the thrust force 
actually available for propelling the aircraft. This propelling force the "in
stalled net propulsive force," is the thrust value to be used fo; aircraft 
performance calculations. 

_Most of the engine-related drag is produced by the inlet as a result of a 
mismatch b~tween th~ amount of air demanded by the engine and the 
~mo~nt of ~Ir.that the mlet can supply at a given flight condition. When the 
ml7t 1s prov1dmg exac~ly the amount of air the engine demands (mass flow 
rat10 equals 1.0), the mlet drag is negligible. 

The inlet ~ust be sized to provide enough air at the worst-case condition, 
~hen the en~me demands a lot of air. This sets the capture area. Most of the 
t!me the en~me ~emands less air than an inlet with this capture area would 
hke to provide (1.e., mass flow ratio is less than 1.0). 

When the mass flow ratio is less than 1.0, the excess air must either be 
spilled before the _air enters the i~let or bypassed around the engine via a 
duct that dumps 1t overboard (Fig. 13.5) or into an ejector-type engine 
nozzle. 

" Th~ ~r~~ from air s~i!led before entering the inlet is called "spillage," or 
a~d1t~ve drag. Add1t1ve drag represents a loss in momentum of the air 

which 1s slowe~ and compressed by the external part of the inlet but not 
u~ed by the engme. The additi_ve drag is determined by calculating, for each 
flight Mach number and engme mass-flow ratio, the Mach numbers and 
~ressures throughout the inlet and integrating the forces in the flight direc
tion for the part of the air which is spilled. 
. The spill~d air will be turned back toward the freestream direction by the 
mlet cowl hp, producing a reduced pressure on the cowl. This provides a 

BYPASSED AIR 

Fig. 13.5 Additive drag, cowl lip suction, and bypass subcritical operation. 
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suction with a component in the forward direction, i.e., a thrust (as shown 
in Fig. 13.5). This cowl-lip suction reduces the additive drag by as much as 
30-40% in the low-supersonic regime. For a subsonic jet with well-rounded 
cowl lips, this suction will virtually eliminate additive drag. 

Even with cowl-lip suction, the additive drag under certain flight cond~
tions could exceed 20% of the total aircraft drag. A penalty of this magm
tude is never seen because the designers resort to inlet-air bypass whenever 
the additive drag is too great. 

Allowing the excess air to enter the inlet and be dumped overboard or 
into an ejector nozzle, will keep the inlet additive drag to a small value. The 
resulting bypass drag will be substantially less than the additive drag would 
have been. Bypass drag is calculated by summing the momentum loss expe-
rienced by the bypassed air. . . . 

Another form of inlet drag is the momentum loss associated with the mlet 
boundary-layer bleed. Air is bled through holes or slots on the inlet ramps 
and within the inlet to prevent shock-induced separation and to prevent the 
buildup of a thick turbulent boundary layer within the inlet duct. This air 
is dumped overboard out an aft-facing discharge exit, which is usually lo
cated a few feet behind the inlet. 

(Note: don't confuse inlet boundary-layer bleed with the inlet bo~ndary
layer diverter. The diverter prevents the fuselage boun_dary-layer air fr~m 
entering the inlet. Diverter drag has been accounted for m the aerodynamics 
chapter.) . . 

Calculation of bleed, bypass, and additive drag including cowl-hp suct10n 
is a complicated procedure combining analytical and empirical methods. 
The textbook meth.ods (see Refs. 26, 27, 25, and 10) are very time-consum
ing and cannot account for the effects of the actual aircraft geometry, 
which may greatly affect both the inlet flowfield and the pressure loss 
through bleed and bypass ducts. . 

In a major aircraft company such calculations are made by propuls1~n 
specialists using complex computer programs. The ~esults are m~l~ded m 
the installed net propulsive force data that are provided to the s1Z1ng and 
performance analyst. . . . 

To permit rapid initial analysis and trade studies, Fig. _ 13 -~ provides .a 
"ballpark" estimate of inlet drag for a typical supersomc aucraft. This 
chart was prepared by the author using data from Ref. 47 and other 
sources, and should be used with great caution as it is merely typical data, 
not an estimate for any given inlet design. 

This chart assumes that the engine is operating at a maximum dry or 
afterburning power setting, and that the inlet is oper~ting at a_ co~respond
ing mass-flow ratio. The chart does not reflect the mcrease m mlet drag 
experienced when the thrust setting is reduced (which reduces the_mas~-flow 
ratio). However, this chart should provide a reasona~le appr?x1mat10n of 
inlet drag suitable for initial analysis and student des1~n studies_. . 

Nozzle drag varies with nozzle position as well as with the flight condi
tion. To properly determine nozzle drag the actual nozzle geometry as a 
function of throttle setting and flight condition must be known, and the 
drag calculated by taking into account the ov~r~ll aircraft ~owfield. As an 

. initial approximation, the effect of nozzle pos1t1on may be ignored and the 
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2.0 2.5 

(n;z;ielg)rafg eshtimated by the typical subsonic values shown in Table 13 1 
e · or t e n<;>zzle types shown in Fig. 10.20. · 
T~e nozzle_ d~~g mcreas~s transonically and then drops off at supersonic 

spee s. For m1ttal analysis the subsonic value may be assumed for all 
spe~ds. Note that these nozzle drags are referenced to the maximum r _ 

~:~~~~~e:~f;b~~-the fuselage. For a subsonic, podded nacelle, the ; 0 ~!fe 

th!~~:~::ininiltrhopuls~on-system d:a~ is the variation of trim drag with 
mg. e engme thrust axis 1s not through the cente f · 

~ny ttrut~_change wil_l cause a pitching moment. The trim force\~q!fr:~ti~ 
oun er is moment is charged to the propulsion in most thrust-drag book-

Table 13.l 

Nozzle type 

Convergent 
Convergent iris 
Ejector 
Variable ejector 
Translating plug 
2-D nozzle 

Nozzle incremental dragIO 

Subsonic ~C,.,,, * 
~.tuselage 

. 036-.042 

.001-.020 

. 025-.035 

.010-.020 

.015-.020 

.005 .015 

*Referenced to fuselage maximum cross-section area. 
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keeping systems. For initial analysis this may be ignored unless the thrust 
line is substantially above or below the aircraft centerline . 

13.6 PISTON-ENGINE PERFORMANCE 

The aircraft piston engine operates on the four-stroke Otto cycle used by 
automobiles. The thermodynamic theory of the Otto-cycle reciprocating 
engine is described in Refs. 28, 48, and 49. For design purposes the most 
important thing to know about the piston engine is that the horsepower 
produced is directly proportional to the massflow of the air into the intake 
manifold. In fact, horsepower is approximately 620 times the air massflow 
(Ibis) . 

Mass flow into the engine is affected by the outside air density (altitude, 
temperature, and humidity) and intake manifold pressure. Equation (13.9) 
accounts for the air-density effect upon horsepower, and is attributed to 
Gagg and Ferrar of the Wright Aeronautical Company (1934). This equa
tion indicates that at an altitude of 20,000 ft a piston engine has less than 
half of its sea-level horsepower. 

(
P 1 - plp0) 

bhp = bhPsL Po - 7 _55 
(13.9) 

The intake manifold is usually at atmospheric pressure. A forward-facing 
air-intake scoop can provide some small increase in manifold pressure at 
higher speeds. Large increases in manifold pressure require mechanical 
pumping via a "supercharger" or "turbosupercharger." 

The supercharger is a centrifugal air compressor mechanically driven by 
a shaft from the engine. The amount of air compression available is propor
tional to engine RPM. The turbosupercharger, or "turbocharger," is driven 
by a turbine placed in the exhaust pipe. This recovers energy which would 
otherwise be wasted, and decouples the available amount of compression 
from the engine RPM. 

Supercharging or turbocharging is usually used to maintain sea level pres
sure in the intake manifold as the aircraft climbs. Typically the sea-level 
pressure can be maintained up to an altitude of about 15,000-20,000 ft. 
Above this altitude the manifold pressure, and hence the horsepower, 
drops. Figure 13.7 shows typical engine performance for nonsupercharged, 
supercharged, and turbocharged engines. 

Supercharging or turbocharging may also be used to raise the intake 
manifold pressure above the sea-level value to provide additional horse
power from a given engine. However, the increased internal pressures re
quire a heavier engine for structural reasons . 

Piston engine performance charts are provided by the manufacturer as a 
function of manifold pressure, altitude, and RPM . 

Propeller Performance 
A propeller is a rotating airfoil that generates thrust much as a wing 

generates lift. Like a wing, the propeller is designed to a particular flight 
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condition. The propeller airfoil h I d . . . 
around 0.5), and the twist of the!~; ~rect~ design h_ft coefficient (usually 
ang~e of attack at the design conditi~1n_1s se ected to give the optimal airfoil 

Smee the tangential velocities of th II . . . . 
with distance from the hub th . f ·1 e prope er airfod sections mcrease 
pitch-angles going from ro' ot etalft.01 sTmhust be set at I?rogressively reduced 

o 1p. e overall "pitch" f refers to the blade angle at 75 0/i f th d" . o a propeller 
Propeller theor is w I o o . era ms (70% m some books). 

While theory is us~ful fo~ I t::vered m _many textb?oks, such as Ref. 49. 
work with experimental p~op~filler dd~s1gners:dthe aircraft designers usually 
nies. er a a provi ed by the propeller compa-

As for a wing, the properties of II . 
form. Experimental data for d . a prope er are expressed m coefficient 
of parameters and coefficientsesa1gs ndpur.pbosdesbarle expressed using a variety 

, escn e e ow. 

PROPULSION 

Advance Ratio: J = VlnD 

Power Coefficient: 
P 550 bhp 

C -----
P - pn3D5 - pn3D5 

Thrust Coefficient: cT = Tlpn 2D 4 

Speed-Power Coefficient: cs = V ~ pl Pn 2 

Activity Factor: 

AF 105 f R 3 d 105Croot 
per blade= D5 er r = 

16
D [0.25 - (1 - A.)0.2] 

0.15R 

Propeller Efficiency: TV TV CT 

T/p = p = 550 bhp = J Cp 

Thrust: T = 550 bhp T/p = CT 550 bhp 
V Cp nD 

where 

T = thrust (lb) 
V = velocity (ftls) 
P = power (ft-Ibis) 
bhp = brake horsepower 
n = rotation speed (revls) 
D = propeller diameter (ft) 
c = propeller airfoil chord (ft) 
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(13.10) 

(13.11) 

(13.12) 

(13.13) 

(13.14) 

(13.15) 

(13.16) 

The advance ratio (equivalent to the wing angle of attack) is related to the 
distance the aircraft moves with one turn of the propeller. Advance ratio is 
sometimes called the "slip function" or "progression factor." 

The power and thrust coefficients are nondimensional measures of those 
quantities, much like the wing lift-coefficient. The speed-power coefficient 
is defined as the advance ratio raised to the fifth power divided by the power 
coefficient. The speed-power coefficient is nondimensional and does not 
involve the propeller diameter, which is useful for comparison between 
propellers of different size. 

The activity factor is a measure of the amount of power being absorbed 
by the propeller. Activity factors range from about 90-200, with a typical 
light-aircraft activity factor being 100 and a typical large turboprop having 
an activity factor of 140. The final expression in Eq. (13.14) is the activity 
factor for a straight-tapered propeller blade of taper ratio A. 

Equation ( 13 .15) relates the propeller efficiency, previously discussed in 
Chapters 3 and 10, to the advance ratio and the ratio of the thrust coeffi
cient to the power coefficient. This ratio is used in Eq. ( 13 .16) to determine 
the thrust at static conditions when the velocity is zero and the propeller
efficiency equation cannot be used for thrust determination. 
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Fig. 13.9 Forward flight thrust and efficiency. (after Ref. 50) 
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For a two-bladed propeller, the forward-flight efficiencies are about 30Jo 
better than shown in Fig. 13.9, but the static thrust is about 50Jo less than 
shown in Fig. 13.8. The reverse trends are true for a four-bladed propeller. 
Also, a wooden propeller has an efficiency about lOOJo lower due to its 
greater thickness. 

If Ref. 50 is unavailable, Ref. 49 contains 43 pages of propeller charts 
taken from Ref. 50. Reference 49 also contains a compressibility correction 
for a propeller with a high tip Mach number (greater than 0.9). 

If the propeller is of variable-pitch design, its pitch is adjusted to the 
optimum blade angle at each flight condition to produce a constant engine 
RPM regardless of the horsepower being produced. 

The advance ratio and power coefficient are then independent variables 
and the propeller efficiency can be read in Fig. 13.9 for any combination of 
advance ratio and power coefficient that may occur in flight. Blade angle 
for the variable-pitch propeller can be read as a fallout parameter in Fig. 
13.9 . 

Remember that the propeller thrust in forward flight is proportional to 
the inverse of the velocity, which would imply infinite thrust at zero veloc
ity. Instead, the propeller produces the static-thrust value from Fig. 13.8 at 
zero velocity. 

In the speed range from zero to about 50 knots (such as during takeoff), 
the thrust varies in a fashion that can be represented by a smooth curve 
faired between the static-thrust value and the calculated forward-flight 
thrust. 
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Fig. 13.10 Fixed-pitch propeller adjustment. 
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If a fixed-pitch propeller is used, the blade angle cannot be varied in flight 
to maintain engine RPM at any flight condition. Since the RPM and there
fore horsepower will vary with velocity, the efficiency and hence the thrust 
will be reduced at any speed other than the design speed. 

Figure 13.9 could be used to determine the thrust from a fixed-pitch 
propeller by following the appropriate line for the selected blade angle. 
However, it is simpler to use the approximate method of Fig. 13.10 unless 
actual propeller data is available. 

Figure 13.10 relates the fixed-pitch propeller efficiency at an off-design 
velocity and RPM to the on-design efficiency, which is attained by the 
propeller at some selected flight condition. The on-design efficiency is ob
tained from Fig. 13.9, which is also used to get the required blade angle for 
the design condition. 

The static thrust of a fixed-pitch propeller will be less than is estimated 
using Fig. 13.8. A fixed-pitch propeller suffers at low speeds due to the high 
local angles of attack of the blades at low speeds and high RPMs. As a 
rough approximation it can be assumed that the static thrust is about equal 
to the thrust at 50 knots for the fixed-pitch propeller. 

These charts provide useful rough estimations of propeller performance, 
but actual charts for the selected propeller should be obtained from the 
manufacturer for any serious design effort. 

Piston-Prop Thrust Corrections 
As with jet engines, there are several engine-related drag items that must 

be considered, namely, scrubbing drag, cooling drag, and engine miscella
neous drag. 

Scrubbing drag is the increase in aircraft drag due to the higher velocity 
and turbulence experienced by the parts of the aircraft within the propwash. 
This drag could be calculated by determining, for each flight condition, the 
increased dynamic pressure within the propwash and using that value for 
the component-drag calculation. 

A simpler approach, called the SBAC (Society of British Aircraft Con
structors) method, adjusts the propeller efficiency as in Eq. (13.17). The 
subscript "washed" refers to the parts of the aircraft which lie within the 
propwash. If the parasite-drag coefficient for the propwashed parts of the 
aircraft cannot be determined, 0.004 is a reasonable estimate. 

[ 
1.558 p J 

'T/peffective = 'T/p 1 -~ Po I:(CfeSwet)washed (13.17) 

where Cle is the equivalent skin-friction (parasite) drag coefficient, refer
enced to wetted area. 

For a pusher-propeller configuration, the scrubbing drag is zero. How
ever, the pusher propeller suffers a loss of efficiency due to the wake of the 
fuselage and wing. This loss is strongly affected by the actual aircraft con
figuration, and should equal about 2-5%. 

Cooling drag represents the momentum loss of the air passed over the 
engine for cooling. This is highly dependent upon the detail design of the 
intake, baffles, and exit. 
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Miscellaneous engine drag includes the drag of the oil cooler, air intake, 
exhaust pipes, and other parts. Cooling. and miscellaneous drags for a well
designed engine installation can be estimated ~Y f<:qs. (13 .. 18) and (13.l~) 
(Ref. 23). However, a typical light aircraft eng.me mstallat10n m~y experi
ence cooling and miscellaneous drag levels 2-3 times the values estimated by 

these equations. 

- -1) bhp. T2 ft2 
(D/q)cooling - (4.9 X 10 aV ' 

(D/q)misc = (2 X 10-4) bhp, ft
2 

where 

T = air temperature, deg Rankine 
V = velocity in ft/s 

(13.18) 

(13.19) 

13.7 TURBOPROP PERFORMANCE 
A turboprop is a jet engine that drives a propell~~ using a turbine i?- the 

exhaust. The jet exhaust retains some thrust capabihty, and can contnb~te 
as much as 20% of the total thrust. For this reason.the horsepo~er r~tmg 
of a turboprop engine includes the horsepower equivalent of this residual 

thrust. b' ·1 I I t d This horsepower equivalent of residual thrust is ar itran Y ca cu a e 
under static conditions as the residual thrust divided by 2.5: Under forward
flight conditions it is calculated using Eq. (13 .16) assummg that the yro
peller efficiency 'T/p = 0.80. Th~ total of the mechanical and thru~.t residual 
horsepower is called the "equivalent shaft horsepo~er (ESHP) .. 

Analysis of the turboprop is a h~brid ?et"'.een t~e Jet an? the piston-prop 
analysis. The engine is analyzed hke a Jet, mcludmg the mlet effec~s. The 
residual thrust is provided by the manufacture~ as a ~orsepower eq~ivalent. 
The propeller is analyzed as described above, mcludmg the scrubbmg-drag 

term. . 1· . db f M h 
The conventional turboprop, like the piston-prop, is imite Y ip ac 

number to about Mach 0.7. The turboprop has higher efficiency ~han t~e 
piston-prop at Mach numbers greater than about 0.5 due to the residll:al Jet 
thrust, but the conventional turboprop is no match for a turbofan engme at 
the higher subsonic speeds. 

Recently, a new type of advanced propeller has been developed t~at of-
fers good efficiencies up to about Mach 0.85. These are known as prop
fans" or "unducted fans (UDF)." They are smaller in diameter than the 
regular propellers and feature numerous wide, thin, and swept ~lades. Test 
programs to date indicate that a well-designed propfan can retam propeller 
efficiencies of over 0.8 at speeds on the order of Mach 0.85. 

Up-to-date data on propfans can be found in pu?lications such as the 
AIAA's Journal of Aircraft and Journal of Propulswn and Power. 
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14 
STRUCTURES AND LOADS 

In a large aircraft company, the conceptual designer may never do any 
structural analysis. The conceptual designer relies upon an experienced eye 
to insure that sufficient space is provided for the required structural mem
bers. The only direct impact of structures during the initial stages of concep
tual design is in the weights estimation. As will be shown in the next chapter 
the statistical weights methods usually used in conceptual design do not 
require any actual structural analysis. 

Designers at small aircraft companies and designers of homebuilt aircraft 
are more likely to perform an initial structural analysis as a part of the 
conceptual design process. This is especially true for a novel design concept 
such as the Rutan Voyager. To attain a design range of 26,000 miles the 
Voyager needed an empty-weight fraction of about 0.20 (!) and a wing 
aspect ratio over 30. Clearly, the knowledge that this was structurally possi
ble was required before the design concept could be frozen. 

Before the actual structural members can be sized and analyzed, the loads 
they will sustain must be determined. Aircraft loads estimation, a separate 
discipline of aerospace engineering, combines aerodynamics, structures, 
and weights. 

In the past, the Loads Group was one of the larger in an aircraft com
pany. Loads were estimated for each structural member of the aircraft using 
a combination of handbook techniques and wind-tunnel-data reduction. 

Today's computer programs have mechanized much of the time-consum
ing work in loads estimation. Modern aerodynamic panel programs deter
mine the airloads as an intermediate step toward determining aerodynamic 
coefficients. Also, modern wind tunnels employ computerized data reduc
tion. These have reduced the workload so much that in some companies 
today there is no longer a separate loads group. · 

However, loads estimation remains a critical area because an error or 
faulty assumption will make the aircraft too heavy or will result in struc
tural failure when the real loads are encountered in flight. 

This chapter introduces the concepts of loads estimation and summarizes 
the subjects of aircraft materials and structural analysis. This material is 
presented from the viewpoint of the conceptual designer, and is not in
tended to serve as a general introduction to structures. 

Furthermore, many of the methods presented are no longer in regular 
usage, having been supplanted by finite-element methods, as discussed at 
the end of this chapter. The older methods are useful, however, for approx-
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imating the correct answer to insure th . . 
are in the right "ballpark." Also stud at the fm1te-e~ement method results 
for learning the vocabulary of str~ctur:i ~~s~h: classical methods is useful 

A more thorough introducti t d g . 
in Ref. 83. Reference 84 recoi;s ~ m; e~n structural ?esign will be found 
the finite-element method. n etail the theoretical development of 

14.2 LOADS CATEGORIES 

. When one thinks of aircraft loads th . 1 . 
mg come immediately to mind Wh'l : au oads due to h1gh-g maneuver-
only a part of the total loads that m I et :po:thant, maneuvering loads are 
ture. us e wit stood by the aircraft struc-

Table 14.1 lists the major load cat . . 
an~ military specifications [FAR Vol. ~f~~;;s expenenced b~ aircraft. Civil 
defme specific loading conditions for these and 25~ and M1~-A-8860/8870] 

For each structural member o . categones, as discussed later. 
Table 14.1 will dominate. Figure/ l~h~ aircraft, one of t~e loads listed in 
for a fighter and a transport Note· t:;d 14.2_s~ow typical critical loads 
always critical under the high-. t the ~1~tmg surfaces are almost 

g maneuver conditions. 

Table 14.1 Aircraft loads 
Air loads 

Landing Other 
-Maneuver 
-Gust 
- Control deflection 
- Component interaction 
-Buffet 

- Vertical load factor 
-Spin-up 
- Spring-back 
-Crabbed 
-One wheel 
-Arrested 
-Braking 

-Towing 
-Jacking 
- Pressurization 
- Bird strike 
-Actuation 
-Crash 

Inertia loads 

- Acceleration 
-Rotation 
-Dynamic 

Takeoff 

-Vibration -Catapult 
-Flutter -Aborted 

Power plant 

-Thrust 
-Torque Taxi 

- Gyroscopic 
-Vibration 
- Duct Pressure 

-Bumps 
-Turning 
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nz = Sg 
BUCKLING 
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,.,.._ ___ AFT FUSELAGE 

CANOPY-----~ 
BIRDSTRIKE 
OPERATING PRESSURE 

FORWARD FUSELAGE ___ ~ 
nz = 8.0g M = .90 

NOSE BOOM ----~;r 
nz = 8.0g 

DEFLECTION CRITERI 

Fig. 14.1 Typical fighter limit loads. 

YAW 
FLUTTER/ACOUSTIC 

The largest load the aircraft is actually expected to encounter is called the 
"limit," or "applied," load. For the fighter of Fig. 14.1, the limit load on 
the wing occurs during an 8-g manuever. 

To provide a margin of safety, the aircraft structure is always designed 
to withstand a higher load than the limit load. The highest load the structure 
is designed to withstand without breaking is the "design," or "ultimate," 
load. 

The "factor of safety" is the multiplier used on limit load to determine 
the design load. Since the 1930's the factor of safety has usually been 1.5. 
This was defined in an Air Corps specification based upon the ratio between 
the ultimate tensile load and yield load of 24ST aluminum alloy, and has 
proven to be suitable for other aircraft materials in most cases. For the 
fighter in Fig. 14.1, the design load for the wing structure would then be 
based upon a 12-g manuever, above which the wing would break. 

14.3 AIR LOADS 

Maneuver Loads 
The greatest air loads on an aircraft usually come from the generation of 

lift during high-g maneuvers. Even the fuselage is almost always structurally 
sized by the lift of the wing rather than by the air pressures produced 
directly on the fuselage. 

Aircraft load factor (n) expresses the maneuvering of an aircraft as a 
multiple of the standard acceleration due to gravity (g = 32.2 ft/s-s). At 
lower speeds the highest load factor an aircraft may experience is limited by 
the maximum lift available. 

At higher speeds the maximum load factor is limited to some arbitrary 
value based upon the expected use of the aircraft. The Wright Brothers 
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Table 14.2 Typical limit load factors 

npositive nnegative 

General aviation-normal 2.5 to 3.8 - l to - 1.5 
General aviation-utility 4.4 -1.8 
General aviation-aerobatic 6 -3 
Homebuilt 5 -2 
Transport 3 to 4 -1 to -2 
Strategic bomber 3 -1 
Tactical bomber 4 -2 
Fighter 6.5 to 9 -3 to -6 

designed their Flyer to a 5-g limit load. This remains a reasonable limit load 
factor for many types of aircraft. Table 14.2 lists typical limit load factors. 
Note that the required negative load factors are usually much less in magni
tude than the positive values. 

The V-n diagram depicts the aircraft limit load factor as a function of 
airspeed. The V-n diagram of Fig. 14.3 is typical for a general aviation 
aircraft. Note that the maximum lift load factor equals 1.0 at level-flight 
stall speed, as would be expected. The aircraft can be stalled at a higher 
speed by trying to exceed the available load factor, such as in a steep turn. 

The point labeled "high A.O.A." (angle of attack) is the slowest speed 
at which the maximum load factor can be reached without stalling. This 
part of the flight envelope is important because the load on the wing is 
approximately perpendicular to the flight direction, not the body-axis verti
cal direction. 

POSITIVE MANEUVER 
AND STATIC 

GUST 
NEGATIVE 

MANEUVER 
AND BRAKING 

GUST 

POSITIVE/ "-

AILERON 
ROLL 

DYNAMIC LANDING POSITIVE 
GUST AND TAXI, JACKING, MANEUVER 

LATERAL GUST AND TOWING 

YAW MANEUVER AND 
LATERAL GUST 

NEGATIVE GUST 

Fig. 14.2 LlOll critical loads. 
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At high angle of attack the load direction may actually be forward of the 
aircraft body-axis vertical direction, causing a forward load c~mponent on 
the wing structure (Fig. 14.4). During World War I,. several aircraft had a 
problem with the wings shedding forward due to this unexpected load. 

3 

2 

0 

-1 

n 

HIGH AOA 

VsTALL 
1-g 

MAX "q" 

V equivalent = .,J pl Ps I V actual 

VcRUISE 

Fig. 14.3 V-n diagram (manuever). 

D 

BODY-AXIS FORCES 

VERTICAL N = L COSa + D SIN a 
CHORDWISE C=D COSa-L SINa 

LOW ANGLE OF ATTACK 

BODY AXIS VERTICAL 

Fig. 14.4 Wing load direction at angle of attack. 
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The aircraft maximum speed, or dive speed, at the right of the V-n dia
gram represents the maximum dynamic pressure q. The point representing 
maximum q and maximum load factor is clearly important for structural 
sizing. At this condition the aircraft is at a fairly low angle of attack because 
of the high dynamic pressure, so the load is approximately vertical in the 
body axis. 

For a subsonic aircraft, maximum or dive speed is typically 50% higher 
than the level-flight cruise speed. For a supersonic aircraft the maximum 
speed is typically about Mach 0.2 faster than maximum level-flight speed, 
although many fighters have enough thrust to accelerate past their maxi
mum structural speed. 

Note that aircraft speeds for loads calculation are in "equivalent" air
speeds Ve. An aircraft airspeed indicator uses a pi tot probe to determine 
airspeed from the dynamic pressure, so the "airspeed" as measured by a 
pitot probe is based upon the dynamic pressure at the aircraft's velocity and 
altitude, and not the actual velocity. This dynamic pressure-based equiva
lent airspeed will be less than the actual airspeed at altitude due to the 
reduction in air density, as this expression describes: 

Ve = .J pl PSL ( V..c1ua1) = --.la ( Vactual) (14.1) 

For loads estimation, Ve is a convenient measure of velocity because it is 
constant with respect to dynamic pressure regardless of altitude. However, 
pilots must convert Ve to actual velocity to determine how fast they are 
really flying. Also, the dynamic pressure as measured by a pitot tube has a 
compressibility error at higher Mach numbers, so the "indicated" airspeed 
V; as displayed to the pilot must be corrected for compressibility to produce 
the equivalent airspeed Ve, which can then be converted to actual airspeed. 

Gust Loads 
The loads experienced when the aircraft encounters a strong gust can 

exceed the manuever loads in some cases. For a transport aircraft flying 
near thunderstorms or encountering high-altitude "clear air turbulence," it 
is not unheard of to experience load factors due to gusts ranging from a 
negative 1.5 to a positive 3.5 g or more. 

When an aircraft experiences a gust, the effect is an increase (or decrease) 
in angle of attack. Figure 14.5 illustrates the geometry for an upward gust 
of velocity U. The change in angle of attack, as shown in Eq. (14.2), is 
approximately U divided by V, the aircraft velocity. The change in aircraft 

Fig. 14.5 Gust encounter. 
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. . h . E (14 3) to be proportional to the gust velocity. The 
hft 1s s own m q. · . d · E (14 4) 
resulting change in load factor is denve m q. . . 

-1 U _ U 
Acx = tan v=v 

ill, = Yip V2S(CLaAcx) = 1/1p VSCLau 

ill, pUVCLa 
An= W = 2WIS 

(14.2) 

(14.3) 

(14.4) 

. 14 5 d Eq. (14.4) assume that the aircraft instantly encou°:ters 
th::;;e and t:; it instantly affects the entire aircraft. These assumptions 

ar~:;:~~~~\o follow a cosine-like intensity increas~ as the ai~raft ~ies 

through, allowing it mohre t~me tfot rbeyacatst:~c~ g~:140~~1s f ~d~~~~~n~ ~~~et~:; 
f experienced by t e aucra . . d d 

a ion . . " lleviation factor (K)" has been devise an ap-
effect a stat1st1cald gusdt at (U discussed later). The gust velocity in Eq. 
plied to measure gust a a de, . )· 
(14.4) can be defined in the following terms (Ref. 51 . 

where 

Subsonic: K = O.BSIL 
5.3 + IL 

Supersonic: K = 6.95 + IL1.0J 

Mass Ratio: 
2(W!S) 

IL= pgcCLa 

(14.5) 

(14.6) 

(14.7) 

(14.8) 
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Fig. 14.6 Derived equivalent gust velocities (transport). 

gusts are reduced at higher altitude. The maximum turbulence speed Vg may 
be specified in the design requirements or may be a fallout parameter. 

One interesting point concerning gusts is that, as shown in Eq. (14.4), the 
load factor due to a gust increases if the aircraft is lighter. This is counter 
to the natural assumption that an aircraft is more likely to have a structural 
failure if it is heavily loaded. 

In fact, the change in lift due to a gust [Eq. (14.3)] is unaffected by 
aircraft weight, so the change in wing stress is the same in either case. 
However, if the aircraft is lighter the same lift increase will cause a greater 
vertical acceleration (load factor) so the rest of the aircraft will experience 
more stress. 

Aeroelastic effects can also influence the load factor due to gusts. An 
aft-swept wing will bend up under load, which twists the wing and reduces 
the outboard angle of attack. This reduces total lift and also moves the 
spanwise lift distribution inboard, reducing the wing bending stress. An 
aft-swept wing will experience roughly 15% lower load factor due to a given 
gust than an unswept wing. 

The gust load factors as calculated with Eqs. (14.4-14.8) and using the 
appropriate Ude (positive and negative) can then be plotted on a V-n dia
gram as shown in Fig. 14. 7. It is assumed that the aircraft is in 1-g level 
flight when the gust is experienced. Few pilots will "pull g's" in severe 
turbulence conditions. The load factor between Yciive, 'Vcruise, and Vg is as
sumed to follow straight lines, as shown. 

In Fig. 14.8, the V-n diagrams of Figs. 14.3 and 14.7 are combined to 
determine the most critical limit load-factor at each speed. Since the gust 
loads are greater than the assumed limit load, it may be desirable to raise the 
assumed limit load at all velocities, as shown by the dotted line. Remember 
that the structural design load factors will be 50% higher to provide a 
margin of safety. 
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Fig. 14.7 V-n diagram (gust). 
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This method for estimation of gust loads is not ~s complete or accurate 
as the methods used at most large aircraft compame~. Th~ more accurate 
methods rely upon a power-spectral-density approach m whtc? the gusts are 
included in an atmospheric transfer function and the actual aircraft di~ar
ics are modeled. However, the methods presented above_ are use ~ or 
initial analysis and provide an introduction to the more detailed techmques. 

(See Ref. 91). 

n 
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2 

0 

-1 

Fig. 14.8 Combined V-n diagram. 
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Air Loads on Lifting Surfaces 

Now that the V-n diagram is complete, the actual loads and load distribu
tions on the lifting surfaces can be determined. In most cases this needs to 
be done only at the "high A.0.A." and "max q" velocities (see Fig. 14.3) 
and any velocities where the gust load factor exceeds the assumed limit load factor. 

The first step involves a stability-and-control calculation to determine the 
required lift on the horizontal tail to balance the wing pitching moment at 
the critical conditions. Note that the required tail lift will increase or de
crease the required wing lift to attain the same load factor. 

Complicated methods for estimating the lift on the trimmed tail and wing 
for a given load factor are presented in Chapter 16. These can be initially 
approximated by a simple summation of wing and tail moments about the 
aircraft center of gravity, ignoring the effects of downwash, thrust axis, etc. 

Once the total lift on the wing and tail are known, the spanwise and 
chordwise load distributions can be determined (Fig. 14.9). Wind-tunnel 
and aerodynamic panel program data are used if available. For initial de
sign and design of light aircraft, classical approximation methods give rea
sonably good results. 

According to classical wing theory, the spanwise lift (or load) distribution 
is proportional to the circulation at each span station. A vortex lifting-line 
calculation will yield the spanwise lift distribution. For an elliptical plan
form wing, the lift and load distribution is of elliptical shape. 

For a nonelliptical wing, a good semi-empirical method for spanwise load 
estimation is known as Schrenk's Approximation (Ref. 53). This method 
assumes that the load distribution on an untwisted wing or tail has a shape 
that is the average of the actual planform shape and an elliptic shape of the 
same span and area (Fig. 14.10). The total area under the lift load curve 
must sum to the required total lift. Equations (14.9) and (14.11) describe the 
chord distributions of a trapezoidal and elliptical wing. 

SPANWISE 
LIFT 

DISTRIBUTION 

Fig. 14.9 Wing lift distribution. CHORDWISE 
LIFT 

DISTRIBUTION 
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Trapezoidal Chord: C(y) = c{ 1 -2; (1 - >-.)] (14.9) 

where 

b 
S = 2c,(1 + >-.) (14.10) 

Elliptical Chord: 4S .J (2y) 2 

C(y) = 1rbl - b (14.11) 

. d fnue to the centerline Note in Fig. 14 .. 10 that the load is ass~:~ a:~:;i~n in subsonic flight. 
of the aircraft. This ~as p~ove;t:~ ~~:e~ral is used, the perpendi~ular load 
Also rem~mb~r that if sub sta h 1 · ft Divide the lift by the cosme of the on the wmg 1s greater t an t e _ 1 · 

dihedral angle to get th~ ~erpendt~l:r l~e~!dynamic twist the effect upon 
If a wing has sub~ta~tla . geome nc roximated by dete~mining the load 

spanwise lift-load d1stn~ut1~n can be ~PP net lift (the "basic load") and 
distribution when the. ~mgl~~ 1gendera~·~t fs

0 
determined as above for the net adding it to the "add1t1ona oa w I 

lift being produced (Re\5
4
). t l'ft part of the wing is generating an 

When a twisted w~ng a~ no ;e ) 
1 
a~d the rest of the wing is generating 

up-load (usually the mboar . sec IOn basic load can be approximated by 
a down-load_ (usually the tips). Th_e th load at each spanwise station on 
ignoring the dmduc~d e[.~~c~::ie~~~:1ift ~s the section lift coefficient tilll:es 
the chord an section 1 ·. . le of attack when no hft 
the section's twist ang~e Wlt~.rspe~t ~O t~~~~:!ta~!}y the angle of the mean 
is being generated. This no- I tang~~~~ b trial and error. 
aerodynamic chord,. and. mu~t be :at a pp Ii to highly swept planforms expe-

Schrenk's Approximation oes t ds to greatly increase the loads at the 
riencing vortex flow. Vortex fllo~ en must be estimated using computers wingtips. Loads for such a pan orm 
and wind tunnels. 

RECTANGULAR PLANFORM 
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I 
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ELLIPTIC ~ sli~WISE 

ni 1 I J 
Fig. 14.10 Schrenk's approximation. 
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The spanwise distribution of drag loads must also be considered, espe
cially for fabric-covered aircraft in which drag loads are carried by internal 
"drag wires." Drag loads tend to be greatest near the wingtips, and should 
be determined from wind-tunnel or aerodynamic panel program data. 

As a first approximation the spanwise distribution of drag loads can be 
roughly approximated as a constant 95% of the average drag loading from 
the root to 80% of the span, and 120% of the average loading from 80% of 
span to the wingtip. 

The aerodynamic interaction of various aircraft components can produce 
additional loads. For example, the downwash from a canard will reduce the 
effective angle of attack of the inboard part of the wing. This moves the lift 
distribution of the wing outboard, producing greater wing bending stresses 
than expected. 

A vortex from a leading-edge strake can cause vibrational stresses on any 
component of the aircraft it touches. The F-18 had a problem with vertical
tail fatigue for this reason. A similar problem can occur due to propeller 
propwash. These effects are difficult to predict, but must be considered 
during conceptual design. 

Once the spanwise load distribution is known, the wing or tail bending 
stress can be determined as described in a later section. To determine tor
sional stresses, the airfoil moment coefficient is applied to spanwise strips 
and the total torsional moment is summed from tip to root. When wind
tunnel data is available, the torsional moments are summed from the chord
wise pressure data. 

Actual chordwise pressure distributions for a NACA 4412 airfoil at vari
ous angles of attack are shown in Fig. 14.11. Figure 14.12 shows a rough 

FREESTREAM 

FREES TEAM 

NACA 4412 ---.. ~ 
FREESTREAM 

FREESTREAM a= -7° 

Fig. 14.11 Airfoil chordwise pressures. 
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approximation for the lift load distribution on a conventional airfoil if 
wind-tunnel data is unavailable. 

Airloads due to Control Deflection 
Operation of the control surfaces produces airloads in several ways. The 

greatest impact is in the effect of the elevator on angle of attack and hence 
load factor. The rudder's effect on yaw angle can also imp_ose large loads. 
Deflection of control surfaces produces additional loads d1rectly upon the 
wing or tail structure. . 

"Maneuver speed," or "pullup speed Vp," is the maxm~um ~peed at 
which the pilot can fully deflect the controls without damagmg either the 
airframe or the controls themselves. For most aircraft the manuever speed 
is less than the maximum level cruise speed VL . 

Maneuver speed is established in the design requirements. ~r may _be se
lected using an old empirical relationship, Eq. (14.12). Velociti~s a~e m ~eet 
per second, and aircraft weight Wis in p~unds. ~tall speed V. 1s with high
lift devices deployed. The factor Kp is estimated m Eq. (14.1_3),_ but _should 
not be allowed to fall below 0.5 or above 1.0. (For general-aviat10n a1rcraft, 
Kp usually doesn't exceed 0.9.) 

5400 
Kp=0.15+W+3300 

(14.12) 

(14.13) 

At the selected manuever speed, a control analysis using the meth~ds of 
Chapter 16 determines the angle of attack or sideslip obtained by maximum 
control deflection. The airloads imposed upon the structure can then be 

determined. 

0 .lSC 
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Fig. 14.12 Approximate airfoil lift distribution. 
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tio~~~if !:~ ::x~:~antaneous loads in:iposed by maximum aileron deflec
the wing structure. m load factor (rolhng pull-up) are frequently critical to 

The maximum speed allo d · h fl . 
tion of the maximum I d we wit aps down is also needed for estima-
the flaps-down stall sp~:d~ on the flaps. Flap speed V;-will usually be twice 

im~~s~; ~!~1
~ 1~h~;i:: ~~~:~~t:~:ld~r:~i~ti~n of the additional airloads 

of a control surface. Control deflecti ~1 (Fi~. 14.12) b! the deflection 
section lift coefficient of about 0.8-f ~ :~ll2f~1calt pro~1de a c~ang~ in 
methods are provided in Chapter 16. . eg eflection. Estimation 

In the absence of better data the h . . t . 
be estimated as ( - 0 01) f ' h c ange m a1r od moment coefficient can 

. imes t e control deflection in degrees. Note that 
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Fig. 14.13 Approximate additional load due to control defl~ction. 
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Fig. 14.14 Loads on fixed stabilizer with elevator deflection. 
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the deflection of a control surface increases the load on the fixed part of the 
airfoil as well as on the moving control surface. 

Figure 14.14 shows the loading distribution used for the special case of a 
horizontal tail consisting of a fixed stabilizer and a moving elevator. Under 
some combinations of angle of attack and elevator position the stabilizer 
and elevator will actually have loads in opposite directions, as shown. 

For design purposes, the elevator load Pis assumed to equal 400/o of the 
total required tail load T, but in the opposite direction. The distributed load 
shown on the stabilizer must then equal 1400/o of the tail load. The spanwise 
load distribution is usually assumed to be proportional to chord length. 

For an aircraft with a manual flight-control system, the control loads 
may be limited by the strength of the pilot. For a stick-controlled aircraft, 
the pilot strength is limited to 167 lb for the elevator and to 67 lb for the 
ailerons. For a wheel-controlled aircraft, the pilot strength is limited to 200 
lb for the elevator and to 53 (times the wheel diameter) in.-lbs for the 
ailerons. The rudder force is limited to 200 lb. 

In addition to the maneuvering and control-surface loads determined 
above, the tail group of an aircraft is designed to withstand some arbitrarily 
determined loads at maneuver speed. These loads are based upon normal 
force coefficients (Cn) assuming that the spanwise load distribution is pro
portional to chord length. For the horizontal tail, the required Cn values are 
(-0.55) downward and (0.35) upward. For the vertical tail the required Cn 
value is (0.45). 

14.4 INERTIAL LOADS 
Inertial loads reflect the resistance of mass to acceleration (F = ma). The 

various accelerations due to maneuver and gust, described above, establish 
the stresses for the aerodynamic surfaces. 

Every object in the aircraft experiences a force equal to the object's 
weight times the aircraft load factor. This creates additional stresses 
throughout the aircraft, which must be determined. Note that the weight of 
the wing structure will produce torsional loads on the wing in addition to 
the aerodynamic torsional loads. 

Inertial loads due to rotation must also be considered. For example, the 
tip tanks of a fighter rolling at a high rate will experience an outward 
centrifugal force. This force produces an outward load factor equal to the 
distance from the aircraft e.g. times the square of the rotation rate, divided 
by g . 

A tangential acceleration force is produced throughout the aircraft by a 
rotational acceleration such as is caused by a gust, a sudden elevator deflec
tion, or by nose-wheel impact. This force is equal to the distance from the 
aircraft e.g. times the angular acceleration, divided by g. 

The loads produced by vibration and flutter are actually acceleration 
forces of a special nature. Calculation of these loads goes beyond this book. 
Proper design should avoid flutter and reduce vibrations to a negligible 
level. 
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14.5 POWER-PLANT LOADS 
The engine mounts must obviously be able to withstand the thrust of the 

engine as well as its drag when stopped or windmilling. The mounts must 
also vert_ically support the weight of the engine times the design load factor. 
The e~gme mounts are usually designed to support a lateral load equal to 
one-~h1rd of the vertical design load. The mounts must withstand the gyro
scopic loads caused by the rotating machinery (and propeller) at the maxi
mum pitch and yaw rates. 

For a propeller-powered aircraft, the engine mounts must withstand the 
torque o_f the engine times a safety factor based upon the number of cylin
ders. This reflects the greater jerkiness of an engine with few cylinders when 
one cylinder malfunctions. 

~or an engine with two cylinders, the safety factor is 4.0; with three 
cylinders, 3.0; and with four cylinders, 2.0. An engine with five or more 
C?7linders requ~res a safety f~ctor of 1.33. These safety factors are multiplied 
times the maximum torque m normal operation to obtain the design torque 
for the engine mounts. 

. For a jet engine, air loads within the inlet duct must be considered as they 
will frequently bound a part of the flight envelope. A pressure surge known 
as "hammershock" is especially severe. 

14.6 LANDING-GEAR LOADS 
The landing gear's main purpose is to reduce the landing loads to a level 

that can be withstood by the aircraft. Chapter 11 presented calculations for 
landing gear stroke to yield an acceptable gear load-factor, as transmitted to 
the structure of the aircraft. 

To analyze fully all the possible gear loads, a number of landing scenarios 
must be exami~ed. These include a level landing, a tail-down landing, a 
one-w~eel landmg, and a crabbed landing. For certification the aircraft may 
be_ subJected to drop tests, in which an actual aircraft is dropped from a 
height ~f somewh_ere between 9.2-18. 7 in. The required drop distance typi
cally will be 3 .6 times the square root of the wing loading. 

When the tires contact the ground they are not rotating. During the brief 
fraction of a second it takes for them to spin up, they exert a large rearward 
force by friction with the runway. This spin-up force can be as much as half 
the vertical force due to landing. 

When the tire is rotating at the correct speed, the rearward force is re
liev~~ and the gear strut "springs back" forward, overshooting the original 
position and producing a "spring-back" deflection load equal to or greater 
than the spin-up load. 

Another landing-gear load, the braking load, can be estimated by assum
ing a braking coefficient of 0.8. 

. The load on the landing gear during retraction is usually based upon the 
a1rloads plus the assumption that the aircraft is in a 2-g turn. Other landing
gear loads su~h as taxiing and turning are usually of lesser importance, but 
must be considered during detail design of the landing gear and supporting 
structure. 
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14. 7 STRUCTURES FUNDAMENTALS 
Timoshenko's classic 1930 book "Strength of Materials" (Ref. 55) begins 

with this overall description of the action of structural members: 
"We assume that a body consists of small particles, or molecules, be

tween which forces are acting. These molecular forces resist the change in 
the form of the body which external forces tend to produce. If such external 
forces are applied to the body, its particles are displaced and the mutual 
displacements continue until equilibrium is established betwe~n. the external 
and internal forces. It is said in such a case that the body 1s m a state of 

strain." 
Thus a structural member responds to a load by deforming in some 

fashion' until the structure is pushing back with a force equal to the external 
load. The internal forces produced in response to the external load are 
called "stress," and the deformation of the structure is called "strain." 

Figure 14.15 shows the three basic types of _structural loadin~: tension, 
compression, and shear. The meanings of tension and compress1~n ~hould 
be clear from the illustration. Shear may be viewed as a combmat10n of 
forces tending to cause the object to deform into two parts that slide with 
respect to each other. Scissors cut paper by application of shear. Figure 
14 15 also shows the load on a rivet, a typical example of shear. 

Figure 14.16 shows three other types of structural loading. The~e can be 
considered as variations and combinations of tension, compression, and 
shear. Bending due to a load at the end of a beam is a combination of 
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F. 14 15 Three basic structural loadings. 1g. • 
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tension a!1d compression. The top part of the beam in Fig. 14.16 is in 
compression, while the bottom part is in tension. 

~orsion is duet? a combination of forces producing a moment (torque) 
which t~nds to twist the object. Torsion produces tangential shear forces 
that resist the torque. 

Thermal stresses are due to the expansion of materials with an increase in 
temper~ture. If a stru~t1:1ral member is not free at one end, it will push 
agamst its supports as 1t 1s heated. This produces compression loads. Simi
larly, a severe reduction in material temperature will produce tension loads 
unless at least one end is free. 

The ~n~t stress (a or F) is the stress force (P) per unit area [i.e., total 
stress d1v_1ded by ar~a-see E~. (14.14)]. The unit strain (E or e) is the 
deformat10n per umt length [1.e., total strain divided by length-see Eq 
(14.15)]. · 

a=PIA 

E=MIL 

(14.14) 

(14.15) 

!he relationship bet~een stress (load) and strain (deformation) is critically 
1mp?rta_nt to the design of structure. Figure 14.17 illustrates a typical stress
stra~n ~1a~ram for an aluminum alloy. Over most of the stress range the 
stram 1s d1~ectl~ prop<?rtional to the stress (Hooke's Law), with a constant 
?f proport10nahty defmed as Young's Modulus, or the Modulus of Elastic
ity (E) [Eq. (14.16)]. 

E = alE 

p 

p 
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Fig. 14.16 Other structural loadings. 
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Fig. 14.17 Stress-strain diagram. 
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The highest stress level at which the strain is proportional to the stress is 
called the "proportional limit," and stresses less than this value are consid
ered within the "elastic range." Within the elastic range a structure will 
return to its original shape when the load is removed. 

At higher stress levels a permanent deformation ("set") remains when the 
load is removed, as shown by the dotted line on Fig. 14.17. The "yield 
stress" is the stress level at which a substantial permanent set occurs. 

Yield stress is arbitrarily defined as a permanent set of 0.002 in. per inch, 
and is typically only slightly higher than the proportional limit. Above the 
yield stress is called the "inelastic range." 

Within the inelastic range, Hooke's Law is no longer true and the Mod
ulus of Elasticity can no longer be applied to Eq. (14.16) to determine the 
strain for a given stress. However, for some stress calculations it is useful to 
define an artificial modulus called the Tangent Modulus (E1 ), which is the 
slope of the stress-strain curve at a given point in the inelastic range. This 
modulus cannot be applied to Eq. (14.16). The tangent modulus varies with 
stress and strain, and is plotted in qiaterial-property tables such as Ref. 61. 

The "ultimate stress" is the highest stress level the material can with
stand. Ultimate stress goes well past the elastic range. A material subjected 
to its ultimate stress will suffer a large and permanent set. 

For aluminum alloys, ultimate stress is about 1.5 times the yield stress. If 
an aircraft is designed such that the application of a limit load factor causes 
some aluminum structural member to attain its yield stress, then the ulti
mate stress will not be reached until a load factor of 1.5 times the limit load 
factor is applied (i.e., at the design or ultimate load factor). However, when 
the aircraft exceeds its limit load factor some structural elements will be 
permanently deformed and must be repaired after the aircraft lands. 

The "specific strength" of a material is defined as the ultimate stress 
divided by the material density. The "specific stiffness" is defined as the 
modulus of elasticity E divided by the material density. These parameters 
are useful for comparing the suitability of various materials for a given 
application. 
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Fig. 14.18 Composite material stress-strain. 

Not all materials behave like the aluminum alloy of Fig. 14.17. Com
posites such as fiberglass and graphite-epoxy will fracture without warning 
at a stress just past the proportional limit (Ref. 56), as shown in Fig. 14.18. 
These materials do not have a "built in" 1.5 safety factor, so a safety factor 
must be assumed for design purposes. 

Typically a safety factor for composites is assumed by designing to a 
stress level that provides a strain equal to two-thirds (i.e., 1/1.5) of the 
strain at the ultimate stress level. If this stress level is higher than the pro
portional limit, then the proportional limit stress is used for designing to 
limit loads. 

When a material elongates due to a tension load, the cross-sectional area 
decreases as shown in Fig. 14.19 (much exaggerated). Experimentation has 
shown that the ratio of lateral to axial strain is constant within the elastic 
range. This ratio (Poisson's Ratio,µ or v) is approximately 0.3 for steel and 
0.33 for nonferrous materials such as aluminum. 

The deformation due to shear, which was not shown in Fig. 14.15, is 
illustrated in Fig. 14.20. At the top is a bar subjected to a shear loading 
typical for a rivet, with a download and an upload separated by some very 
small distance. These loads are assumed to be provided by loads applied to 
two plates (not shown) that the bar or rivet connects. 
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Fig. 14.20 Shear deformation. 

The deformation of the bar is shown to the right. Shear introduces a kink 
within the material. The deformation is not a change in length, as with 
tension or compression, but instead is an angular deformation (shearing 
strain, or -y). 

The upper-right illustration in Fig. 14.20 cannot be a complete fre~-?ody 
diagram because of the unbalanced moment of the tw_o for~es. ~dditional 
forces must exist to balance this moment. The lower nght figure illustrates 



I 
I, 

I 

354 AIRCRAFT DESIGN 

the total forces on a square element within the "kinked" portion of the bar 
Again, the angle 'Y defines the shearing strain within the bar. The ''unit 
shear stress (7)" is defined in Eq. (14.17). 

These additional balancing forces, horizontal in the example in Fig. 
14.20, are themselves shear forces that must be resisted by the material. For 
a riveted wi?g spar, the. rivets which attach the shear web to the spar caps 
must be designed to resist these shear forces. Similarly, in a wood or com
posite wing box the glue which attaches the upper and lower covers must 
resist these shear forces. 

Note in Fig. 14.2_0 that the transverse deformation (i.e., Y direction) due 
to the _shear stress 1s equal to the longitudinal distance (X direction) from 
!he pomt of no shear, times the shearing strain angle()') in radians, since 'Y 
1s small. 

As with tension or compression, there is a linear relationship between 
shear stress and shear strain provided that the shear force is below the 
proporti?nal limit. The Shear Modulus, or Modulus of Rigidity (G), is 
defmed m Eq. (14.18). Also, it can be shown that the shear modulus is 
~elated to the modulus of elasticity by Poisson's Ratio (Ref. 55), as shown 
m Eq. (14.19). 

7 = P,hear!A 

G = 7/)' 

G = E 
2(1 + µ,) 

14.8 MATERIAL SELECTION 

(14.17) 

(14.18) 

(14.19) 

A number of properties are important to the selection of materials for an 
aircraft. The selection of the "best" material depends upon the application. 
~actors to be considered include yield and ultimate strength, stiffness, den
sity, fracture toughness, fatigue crack resistance, creep, corrosion resis
tance, temperature limits, producibility, repairability, cost, and availability. 

Strength, stiffness, and density have been discussed already. Fracture 
toughness measures the total energy per unit volume required to deflect the 
material to the fracture point, and is equivalent to the area under the stress
strain curve. A ductile material with a large amount of inelastic deforma
tion ~rior ~o fracture will absorb more work energy in fracturing than a 
matenal with the same ultimate stress but with little inelastic deformation 
prior to fracture. 

A m~terial subjected to a repeated cyclic loading will eventually experi
ence f~Iiure at a much lower stress than the ultimate stress. This "fatigue" 
effect 1s largely due to the formation and propagation of cracks and is 
probably the single most common cause of aircraft material failur~. There 
a~e m~ny causes of fatigue, including gust loads, landing impact, and the 
v1brat10ns of the engine and propeller. 

Creep is the tendency of some materials to slowly and permanently de
form under a low but sustained stress. For most aerospace materials, creep 
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is a problem only at elevated temperatures. However, some titaniums, plas
tics, and composites will exhibit creep at room temperatures. ~reep d~for
mation data is presented in materials handbooks as a funct10n of time, 
temperature, and stress loading. . . 

Corrosion of aircraft materials has been a maJor problem sn~ce th7 early 
days of aviation. Aircraft materi:ils are exp~sed t? atmosphenc _m01stu;e, 
salt-water spray, aircraft fuel, mis, hydraulic flmds, batte~y ac1?, engme 
exhaust products, missile plumes, gun gases, ~nd even Ieakmg t~Iiets. 

Furthermore electrically dissimilar matenals such as alummum and 
graphite-epoxy' composite will experience galvanic corros~on in "':hich an 
electrical current is formed that deteriorates the more anodic matenal, con-
verting it into ions or an oxide. . . 

Corrosion of materials is greatly accelerated when the matenals expen
ence a sustained stress level. The corrosion products at the surface tend _to 
form a protective coating that delays further co_rrosion. Whe_n the ~atenal 
is subjected to a tension stress, however, cracks m the protective coatmg are 
formed that accelerate the corrosion. 

Once corrosion begins, it tends to follow cracks opened in the material by 
the stress. This "stress corrosion" can cause fracture at a stress level one
tenth the normal ultimate stress level. For this reason it is important to 
avoid manufacturing processes that leave residual tension stresses. 

Operating temperature can play a major role in determining material 
suitability. Stainless steel or some other high-temperature material must be 
used as a firewall around the engine. For high-speed aircraft, aerodynamic 
heating may determine what materials may be used. Figure 14.21 shows 
typical skin temperatures at speeds of Mach 2.2 and 3.0. 
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The stagnation (total) temperature is the highest possible temperature due 
to aerodynamic heating [Eq. (14.20)]. Actual skin temperatures are difficult 
to calculate because they depend upon the airflow conditions, surface fin
ish, and atmospheric conditions. Figure 14.22 provides a reasonable esti
mate of the expected skin temperatures over most of the airframe. 

I'stagnation = Tambient(l + 0.2M2
) (14.20) 

Producibility and repairability are also important in material selection. 
As a rule, the better the material properties, the more difficult it is to work 
with. 

For example, a major difficulty in the development of the SR-71 was in 
learni?g how to work with the selected titanium alloy. Similarly, composite 
matenals offer a large reduction in weight, but pose problems both in fab
rication and repair. 

Cost is also important in material selection, both for raw material and 
fabrication. The better the material, the more it usually costs. Wood, mild 
steel, and standard aluminums are all relatively inexpensive. Titaniums and 
composites have high cost. 
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Fig. 14.22 Skin temperature estimate. 
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Fig. 14.23 Materials-forebody. 

Another factor to consider is material availability. Titanium and some of 
the materials used to produce high-temperature alloys are obtained from 
unfriendly or unstable countries, and it is possible that the supply may 
someday be cut off. Also, aircraft-quality wood is in fairly short supply. 

Figures 14.23, 14.24, and 14.25 illustrate the materials selected for the 
Rockwell proposal for the X-29. These are typical of current fighter design 
practice. Note the stainless-steel heat shield and nozzle interface and the 
aluminum-honeycomb access doors. In a production fighter, the stretched 
acrylic windshield would be replaced by a bulletproof material. 

14.9 MATERIAL PROPERTIES 
This section covers various commonly-used aircraft materials. Tables of 

representative material properties are at the back of this section. 

Wood 
The Wright Brothers selected spruce as the primary structural material 

for their aircraft, and it remained the material of choice for many years. 
Wood is rarely used today in production aircraft, but it is interesting to note 
that the Chinese have recently selected oak for the heat shield of a re-entry 
vehicle! 

Wood offers good strength-to-weight ratio and is easy to fabricate and 
repair. It is actually much like composite materials in that it has different 
properties in different directions. Wood makes a natural bending beam for 
wing spars because of the lengthwise fibers. 
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Fig. 14.24 Material selection-aft fuselage. 

Fig. 14.25 Wing materials. 
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The wooden Hughes H-4 Hercules Flying Boat was built like a modern 
composite aircraft. Multiple thin plies of wood were placed in molds along 
with a resin glue and subjected to pressure during cure. Ply orientation was 
varied to give specific properties . 

The disadvantages of wood are its sensitivity to moisture and its suscept
ability to rot and insect damage. Wood must be regularly maintained and 
should not be left exposed to the elements. The Hughes H-4 looks virtually 
new today because it was kept in a climate-controlled hangar. Also, wood 
is produced by nature with poor quality control! Each piece of wood is 
unique so it requires craftsman-like skills to manufacture aircraft with 
wood. 

Today wood is used largely in homebuilt and specialty, low-volume pro
duction aircraft. Wood has one additional advantage for homebuilders in 
that almost everyone knows how to saw, drill, and glue wood. However, the 
use of foam core and fiberglass-epoxy has largely replaced wood in home
built aircraft. 

Aluminum 
Aluminum remains by far the most widely used aircraft material. It has 

an excellent strength-to-weight ratio, is readily formed, is of moderate cost, 
and is resistant to chemical corrosion. 

Aluminum is the most abundant metal in the Earth's crust, occurring 
mostly as silicates in clays. Discovered in 1827, it remained an expensive 
novelty until an electrical extraction method was developed in 1885. In 1856 
aluminum cost $90 a pound. By 1935 the cost had dropped to 23 cents per 
pound. Inflation has raised this to several dollars per pound today depend
ing upon its form. 

Being relatively soft, pure aluminum is alloyed with other metals for 
aircraft use. The most common aluminum alloy is "2024 (or 24ST)," some
times called "duralumin." 2024 consists of 93 .50Jo aluminum, 4.4% copper, 
1.5% manganese, and 0.6% magnesium. 

For high-strength applications, the 7075 alloy is widely used. 7075 is 
alloyed with zinc, magnesium, and copper. Since the corrosion resistance is 
lessened by alloying, aluminum sheet is frequently "clad" with a thin layer 
of pure aluminum. Newer alloys such as 7050 and 7010 have improved 
corrosion resistence and strength. 

The strength and stiffness properties of aluminum are affected by the 
form (sheet, plate, bar, extrusion, or forging) and by heat treatment and 
tempering. In general, the stronger the aluminum, the more brittle it is. 

While composite materials are considered the latest state of the art for 
lightweight aircraft structures, there are new aluminum alloys such as alu
minum-lithium that offer nearly the same weight savings and can be formed 
by standard aluminum techniques. Aluminum will remain important in air
craft design for many years to come. 

Steel 
A major early advance in aircraft structures was the adoption of welded 

mild-steel tubing for the fuselage. Previously, aircraft such as the Sopwith 
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Camel had fuselages of wire-braced wood construction that required con
stant maintenance. The steel-tube fuselage, used extensively by Fokker, 
greatly improved strength and required less maintenance. 

Today steel is used for applications requiring high strength and fatigue 
resistance, such as wing attachment fittings. Also, steel is used wherever 
high temperatures are encountered such as for firewalls and engine mounts. 
The Mach 3 XB-70 (Fig. 14.21) was constructed largely of brazed steel 
honeycomb. This material proved strong at high temperatures but was ex
tremely difficult to fabricate. 

Steel is primarily an alloy of iron and carbon, with the carbon adding 
strength to the soft iron. As carbon content increases, strength and brittle
ness increase. Typical steel alloys have about 1 OJo of carbon. Other materials 
such as chromium, molybdenum, nickel, and cobalt are alloyed with steel to 
provide various characteristics. The "stainless steel" alloys are commonly 
used where corrosion resistance is important. 

The properties of steel are strongly influenced by heat treatment and 
tempering. The same alloy can have moderate strength and good ductility or 
can have much higher strength but at the expense of brittleness, depending 
upon the heat treatment and tempering employed. 

Heat treatment begins by raising the temperature of the steel to about 
1400-1600°F, at which point the carbon goes into solid solution with the 
iron. The rate at which the steel is then cooled defines the grain structure 
which determines strength and ductility. ' 

If the steel is slowly cooled by steadily reducing the temperature in the 
furnace ("annealing"), a coarse grain structure is formed and the steel is 
very ductile but weak. This is sometimes done before working with steel to 
make it easier to cut, drill, and bend. 

If the heated steel is allowed to air-cool ("normalized") it becomes much 
stronger but retains good ductility. Welded steel tubing structure is usually 
normalized after all welding is completed to return the steel around the 
welds to the original strength. 

If quenched with water or oil, the steel becomes "martensitic" with a 
needle-like grain structure, great strength, and extreme brittleness. 

To regain some ductility the steel must be "tempered" by reheating it to 
about l000°F for an hour or more. 

Standard heat-treatment and tempering processes are defined in material 
handbooks along with the resulting material properties. 

Steel is very cheap, costing about one-sixth what aluminum does. Steel is 
also easy to fabricate. 

Titanium 

Titanium would seem to be the ideal aerospace material. It has a better 
strength-to-weight ratio and stiffness than aluminum, and is capable of 
temperatures almost as high as steel. Titanium is also corrosion-resistant. 

However, titanium is extremely difficult to form for these same reasons. 
Most titanium alloys must be formed at temperatures over 1000°F and at 
very high forming stresses. 

Also, titanium is seriously affected by any impurities that may be acci
dently introduced during forming. One of the worst impurity elements for 
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"embrittling" titanium is hydrogen, followed by oxygen and nitrogen. 
After forming, titanium must be treated for embrittlement by chemical 
"pickling" or through heat treatment in a controlled environment. 

Titanium is very expensive, costing about five to ten times as much as 
aluminum. Much of the titanium comes from the Soviet Union. 

To handle the aerodynamic heating of Mach 3 + flight, the structure of 
the SR-71 is about 93 OJo titanium. The XB-70 uses a substantial amount of 
titanium in the forebody area. Titanium is extensively used in jet-engine 
components, and is also used in lower-speed aircraft for such high-stress 
airframe components as landing-gear beams and spindles for all-moving 
tails. Because it does not cause galvanic corrosion with graphite-epoxy, 
titanium is sometimes used as the substructure to graphite-epoxy skins. 

Reference 57 gives a more detailed discussion of titanium and its alloys. 

Magnesium 
Magnesium has a good strength-to-weight ratio, tolerates high tempera

tures, and is easily formed, especially by casting, forging, and machining. It 
has been used for engine mounts, wheels, control hinges, brackets, stiffen
ers, fuel tanks, and even wings. However, magnesium is very prone to 
corrosion and must have a protective finish. Furthermore, it is flammable! 

Mil Specs advise against the use of magnesium except to gain significant 
weight savings. Also, magnesium should not be used in areas which are 
difficult to inspect or where the protective finish would be eroded by rain 
(leading edges) or engine exhaust. 

High-Temperature Nickel Alloys 
Inconel, Rene 41, and Hastelloy are high-temperature nickel-based alloys 

suitable for hypersonic aircraft and re-entry vehicles. Inconel was used ex
tensively in the X-15, and Rene 41 was to have been used in the X-20 
Dynasoar. Hastelloy is used primarily in engine parts. 

These alloys are substantially heavier than aluminum or titanium, and are 
difficult to form. For these reasons, the Space Shuttle uses an aluminum 
structure with heat-protective tiles. While a substantially lighter structure 
was obtained, the difficulties experienced with the tiles should be noted by 
the designers of the next-generation shuttle. 

Composites 
The greatest revolution in aircraft structures since the all-aluminum 

Northrop Alpha has been the ongoing adoption of composite materials for 
primary structure. In a typical aircraft part, the direct substitution of 
graphite-epoxy composite for aluminum yields a weight savings of 25 OJo. 

The A V-8B wing is almost entirely made of graphite-epoxy composite, 
and numerous military and commercial aircraft use composites for tails, 
flaps, and doors. The Beech Starship business turboprop is almost entirely 
of composite construction. 

Composites consist of a reinforcing material suspended in a "matrix" 
material that stabilizes the reinforcing material and bonds it to adjacent 
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reinforcing materials. Composite parts are usually molded, and may be 
cured at room conditions or at elevated temperature and pressure for 
greater strength and quality. Figure 14.26 shows the two major composite 
forms, filament-reinforced and whisker-reinforced. 

In the whisker-reinforced composite, short strands of the reinforcing ma
terial are randomly located throughout the matrix. The most common ex
ample of this is chopped fiberglass, which is used for low-cost fabrication 
of boats and fast-food restaurant seats. Whisker reinforcing is sometimes 
used in advanced metal matrix composites such as boron-aluminum. 

Most of the advanced composites used in aircraft structure are of the 
filament reinforced type because of outstanding strength-to-weight ratio. 
Also, filament composites may have their structural properties tailored to 
the expected loads in different directions. 

Metals and whisker-reinforced composites are isotropic, having the same 
material properties in all directions. Filament composites, like wood, are 
strongest in the direction the fibers are running. If a structural element such 
as a spar cap is to carry substantial load in only one direction, all the fibers 
can _be oriented in that direction. This offers a tremendous weight savings. 

Figure 14.27 shows four common arrangements for tailoring fiber orien
tation. In (a), all fibers are aligned with the principle axis so the composite 
has maximum strength in that direction, and has little strength in other 
directions. Arrangement (b) offers strength in the vertical direction as well. 

In (c), the fibers are at 45-deg angles with the principle axis. This provides 
strength in those two directions, and also provides good shear strength in 
the principle-axis direction. For this reason, this arrangement is commonly 
seen in a composite-wing-box shear web. Also, the 45-deg orientation is 
frequently used in structure that must resist torque. 

Arrangement (d) combines (b) and (c), providing alternate layers 
("plies") of fibers at 0-, 45-, and 90-deg orientations. By varying the num
ber of plies at these orientations the designer can obtain virtually any com
~ination of tensile, compression, and shear strength in any desired direc
tions. 

Another ply-orientation scheme uses plies that are 60 deg apart. Com
posites are sometimes designed with completely arbitrary ply directions to 
provide special characteristics. 

CHOPPED FIBER 
OR "WHISKER" 

REINFORCED 

Fig. 14.26 

FIBER 

MATRIX 

FILAMENT, OR 
"FIBER" REINFORCED 

Composite material types. 
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(a) 0° 

(c) ±45° (d) 0°/±45°/90° 

0 -
• -

-¢.Q -0 
Fig. 14.27 Composite ply tailoring. 

Note that an odd number of plies is commonly used. This tends to reduce 
warpage, as has long been known by the make_rs of plyw~od. . 

The common forms of fiber used in composite product10n are shown m 
Fig. 14.28. The chopped form is simply spra~ed or pr~ssed into the mold. 
Unidirectional tape comes on large rolls and 1s placed m the m_old by hand 
or by a robotic tape-laying machine. Tape is usually pre-impregnated 
("prepreg") with the matrix material. 

LOOSE BATTING 

CHOPPED 

UNIDIRECTIONAL 
FABRIC 

Fig. 14.28 

UNIDIRECTIONAL TAPE 

BIDIRECTIONAL 
FABRIC 

Composite production forms. 
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Fabrics may be bidirectional, with fibers running at O and 90 deg, or 
unidirectional, with the fibers running in one direction. (A few fibers run at 
90 deg to bind the fabric together.) Fabrics may also be prepreg. Fabrics are 
sometimes called "broadgoods." 

Prepreg tape and fabric is typically about 0.005-0.01 in. thick per ply. 
In another form of composite, the individual filaments are wound around 

plugs to form shapes such as missile bodies and golf club shafts. This is 
called "filamP.nt-wound" construction. 

There are a number of fiber and matnx matenals used in composite 
aircraft structure. Fiberglass with an epoxy-resin matrix has been used for 
years for such nonstructural components as radomes and minor fairings. 
More recently, fiberglass-epoxy has been used by homebuilders. 

While fiberglass-epoxy has good strength characteristics, its excessive 
flexibility (tensile E) prevents its use in highly loaded structure in commer
cial or military aircraft. However, it is cheap and easy to form, and is 
suitable for some applications. 

The most commonly used advanced composite is graphite-epoxy, called 
"carbon-fiber composite" by the British who developed it. Graphite-epoxy 
composite has excellent strength-to-weight ratio and is not difficult to mold. 
It is substantially more expensive than aluminum at the present time 
(roughly 20 times), but unlike metals, little material is wasted in manufac
turing operations such as milling and cutting from flat patterns. 

Boron-epoxy was developed in the U.S. and initially used for complete 
part fabrication. An F-111 horizontal tail and F-4 rudder were built of 
boron-epoxy. However, boron-epoxy costs over four times as much as 
graphite-epoxy, so boron is used today largely to provide additional stiff
ness to graphite-epoxy parts, especially in compression. 

Aramid, sold under the trade name "Kevlar," is used with an epoxy 
matrix in lightly-loaded applications. Aramid has a low compression 
strength, but exhibits much more gradual failure than other composites 
(i.e., less brittle). A graphite-aramid-epoxy hybrid composite offers more 
ductility than pure graphite-epoxy. It is used in the Boeing 757 for fairings 
and landing-gear doors. 

Composites using epoxy as the matrix are limited to maximum tempera
tures of about 350°F, and normally aren't used in applications where tem
peratures will exceed 260°F. For higher-temperature applications, several 
advanced matrix materials are in development. The polyimide resins show 
great promise. One polyimide, bismaleimide (BMI), shows good strength at 
350°F. A material called polymide shows good strength at up to 600°F, but 
is difficult to process. 

The matrix materials described above are all "thermoset" resins, chemi
cal mixtures which "cure," producing a change in the material's chemistry 
at the molecular level upon the application of heat. The thermoset process 
is not reversable. If the composite part is heated up again the thermosetting 
matrix does not revert to a liquid state. 

In contrast, a "thermoplastic" matrix material does not undergo a chem
ical change when heated. It merely "runs," and can be heated up again and 
reformed. This offers a huge advantage for repairing damaged parts com-
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pared to the thermoset composites. Much like the plastics used in model 
airplanes, thermoplastic materials can be readily formed with heat. 

Thermoplastic materials under study for use as the matrix in aircraft 
structures include polyester, acrylic, polycarbonate, phenoxy, and poly
ethersulfone. Thermoplastic matrix materials can be used with the same 
fiber materials (graphite, boron, etc.) as the thermoset composites. Ther
moplastics are still in development, but will be available for the next major 
aircraft development. 

For higher-temperature, high-strength applications, "metal-matrix com
posites" are in development. These use aluminum or titanium as the matrix 
with boron, silicon carbide, or aramid as the fiber. 

Composite materials offer impressive weight savings, but have problems 
too, one problem being a reluctance to accept concentrated loads. Joints 
and fittings must be used that smoothly spread the concentrated load out 
over the composite part. If a component such as a fuselage or wing has a 
large number of cutouts and doors, the fittings to spread out those concen
trated loads may eliminate the weight savings. 

The strength of a composite is affected by moisture content, cure cycle, 
temperature exposure, ultraviolet exposure, and the exact ratio of fiber to 
matrix. These are difficult to control and every composite part will proba
bly have slightly different properties. Manufacturing voids are difficult to 
avoid or detect, and the scrapage rate for composite parts can be excessively 
high. 

Furthermore, composites are difficult to repair because of the need to 
match strength and stiffness characteristics. A patch that is weak is obvi-

HONEYCOMB CORE - FOAM CORE 

Fig. 14.29 Sandwich construction. 
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Table 14.3 Typical metal properties (room temperature) 

Temp 
Material Density limit F1u F1y Fey Fsu E 

lb/in. 3 'F 103 psi 103 psi 103 psi 103 psi 106 psi 

Steel 
Aircraft steel (5 Cr-Mo-V) 0.281 1000 260 220 240 155 30 
Low carbon steel (AISI 1025) 0.284 900 55 36 36 35 29 
Low alloy steel (D6AC-wrought) 0.283 1000 220 190 198 132 29 
Chrom-moly steel (AISI 4130) 

sheet, plate, & tubing 0.283 900 90 70 70 54 29 
wrought 0.283 900 180 163 173 108 29 

Stainless steel (AM-350) 0.282 800 185 150 158 120 29 
Stainless (PH 15-7 Mo-sheet 

& plate) 0.277 600 190 170 179 123 29 

Aluminum 
Aluminum-2017 0.101 250 55 32 32 33 10.4 
Clad 2024 (24 st)-(sheet & plate) 0.100 250 61 45 37 37 10.7 

extrusions 0.100 250 70 52 49 34 10.8 
Clad 7178-T6 (78 st) 

-(sheet & plate) 0.102 250 80 71 71 48 10.3 
extrusions 0.102 250 84 76 75 42 10.4 

Clad 7075-T6-(sheet) 0.101 250 72 64 63 43 10.3 
(forgings) 0.101 250 74 63 66 43 10.0 
(extrusions) 0.101 250 81 72 72 42 10.4 

Magnesium 

Magnesium-HK 31A 0.0674 700 34 24 22 23 6.5 
-HM21A 0.0640 800 30 21 17 19 6.5 

Table 14.3 (continued) Typical metal properties (room temperature) 

Temp 
Material Density limit Ftu F1y Fey Fsu E 

lb/in. 3 'F 103 psi 103 psi 103 psi 103 psi 106 psi 

Titanium 

Titanium-Ti-6Al-4V 0.160 750 160 145 154 100 16.0 
-Ti-13V-l !Cr-3Al 0.174 600- 170 160 162 105 15.5 

1000 

High temperature nickel 
alloys 

Inconel X-750 0.300 1000- 155 100 100 IOI 31.0 
1500 

Rene41 0.298 1200- 168 127 135 107 31.6 
1800 

Hastelloy B 0.334 1400 100 45 30.8 

G 
106 psi 
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ously undesirable, but one that is overstrong can cause excessive deflection 
on adjoining areas, which can lead to fracture. Proper repair of an impor
tant composite part requires running a computer program to insure that the 
repaired part will match the original design specifications. 

The properties of a composite material are not simply the algebraic sum 
of the properties of the individual ply layers. Although a simple summation 
provides a rough approximation of the total material properties, actual 
material properties must be calculated using tensor calculus equations, such 
as are outlined in Ref. 58. Furthermore, extensive coupon testing is required 
to determine design allowables for the selected materials and ply orienta
tion. Introductions to composites are provided in Refs. 59 and 83. 

Sandwich Construction 

While not properly classed a "material," sandwich construction has spe
cial characteristics and is very important to aircraft design. A structural 
sandwich is composed of two "face sheets" bonded to and separated by a 
"core" (Fig. 14.29). 

The face sheets can be of any material, but are typically aluminum, fiber
glass-epoxy, or graphite-epoxy. The core is usually an aluminum or pheno
lic honeycomb material for commercial and military aircraft, but various 
types of rigid foam are used as the core in some cases. Many homebuilt 
aircraft today are constructed of foam-core sandwich with fiberglass com
posite skins. 

In a sandwich, the face sheets carry most of the tension and compression 
loads due to bending. The core carries most of the shear loads as well as the 
compression loads perpendicular to the skin. As with composites, joints and 
fittings are a problem with sandwich construction. Analysis of sandwich 
construction is discussed in Ref. 60. 

Material-Property Tables 

Tables 14.3, 14.4, and 14.5 provide typical material properties for various 
metals, composites, and woods. Note that these are typical values only, and 

Table 14.4 Typical composite material properues (room temperature) 

Fiber Fiber Temp. 
orien- % Density limit F1u(L) F1u(T) Feu(L) 

Material tation volume lb/in3 'F 103 psi 103 psi 103 psi 

High-strength 

(±~5 
60 0.056 350 180.0 8.0 180.0 

Graphite/ epoxy 60 0.056 350 23.2 23.2 23.9 
High-modulus 

( ±~5 
60 0.056 350 110.0 4.0 100 

Graphite/ epoxy 60 0.058 350 16.9 16.9 18 
Boron/epoxy 0 50 0.073 350 195 10.4 353 
Graphite/polyimide 0 204 4.85 111 
S-Fiberglass/ epoxy 0 0.074 350 219 7.4 73.9 
E-Fiberglass/ epoxy 0 45 0.071 350 105 10.2 69 
Aramid/ epoxy 0 60 .052 350 200 4.3 40 

L - Longitudinal direction; T = transverse direction; F;,u = interlaminate shear 
stress (ultimate); t = tension; c = compression. 
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that actual material properties for use in detail design should be obtained 
from the producer or from a specification document such as Ref. 61. 

For example, Ref. 61 contains 68 pages of design data on 2024 aluminum 
alone, covering many different forms, heat treatments, tempering, gauges, 
etc. The values for 2024 in Table 14.3 are merely typical, suitable for rough 
estimates and student design projects. 

14.10 STRUCTURAL-ANAL VSIS FUNDAMENTALS 
The following sections will introduce the key equations for structural 

analysis of aircraft components. Derivations will not be presented as they 
are available in many references, such as 54, 55, and 60. 

Properties of Sections 
A number of geometric properties of cross sections are repeatedly used in 

structural calculations. Three of the most important-centroid, moment of 
inertia and radius of gyration-are discussed below. Note that the cross 
sectio~s of interest in tension and compression calculations are perpendicu
lar to the stress, while in shear calculations they are in the plane of the 
shearing stress. 

X = Ex; dA; 
e A 

Y, = Ey; dA; 
e A 

(14.21) 

(14.22) 

The "centroid" of a cross section is the geometric center, or the point at 
which a flat cutout of the cross-section shape would balance. The coordi
nates of the centroid (Xe, Ye) of an arbitrary shape (Fig. 14.30) are found 
from Eqs. (14.21) and (14.22). A symmetrical cross section always has its 
centroid on the axis of symmetry and if a cross section is symmetric in two 
directions, the centroid is at the intersection of the two axes of symmetry. 

Table 14.4 (contd.) Typical composite material properties (room temperature) 

Fcu(T) Fsu(LT) Fisu Etu (L) E1u(T) E 1(L) E 1(T) Ec(L) Ec(T) G(LT) 

103 psi 103 psi 103psi in/in in/in 106 psi 106 psi 106 psi 106 psi 106 psi 

30.0 12 13 0.0087 0.0048 21.00 1.70 21.00 1.70 0.65 
23.9 65.5 0.022 0.022 2.34 2.34 2.34 2.34 5.52 
20 9.0 10 0.0046 0.0025 25.00 1.70 25.00 1.70 0.65 
18 43.2 0.012 0.012 2.38 2.38 2.38 2.38 6.46 
40 15.3 13 0.0065 0.004 30 2.7 30 2.7 0.70 

18.5 8.5 0.0036 20 1.35 17.4 1.4 0.84 

22.4 11 7.70 2.70 6.80 2.5 
33 7.9 0.025 0.019 4.23 1.82 4.43 1.8 0.51 

20 9 0.018 0.006 11 0.8 11 0.8 0.3 
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Table 14.5 Wood properties (ANC-5) 

Perpendicular Parallel 
Parallel to grain to grain to grain ~ Density F1u F1y Fcu Fey Fcu Fs E JJ lb/in3 103 psi 103 psi 103 psi 103 psi 103 psi 103 psi 106 psi (') 

JJ Ash 0.024 14.8 8.9 7.0 5.3 2.3 1.4 1.46 > 
"Tl Birch 0.026 15.5 9.5 7.3 5.5 1.6 1.3 1.78 -i African 
0 mahogony 0.019 10.8 7.9 5.7 4.3 1.4 1.0 1.28 m Douglas fir 0.020 11.5 8.0 7.0 5.6 1.3 0.8 1.70 U> Western pine 0.016 9.3 6.0 5.3 4.2 0.8 0.6 1.31 G5 Spruce 0.016 9.4 6.2 5.0 4.0 0.8 0.7 1.30 z 
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A "centroidal axis" is any axis that passes through the centroid. An axis 
of symmetry is always a centroidal axis. 

Centroids for simple shapes are provided in Table 14.6. The centroid of 
a complex shape built up from simple shapes can be determined using Eqs. 
(14.21) and (14.22) using the centroids and areas of the simple shapes. 

The moment of inertia I is a difficult-to-define parameter that appears in 
bending and buckling equations. Moment of inertia can be viewed as the 
cross section's resistance to rotation about some axis, assuming that the 
cross-sectional shape has unit mass. Moment of inertia is the sum of the 
elemental areas times the square of the distance to the selected axis [Eqs. 
(14.23) and (14.24)), and has units of length to the fourth power. 

The polar moment of inertia (J or Ip) is the moment of inertia about an 
axis perpendicular to the cross section [Eq. (14.25)]; J is important in tor
sion calculations. 

Ix= f.yf dA; 

Iy = f.xf dA; 

Ip = J = f.r/ dA; = Ix + Iy 

(14.23) 

(14.24) 

(14.25) 

Structural calculations usually require the moments of inertia about cen
troidal axes. Table 14.6 provides moments of inertia for simple shapes 
about their own centroidal axis. For a complex built-up shape, the com
bined centroid must be determined, then Eqs. (14.26) and (14.27) can be 
used to transfer the moments of inertia of the simple shapes to the com
bined centroidal axes. The "f" terms are the x and y distances from the 
simple shapes' centroidal axes to the new axes (see Fig. 14.30, bottom). 

Once the simple shapes' moments of inertia are transferred to the com
bined centroidal axes, the moments of inertia are added to determine the 
combined moment of inertia (Ix and Iy). The new J is determined from the 
new Ix and Iy using Eq. (14.25): 

(14.26) 

(14.27) 

The radius of gyration p is the distance from the centroidal axis to a point 
at which the same moment of inertia would be obtained if all of the cross
sectional area were concentrated at that point. By Eq. (14.23), the moment 
of inertia is the total cross-sectional area times p squared; so p is obtained 
as follows: 

p = '117A (14.28) 

The main use of p is in column-buckling analysis. Also, the p values in 
Table 14.6 can be used to approximate I for the given shapes. 

Other cross-sectional properties such as the product of inertia and the 
principal axes will not be used in this overview of structures. See Refs. 60, 
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Fig. 14.30 Section property definitions. 

54, or other structures textbooks for more information about section prop
erties. 

Tension 
Tension, the easiest stress to analyze, is simply the applied load divided 

by the cross-sectional area [Eq. (14.14), repeated below as Eq. (14.29)]. The 
shape of the cross section is unimportant in most cases. 

The appropriate cross section is the smallest area in the loaded part. For 
example, if the part has rivet or bolt holes the smallest cross-sectional area 
will probably be where the holes are located, because the areas of the holes 
are not included for tensional calculations. 

Usually the relevant cross section is perpendicular to the load. If a line of 
holes forms a natural "zipper" at an angle off the perpendicular, the part 
may fail there if the cross-sectional area along the "zipper" line is less than 
the smallest perpendicular cross section. 

a=PIA (14.29) 

Remember that the stress level at the limit load should be equal to or less 
(han the yield stress or, for composite materials, the stress level correspond
ing to a strain of two-thirds of the ultimate strain. 
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Compression 
The compression stress is also given by Eq. (14.29) (load divided by area). 

For the determination of the limit stress, this equation can only be applied 
to parts that are very short compared to cross-sectional dimensions (such as 
fittings) or to parts which are laterally constrained (such as spar caps and 
sandwich face sheets). Long unconstrained members in compression, called 
"columns" or "struts," are discussed below. 

For short or laterally constrained parts in compression, the ultimate com
pressive strength is usually assumed to equal the tensile value. For ductile 
metals this is a conservative assumption as they never actually fail, but 
merely "squish" out and support the load by the increased area. 

Rivet and bolt holes are included in the cross-sectional area calculation 
for compression because the rivets or bolts can carry compressive loads. 

Columns in compression usually fail at a load well below that given by 
applying the ultimate stress to Eq. (14.29). Columns in compression fail 
either by "primary buckling" or by "local buckling." 

An important parameter is the column's "slenderness ratio": the 
column's effective length Le divided by the cross-sectional radius of gyra
tion [Eq. (14.30)). The effective length of a column is determined by the end 
connections (pinned, fixed, or free) as shown in Fig. 14.31. 

Slenderness Ratio: Le = ~ 
P vl/A 

(14.30) 

When you push down on an upright yardstick, the middle part bends 
outward in a direction perpendicular to the load. This bending action pro
duces internal stresses much greater than the direct compression stress due 
to the applied load, and is called "primary column buckling." If the bend-
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ing action after buckling involves stresses below the proportional limit, the 
column is said to experience "elastic buckling." 

The highest compression load that will not cause this elastic column buck
ling-the so-called "Euler load," or critical load Pc-will be determined 
from the Euler column equation [Eq. (14.31)). The resulting compressive 
stress is found from Eq. (14.32). 

Note in Eq. (14.31) that the total load a column can carry without buck
ling does not depend upon either the cross-sectional area or the ultimate 
compressive stress of the material! Only the column's effective length, its 
cross-sectional moment of inertia, and the material's modulus of elasticity 
affect the buckling load if the column is long. 

(14.31) 

(14.32) 

The buckling stresses of Eq. (14.32) are failure stresses and do not have 
any margin of safety. For design purposes the limit loads should be re
duced, usually to two-thirds of these values. 

A column with an open or highly irregular cross section may fail at a 
lower load due to cross sectional twisting or deformation. Methods for 
analysis of such members can be found in Refs. 60 and 83. 

Equation (14.31) implies that, as column length is reduced to zero, the 
Euler load goes to infinity. However, the compression stresses experienced 
due to bending in a buckled column are much greater than the applied load 
would directly produce. At some point as column length is reduced the 
internal compressive stresses produced at the onset of buckling will exceed 
the proportional limit and the column will no longer be experiencing elastic 
buckling. This has the effect of reducing the buckling load compared to the 
Euler load. 

The "critical slenderness ratio" defines the shortest length at which elas
tic buckling occurs. At a lower slenderness ratio, the stresses at buckling 
exceed the proportional limit. The column experiences "inelastic buckling" 
so the Euler equation cannot be used as shown. The critical slenderness 
ratio depends upon the material used. It is about 77 for 2024 aluminum, 51 
for 7075 aluminum, 91.5 for 4130 steel, and 59-76 for alloy steel depending 
upon heat treatment. Most columns used in aircraft are below these critical 
slenderness values, so the elastic Euler equation cannot usually be used in 
aircraft column analysis. 

The buckling load for inelastic buckling can be determined by Eq. 
(14.32), with one modification. The modulus of elasticity must be replaced 
by the tangent modulus, described previously. As the tangent modulus is a 
function of the stress, iteration is required to find the buckling load for a 
particular column. However, handbook graphs such as Fig. 14.32 are usu
a:lly used for design (see Refs. 60 and 61). 
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Fig. 14.32 Column buckling loads (round tubing). 

As discussed at the beginning of this section, a very short "column" 
experiences pure compression without any danger of primary column buck
ling. This is sometimes called "block compression." The compression yield 
value is used as the limit load, providing a cutoff value for the buckling load 
of a short column with either a solid cross section or with relatively thick 
walls (structural tubing). A column can usually be considered in block com
pression if the slenderness ratio is less than about 12. 

When you step on an upright soda can, it fails in a form of local buckling 
called "crippling," in which the walls of the cross section collapse without 
warning, and the load-carrying ability drops to virtually zero. This is typical 
for short columns with very thin walls. Methods for estimation of thin-wall 
crippling are found in Ref. 60. A rough estimate for the crippling stress of 
a thin-wall cylindrical tube is shown in Eq. (14.33), where t is the wall 
thickness and R is the radius. 

Fcrippling = 0.3(Et/R) (14.33) 

A flat sheet or panel under compression fails by buckling in a manner 
similar to a column. The buckling load [Eq. (14.34)) depends upon the 
length (a) in the load direction, the width (b), the thickness, and the manner 
in which the sides are constrained. 

Clamped sides cannot rotate about their axis, and provide the greatest 
strength. Simply-supported sides are equivalent to a pinned end on a 
column, and can rotate about their axis but cannot bend perpendicularly. A 
free side can rotate and bend perpendicularly and provides the least 
strength. 

Figure 14.33 provides the buckling coefficient K for Eq. (14.34) based 
upon panel length to width ratio and end constraints. Most aircraft panels 
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are clamped, but with some flexibility to rotate about the side axes. AK 
value between the clamped and simply-supported values should be used in 
such a case. 

Fbuckling = KE(t/b )2 (14.34) 

Truss Analysis 

A truss is a structural arrangement in which the structural members 
(struts) carry only compression or tension loads ("columns" and "ties"). In 
the ideal truss, the struts are weightless and connected by frictionless pins. 
No loads are applied except at the pins, and no moments are applied any
where. These ideal assumptions guarantee that the struts carry only com
pression or tension. 

The strut loads calculated with these ideal assumptions are called "pri
mary truss loads.'' Additional loads such as those caused by the attachment 
of an aircraft component to the middle of a strut must be calculated sepa
rately and added to the primary load during analysis of each individual 
strut. The impact of rigid welded connections in a typical aircraft applica-
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tion is considered only in the definition of effective length in the column
buckling equation (see Fig. 14.31). 

Truss structure was used extensively in welded steel-tube fuselages. Today 
the truss structure is largely used in piston-engine motor mounts, the ribs of 
large aircraft, and landing gear. 

Figure i4.34 shows a typical truss structure, a light aircraft motor mount. 
For illustration purposes this will be analyzed as if it were a two-dimen
sional truss with only the three struts shown. Analysis of three-dimensional 
"space structures" will be discussed later. 

The bottom of Fig. 14.34 shows an equivalent truss that includes the lines 
of force to the e.g. of the engine, and the vertical resisting forces due to the 
rigid attachment of the fuselage and engine to the truss. This equivalent 
truss can be solved by several methods. 

The most general truss solution, the "method of joints," relies upon the 
fact that at each joint of the truss, the sums of the vertical and horizontal 
forces must each total zero. 

To obtain a solution from the two equations (vertical and horizontal), the 
solution must begin at and always proceed to a joint with only two un
known struts. The method usually begins at a free joint with an applied 
external load, in this case at the engine load. 

Figure 14.35 shows the forces at the joints. All the forces are shown as 
radiating outward from the joints so that a positive force is a tension and a 
negative force is a compression. 

When summing forces at a joint, the positive or negative force is added 
to the sum if it is up (when summing vertical forces) or to the right (when 
summing horizontal forces), and subtracted if down or to the left. Confu
sion about the appropriate sign is the most common error in truss analysis 
(the author did joint three wrong the first time!). 

FUSELAGE 

nWENGINE = 4,000 lb 

2 50 4 

'1,.'1,.,, I I , u :--',;! .... 20=:::::::::~s1r===:::::::::~l\30 

4,000 lb s 
Fig. 14.34 Typical truss structu,e. 
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JOINT 1 

ffu =O=FACOS 27+Fe cos 27 
ff y =O=F A SIN 27-Fe SIN 27-4000 
FA =4400 (T) 
Fe= -4400 (C) 

2 
JOINT 2 

EF H = 0 = F c - FA C0:3 27 
EF v = 0 = - FD - FA SIN 27 
Fe =3919 (T) 
F0 =-2000(C) 

JOINT 3 

EFu =O=FE cos 22+FFCOS 11-Fe cos 27 
ff y =O=Fo +Fe SIN 27 + FE SIN 22-FF SIN 11 

Fo FE =5775 (T) 
FF= - 9463 (C) 

Fig. 14.35 Method of joints. 

Joint one is at the engine's e.g .. The unknown forces Fa and Fb must react 
the engine load of 4000 lb. Solving the equations shown yields Fa of 4400 lb 
(tension) and Fb of -4400 lb (compression). 

Selection of the next joint to analyze depends upon the number of un
known struts. At joint three, there are three unknown struts at this time, so 
we select joint two. Solving the equations yields Fe of 3919 lb (tension). Fd 
is found to be - 2000 lb, a compression load on the engine due to the motor 
mount. If this load is in excess of what the engine can withstand, a vertical 
motor-mount strut should be welded between joints two and three. 

At joint three there are now only two unknown strut loads. Solving the 
equations yields Fe of 5775 lb (tension) and Fi of -9463 lb (compression). 

In some cases a quicker method can be employed to determine the forces 
in selected struts without having to solve the whole truss as in the method 
of joints. This quicker method is actually two methods, the "method of 
moments" for the upper and lower struts and the "method of shears" for 
the inner struts. 

The top illustration of Fig. 14.36 shows the use of the method of mo
ments to solve the force in the top strut of the motor mount. The whole 
structure is replaced by two rigid bodies connected by a pin, with rotation 
about the pin prevented by the unknown force in the strut under analysis. 
The moments about the pin are readily summed and solved for the un
known strut force, which is found to be 3919 lb. 

A similar technique is shown in the middle illustration for the lowe~ strut, 
which has a load of 9463 lbs. Note that this technique, where applicable, 
allows direct solution for the desired unknown forces. 
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4,000 

EM= 0 = -19.6 (4000) + 20 Fe 
Fe =3919.2 

l:M=O= -69.6 (4000)-30 Fy COSll 
Fy = -9463 

l:F H = 0 = 3919.2 +FE COS22 + ( - 9463) COS 11 
FE =5775 

l:Fv = 0= -4000+FE SIN 22-(-9463) SIN 11 
FE =5775 

Fig. 14.36 Method of moments/method of shears. 

The lower illustration of Fig. 14.36 shows the use of the method of shears 
to solve for the inner strut. This method involves severing the structure 
along a plane which cuts only three members, the upper and lower strut and 
the inner strut under analysis. 

The severed part of the structure is analyzed as a free body, summing 
either the vertical and horizontal forces, which must total zero. Note that by 
calculating the unknown strut force both ways (vertical and horizontal sum
mation), a check of your result can be made. This example gives a result of 
5775 lb. 

These methods are only applicable if the truss structure is "statically 
determinate." In general, a truss is statically determinate if every strut can 
be cut by some plane that cuts only two other struts. This insures that there 
is always a joint with only two unknown struts, permitting solution by the 
method of joints. For "indeterminate" trusses, more complicated methods 
based upon deflection analysis must be used (see Refs. 54 and 60). 

Once the loads in each member of the truss are known, the struts can be 
analyzed using the equations presented above for tension or compression. 
Use the appropriate effective length for welded, riveted, or bolted columns 
from Fig. 14.31. To provide an extra margin of safety, it is customary to 
assume that welded steel-tube motor mounts act as though the ends were 
pinned (Le = L ). 

The 3-D trusses, or "space structures," are solved similarly to the 2-D 
truss. Square cross section 3-D trusses, such as a typical welded-tube fuse
lage, can sometimes be solved separately in side view and top view as 2-D 
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structures. The resulting strut loads are then summed for the various mem
bers. This is permitted provided that the combined loads on all struts are 
within the elastic range. 

For more complicated 3-D trusses, the method of joints can be applied 
using three equations and three unknown strut loads. This involves simulta
neous solution of equations, e.g., with a simple computer iteration pro
gram. In some cases the moments about some selected point can be used to 
obtain the solution with less effort. Space structures are discussed in detail 
in Ref. 54. 

Beam Shear and Bending 
A common problem in aircraft design is the estimation of the shear and 

bending stresses in the wing spars or fuselage. This is a two-step process. 
First, the shear and bending moment distributions must be determined; then 
the resulting stresses must be found. 

Figure 14.37 shows a simple beam with a distributed vertical load. The 
beam is shown cut to depict internal forces. The right side of the beam being 
a free body, the sum of the vertical forces and the sum of the moments must 
equal zero. 

If the severed part of the beam is to remain in vertical equilibrium, the 
externally applied vertical forces must be opposed by a vertical shear force 
within the cross section of the material, as shown. Thus, for any span 
station the shear force is simply the sum of the vertical loads outboard of 
that station, or the integral of a distributed load. 

SUPPORT SHEAR 
REACTION 

SUPPORT 
MOMENT 

REACTION MOMENT REACTION 
DUE TO SPANWISE 

COMPRESSION AND 
TENSION 

Fig. 14.37 Shear and moment in beams. 
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Fig. 14.38 Wing loads, shear, and bending moment. 

The moments produced by the vertical loads must be balanced by a mo
ment at the cut cross section. This moment is equal to the summation of the 
discrete loads times their distance from the cut station, or the integral of a 
distributed load with respect to the distance from the cut. 

Figure 14.38 shows the typical loads on a wing. This shows the critical 
case of a rolling pullup, with the additional lift load of full aileron deflec
tion. The lift and wing-weight loads are distributed, while the nacelle weight 
is concentrated. Remember that wing and nacelle weights are multiplied by 
the aircraft load factor to determine the load on the wing. 

The easiest way to calculate the shear and moment distribution along a 
wing is to replace the distributed loads (lift and wing weight) by concen
trated loads. The lift distribution can be determined with Schrenk's Ap
proximation, described above. The wing weight will be determined in the 
next chapter, and can be assumed to be distributed proportional to the 
chord length. 

Figure 14.39 shows the trapezoidal approximation for a distributed load, 
giving the total equivalent force and the spanwise location of that force. 
About ten to twenty spanwise stations will provide an accurate enough 
approximation for initial design purposes. 

Once the distributed loads are replaced by concentrated loads, determina
tion of the shear and bending moment distributions is easy. The shear at 
each span station is the sum of the vertical loads outboard of that station. 
The shear is found by starting at the wing tip and working inward, adding 
the load at each station to the total of the outboard stations. 

The bending moment can be found for each span station by multiplying 
the load at each outboard station times its distance from the span station. 
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However, it is easier to graphically integrate by starting at the tip and 
working inward, adding to the total the area under the shear distribution at 
that station. 

Referring back to Fig. 14.37, the bending moment at a cross-sectional cut 
is opposed by a combination of tension and compression forces in the 
spanwise direction. For a positive bending moment such as shown, the 
internal forces produce compression on the upper part of the beam and 
tension on the lower part. The vertical location in the beam at which there 
is no spanwise force due to bending is called the "neutral axis," and is at the 
centroid of the cross-sectional shape. 

As long as the stresses remain within the elastic limit, the stresses vary 
linearly with vertical distance from the neutral axis regardless of the cross
sectional shape. These compression or tension stresses are found from Eq. 
(14.35) (for derivation, see Ref. 55), where Mis the bending moment at the 
spanwise location and z is the vertical distance from the neutral axis. The 
maximum stresses due to bending are at the upper and lower surfaces. 

ax= Mz!ly (14.35) 

The vertical shear stresses within a beam are not evenly distributed from 
top to bottom of the cross section, so the maximum shear stress within the 
material can not be calculated simply as the total shear divided by the cross
sectional area. 

Referring back to Fig. 14.20, it should be remembered that the vertical 
shear stresses on an element are balanced by and equal to the horizontal 
shear stresses. One cannot exist without the other. Therefore, the vertical 
shear distribution must be related to the horizontal shears in the beam. 

Figure 14.40 shows a beam in bending, with the vertical distribution of 
compression and tension stresses. The total horizontal force on any element 
is the horizontal stress at the element's vertical location times the elemental 
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Fig. 14.39 Trapezoidal approximation for distributed loads. 
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area. If this beam is split lengthwise as shown, the upper section has only 
leftward forces, so a shear force must be exerted along the cut. 

This shear force must be the sum of the horizontal stresses times the 
elemental areas above the cut. This reaches a maximum at the neutral axis. 
At the upper and lower surfaces, this shear force is zero. 

The bottom of Fig. 14.40 shows the resulting vertical distribution of shear 
forces, expressed as magnitude toward the right. (Don't be confused by this 
presentation; the shear forces are exerted in a vertical direction, but we 
show the magnitude to the right to illustrate the distribution of magnitude 
from top to bottom.) 

V 1h12 
7 = bl Z dA 

Y zl 
(14.36) 

Equation (14.36) describes this mathematically, where the integral term 
represents the area above the cut located at z = z1• Note that the distribution 
of shear stresses depends upon the shape of the cross section. For a beam of 
rectangular cross section, the maximum shearing stress (at the neutral axis) 
is 1.5 times the averaged shearing stress (total shear divided by cross-sec
tional area). For a solid circular cross section, the maximum shearing stress 
is 1.33 times the averaged value. 

Figure 14.41 shows a typical aircraft wing spar consisting of thick "spar 
caps" separated by a thin "shear web." The cross-sectional area of the 
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Fig. 14.40 Relationship between shear and bending. 
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shear web is insignificant compared to the area of the spar caps, so the caps 
absorb virtually all of the bending force (stress times area). The shear stress 
depends upon the cross-sectional area above the point of interest, and is 
therefore essentially constant within the thin shear web, as shown to the 
right. 

In aircraft wing spar analysis it is common to assume that the caps absorb 
all of the bending stresses and that the web (extended to the full depth of the 
spar) absorbs all of the shear. This is shown at the bottom of Fig. 14.41. It 
is also assumed that the shear is constant within the web and therefore the 
maximum shear stress equals the average shear stress (shear divided by web 
area). 

The shear web will fail in buckling long before the material maximum 
shear stress is reached. Equation (14.37) defines the critical buckling shear 
stress for a shear web. The value of K is obtained from Fig. 14.42. 

F,hear buckle= KE(t/b )2 (14.37) 

Braced-Wing Analysis 
A wing braced with a strut will have the bending moments greatly reduced 

compared to a fully cantilevered wing. However, the analysis is more com
plex because of the spanwise compression loads exerted upon the wing by 
the strut. This can increase the bending moment by as much as a third 
compared to an analysis that ignores this compression effect. 
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Fig. 14.41 Typical aircraft spar in bending and shear. 
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area. If this beam is split lengthwise as shown, the upper section has only 
leftward forces, so a shear force must be exerted along the cut. 

This shear force must be the sum of the horizontal stresses times the 
elemental areas above the cut. This reaches a maximum at the neutral axis. 
At the upper and lower surfaces, this shear force is zero. 

The bottom of Fig. 14.40 shows the resulting vertical distribution of shear 
forces, expressed as magnitude toward the right. (Don't be confused by this 
presentation; the shear forces are exerted in a vertical direction, but we 
show the magnitude to the right to illustrate the distribution of magnitude 
from top to bottom.) 

V 1h12 
7 = bl Z dA 

Y zl 
(14.36) 

Equation (14.36) describes this mathematically, where the integral term 
represents the area above the cut located at z = z1• Note that the distribution 
of shear stresses depends upon the shape of the cross section. For a beam of 
rectangular cross section, the maximum shearing stress (at the neutral axis) 
is 1.5 times the averaged shearing stress (total shear divided by cross-sec
tional area). For a solid circular cross section, the maximum shearing stress 
is 1.33 times the averaged value. 

Figure 14.41 shows a typical aircraft wing spar consisting of thick "spar 
caps" separated by a thin "shear web." The cross-sectional area of the 
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shear web is insignificant compared to the area of the spar caps, so the caps 
absorb virtually all of the bending force (stress times area). The shear stress 
depends upon the cross-sectional area above the point of interest, and is 
therefore essentially constant within the thin shear web, as shown to the 
right. 

In aircraft wing spar analysis it is common to assume that the caps absorb 
all of the bending stresses and that the web (extended to the full depth of the 
spar) absorbs all of the shear. This is shown at the bottom of Fig. 14.41. It 
is also assumed that the shear is constant within the web and therefore the 
maximum shear stress equals the average shear stress (shear divided by web 
area). 

The shear web will fail in buckling long before the material maximum 
shear stress is reached. Equation (14.37) defines the critical buckling shear 
stress for a shear web. The value of K is obtained from Fig. 14.42. 

F,hear buckle= KE(t/b )2 (14.37) 

Braced-Wing Analysis 
A wing braced with a strut will have the bending moments greatly reduced 

compared to a fully cantilevered wing. However, the analysis is more com
plex because of the spanwise compression loads exerted upon the wing by 
the strut. This can increase the bending moment by as much as a third 
compared to an analysis that ignores this compression effect. 
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Fig. 14.42 Shear web buckling. (NACA TN3781) 

Figure 14.43 shows a typical braced wing. The compression load Pis the 
horizontal component of the force on the strut (S). The vertical component 
of S is found from summing the moments about the pin at the wing root, 
using the equivalent concentrated lift loads as discussed earlier. 

The shear loads of the braced wing are analyzed as before, taking into 
account the large concentrated vertical load of the strut. The bending mo
ment must be analyzed with special equations provided below. 

The portion of the wing outboard of the strut is analyzed as before, and 
the bending moment at the strut location is determined (M2). The root 
bending moment (M1) is usually zero unless the hinge point is above or 
below the neutral axis, causing a bending moment due to the compression 
load P. 

The lift distribution on the portion of the wing inboard of the strut must 
be approximated by a uniform load distribution (w). This is usually area
sonable approximation inboard of the strut. The following equations de
scribe bending-moment distribution, maximum bending moment, and span
wise location of the maximum bending moment (Ref. 60): 

M(x) = C1 sin(x/j) + C2 cos(xlj) + wj2 (14.38) 
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_ D1 + wj2 
Mmax - cos(xlj) 

(14.39) 

tan(~m) = 
D2 - D 1 cos(Llj) (14.40) 

D 1 sin (Llj) 

where 

j = .JEIIP 
(14.41) 

C1= 
D2 - D 1 cos(Llj) (14.42) 

sin(L/j) 

·2 
C2 = D1 = M1 - WJ 

(14.43) 

·2 D2=M2-WJ 
(14.44) 

Torsion · T 
Figure 14.44 shows a solid circular shaft in torsion. The ap~hed ~ri~he 

a twistin deformation <I> that depends upon the engt o . 
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Fig. 14.43 Braced wing analysis. 
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radians is determined from Eq. (14.46). These equations also apply to circu
lar tubing under torsion, using the appropriate value of Ip as provided 
previously. 

7 = Tr/Ip 

c/> = TL/Gip 

(14.45) 

(14.46) 

For a noncircular member under torsion, the analysis is generally much 
more complex. Several special cases can be readily solved. A thin-walled, 
closed cross-sectional member with constant wall thickness t, total cross
sectional area A, and cross-sectional perimeter s has shear stress and angu
lar deflection as defined by Eqs. (14.47) and (14.48). 

7 = T/2At (14.47) 

TL( s ) c/>=o 4A 2t (14.48) 

~olid rectangular members may be analyzed with Eqs. (14.49) and (14.50) 
usmg the values from Table 14. 7, where tis the thickness of the member and 

1.00 1.50 

0.208 0.231 

0.141 0.196 

I 
I 

I 
I 

I 
I ......, 

I 
I 

I 
I INTERNAL SHEAR 

STRESSES 

Fig. 14.44 Solid circular shaft in torsion. 

Table 14.7 Torsion constants 

1.75 2.00 2.50 3.00 4 6 8 
0.239 0.246 0.258 0.267 0.282 0.299 0.307 
0.214 0.229 0.249 0.263 0.281 0.299 0.307 

10 CXl 

0.313 0.3: 

0.313 0.3: 
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b is its width. These equations may also be applied to members bent up 
from flat sheet metal by "unwrapping" the member to find the total effec
tive width. 

(14.49) 

TL 
c/> = (3bt 3G (14.50) 

Analysis of the torsional stresses in a complex shape such as a multicelled 
wing box goes beyond the scope of this book. See Ref. 60 for a discussion 
of such analysis. 

14.11 FINITE-ELEMENT STRUCTURAL ANALYSIS 
The structural-analysis methods described above, along with extensive 

handbooks and nomograms, have been used for many years for aircraft 
structural design. Today these methods are a dying art. Instead, virtually all 
major structural analysis is now performed using finite-element computer 
programs. Even today's homebuilders have access to finite-element pro
grams using personal computers that are as powerful as the mainframe 
computers of the 1960's. 

The Finite Element Method (FEM) is based upon the concept of breaking 
the structure of the aircraft into numerous small "elements," much like the 
gridding of the air-mass for CFD. Equations describing the structural be
havior of these finite elements are prepared using various approximations 
of the end-constraints and deflection shapes for the element. 

BAR OR 
BEAM 

SOLID 
TETRAHEDRON 

. Fig. 14.45 Typical finite elements. 

TRIANGULAR 
PLATE 

-~-

RECTANGULAR 
PLATE 

SOLID RING 
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/FE? 

22° 
'----++----::~J- .11' 

-....FF 

4,000 

EM= 0 = -19.6 (4000) + 20 Fe 
Fe =3919.2 

l:M=O= -69.6 (4000)-30 Fy COSll 
Fy = -9463 

l:F H = 0 = 3919.2 +FE COS22 + ( - 9463) COS 11 
FE =5775 

l:Fv = 0= -4000+FE SIN 22-(-9463) SIN 11 
FE =5775 

Fig. 14.36 Method of moments/method of shears. 

The lower illustration of Fig. 14.36 shows the use of the method of shears 
to solve for the inner strut. This method involves severing the structure 
along a plane which cuts only three members, the upper and lower strut and 
the inner strut under analysis. 

The severed part of the structure is analyzed as a free body, summing 
either the vertical and horizontal forces, which must total zero. Note that by 
calculating the unknown strut force both ways (vertical and horizontal sum
mation), a check of your result can be made. This example gives a result of 
5775 lb. 

These methods are only applicable if the truss structure is "statically 
determinate." In general, a truss is statically determinate if every strut can 
be cut by some plane that cuts only two other struts. This insures that there 
is always a joint with only two unknown struts, permitting solution by the 
method of joints. For "indeterminate" trusses, more complicated methods 
based upon deflection analysis must be used (see Refs. 54 and 60). 

Once the loads in each member of the truss are known, the struts can be 
analyzed using the equations presented above for tension or compression. 
Use the appropriate effective length for welded, riveted, or bolted columns 
from Fig. 14.31. To provide an extra margin of safety, it is customary to 
assume that welded steel-tube motor mounts act as though the ends were 
pinned (Le = L ). 

The 3-D trusses, or "space structures," are solved similarly to the 2-D 
truss. Square cross section 3-D trusses, such as a typical welded-tube fuse
lage, can sometimes be solved separately in side view and top view as 2-D 
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structures. The resulting strut loads are then summed for the various mem
bers. This is permitted provided that the combined loads on all struts are 
within the elastic range. 

For more complicated 3-D trusses, the method of joints can be applied 
using three equations and three unknown strut loads. This involves simulta
neous solution of equations, e.g., with a simple computer iteration pro
gram. In some cases the moments about some selected point can be used to 
obtain the solution with less effort. Space structures are discussed in detail 
in Ref. 54. 

Beam Shear and Bending 
A common problem in aircraft design is the estimation of the shear and 

bending stresses in the wing spars or fuselage. This is a two-step process. 
First, the shear and bending moment distributions must be determined; then 
the resulting stresses must be found. 

Figure 14.37 shows a simple beam with a distributed vertical load. The 
beam is shown cut to depict internal forces. The right side of the beam being 
a free body, the sum of the vertical forces and the sum of the moments must 
equal zero. 

If the severed part of the beam is to remain in vertical equilibrium, the 
externally applied vertical forces must be opposed by a vertical shear force 
within the cross section of the material, as shown. Thus, for any span 
station the shear force is simply the sum of the vertical loads outboard of 
that station, or the integral of a distributed load. 

SUPPORT SHEAR 
REACTION 

SUPPORT 
MOMENT 

REACTION MOMENT REACTION 
DUE TO SPANWISE 

COMPRESSION AND 
TENSION 

Fig. 14.37 Shear and moment in beams. 

SHEAR 

MOMENT 
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The element equations are then linked together using matrix algebra so 
that the entire structure's response to a given external loading condition can 
be determined. The huge size of the matrices used for FEM analysis requires 
computers for solution of all but the most trivial cases. 

Figure 14.45 illustrates the more commonly used finite elements. The 
aircraft structure must be modeled as a connected collection of one or more 
of these finite-element shapes. 

Selection of which element type to use is a matter of engineering judg
ment. Unfortunately, the selection of the element type can influence the 
results. Also, the selection of the size of the elements requires experience. 
As a general rule, the size of the elements should be reduced anywhere that 
the stress is expected to vary greatly. An example of this would be in the 
vicinity of a corner. 

Figure 14.46 shows an FEM example in which the major structural mem
bers of a propfan research aircraft are modeled using the rectangular-plate 
finite element. As is the case for CFD gridding, the modeling of a complex 
structure for FEM analysis can be very time-consuming. 

Detailed derivations of the equations for the various finite-element types 
shown in Fig. 14.45 are beyond the scope of this book (see Refs. 84 and 85). 

NACELLE 

AFT 
FUSELAGE 

Fig. 14.46 Typical finite element model. (Courtesy Lockheed) 
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A simple example, the one-dimensional (1-D) bar, will be developed to 
illustrate the principles involved. 

Figure 14.47 depicts a simple 1-D bar element with end-loadings P1 and 
P2 , and end-deflections u1 and u2• For a static structural analysis, P1 must 
equal the negative of P 2 , although this is not true in a dynamic analysis. The 
cross-sectional area of the bar is shown as A. Note that while this example 
is a 1-D case, the deflected position is depicted slightly offset for clarity. 

The strain 1; is defined earlier in this chapter as the change in length 
divided by the original length L, as shown in Eq. (14.51). The stress a is 
defined as the load divided by the cross-sectional area, and Young's Mod
ulus E is defined as the stress divided by the strain. This results in Eq. 
(14.52). 

or 

1; = (u1 - U2)IL 

E = a/1; = (P/A)/[(u1 - u2)/L] 

EA 
p =-(U1-U2) 

L 

(14.51) 

(14.52) 

(14.53) 

Applying a load P 1 yields Eq. (14.54). Similarly, applying a load P2 re
sults in Eq. (14.55). The change in signs of the deflections in Eq. (14.55) is 
due to the assumed directions of the two loads as drawn in the figure. 

(14.54) 

EA 
P2 = L ( - U1 + U2) (14.55) 

Equations (14.54) and (14.55) can be combined into matrix form as 
shown in Eqs. (14.56) and (14.57). The k matrix is called the "stiffness 
matrix" because it relates the amount of deflection to the applied loads. 
The values within the k matrix are called "stiffness coefficients." 

The u matrix containing the deflection terms is called the "displacement 
vector.'' The P matrix is the '' force vector.'' (Letters other than P and u are 

r L ~ ·· -C c-----E,--------------cJ-r) · ·, 
w--------------------r----~ 
~ ~ 

Fig. 14.47 Simple 1-D bar element. 
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frequently used for these terms, but for some reason k is almost always used 
for the stiffness matrix.) 

(14.56) 

{PJ = (k] {u) (14.57) 

The values E, A, and L are known, so the stiffness matrix is known. By 
inverting the stiffness matrix, the deflections can be found for any loading 
condition. 

This simple example could easily be solved by classical structure tech
niques. The power of FEM is in the assemblage of numerous finite ele
ments. 

Figure 14.48 shows a two-element assemblage using the 1-D bar element 
developed above. Two bars of different length and cross-sectional area are 
connected. The point where two (or more) finite elements are connected is 
called a "node" and is distinguished by the fact that at a node, the displace
ments of the connected finite elements are the same. Thus, u

2 
represents 

both the displacement of the right end of the first element and the displace
ment of the left end of the second element. 

From Eq. (14.56), the matrix equations for the left- and right-side ele
ments can be written as Eqs. (14.58) and (14.59). 

(14.58) 

(14.59) 

Now the matrices can be assembled by merging the element matrices. This 
is shown in Eq. (14.60). Note that the "overlapping" terms at the node 
result from the nodal condition of identical deflection (u

2 
in this case). 

These overlapping terms are added in forming the assembled matrix. 

Fig. 14.48 1-D bar FEM assembly. 
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(14.60) 

This completes the FEM development for this example. The re~aini~g 
work is strictly computation based upon the actual values of the vanables m 
a given design problem. For example, Fig. 14.49 shows a two-bar structure 
in which the right side attaches to a wall, loads are as shown, and the 
dimensional and material values are as indicated. This produces the follow-

ingr ;:J l(~!s\1~67) ((3~//1b?? (-9.2°x 106)1 r~:J (14.61) 

l_P3 = L O (-9.2 X 106
) (9.2 X 106

) l U3 

The 3 x 3 stiffness matrix in Eq. (14.61) can be inverted to find the 
deflections for any loading. This would first require determining the un
known wall-reaction load P3. 

Alternatively, we can simplify the FEM matrix solution by noting that the 
deflection at the wall u3 is zero, so we can eliminate the th~rd row and ~he 
third column from the matrix. This produces Eq. (14.62) with a 2 X 2 stiff
ness matrix. 

\0.093/ = \ U1/ 
( 0.077 J ( u2J 

(14.62) 

(14.63) 

(14.64) 

12 in. ---.i~,---- 14 in. -----..... 

A 1 =28 in.2 

A2 =12 in. 2 

H 
U2 

ALUMINUM: E= 10.7x 106 psi 

Fig. 14.49 FEM example. 
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In _Eq .. (14.63) we have found the inverse of the reduced k matrix. By 
substit~tmg ~he actual values of the loadings p we determine the deflections 
as provided m Eq. (14.64). We can then use the deflections of the nodes to 
solve for the stram and stress, as follows: 

EJ = (0.093 - 0.077)/12 = 0.0013 

E2 = (0.077 - 0)/14 = 0.0055 

a1 = 14,267 psi 

a2 = 58,850 psi 

(14.65) 

(14.66) 

(14.67) 

(14.68) 

This 1-D exam?le _does not illustrate the complications caused by 3-D 
~eo~etry. For th_is simple example the deflections at the nodes produce 
identical c~ange~ m the length of the bars. Were the bars connected at some 
angle, the identic~l n~dal _deflections would produce different changes in 
bar lengths. Matnx duection-cosine terms must be used to keep track of 
these 3-D effects. 

Most finite-el:ment analyses use surface elements rather than simple bar 
eleme~ts. The tnangle element shown in Fig. 14.45 is typical, and allows a 
complicated structure to be broken into numerous connected elements. 
These ele~ents are. assumed to be connected at the nodes (corners) where 
the deflect10ns are identical. 

Equations are. prepar~d in matrix form describing how each element 
r:spond~ to loadmg~ at i~s no_des. The element stiffness matrices are com
bmed usmg a~propnate duect10n cosine terms to account for 3-D geometry 
and ~he combmed matrix is inverted to solve for the deflections for a give~ 
loadmg. 

Fo_r dynamic analysis, mass. and damping terms are developed using 
matnx me!hods. These greatly mcrease the number of inputs required for 
the analysis. 

Fortunately, working structural engineers do not need to develop their 
own FEM program every time they wish to analyze a structure. There are 
numerous "canned" FEM programs available, ranging from simple per
sonal-~omputer ones to million-line programs. 

The mdustry-standard FEM program is the "NASTRAN (NAs STR _ 
tural ANalysis)" program, developed years ago for NASA and \onti:~
ously enh~nced both by NASA and various private companies. NASTRAN 
~andles vutually everything, but requires substantial experience to insure 
t at the ~esults are meaningful. However, for complex structural analysis 
some vanant of NASTRAN will probably be in use for many years to come'. 

15.1 INTRODUCTION 

15 
WEIGHTS 

The estimation of the weight of a conceptual aircraft is a critical part of 
the design process. The weights engineer interfaces with all other engineer
ing groups, and serves as the "referee" during the design evolution. 

Weights analysis per se does not form part of the aerospace engineering 
curriculum at most universities. It requires a broad background in aero
space structures, mechanical engineering, statistics, and other engineering 
disciplines. 

There are many levels of weights analysis. Previous chapters have pre
sented crude statistical techniques for estimating the empty weight for a 
given takeoff weight. These techniques estimate the empty weight directly 
and are only suitable for "first-pass" analysis. 

More sophisticated weights methods estimate the weight of the various 
components of the aircraft and then sum for the total empty weight. In this 
chapter, two levels of component weights analysis will be presented. 

The first is a crude component buildup based upon planform areas, 
wetted areas, and percents of gross weight. This technique is useful for 
initial balance calculations and can be used to check the results of the more 
detailed statistical methods. 

The second uses detailed statistical equations for the various components. 
This technique is sufficiently detailed to provide a credible estimate of the 
weights of the major component groups. Those weights are usually reported 
in groupings as defined by MIL-STD-1374, or some similar groupings de
fined by company practice. MIL-STD-1374 goes into exhaustive detail (taxi 
lights, for example!), but at the conceptual level the weights are reported via 
a "Summary Group Weight Statement." A typical summary format ap
pears as Table 15.1, where the empty weight groups are further classified 
into three major groupings (structure, propulsion, and equipment). 

The structures group consists of the load-carrying components of the 
aircraft. Note that it includes the inlet (air-induction-system) weight, as well 
as the nacelle (engine-section) weight including motor mounts and firewall 
provisions-despite their obvious relationship to the engine. The propulsion 
group contains only the engine-related equipment such as starters, exhaust, 
etc. The as-installed engine includes the propeller, if any. 

Armament is broken down into fixed items, which are in the equipment 
groups, and expendable items, which are in the useful load. Sometimes a 
judgement call is required. For example, a gun may be considered to be 

. fixed equipment, or it may be viewed as readily removable and unimportant 
to flight and therefore a part of the useful load. 

395 
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The takeoff gross weight-the sum of the empty weight and the useful 
load-reflects the weight at takeoff for the normal design mission. The 
flight design gross weight represents the aircraft weight at which the struc
ture will withstand the design load factors. Usually this is the same as the 
takeoff weight, but some aircraft are designed assuming that maximum 
loads will not be reached until the aircraft has taken off and climbed to 
altitude, burning off some fuel in the process. 

"DCPR" stands for "Defense Contractors Planning Report." The 
DCPR weight is important for cost estimation, and can be viewed as the 

Table 15.1 Group weight format 

Group 

STRUCTURES GROUP 

Wing 
Tail-horizontal/ canard 

vertical 
ventral 

Body 
Alighting gear-main 

auxiliary 
arresting gear 
catapult gear 

Nacelle/engine section 
Air induction system 

PROPULSION GROUP 

Engine-as installed 
Accessory gearbox and drive 
Exhaust system 
Cooling provisions 
Engine controls 
Starting system 
Fuel system/tanks 

Group 

EQUIPMENT GROUP 

Flight controls 
APU 
Instruments 
Hydraulic 
Pneumatic 
Electrical 
Avionics 
Armament 
Furnishings 
Air conditioning/ECS 
Anti-icing 
Photographic 
Load and handling 

TOTAL WEIGHT EMPTY 

USEFUL LOAD GROUP 

Crew 
Fuel-usable 

-trapped 
Oil 
Passengers 
Cargo/baggage 
Guns 
Ammunition 
Pylons and racks 
Expendable weapons 
Flares/ chaff 

TAKEOFF GROSS WEIGHT 

Flight design gross weight 
Landing design gross weight 
DCPR weight 
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weight of the parts of the aircraft that the manufacturer makes, as opposed 
to buys and installs. DCPR weight equals the empty weight less the weights 
of the wheels, brakes, tires, engines, starters, cooling fluids, fuel bladders, 
instruments, batteries, electrical power supplies/converters, avionics, arma
ment, fire-control systems, air conditioning, and auxiliary power unit. 
DCPR weight is also referred to as "AMPR" weight (Aeronautical Manu
facturers Planning Report). 

In a Group Weight Statement, the distance to the weight datum (arbitrary 
reference point) is included, and the resulting moment is calculated. These 
are summed and divided by the total weight to determine the actual center
of-gravity (e.g.) location. The e.g. varies during flight as fuel is burned off 
and weapons expended. 

To determine if the e.g. remains within the limits established by an air
craft stability and control analysis, a "c.g.-envelope" plot is prepared (Fig. 
15.1). 

The e.g. must remain within the specified limits as fuel is burned, and 
whether or not the weapons are expended. It is permissible to "sequence" 
the fuel tanks, selecting to burn fuel from different tanks at different times 
to keep the e.g. within limits. However, an automated fuel-management 
system must be used, and that imposes additional cost and complexity. 

Note that the allowable limits on the e.g. vary with Mach number. At 
supersonic speeds the aerodynamic center moves rearward, so the forward
e.g. limit may have to move rearward to allow longitudinal trim at super
sonic speeds. However, the aft-c.g. limit is often established by the size of 
the vertical tail, which loses effectiveness at supersonic speeds. This pre
vents moving the aft limit rearwards at supersonic speeds, forcing a very 
narrow band of allowable limits. 

GROSS WEIGHT 
TAKEOFF 

C.G. LOCATION, OJo M.A.C. 
FROM DATUM 

Fig. 15.1 C.G. envelope diagram. 
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15.2 APPROXIMATE GROUP WEIGHTS METHOD 
Early in design it is desirable to do a rough e.g. estimate. Otherwise, 

substantial rework may be required after the e.g. is properly estimated. A 
rough e.g. estimate can be done with a crude statistical approach as pro
vided in Table 15.2. 

The wing and tail weights are determined from historical values for the 
weight per square foot of exposed planform area. The fuselage is similarly 
based upon its wetted area. The landing gear is estimated as a fraction of the 
takeoff gross weight. The installed engine weight is a multiple of the unin
stalled engine weight. Finally, a catch-all weight for the remaining items of 
the empty weight is estimated as a fraction of the takeoff gross weight. 

This technique also applies the approximate locations of the component 
e.g. as given in Table 15.2. The resulting e.g. estimate can then be compared 
to the desired e.g. location with respect to the wing aerodynamic center. 
Also, these approximate component weights can be used as a check of the 
more detailed statistical equations provided below. 

15.3 STATISTICAL GROUP WEIGHTS METHOD 
A more refined estimate of the group weights applies statistical equations 

based upon sophisticated regression analysis. Development of these equa
tions represents a major effort, and each company develops its own equa-
tions. 

To acquire a statistical database for these equations, weights engineers 
must obtain group-weight statements and detailed aircraft drawings for as 
many current aircraft as possible. This sometimes requires weights engi
neers to trade group-weight statements much like baseball cards ("I'll trade 
you a T-45 for an F-16 and a C-5B"!) 

The equations presented below typify those used in conceptual design by 
the major airframe companies, and cover fighter/attack, transport, and 
general-aviation aircraft. They have been taken from Refs. 62-64 and other 
sources. Definitions of the terms follow the equations. 

It should be understood that there are no "right" answers in weights 
estimation until the first aircraft flies. However, these equations should 
provide a reasonable estimate of the group weights. Other, similar weights 
equations may be found in Refs. 10, 11, and 23. It's a good idea to calculate 
the weight of each component using several different equations and then 
select an average, reasonable result. 

Reference 11 tabulates group-weight statements for a number of aircraft. 
These can also be used to help select a reasonable weight estimate for the 
components by comparing the component weights as a fraction of the 
empty weight for a similar aircraft. 

Table 15.3 tabulates various miscellaneous weights. 
When the component weights are estimated using these or similar meth

ods, they are tabulated in a format similar to that of Table 15.1 and are 
summed to determine the empty weight. Since the payload and crew weights 
are known, the fuel weight must be adjusted to yield the as-drawn take

. off weight that is the sum of the empty, payload, crew, and fuel weights. If 
the empty weight is higher than expected, there may be insufficient fuel to 
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Table 15.3 Miscellaneous weights (approximate) 

Missiles 

Harpoon (AGM-84 A) 
Phoenix (AIM-54 A) 
Sparrow (AIM-7) 
Sidewinder (AIM-9) 
Pylon and launcher 

M61 Gun 

Gun 
940 rds ammunition 

Seats 

Flight deck 
Passenger 
Troop 

Instruments 

Altimeter, airspeed, accelerometer, rate of 
climb, clock, compass, turn & bank, 
Mach, tachometer, manifold pressure, etc. 

Gyro horizon, directional gyro 
Heads-up display 

Lavatories 

Long range aircraft 
Short range aircraft 
Business/ executive aircraft 

Arresting gear 

Air Force-type 
Navy-type 

Catapult gear 

Navy carrier-based 

Folding Wing 

Navy carrier based 

1200 lb 
1000 lb 
500 lb 
200 lb 

.12 W missile 

250 lb 
550 lb 

60 lb 
32 lb 
11 lb 

1-2 lb each 
4-6 lb each 

40 lb 

1.11 Nbls{ 
0.31 Nb;.;; 
3.90 Nbls{ 

.06 wwing 
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complete the design mission. This must be corrected by resizing and opti
mizing the aircraft as described in Chapter 19, not by simply increasing fuel 
weight for the as-drawn aircraft (which would invalidate the component 
weight predictions that were based on the as-drawn takeoff weight). 

Fighter/Attack Weights 

X (1 + A)0·05 (cosAt1.o S2,: 

( 
p )-2.0 (W, N)o.260 

Whorizonta1 tail= 3.316 1 + B: loboz sgi806 

w. _ O 499K w:9.35 No.2s L o.s Do.s49 wo.6ss fuselage - • dwf dg z 

W K v (W,N)o.2sLo.913 main landing = cb'"tpg I I m 
gear 

W - ( w.1\T )o.290L o.sNo.s2s 
nose landing - µ ~ I n nw 
gear 

W O 013 N.o.195,.-,{)_519N 
engine = · en 1 - z 
mounts 

Wfirewall = 1.13 Srw 

Wengi_ne = 0.01 w';n717Nerlvz 
section 

W 13 29K L o.643Ko.1s2N.1.49s(L IL )--0.313D air induction = · vg d d en s d e 
system 

where Kd and Ls are from Fig. 15.2. 

JViaiipipe = 3.5DeLtpNen 

Wengine = 4.55DeL,~en 
cooling 

(15.1) 

(15.2) 

(15.3) 

(15.4) 

(15 .5) 

(15 .6) 

(15.7) 

(15.8) 

(15.9) 

(15.10) 

(15.11) 

(15.12) 
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K 0 = 1.0 K0 = 1.31 

OD 
K 0 =2.2 K 0 =2.75 

®61EB 
Ko=l.68 K 0 =3.43 
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SPLIT DUCT 

INLET FRONT FACE ENGINE 
FRONT 
FACE 

~ Fig. 15.2 Inlet duct geometry. 
K 0 =2.6 

Wail cooling = 3 7. 82 N A.,°23 
(15.13) 

Wengine = 10.5N.,1/08L2/22 
controls (15.14) 

wstarter = 0.025 T,/·760fv2;,_72 
(pneumatic) (15.15) 

Wrue1 system = 7 .45 V?-47 (1 + V;)---0.09s (1 + Yp)N9.<>66N2_.os2 (T · SFC)0·249 
and tanks V; V; 1 en 1000 

(15.16) 

Wrnght = 36.28Mo.oo3S2/89~.4s4~.121 
controls (15.17) 

~nstruments = 8.0 + 36.37 N2n676N'/·237 + 26.4(1 + Nc;)l.356 (15.18) 

JViiydraulics = 37 .23 KvshN2° 664 
(15.19) 

W.1ectrical = 172 2K RkO.ISlNO.IOLO.IOArll.091 • me va c a lVien (15.20) 

W..vionics = 2.117 »'i?a~33 
(15.21) 
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Wrurnishings = 217 .6Nc 

Wair conditioning= 201.6[(Wuav + 200 Nc)/1000]0·735 
and anti-ice 

Whandling = 3. 2 X 10--4 Wdg 
gear 

Cargo/Transport Weights 

w. 0 0379K (1 + F /B )---0.25w:0.639NO.I050.75L-l.0 horizontal = • uht w h dg z ht t 
tail 

X KJ·704(cosAhtr1.0Af166 (1 + Se!Sht)°- 1 

w: . = 0 0026(1 + H /H )o.22sw,9-ss6No.s36L ---0.s8 0.sKo.s1s 
vertical • t v dg z t vt z 
tail 

"'° sssNo.2sLo.4No.321N---0.s ~-' Wmainlanding = 0.0106KmpW/" / m mw mss stall 
gear 

_ O 032 K wo.646No.2L o.sNo.4s Wnose landing - • np I I n nw 
gear 

wnacelle = 0.6724KngN2/0N~.294Nt' 19 wi/11Ni/84S~·224 

group (includes air induction) 

Wengine = 5.0Nen + 0.80Lec 
controls 

(
N w: )o.s41 

Wstarter . = 49 .19 lOOOen 
(pneumatic) 

Wruel = 2.405 v?·606 (1 + V;IV;tl.0(1 + Yp/V,)N,°-5 

system 
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(15.22) 

(15.23) 

(15.24) 

(15.25) 

(15.26) 

(15.27) 

(15.28) 

(15.29) 

(15.30) 

(15.31) 

(15.32) 

(15.33) 

(15.34) 
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Wflight = 145.9Nj554 (1 + NmlN1t1.0S~·20 (Iy X 10-{j)°-07 
controls 

WAPU = 2.2 WAPU 
installed uninstalled 

Wiiydraulics = 0.2673N1(Lj + Bw)°-937 

Wavionics = 1. 73 w,?,;~83 

UT O 0577 "rO. l u r0.393S0. 75 n furnishings = , 1 V c YI' c 'f 

Wair = 62.36A72·25 (Yp,!1000)0·604 w,?,;t0 
conditioning 

Wanti-ice = 0.002 Wdg 

Whandling = 3, 0 X 10-4 Wdg 
gear 

Wmilit"'Y cargo = 2.4 X (cargo floor area, ft2) 
handling system 

General-Aviation Weights 

(15.35) 

(15.36) 

(15.37) 

(15.38) 

(15.39) 

(15.40) 

(15.41) 

(15.42) 

(15.43) 

(15.44) 

(15.45) 

Wwin = 0.036S0.1ssw.o.003s(~)o.6qo.006Ao.04(100 tic)· -o.3(N W )o.49 
g w rw cos2A cosA z ctg 

(15.46) 

w . = 0 016(N w )°'414q0.16Bs0,896(100 t/c)-0.12 
~~;IZontal . z dg ht cosA 

X --- A --0.02 ( 
A )o.043 

cos2Aht h (15.47) 

WEIGHTS 

( H) (100 t/c)-o.4
9 W . = 0_073 l + 0_2_!. (NW )o.316qo.,228 0.s13 __ _ 

vert,ca1 H z ctg vt cosA 
~ V W 

( 
A )o.3s1 0.039 

X ~A Av, cos Vt 

W -O 052 s1.os6(N W )o.mL -o.os, (L/D)-o.onqo.241 + W 
fuselage - • '.f z dg t press 

Wmain landing= 0.095 (N1W,)°·16s(Lm112)°'409 
gear 

Wnose landing = 0.125 (Ni Wt )°.566(Ln/ 12)°'845 
gear 

Winstalled engine= 2.575 w.?/22
Nen 

(total) 

_ .726 N0.242NO.l57 
( 

1 
)

0.363 
Wruel system - 2.49 v? 1 + V;/v; 1 en 

w. - 0 053L l.536B0.37t (N w; X 10-4)0.so flight - . w z dg 
controls 

Whydraulics = 0.001 Wdg 

W.tectrical = 12.57 ( Wruel system + Wavionics)°-51 

Wavionics = 2.117 w,?,;~33 

W _ 0 265 ur0.52N0.68W',?,.)7. MO.OS 
air conditioning - • rY cig p av1omcs 
and anti-ice 

Wrurnishings = 0.0582 Wctg - 65 

Weights Equations Terminology 
A = aspect ratio 
Bh = horizontal tail span, ft 
Bw = wing span, ft 
D = fuselage structural depth, ft 
De = engine diameter, ft 
Fw = fuselage width at horizontal tail intersection, ft 
H 1 = horizontal tail height above fuselage, ft 
H 11Hv = 0.0 for conventional tail; 1.0 for "T" tail 
Hv = vertical tail height above fuselage, ft 
fy = yawing moment of inertia, lb-ft2 (see Chap. 16) 
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(15.48) 

(15.49) 

(15.50) 

(15.51) 

(15.52) 

(15.53) 

(15.54) 

(15.55) 

(15.56) 

(15.57) 

(15.58) 

(15.59) 
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Kmp 
Kng 
Knp 
KP 
K, 
K,ht 
K,p 
Krpg 
K,, 
Kuh, 
Kvg 
Kvs 
Kv,h 
Kw, 
Ky 
Kz 
L 
La 
Ld 
Lee 
L1 
Lm 
Ln 
Ls 
L,h 
L, 
L,p 
M 
Ne 

Ne; 

Nen 

N1 
Ngen 

N, 
Nu 
Nm 
Nmss 
Nmw 
Nnw 

AIRCRAFT DESIGN 
= 2.25 for cross-beam (F-111) gear; = 1.0 otherwise 
= duct constant (see Fig. 15.2) 
= 1.0 if no cargo door; = 1.06 if one side cargo door; = 1.12 

if two side cargo doors; = 1.12 if aft clamshell door; = 1.25 if 
two side cargo doors and aft clamshell door 

= 0. 768 for delta wing; = 1.0 otherwise 
= 0.774 for delta wing aircraft;= 1.0 otherwise 
= 1.12 if fuselage-mounted main landing gear;= 1.0 otherwise 
= 1.45 if mission completion required after failure; = 1.0 

otherwise 
= 1.126 for kneeling gear;= 1.0 otherwise 
= 1.017 for pylon-mounted nacelle; = 1.0 otherwise 
= 1.15 for kneeling gear;= 1.0 otherwise 
= 1.4 for engine with propeller or 1.0 otherwise 
= 1.133 if reciprocating engine; = 1.0 otherwise 
= 1.047 for rolling tail; = 1.0 otherwise 
= 0. 793 if turboprop; = 1.0 otherwise 
= 0.826 for tripod (A-7) gear; = 1.0 otherwise 
= 1.18 for jet with thrust reverser or 1.0 otherwise 
= 1.143 for unit (all-moving) horizontal tail; = 1.0 otherwise 
= 1.62 for variable geometry; = 1.0 otherwise 
= 1.19 for variable sweep wing; = 1.0 otherwise 
= 1.425 if variable sweep wing; = 1.0 otherwise 
= 0. 75[1 + 2A)/(l + A)] (Bw tanA/ L) 
= aircraft pitching radius of gyration, ft ( = 0.3L,) 
= aircraft yawing radius of gyration, ft ( = L,) 
= fuselage structural length, ft (excludes radome, tail cap) 
= electrical routing distance, generators to avionics to cockpit, ft 
= duct length, ft 
= length from engine front to cockpit-total if multiengine, ft 
= total fuselage length 
= length of main landing gear, in. 
= nose gear length, in. 
= single duct length (see Fig. 15 .2) 
= length of engine shroud, ft 
= tail length; wing quarter-MAC to tail quarter-MAC, ft 
= length of tailpipe, ft 
= Mach number 
= number of crew 
= 1.0 if single pilot; = 1.2 if pilot plus backseater; = 2.0 pilot and 

co passenger 
= number of engines 
= number of functions performed by controls (typically 4-7) 
= number of generators (typically = N0n) 
= ultimate landing load factor; = Ngear X 1.5 
= nacelle length, ft 
= number of mechanical functions (typically 0-2) 
= number of main gear shock struts 
= number of main wheels 
= number of nose wheels 

NP 
Ns 
Nr 
Nu 
Nw 
N, 
q 
Rkva 

Sc, 
Scsw 
Se 
S1 
Srw 
sh, 
Sn 
s, 
sv, 
Sw 
SFC 
T 
Te 
V; 
VP 
Vp, 
Vi 
w 
We 
Wctg 

Wee 

Wuav 

A 
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= number of personnel onboard (crew and passengers) 
= number of flight control systems 
= number of fuel tanks 
= number of hydraulic utility functions (typically 5-15) 
= nacelle width, ft 
= ultimate load factor; = 1.5 x limit load factor 
= dynamic pressure at cruise, lb/ft2 
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= system electrical rating, kv · A (typically 40-60 for transports, 
110-160 for fighters & bombers) 

= total area of control surfaces, ft2 

= control surface area (wing-mounted), ft2 

= elevator area, ft 
= fuselage wetted area, ft2 
= firewall surface area, ft2 

= horizontal tail area 
= nacelle wetted area, ft2 
= rudder area, ft2 

= vertical tail area, ft2 

= trapezoidal wing area, ft2 
= engine specific fuel consumption-maximum thrust 
= total engme thrust, lb 
= thrust per engine, lb 
= integral tanks volume, gal 
= self-sealing "protected" tanks volume, gal 
= volume of pressurized section, ft3 

= total fuel volume, gal 
= fuselage structural width, ft 
= maximum cargo weight, lb 
= design gross weight, lb 
= weight of engine and contents, lb (per nacelle), 

::2.331 W.ri:~e KµK1, 
= engine weight, each, lb 
= weight of fuel in wing, lb 
= landing design gross weight, lb 
= weight penalty due to pressurization, 

= 11.9 + (Vp,Pctelta)°-
271

, where Pcte11a = cabin pressure 
differential, psi (typically 8 psi) 

= uninstalled avionics weight, lb (typically= 800-1400 lb) 
= wing sweep at 250Jo MAC 

15.4 ADDITIONAL CONSIDERATIONS IN WEIGHTS ESTIMATION 
These statistical equations are based upon a database of existing aircraft. 

They work well for a "normal" aircraft similar to the various aircraft in the 
database. However, use of a novel configuration (canard pusher) or an 
advanced technology (composite structure) will result in a poor weights 
estimate when using these or similar equations. To allow for this, weights 
.engineers adjust the statistical-equation results using "fudge factors" (de
fined as the variable constant that you multiply your answer by to get the 
right answer!) 
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% EMPTY 
WEIGHT GROWTH 

YEARS AFTER FIRST PROTOTYPE 

Fig. 15.3 Aircraft weight growth. 

Table 15.4 Weights estimation "fudge factors" 

Category Weight group Fudge factor (multiplier) 

Advanced 
composites 

Braced wing 
Wood fuselage 
Steel tube fuselage 
Flying boat hull 

{ 

Wing 
Tails 

Fuselage/ nacelle 
Landing gear 

Air induction system 
Wing 

Fuselage 
Fuselage 
Fuselage 

0.85 
0.83 
0.90 
0.95 
0.85 
0.82 
1.60 
1.80 
1.25 

Fudge factors are also required to estimate the weight of a class of air
craft for which no statistical equations are available. For example, there 
have been too few Mach 3 aircraft to develop a good statistical database. 
Weights for a new Mach 3 design can be estimated by selecting the closest 
available equations (probably the fighter/attack equations) and determin
ing a "fudge factor" for each type of component. 

This is done using data for an existing aircraft similar to the new one 
(such as the XB-70 for a Mach 3 design) and calculating its component 
weights using the selected statistical equations. Fudge factors are then deter
mined by dividing the actual component weights for that aircraft by the 
calculated component weights. 

To estimate the component weights for the new design, these fudge fac
tors are multiplied by the component weights as calculated using the se
lected statistical equations. 
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Fudge factors for composite-structure, wood or steel-tube fuselages, 
braced wings, and flying-boat hulls are provided in Table 15.4. These 
should be viewed as rough approximations only and subject to heated de
bate. For example, there are those who claim that a properly-designed steel
tube fuselage can be lighter than an aluminum fuselage. 

One final consideration in aircraft-weights estimation is the weight 
growth that most aircraft experience in the first few years of production. 
This growth in empty weight is due to several factors, such as increased 
avionics capabilities, structural fixes (such as replacing an aluminum fitting 
with steel to prevent cracking), and additional weapons pylons. 

Figure 15.3 shows the empty-weight growth of a number of aircraft. In 
the past, a weight growth of 50Jo in the first year was common. Today's 
better design techniques and analytical methods have reduced that to less 
than 20Jo in the first year. Still, some allowance for weight growth should be 
made in the conceptual-design weight estimation. 



16.1 INTRODUCTION 

16 
STABILITY, CONTROL, AND 

HANDLING QUALITIES 

During early conceptual design, the requirements for good stability, con
trol, and handling qualities are addressed through the use of tail volume 
coefficients and through location of the aircraft center of gravity (e.g.) at 
some percent of the wing mean aerodynamic chord (MAC), as discussed in 
Chapter 6. In larger aircraft companies, the aircraft is then analyzed by the 
controls experts, probably using a six-degree-of-freedom (6-DOF) aircraft
dynamics computer program to determine the required e.g. location and the 
sizes of the tails and control surfaces. 

An understanding of the important stability and control design parame
ters can be attained through study of simpler methods, which are also suit
able for use by homebuilders and designers at smaller companies. 

This chapter introduces the key concepts and equations for stability, con
trol, and handling qualities evaluation. These are based upon classical con
trols methods, many of which were developed by NACA in the period from 
1925-1945. For derivations and additional detail on these methods, see 
Refs. 7, 37, 65, 66, and especially 67 and 4. 

The basic concept of stability is simply that a stable aircraft, when dis
turbed, tends to return by itself to its original state (pitch, yaw, roll, veloc
ity, etc.). "Static stability" is present if the forces created by the disturbed 
state (such as a pitching moment due to an increased angle of attack) push 
in the correct direction to return the aircraft to its original state. 

If these restoring forces are too strong the aircraft will overshoot the 
original state and will oscillate with greater and greater amplitude until it 
goes completely out of control. Although static stability is present, the 
aircraft does not have "dynamic stability." 

Dynamic stability is present if the dynamic motions of the aircraft will 
eventually return the aircraft to its original state. The manner in which the 
aircraft returns to its original state depends upon the restoring forces, mass 
distribution, and "damping forces." Damping forces slow the restoring 
rates. For example, a pendulum swinging in air is lightly damped and will 
oscillate back and forth for many minutes. The same pendulum immersed 
in water is highly damped and will slowly return to vertical with little or no 
oscillation. 

Figure 16.1 illustrates these concepts for an aircraft disturbed in pitch. In 
Fig. 16.la, the aircraft has perfectly neutral stability and simply remains at 
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whatever pitch angle the disturbance produces. While some aerobatic air
craft are nearly neutral in stability, few pilots would care to fly such an 
aircraft on a long trip in gusty conditions. 

Illustration Fig. 16.1 b shows static instability. The forces produced by the 
greater pitch angle actually cause the pitch angle to further increase. 
Pitchup is an example of this. 

In Fig. 16. lc, the aircraft shows static stability with very high damping. 
The aircraft slowly returns to the original pitch angle without any over
shoot. 

Illustration Fig. 16. ld shows a more typical aircraft response; the aircraft 
returns to its original state, but experiences some converging oscillation. 
This is acceptable behavior provided the time to converge is short. 

In Fig. 16.le, the restoring forces are in the right direction so the aircraft 
is statically stable. However, the restoring forces are high and the damping 
forces are relatively low, so the aircraft overshoots the original pitch angle 
by a negative amount greater than the pitch angle produced by the distur
bance. Restoring forces then push the nose back up, overshooting by an 
even greater amount. The pitch oscillations continue to increase in ampli
tude until the aircraft "diverges" into an uncontrolled flight mode such as 
a spin. 

Note that dynamic instability is not always unacceptable provided that it 
occurs slowly. Most aircraft have at least one dynamic-instability mode, the 
spiral divergence. This divergence mode is so slow that the pilot has plenty 
of time to make the minor roll correction required to prevent it. In fact, 
pilots are generally unaware of the existence of the spiral-divergence mode 
because the minor corrections required are no greater than the roll correc
tions required for gusts. 

Dynamic-stability analysis is complex and requires computer programs 
for any degree of accuracy. Most of the stability-analysis methods presented 
in this chapter evaluate static stability. For conventional aircraft configura-

(a) PERFECTLY NEUTRAL (b) STATICALLY UNSTABLE 
a a 

~F-TI- •o~TI-
(c) STABLE, HIGHLY 

DAMPED 
(d) STABLE, LIGHTLY 

DAMPED 
(e) STATICALLY STABLE, 

DYNAMICALLY UNSTABLE 
a ;, 

ao 
--;...,..~~~~.-PTIME-t-.._.~~-.. 

...... 
''DIVERGENCE'' 

Fig. 16.1 Static and dynamic stability. 

STABILITY, CONTROL, AND HANDLING QUALITIES 413 

tions, satisfaction of static-stability requirements will probably give accept
able dynamic stability in most flight modes. Rule-of-thumb methods are 
presented for stall departure and spin recovery, the dynamic-stability areas 
of greatest concern. 

16.2 COORDINATE SYSTEMS AND DEFINITIONS 
Figure 16.2 defines the two axis systems commonly used in aircraft anal

ysis. The "body-axis system" is rigidly fixed to the aircraft, with the X axis 
aligned with the fuselage and the Z axis upward. The origin is at an arbi
trary location, usually the nose. The body-axis system is more "natural" 
for most people, but suffers from the variation of the direction of lift and 
drag with angle of attack. (Remember that lift, by definition, is perpendic
ular to the wind direction.) 

The "wind axis" system solves this problem by orienting the X-axis into 
the relative wind regardless of the aircraft's angle of attack a or sideslip /3. 
The aircraft is not fixed to the axis system, so the axis projections of the 
various lengths (such as the distance from the wing MAC to the tail) will 
vary for different angles of attack or sideslip. This variation in moment 
arms is usually ignored in stability analysis since the angles are usually 
small. 

The "stability" axis system, commonly used in stability and control 
analysis, is a compromise between these two. The X-axis is aligned at the 
aircraft angle of attack, as in the wind axis system, but is not offset to the 
yaw angle. Directions of X, Y, and Z are as in the wind axis system. 

Note that the rolling moment is called L. This is easily confused with lift. 
Also, the yawing moment is called N, which is the same letter used for the 
normal-force coefficient. The aerodynamics crowd must have used up all 
the good letters by the time the stability folks developed their equations! 

Wing and tail incidence angles are denoted by i, which is relative to the 
body-fixed reference axis. The aircraft angle of attack a is also with respect 
to this reference axis, so the wing angle of attack is the aircraft angle of 
attack plus the wing angle of incidence. 

Tail angle of attack is the aircraft angle of attack plus the tail angle of 
incidence, minus the downwash angle (e) which is discussed later. In this 

BODY AXIS 

Zs 

a 

X 

WINDAXI!-

Fig. 16.2 Aircraft 
coordinate system. 
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chapter, angles of attack are measured from the zero-lift angle, which was 
discussed in Chapter 12. 

Nondimensional coefficients for lift and drag have been previously de
fined by dividing by dynamic pressure and wing area. For stability calcula
tions, the moments about the three axes (M, N, and L) must also be ex
pressed as nondimensional coefficients. 

Since the moments include a length (the moment arm) they must be di
vided by a quantity with dimension of length as well as by the dynamic 
pressure and wing area. This length quantity is the wing MAC chord for 
pitching moment and the wing span for yawing and rolling moments, as 
shown in Eqs. (16.1-16.3). Positive moment is nose up or to the right. 

Cm =MlqSc 

Cn = N/qSb 

Cf= LlqSb 

(16.1) 

(16.2) 

(16.3) 

Stability analysis is largely concerned with the response to changes in 
angular orientation, so the derivatives of these coefficients with respect to 
angle of attack and sideslip are critical. Subscripts are used to indicate the 
derivative. For example, Cn~ is the yawing moment derivative with respect 
to sideslip, a very important parameter in lateral stability. 

Similarly, subscripts are used to indicate the response to control deflec
tions, indicated by o. Thus, Cm, indicates the pitching-moment response to 
an elevator deflection. e 

Unless otherwise indicated, all sweep angles in this chapter are quarter
chord sweeps, and all chord lengths care the wing MAC. Also, all angles 
are in radians unless otherwise mentioned. Angle terms that are not esti
mated in radians must be converted to radians before use in stability equa
tions. 

16.3 LONGITUDINAL STATIC ST ABILITY AND CONTROL 

Pitching-Moment Equation and Trim 
Most aircraft being symmetrical about the centerline, moderate changes 

in angle of attack will have little or no influence upon the yaw or roll. This 
permits the stability and control analysis to be divided into longitudinal 
(pitch only) and lateral-directional (roll and yaw) analysis. 

Figure 16.3 shows the major contributors to aircraft pitching moment 
about the e.g., including the wing, tail, fuselage, and engine contributions. 
The wing pitching-moment contribution includes the lift through the wing 
aerodynamic center and the wing moment about the aerodynamic center. 
Remember that the aerodynamic center is defined as the point about which 
pitching moment is constant with respect to angle of attack. This constant 
moment about the aerodynamic center is zero only if the wing is uncam
bered and untwisted. Also, the aerodynamic center is typically at 25% of 
the MAC in subsonic flight. 
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Fp 
I 
Xp 

L 

0 

AFT INLET: ap = a + ip - E 

Fig. 16.3 Longitudinal moments. 
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Another wing moment term is the change in pitching moment due to flap 
deflection. Flap deflection also influences the wing lift, adding to that term. 
Flap deflection has a large effect upon downwash at the tail, as discussed 
later. 

Drag of the wing and tail produces some pitching moment,. but th~se 
values are negligibly small. Also, the pitching moment of the tatl about its 
aerodynamic center is small and can be ignored. 

On the other hand the long moment arm of the tail times its lift produces 
a very large moment 'that is used to trim and contr_oJ the aircra~t. ~hil~ this 
figure shows tail lift upward, under many cond1t1ons the tatl hft will be 
downward to counteract the wing pitching moment. 

A canard aircraft has a "negative" tail moment-arm that should be ap
plied in the equations that follow. If an aircraft is tailless, the wing flap 
must be used for trim and control. Due to the short moment arm of such a 
control, the trim drags will be substantially higher for off-design e.g. loca-
tions. 

The fuselage and nacelles produce pitching moments that are difficult to 
estimate without wind-tunnel data. These moments are influenced by the 
upwash and downwash produced by the wing. . 

The engine produces three contributions to pitching moment. The o_bv1-
ous term is the thrust times its vertical distance from the e.g. Less obv10us 
is the vertical force Fp produced at the propeller disk or inlet fro~t ~ace due 
to the turning of the freestream airflow. Also, the propwash _or Jet-mdu_ced 
flowfield will influence the effective angle of attack of the tatl and possibly 
the wing. 

Equation (16.4) expresses the sum of these moments about th~ e.g. The 
effect of elevator deflection is included in the tail lift term. Equat10n (16.5) 



416 AIRCRAFT DESIGN 

expresses the moments in coefficient form by dividing all terms by (qSwc) 
and expressing the tail lift in coefficient form. Note that, to facilitate 
understanding, these equations are defined in the body-axis coordinate 
system rather than the stability-axis system. 

(16.4) 

This produces a term representing the ratio between the dynamic pressure 
at the tail and the freestream dynamic pressure, which is defined in Eq. 
(16.6) as 'Y/h. This ranges from about 0.85-0.95, with 0.90 as the typical 
value. 

To simplify the equations, all lengths can be expressed as a fraction of the 
Wing mean chord c. These fractional lengths are denoted by a bar. Thus, 
Xcg represents Xc/c. This leads to Eq. (16.7). 

(16.5) 

(16.6) 

(16.7) 

For a static "trim" condition, the total pitching moment must equal zero. 
For static trim, the main flight conditions of concern are during the takeoff 
and landing with flaps and landing gear down and during flight at high 
transonic speeds. Trim for the high-g pullup is actually a dynamic problem 
(discussed later). Usually the most forward e.g. position is critical for trim. 
Aft-c.g. position is most critical for stability, as discussed below. 

Equation (16.7) can be set to zero and solved for trim by varying some 
parameter, typically tail area, tail lift coefficient (i.e., tail incidence or ele
vator deflection), or sometimes e.g. position. The wing drag and tail trim 
drag can then be evaluated. Methods for the first-order evaluation of the 
terms of Eq. (16.7) are presented later. 

Static Pitch Stability 

For static stability to be present, any change in angle of attack must 
generate moments which oppose the change. In other words, the derivative 
of pitching moment with respect to angle of attack [Eq. (16.8)] must be 
negative. Note that the wing pitching moment and thrust terms have 
dropped out as they are essentially constant with respect to angle of attack. 
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Due to downwash effects, the tail angle of attack does not vary directly 
with aircraft angle of attack. A derivative term accounts for the effects of 
wing and propeller downwash, as described later. A similar derivative is 
provided for the propeller or inlet normal-force term Fp. 

- - Sh ocxh - - ) 
Cmo, = CL/Xcg - Xacw) + Cm°'fus - 'Y/h Sw CL°'h aZ; (Xach - Xcg 

Pp°' ?!!£ (X - X ) + S !:I cg P q w u<X 
(16.8) 

Equation (16.8) seems to offer no mechanism for stabilizing a tailless 
aircraft. In fact, the tailless aircraft must be stabilized in the first term by 
providing that the wing aerodynamic center is behind the e.g., making the 
first term negative. 

The magnitude of the pitching-moment derivative [Eq. (16.8)] c_hanges 
with e.g. location. For any aircraft there is a e.g. location that provides no 
change in pitching moment as angle of attack is varied. This '.'~irpla_ne 
aerodynamic center," or neutral point Xnp represents neutral stability (Fig. 
16. la) and is the most-aft e.g. location before the aircraft becomes un
stable. 

Equation (16.9) solves Eq. (16.8) for the neutral point (Cm
0 

= 0). Equa
tion (16.10) then expresses the pitching moment derivative in terms of the 
distance in percent MAC from the neutral point to the e.g. This percent 
distance, called the "static margin," is the term in parenthesis in Eq. 
(16.10). 

(16.9) 
C sh C iJah + FPo, 

L + 'Y/h -S L -;- S 
a w °'h ua q w 

(16.10) 

If the e.g. is ahead of the neutral point (positive static margin), the pitch
ing-moment derivative is negative so the aircraft is .s!able (this _is yet another 
confusing terminology!) At the most-aft e.g. position, a typical transport 
aircraft has a positive static margin of 5-10%. 

Current fighters typically have positive static margins of about ?lo, b~t 
new fighters such as the F-16 are being designed with "relax~d static sta~il
ity (RSS)" in which a negative static margin (zero to -150/o) is coupled w!th 
a computerized flight control system that deflects the elevator to provide 
artificial stability. This reduces trim drag substantially. 

It is common to neglect the inlet or propeller force term FP in Eq. (16.9) 
to determine "power-off" stability. This removes any strong dependence of 
Xnp on velocity (q) in the subsonic flight regime. Power effects are then 
accounted for using a static margin allowance based upon test data for a 
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Fig. 16.4 Typical pitching moment derivative values. 

similar aircraft. Typically these allowances for power-on will reduce the 
static margin by about 4-10% for propeller aircraft and 1-3% for jets. 

Figure 16.4 illustrates pitching-moment-derivative values for several 
classes of aircraft. These may be used as targets for conceptual design. 
Dynamic analysis during later stages of design may revise these targets. 

The evaluation of the terms in Eqs. (16. 7-16.9) is difficult without wind
tunnel data. Various semi-empirical methods are presented below, primarily 
based upon Refs. 4, 37, 67, and 68. Note that these methods are considered 
crude by the stability and control community, and are only suitable for 
conceptual design estimates and for student design projects. 

Aerodynamic Center 

A critical term in Eq. (16. 7) is Xacw, the location of the wing aerodynamic 
center. For a high-aspect-ratio wing the subsonic aerodynamic center will be 
located at the percent MAC of the airfoil aerodynamic center. For most 
airfoils this is the quarter-chord point (plus or minus 1 %). At supersonic 
speeds the wing aerodynamic center typically moves to about 45% MAC. 

Figure 16.5a-c provides graphical methods for aerodynamic center esti
mation (Refs. 67 and 37). Note that poor results are obtained at transonic 
speeds. These methods are also used for estimating the tail aerodynamic 
center. 

Wing and Tail Lift, Flaps, and Elevators 

The lift-curve slopes of the wing and tail are obtained with the methods 
presented in Chapter 12. The tail lift curve slope should be reduced about 
W% if the elevator gap is not sealed. 
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The lift coefficients for the wing and tail are simply the lift-curve slopes 
times the wing or tail angle of attack (measured with respect to the zero-lift 
angle). These are defined in Eqs. (16.11) and (16.12) based upon the angle 
of attack definitions from Fig. 16.3. Note that for cambered airfoils, the 
zero-lift angle is a negative value. Also, the tail angle of attack must account 
for the downwash effect 1:, which will be estimated later. 

(16.11) 

(16.12) 

where cxoL is the angle of attack for zero lift, which is a negative value for 
a wing or tail with positive camber and/or downwards flap/elevation de
flection. 

The elevator acts as a flap to increase the tail lift. Flap deflection at 
moderate angles of attack does not change the lift-curve slope, so the lift 
increment due to flaps can be accounted for by a reduction in the zero-lift 
angle (i.e., more negative). This reduction in zero-lift angle is equal to the 
increase in lift coefficient due to flap deflection divided by the lift-curve 
slope: 

(16.13) 

For the complicated high-lift devices seen on most transport wings, the 
increase in lift coefficient can be approximated using the methods in Chap
ter 12 or from Fig. 5.3. The change in zero-lift angle can then be determined 
from Eq. (16.13) and applied to Eq. (16.11). 

Plain flaps are used for a modest increase in wing lift and as the control 
surfaces (elevator, aileron, and rudder) for most aircraft. The change in 
zero-lift angle due to a plain flap is expressed in Eq. (16.14), where the lift 
increment with flap deflection is expressed in Eq. (16.15). The 0.9 factor is 
an approximate adjustment for flap tip losses. 

(16.14) 

where 

acL = O 9K~aCe), Sflapped A as. . as. s cos H.L. 
Uf Uf ref 

(16.15) 

Figures 16.6 and 16. 7 provide the theoretical airfoil lift increment for 
flaps at small deflections and an empirical adjustment for larger deflec
tions. A typical flap used for control will have a maximum deflection of 
about 30 deg. Flap deflection must be converted to radians for use in Eq. 
(16.14). (Note that Lis lift in these equations.) 

Figure 16.8 defines the geometry for these equations. H.L. refers to the 
flap hinge-line sweep, Sflapped refers to the portion of the wing area with the 
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..-----------,-- AIRCRAFT CENTERLINE ---

AREA 

Fig. 16.8 Flapped area and flapped M.A.C. (C'). 

flap or control surface. The MAC of the flapped portion of the wing or tail 
(c ') is determined geometrically by considering the flapped portion as a 
separate surface. 

If a flap, elevator, rudder, or aileron has an unsealed hinge gap the 
effectiveness will be reduced due to the air leaking through the opening. 
This reduction will be approximately 150/o of the lift increment due to flap 
deflection. 

Wing Pitching Moment 
The wing pitching moment about the aerodynamic center is largely deter

mined by the airfoil pitching moment. Equation (16.16) provides an adjust
ment for wing aspect ratio and sweep for a straight wing or an untwisted 
swept wing at low subsonic speeds. The wing twist adds an increment of 
approximately (-0.01) times the twist (in degrees) for a typical swept wing. 
A more detailed estimation of the wing twist effect is available in Ref. 37. 
Transonic effects increase the magnitude of the wing pitching moment by 
about 300/o at Mach 0.8. 

C = C ( A cos
2 
A ) 

mw moairfoil A + 2 cosA (16.16) 

The pitching-moment increment due to flap deflection is approximated as 
the lift increment due to the flap times the moment arm from the center of 
pressure of the flap lift increment to the e.g. [Eq. (16.17)]. The center of 
pressure of the flap lift increment (Xcp) is determined as a percent of the 
flapped MAC (c ') using Fig. 16.9. 

For a highly swept wing the center of pressure of the flap lift increment 
can be ahead of the e.g., creating a positive moment increment. This re
duces the download required by the tail. Conversely, a canard configuration 
will put the center of pressure of the flap lift increment well behind the e.g., 
requiring a huge balancing force. 
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Fig. 16.9 Center of pressure for lift increment due to flaps. (after Ref. 37) 

Fig. 16.10 Wing flowfield effect on pitching moment. 

(16.17) 

Downwash and Upwash 
The remaining terms in Eq. (16.7) are strongly influenced by the wi11;g 

flowfield as shown in Fig. 16.10. Ahead of the wing, the air in subsomc 
flight is ~ulled upwards by the pressures about the wing. This u~wash 
.pushes upwards on the fuselage forebody and also ~urns the flow pnor to 
reaching a propeller or inlet located ahead of the wmg. 
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Behind the wing, the flow has an initial downward direction theoretically 
equal to the wing angle of attack. This downwash angle diminishes aft of 
the wing to a value of approximately half the wing angle of attack at the tail 
of a typical aircraft. Also, the downwash varies across the span and ap
proaches zero near the wing tips. 

The downwash reduces the tail angle of attack and pushes downward on 
the aft fuselage, contributing to the fuselage pitching moment. Downwash 
is strongly affected by the propwash. 

The upwash-angle (Eu) derivative with respect to wing angle of attack is 
determined from Fig. 16.11. The downwash angle (E) derivative is deter
mined from Fig. 16.12 at subsonic speeds. The spanwise variation in down
wash behind the wing reduces the average downwash experienced by the tail 
by approximately 5%. The additional downwash due to flap deflection is 
determined from Fig. 16.13 in which h is the tail height above the wing. 

At transonic speeds (around Mach 0.9) the downwash-angle derivative 
increases by about 30-40% then reduces at higher speeds. Equation (16.18) 
provides a rough approximation of the downwash at supersonic speeds. 

aE l.62CLa 
aa = 1rA (16.18) 

The resulting angle of attack considering the effect of upwash or down
wash is determined by adding an upwash or subtracting a downwash from 
the freestream angle of attack. The angle-of-attack derivatives are therefore 
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Fig. 16.11 Upwash estimation (subsonic only). (Ref. 37) 
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as express~d i~ Eqs. (16.19) and (16.20). Equation (16.20) is the tail angle of 
attack den~ative from Eq. (16.8), called {3 in many texts, which is easily 
c~nfused with yaw angle. The downwash derivative is with respect to the 
wmg angle of attack, so the tail angle of attack can now be d t · d 
shown in Eq. (16.21). e ermme as 

Upwash: aau = l + aEu 
aa aa 

Downwash: aah = 1 _ ~ 
aa aa 

ah = (a+ iw) (1 -::) + (ih - iw) 

(16.19) 

(16.20) 

(16.21) 

A canard will o~vi<:msly experience no downwash from the wing, but its 
own downwash will mflu~nce the wing. The estimation of the effect of 
canard downwash on the wmg is very difficult because the downwash varies 
across the canard _span and because the canard tip vortices actually create an 
upwash on the wmg outboard of the canard. 

The effect of ~anard downwash on the wing may be crudely approxi
mated by ~ssummg that the canard downwash as calculated with these 
methods umformly affects the wing inboard of the canard tips. This reduces 
the angle of attack at the wing root. 
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Fig. 16.13 Downwasb increment due to flaps. 
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Fig. 16.14 Position of V4 root chord. 

Fuselage and Nacelle Pitching-Moment 
The pitching-moment contributions of the fuselage and nacelles can be 

approximated by Eq. (16.22) from NACA TR 711. The W;-is the maximum 
width of the fuselage or nacelle and L1 is the length. Figure 16.14 provides 
the empirical pitching moment factor K1. 

KW2L C = f f f , per deg 
maruse1age cSw (16.22) 

Thrust Effects 
The remaining terms in Eq. (16. 7) are thrust effects upon pitching mo

ment. Thrust has three effects, namely the direct moment of the thrust, the 
propeller or inlet normal force due to turning of the air, and the influence 
of the propwash or jet-induced flows upon the tail, wing, and aft fuselage. 

The direct moment of the thrust is simply the thrust times the moment 
arm about the e.g., as defined in Eq. (16. 7). If the thrust axis passes through 
or near the e.g. this term may be ignored. 

The normal force due to the turning of the air at an inlet front face Fp can 
be calculated from momentum considerations. This normal force equals the 
mass flow into the inlet times the change in vertical velocity. Since the angles 
are small, the change in vertical velocity is approximately the turning angle 
(exp-see Fig. 16.3) times the aircraft velocity [Eq. (16.23)]. The engine 
mass-flow can be approximated by assuming a capture-area ratio of one 
[Eq. (16.24)] if installed engine mass-flow data is unavailable. Note that 
mass flow is in slugs per second, which equals pounds per second divided by 
32.2. 
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m = p VAinlet, slugs/s 

F. = mV Pa 

(16.23) 

(16.24) 

(16. 25) 

The derivative of the normal force with respect to angle of attack is the 
mass flow times the velocity [Eq. (16.25)]. The derivative of exp with respect 
to angle of attack [see Eq. (16.9)] is the upwash derivative Eq. (16.19) if the 
inlet is ahead of the wing, and the downwash derivative Eq. (16.20) if the 
inlet is behind the wing. For an inlet mounted under the wing, the wing 
turns the flow before it reaches the inlet front face so the normal force is 
approximately zero. 

For a propeller-powered aircraft, a normal force contribution to pitching 
moment is also produced by the momentum change caused by the turning 
of the airstream. Unlike the jet inlet, the actual turning angle is not appar
ent because the propeller does not fully turn the airflow to align with the 
propeller axis. 

Equation (16.26) is an empirical method for estimation of the propeller 
normal force based upon charts in Ref. 68; N 8 is the number of blades per 
propeller, Ap is the area of one propeller disk. The derivative term is the 
normal force exerted by one blade when the propeller is operating at zero 
thrust, found in Fig. 16.15 as a function of advance ratio. The function 
f(D adjusts for non-zero thrust and is found in Fig. 16.16. 

( 
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Fig. 16.15 Propeller normal force coefficient. (after Ref. 68) 
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Note in Eq. (16. 7) that a propeller mounted aft of the e.g. is stabilizing. 
This is one of the advantages of the pusher-propeller configuration. 

The propwash affects the downwash seen by the ~orizontal _tail and re
duces the tail's effectiveness. Equation (16.27) estimates this propeller 
downwash effect as a derivative that is added to the wing downwash deriva
tive. The constant terms come from Fig. 16.17. 
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dEp = K KN acNbtade(dCXp) 
iJcx 1 + 2 8 dcx dcx (16.27) 

If largely in the propwash, the tail will experience an increased dynamic 
pressure, as shown in Eq. (16.28). The tail dynamic pressure ratio 'Y/h for 
zero thrust is approximately 0.9. If the tail is only partly in the propwash the 
right-side term in the parenthesis should be reduced proportionally. This 
term can also be applied to estimate increase in dynamic pressure at the 
wing, which may especially affect the pitching moment due to flap deflec
tion. 

'Y/h = 'Y/hT=O (1 + q:J (16.28) 

The increase in dynamic pressure at the tail will increase the magnitude of 
the tail lift which, being downward in most cases, causes a nose-up trim 
change with application of power. It is not uncommon in single-engined 
propeller aircraft to incline the propeller axis several degrees downward to 
counteract the power effect upon trim. 

Trim Analysis 
We now have all the information required for trim analysis. Trim re

quires that the total moment about the e.g. [Eq. (16.7)] equals zero. For a 
given flight condition, we can determine the values in the equation and see 
if they sum to zero. If not, we can vary the tail lift by changing elevator 
deflection or tail incidence until the total moment is zero. 

However, the change in tail lift will change the aircraft total lift, which 
must equal the weight. Therefore, as the tail lift changes, the aircraft angle 
of attack must change. This can be solved by a computerized iterative 
process or by a graphical technique. 

For the graphical solution, arbitrarily assumed aircraft angles of attack 
and elevator deflection angles (oE) are used to calculate the total-pitching
moment coefficient (Cm ) using Eq. (16.7). Equation (16.29) is used to 
determine the tail-lift ter'tn. 

(16.29) 

(16.30) 

For the arbitrarily assumed angles of attack and elevator deflection, the 
total lift coefficient CL,

0
,.1 can be estimated using Eq. (16.30). This equation 

sums the wing and tail lift coefficients, including the effects of dynamic 
pressure at the tail. Remember that by definition an upload on the tail is 
positive. If a download exists on the tail, the tail lift reduces the total lift. 

The total-pitching-moment coefficient is then plotted vs the total lift co
efficient for the various elevator-deflection angles. The elevator deflection 
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for trim is determined by interpolating for zero pitching moment at the 
required total lift coefficient. This is illustrated in Fig. 16.18. 

The total induced drag including trim-drag effects can now be calculated 
at the trim angle of attack and elevator deflection angle using Eq. (16.31). 
Note that the term Kh is the drag-due-to-lift factor for the horizontal tail. 
This is determined using the methods of Chapter 12, treating the horizontal 
tail as a wing. Since the tail's induced drag is much smaller than the wing 
induced drag, it is permissible to use the simpler empirical methods for K 
(ore) rather than the leading-edge-suction method. 

(16.31) 

Due to the amount of computation involved, it is common in early con
ceptual design to calculate the trim condition without including the thrust 
effects unless the thrust axis is well above or below the e.g. 

For an all-moving tail, the tail incidence angle is varied rather than eleva
tor angle. For a tailless configuration, the wing flap acts as the elevator. 
Otherwise the procedure is similar. 

(Most stability-and-control textbooks introduce a secondary derivative 
term Cm, that directly relates the elevator deflection to its influence upon 
pitching &oment. I choose to leave the elevator effect as a change in tail lift 
to avoid further complexity in terminology and to leave the tail moment as 
a clearly-understood "force-times-distance" term. This understanding is 
especially important in conceptual design because the designer still has the 
freedom to change the "distance.") 

Ground Effect on Trim Calculation 

The trim Eq. (16.7) is strongly affected by ground effect (Chapter 12). 
When the aircraft approaches the ground to within about 20% of the span, 
the wing and tail lift-curve slopes will increase by about 10%. Furthermore, 
the downwash is reduced to about half of the normal value, which requires 
a greater elevator deflection to hold the nose up. 

The aircraft must have sufficient elevator effectiveness to trim in ground 
effect with full flaps and full-forward e.g. location, at both power-off and 
full power. Some additional elevator authority must then be available for 
control. 

Take-Off Rotation 

Sometimes the elevator of an aircraft is sized by the requirement for 
takeoff rotation. For a tricycle-gear aircraft the elevator should be powerful 
enough to rotate the nose at 80% of takeoff speed with the most-forward 
e.g. For a taildragger aircraft the elevator should be powerful enough to lift 
the tail at half the takeoff speed with the most-aft e.g. (Ref. 66). 

For rotation analysis, Eq. (16.7) may be employed with the addition of 
two landing-gear terms. The analysis assumes that the nosewheel or tail
wheel is just resting on the ground without carrying any of the weight. The 
weight on the wheels is the aircraft weight minus the total lift at that angle 
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of attack. This exerts a vertical force with a moment arm equal to the 
distance from the main gear to the e.g. as measured parallel to the ground. 

The rolling friction of the main wheels exerts a rearward force equal to the 
weight on the wheels times the rolling friction coefficient (0.03 is typical). 
This rolling friction force acts through a moment arm equal to the vertical 
height of the e.g. above the ground. 

These additional moments due to the vertical and rearward landing gear 
forces must be converted to moment coefficients by dividing them by 
(qS,.c). 

The previously-described changes in lift-curve slopes and downwash an
gles due to ground effect must be considered in takeoff rotation analysis. 

Velocity Stability 
This brief discussion of longitudinal stability and control has focused 

upon the angle-of-attack stability derivatives. The aircraft must also have 
velocity stability, implying that an increase in velocity must produce forces 
which slow the aircraft down, usually by raising the nose. For most contrib
utors to pitching moment, angle-of-attack stability implies velocity stability 
as well. 

One additional term which affects velocity stability is the variation in 
thrust with velocity. For propellers, the thrust reduces with increased air
craft velocity. If the propeller is mounted substantially above the e.g., an 
increase in velocity will reduce the thrust, causing the aircraft to pitch nose
up. This produces a slight climb which will reduce the velocity, so a high
mounted propeller is stabilizing. 

Roughly speaking, the static margin increases one-quarter of a percent 
for every 1 OJo MAC that the thrust axis is above the e.g. Conversely, a 
propeller mounted below the e.g. is destabilizing by the same amount. 

The stability advantage of the high-mounted propeller must be weighed 
against the large trim force required to counter the nose-down pitching 
moment of the high thrust axis. The high-mounted propeller is usually used 
only to provide water clearance in a seaplane. 

For jet aircraft, the velocity effect upon thrust being negligible, engine 
vertical position has little effect upon velocity stability. 

16.4 LATERAL-DIRECTIONAL STATIC ST ABILITY AND CONTROL 

Yaw/Roll Moment Equations and Trim 
In many ways the lateral-directional analysis resembles the longitudinal 

analysis. However, the lateral-directional analysis really embraces two 
closely-coupled analyses: the yaw (directional) and the roll (lateral). 

It is important to realize that both are driven by the yaw angle {3, and that 
the roll angle cf> actually has no direct effect upon any of the moment terms! 
Furthermore, the deflection of either rudder or aileron will produce mo
ments in both yaw and roll. (Note: to reduce verbiage, "lateral" is used 
synonymously with "lateral-directional" in the discussion below.) 
· The geometry for lateral analysis is illustrated in Fig. 16.19, showing the 
major contributors to yawing moment N and rolling moment L. By defini-
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tion, yaw and roll are positive to the right. Note that unlike the longitudinal 
terms, most of these terms have a zero value when the aircraft is in straight 
and level flight. Also, by the sign conventions used for (3 and yaw, a positive 
value of yawing moment derivative with respect to (3 is stabilizing. How
ever, a negative value of the rolling moment derivative with respect to (3 is 
stabilizing (dihedral effect). 

The major yawing moment is due to the lateral lift of the vertical tail, 
denoted by Fv. This counteracts the fuselage yawing moment, which is 
generally negative to the sense shown in the figure. Rudder deflection acts 
as a flap to increase the lateral lift of the vertical tail. 

A vertical tail immersed in the propwash experiences an additional force. 
The air in the propwash has a rotational component caused by the propeller 
and in the same direction that the propeller rotates. A propeller usually 
rotates clockwise when seen from behind. For a vertical tail above the 
fuselage, the propwash rotational component causes the angle of sideslip at 
the tail to become more negative, thus yawing the nose of the aircraft to the 
l~ft. Called "p-effect," this is difficult to predict. Many single-engined 
aircraft have 1 or 2 deg of incidence built into the vertical tail to counteract 
p-effect. Alternatively, some aircraft have the propeller axis angled to the 
right. 

. The wing ~awing moment can be visualized as an increase in drag on the 
side o_f th~ wmg that is more nearly perpendicular to the oncoming flow. If 
the wmg 1s swept aft, this yawing moment is stabilizing as shown. 
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Another wing yawing moment occurs with aileron deflection. The wing 
with increased lift due to aileron deflection has more in?uced drag, so the 
yawing moment is in the opposite direction from the rolhng moment due to 
the aileron deflection. This is known as "adverse yaw." 

The engines have the same three effects upon lateral moments that they 
have on longitudinal moments ( direct thrust, normal. force, and propwash 
or jet-induced flowfield effects). In yaw, the thrust 1s balanc~d unless an 
engine fails. Then the remaining engine(s)_ create ~ huge yawmg moment 
which is made worse by the drag of the failed engme. 

The inlet front face or propeller disk has the ~a~e norm~~-~orc~ term 
discussed for longitudinal stability. As in pitch, this 1s destab1hzmg m yaw 
if the inlet or propeller is in front of the e.g. . . . 

The propwash or jet-induced flowfield effects are gen~rally neghg1ble i_n 
yaw unless the vertical tail is in the propw~sh ~r near the J~t e~haust. In this 
case the dynamic pressure and angle of s1deshp at the tail will be affected 
much as the horizontal tail is affected by propwash. . 

In roll the major influence is the wing rolling moment due to dihedral 
effect. As discussed in Chapter 4, this rolling moment ten~s ~o keep the 
aircraft level because it sideslips downward whenever. a r~ll 1s. mt~oduced. 
The dihedral effect rolls the aircraft away from the s1deshp direct10~. _ 

The ailerons, the primary roll-control device, operate by i_ncreas~ng lif:t on 
one wing and reducing it on the other. The aileron ~eflec~10n Oa 1s. def~ned 
as the average of the left and right aileron deflections m the dire~tlons 
shown. (Some texts define aileron deflection as the total of left and nght.) 
Positive aileron deflection rolls the aircraft to the right. 

"Spoilers" are an alternative roll-control device. These. are plat~s that 
rise up from the top of the wing, usually j_ust aft ot the max1.mum-th1~kness 
point. This disturbs the airflow and "spoils" the hft, drop~mg the w1_ng on 
that side. Spoiler deflection also increases drag, so the wmg yaws m the 
same direction that it rolls ("proverse yaw"). . . . . 

The vertical tail contributes positively to the roll stab1hty because It 1s 
above the e.g .. Note that the moment arm for ~h~ vertical t~il. roll c_ontrib~
tion is from the vertical tail MAC to the X-axis m the stab1hty (w_md) ~1s 
system. This X-axis is through the e.g. and is aligned with the relative wmg. 
Thus this term changes substantially with angle of attack. 

Th~ major thrust effect on static roll moments is the engine-out case. The 
air in the propwash has higher dynamic pressur~ and thus p~oduces ~ore 
lift on the wing. With propwash on only one side of the wmg there 1s a 
difference in lift between the left and right wing. This can frequentl~ be 
ignored because the resulting roll moment is so much less tha~ the e~g~ne
out yaw moment. The equivalent jet-induced eff~ct on roll 1s neghg1ble 
unless the jet exhaust impinges upon the flaps, as m the YC-1_5. 

Propwash can also alter the wing dihedral effect. When the aircraft ~aws, 
one side of the wing gets more propwash than th~ other, produ~mg a 
destabilizing roll moment. This is more severe for smgle-engmed aircraft 
where the propeller is way in front of the wing. 

There will be a thrust normal force contribution to rolling moment at 
angle of sideslip if the engines are substantially above or belo~ ~he e.g. A 
high-mounted engine would be stabilizing. This is usually neghg1ble. 
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Figure 16.20 provides suggested goal values for Cn . These are somewhat 
~ 

less than those suggested by the NASA curve. Ci should be of negative sign 
with magnitude about half that of the Cn val~e at subsonic speeds, and 
about equal to it at transonic speeds. ~ 

Final selection of these values requires dynamic analysis based upon 
wind-tunnel data, and it is not unheard of for the vertical-tail size or wing 
dihedral to be changed after the prototype flies (F-100, B-25). 

The following sections provide crude estimation procedures for the terms 
of these lateral equations. Many of these terms are identical to longitudinal 
terms as previously discussed, and the reader should refer back to that 
material. These include the tail aerodynamic center, tail-force (lift) curve 
slope, rudder (flap) effectiveness, and propeller or inlet normal-force. 

Wing Lateral-Directional Derivatives 
Reference 37 provides an empirical expression for the wing yawing mo

ment due to sideslip [Eq. (16.41)]. 

C = Cl \_1 _ [ tanA ] 
nflw c 41rA 1rA (A + 4 cosA) 

+ 6(Xacw -Jcg) sinAJ] 

[ 
A A 2 

cosA--- ---
2 8 cosA 

(16.41) 

Th~ rolling moment due t? sideslip, or dihedral effect, is proportional to 
the dihedral angle but also includes the effects of sweep and wing vertical 
position on the fuselage; Ci~ for a straight wing is approximately 0.0002 
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times the dihedral angle in deg, so I deg of "eff7ctive dihedral" is defined 
to be a C

16 
of 0.0002 per deg, or 0.0115 per radian. . 

Figure 16.21 (replotted from Ref. 10) p~ovides an esti~at~ of the wing 
dihedral effect due to sweep for a wing with no geometnc di_hedral. Two 
taper ratios are provided, requiring interpolation or. ex_trapolat~o_n for other 
taper ratios. The values from the f~gure are per. umt hft coefficient, so the 
final value is obtained by multiplying by the wing CL. . . 

Equation (16.42) from Ref. 37 estimates the effect of th~ geometnc dihe
dral angle (radians). Equation (16.43) from Ref. 68 determines the effect. of 
wing vertical placement on the fuselage; ZwJ is the vertical height ?f the wing 
above the fuselage centerline, D1 and w1 are the depth and width of the 

fuselage. 
These two additional dihedral contributions are added to t~e value from 

Fig. 16.21, as shown in Eq. (16.44). ".',-11 terms ~~ould be ne~~t~ve except that 
the wing vertical placement term will be positive (destabihzing) for a low 

wing . 

(16.42) 

(16.43) 

(16.44) 
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Fig. 16.22 Aileron strip geometry. 

The aileron control power can be approximated using a strip method. The 
portion of the wing having the aileron is broken into strips as shown in Fig. 
16.22. The lift increment due to aileron deflection is estimated as a flap 
effect using the method presented in Eq. (16.15). This lift increment is then 
multipl~ed by the strip's moment arm from the aircraft centerline (Y1), as 
shown m Eq. (16.45), where K1 and the lift derivative with flap deflection 
come from Figs. 16.6 and 16.7. Remember to reduce the aileron effective
ness about 15% if the hinge gap is not sealed. 

(16.45) 

(16.46) 

The yawing moment due to aileron deflection depends upon the spanwise 
distribution of induced drag with the aileron deflected. This varies with the 
wing lift-coefficient as well as the aileron deflection. Yawing moment due to 
aileron deflection can be approximated by Eq. (16.46), a simplification of 
the method from Ref. 37; CL is the wing lift-coefficient. 

Fuselage and Nacelle Lateral-Directional Derivatives 

The yawing moment due to sideslip is expressed in Eq. (16.47) as a func
tion of the fuselage or nacelle volume, depth, and width. The fuselage 
contribution to roll is usually negligible except for its influence upon the 
wing effective dihedral, as previously discussed. 

C = _ 1 3 volume(Di) 
n/3fus • Swb Wf (16.47) 
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Lateral-Directional Derivatives 
The vertical-tail lateral derivatives were expressed above in Eqs. (16.36) 

and (16.38). The lateral lift-curve slope is found using the methods in Chap
ter 12. The vertical-tail aspect ratio should be increased for the end-plate 
effects of the fuselage and horizontal tail. Typically the effective aspect 
ratio will be about 55% higher than the actual aspect ratio. Also, the lateral 
lift-curve slope should be reduced by about 20% if the rudder hinge gap is 
not sealed. 

The remaining unknowns in Eq. (16.36) and (16.38) are the local dynamic 
pressure ratio and sideslip derivative. These can be estimated in an empirical 
Eq. (16.48) from Ref. 37; S:S is the area of the vertical tail extended to the 
fuselage centerline. 

3.06 s,;, 
l S~ - 0.4 ZDwf + 0.009Awing 

+ cos 'f 
(16.48) 

Thrust Effects on Lateral-Directional Trim and Stability 
The thrust effects on the lateral trim and stability are similar to the longi

tudinal effects. There are direct-thrust moments, normal-force moments, 
and propwash or jet-induced effects. 

When all engines are running, the direct-thrust moments cancel each 
other. The normal-force moments of the engines are additive. 

When one engine fails, the remaining engine(s) produce a substantial 
yawing moment. Also, the failed engine contributes an additional drag term 
as previously presented in Chapter 13. 

The propwash dynamic pressure effect is estimated using Eq. (16.28). The 
propwash effect upon sidewash can be estimated using Eqs. (16.27) and 
(16.20) then be applied to the result from Eq. (16.48). 

(With the exception of rudder sizing for engine-out, the lateral analysis is 
frequently ignored in early conceptual design. To obtain good lateral results 
usually requires 6-DOF analysis using wind-tunnel data. During early con
ceptual design, previous aircraft data and rule-of-thumb methods such as 
the tail volume coefficient are relied upon to select tail areas, dihedral angle, 
and the rudder and aileron areas.) 

16.5 STICK-FREE ST ABILITY 
The preceding analysis has assumed that the control surfaces are rigidly 

held to the desired deflection. This "stick-fixed" assumption is reasonable 
for most modern fighters and large transports that employ fully powered 
flight-control systems. 

Many smaller aircraft use purely manual or simply boosted control sys
tems in which the airloads upon the control surfaces cause them to change 
deflection angle as the angles of attack and sideslip vary. Such a case re
quires a "stick-free" stability analysis. 

A worst-case analysis for stick-free longitudinal stability would assum~ 
that the elevator "floats" up so much that it contributes nothing to the tad 



442 AIRCRAFT DESIGN 

lift. In this case the percent reduction in total tail lift-curve slope would 
equal the elevator's area as a percent of total tail area. 

This is generally not the case, and the elevator will usually float to a lesser 
angle depending upon the airfoil pressure distribution and the amount of 
"aerodynamic balance" (i.e., the portion of the elevator ahead of the hinge 
line). Data in Ref. 70 indicates that a typical free elevator with aerodynamic 
balance will reduce the total tail lift-curve slope by approximately 50% of 
the elevator's area as a percent of total tail area. Thus, a stick-free elevator 
which is 40% of the total tail area will experience a reduction in the tail 
slope of the lift curve of about 20%. 

In fact, the elevator can be "overbalanced" so that it floats into the 
relative wind and therefore adds to the stability. However, this may produce 
unusual control forces. Due to the strong effect of the boundary layer, 
control-surface float is difficult to predict even with wind-tunnel data. 

R~~erences 4 and 67 provide detailed methods for analyzing the stick-free 
stabihty based upon test data for control surface hinge moments. Typically 
the stick-free neutral point is 2-5% ahead of the stick-fixed neutral point. 

Stick-free directional stability is also reduced as a result of rudder float. 
This can be approximated using the percent reduction in tail slope of the lift 
curve described above. 

16.6 EFFECTS OF FLEXIBILITY 
The preceding discussion also assumes that the aircraft is rigid. In fact, 

m_any aircra~t are qu~te flexible,. especially in fuselage longitudinal bending, 
wmg spanwise bendmg, and wmg torsional deflection. These can have a 
major effect upon the stability characteristics. 

If the fuselage is flexible in longitudinal bending, the horizontal-tail inci
dence angle will reduce when the aircraft angle of attack is increased. This 
reduces the effectiveness of the tail as a restoring force for pitch stability. 
The vertical tail experiences the same effectiveness reduction due to lateral 
fuselage bending. 

Similarly, a swept flexible wing will deflect such that the wingtips have a 
reduced angle of attack compared to the rigid aircraft. This reduces the 
slope of the lift curve and moves the wing aerodynamic center forward 
destabilizing the aircraft. These effects are shown in Fig. 16.23. ' 

A typical swept-wing transport at high subsonic speeds will experience a 
reduction in wing lift-curve slope of about 20%, a reduction in tail pitching 
moment contribution of about 30%, and a reduction in elevator effective
ness of about 50% due to flexibility effects. The wing aerodynamic center 
will shift forward about 10% MAC due to flexibility. 

In addition, the aileron effectiveness may be reduced by 50 to over 1 OOOJo ! 
At high dynamic pressures the ailerons will produce torsional moments on 
the wing that twist it in the opposite direction from the aileron deflection. 
This wing twist produces a rolling moment in the opposite direction from 
the desired rolling moment. 

If the wing twists enough, this effect may overpower the aileron forces, 
producing "aileron reversal." To retain roll authority, many jet transports 
lock the outboard ailerons at high speeds and rely upon spoilers or small 
inboard ailerons. 
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Fig. 16.23 Effects of flexibility on stability. 

These effects are functions of dynamic pressure, with the greatest impact 
seen at the low-altitude, high-speed condition. A "stiffer" airc~aft such as 
a fighter, with a low wing aspect ratio and a short. f~~elage, will have less 
impact on its static stability derivatives due to flexibihty. 

16.7 DYNAMIC STABILITY 
Dynamic stability concerns the motions of the aircraft, so tw_o new classes 

of force must be considered; the inertia forces and the dampmg forces. 

Mass Moments of Inertia 
Inertia forces derive from the tendency of mass to resist accelerations. 

The mass for rotational accelerations is represented by "mass moment of 
inertia" terms, denoted by I. Mass moment of inertia desc_ribes a _body's 
resistance to rotational accelerations, and is calculated by mtegratmg the 
products of mass elements and the square of their distance from the Ref. 

axis (units of slug-ft2
). • • 

For aircraft dynamic analysis, the mass moments of m7rtia about the 
three principal axes must be determined: lxx about the roll axis, lyy about the 
pitch axis, and lzz about the yaw axis. . . . 

These can be initially determine!!_ usmg hist~ncal. data based upon_ the 
nondimensional radii of gyration (fil, as descnbed m Ref. 11. Equat10ns 
(16.49-16.51) are used with typical R values from Table 16.1. 

b 2 WR; 
fxx = 4g 

L 2 WR; 
lyy = 4g 

-(b +L)2 WR; 
lzz - 2 4g 

(16.49) 

(16.50) 

(16.51) 
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Table 16.1 Nondimensional radii of gyration• 

Aircraft class Rx R Rz 

Single-engine prop 0.25 0.38 0.39 
Twin-engine prop 0.34 0.29 0.44 
Business jet twin 0.30 0.30 0.43 
Twin turboprop transport 0.22 0.34 0.38 
Jet transport-Fuselage-mounted engines 0.24 0.36 0.44 

-2 wing-mounted engines 0.25 0.38 0.46 
-4 wing-mounted engines 0.31 0.33 0.45 

Military jet trainer 0.22 0.14 0.25 
Jet fighter 0.23 0.38 0.52 
Jet heavy bomber 0.34 0.31 0.47 
Flying wing (B-49 type) 0.32 0.32 0.51 
Flying boat 0.25 0.32 0.41 

aTypical values see Ref. 11 for examples. 

Damping Derivatives 
Aerodynamic damping forces resist motion. The rotational damping 

forces are proportional to the pitch rate q', roll rate p and yaw rate r. (The 
q-prime notation avoids confusing q' with dynamic pressure, q). 

These damping forces arise because of a change in effective angle of 
attack due to the rotational motion, as shown in Fig. 16.24 for the lift on 
the horizontal tail during a steady pitchup and for the lift on a segment of 
the wing during a steady roll. The lateral lift on a vertical tail in a steady 
yawing motion would change similarly to the horizontal tail. 

. The change in effective angle of attack, and hence the change in lift, is 
directly proportional to the rotation rate and the distance from the e.g. The 
moment is proportional to the lift times the distance from the e.g. Rota
tional damping moment is therefore proportional to the rotational rate and 
the square of the distance from the e.g. 

Equations (16.52) and (16.53) provide first-order estimates of the pitch
and yaw-damping derivatives. The wing drag term in Eq. (16.53) accounts 
for the yaw-damping effect of the wing. Dynamic pressure ratios (11) for 
horizontal and vertical tails can be approximated as 0.9. 

Roll damping is estimated with Fig. 16.25, based upon data in NACA 
1098 covering the lower aspect ratios and NACA 868 covering the higher 
aspect ratios. The sweep factor is multiplied times the unswept damping 
derivative. 

(16.52) 

C = - 2 01/ Sv C (·Xacv - Xcg)
2 

Cnwing 
n, • v Sw Ff3v C - 4 (16.53) 
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Fig. 16.24 Origin of damping forces. 

There are also "cross-derivative" damping terms. The yaw rate will af
fect the roll moment, and the roll rate will affect the yaw moment. These are 
both functions of wing lift-coefficient. As a rough approximation, the 
rolling moment due to yaw rate C1, is about CL/ 4 and the yawing moment 
due to roll rate Cnp is about - CL/8. 

1-DOF Dynamic Equations 
A 6-DOF analysis is required to fully evaluate aircraft dynamic stability 

and control. The 6-DOF allows simultaneous rotations in pitch, yaw, and 
roll, and allows the aircraft velocity to change in the vertical, lateral, and 
longitudinal directions. All these motions affect each other, requiring a 
tremendous number of cross-derivatives to account fully for all forces and 
moments. References 37 and 67 are recommended for the equations for 
6-DOF analysis. 

The 1-DOF equations may be used for initial analysis of several flight 
conditions, such as pullup and steady roll. The 1-DOF rotation equations 
are based upon the fact that the rotational acceleration times the mass 
moment of inertia equals the sum of the applied moments (which includes 
the damping moments). Equations (16.54-16.56 provide these: 

(16.54) 

(16.55) 

(16.56) 

These are second-order differential equations since q', r, and p are the 
derivative with time of pitch, yaw, and roll. Note that there is no first-order 
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term in the roll equation since the roll angle does not affect the roll mo
ments if the sideslip remains zero. 

Aircraft Dynamic Characteristics 
With proper input data, these 1-DOF equations may be solved for time 

history after a given disturbance. However, the results will be incorrect 
since real aircraft motions always involve more than 1-DOF. Longitudinal 
analysis requires a minimum of 3-DOF to account for the interplay between 
pitch angle, vertical velocity, and changes in horizontal velocity. An addi
tional equation is required for elevator deflection in a stick-free analysis. 

Lateral analysis with stick fixed also requires a minimum of 3-DOF, 
which account for lateral velocity, sideslip angle, and rolling angle. For 
stick-free lateral analysis, two additional equations are required to account 
for the aileron and rudder deflections. A full 6-DOF (9-DOF for stick-free) 
is preferable because of the interplay between lift coefficient and the lateral 
derivatives, especially at higher angles of attack. 

Analytical techniques for 3- or 6-DOF simulations are beyond the scope 
of this book, but a few comments on typical results are in order. Longitudi
nally, there are two oscillatory solutions to the equations of motion. One is 
a short-period mode, which is typically heavily damped, and provides the 
desired dynamic stability in response to a pitch disturbance. The other solu
tion is a long-period lightly-damped mode called the "pitch phugoid." This 
involves a slow pitch oscillation over many seconds in which energy is ex
changed between vertical and forward velocity. Many aircraft have a slight 
unnoticeable pitch phugoid. An excessive phugoid should be avoided. 

The lateral equations of motion yield three solutions to a yaw distur
bance. One is the desired heavily-damped direct convergence. The spiral
divergence mode, another solution, involves an increasing bank angle with 
the aircraft turning tighter and tighter until control is lost. However, the 
time to diverge is so long that pilots can easily correct for spiral divergence. 

The third lateral solution, a short-period oscillation called "Dutch Roll,'' 
sees the aircraft waddle from side to side, exchanging yaw and roll. If the 
Dutch Roll is excessive, this oscillation will be objectionable to passengers 
and crew. Dutch Roll is largely caused by the dihedral effect. 

Dutch Roll damping is determined mainly by the size of the vertical tail, 
and is usually the driving criteria for tail sizing other than engine-out con
trol. For this reason, vertical-tail size should not be reduced below the size 
indicated by the tail volume coefficient method until a 6-DOF analysis has 
been conducted, preferably with wind-tunnel data for the dynamic deriva
tives. 

Dutch Roll is aggravated by flexibility effects at high speeds. Most large, 
swept-wing aircraft use a powered rudder mechanized with a gyro to deflect 
into a yaw, thus increasing the effective Dutch Roll damping. 

16.8 QUASI-STEADY STATE 
Setting the rotational accelerations in Eqs. (16.54-16.56) to zero yields 

"quasi-steady state" equations. These represent a steady pitch, yaw, or roll 
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16 

rate and are identical to the steady-state trim equations presented earlier, 
but with the addition of damping terms. 

Pull up . . 
Pull up is a quasi-steady-state trim con~itio~ in ~h1ch the aircraft accele~

ates vertically at a load factor n. Level flight 1mphes that_n = 1. Th~ !ong1-
tudinal-trim equation previously presented [Eq. (16.7)], with the ~dd1t1on o~ 
the pitch damping moment (Cm. times q), is solved to. provide a tota_ 
aircraft lift equal to n times the aircraft weight.. T~e reqmre? elevator ?~ 
flection is then determined from the required tall hft. The pitch rate q 1s 
related to the load factor in a pullup as follows: 

g(n - 1) 
q' = V 

(16.57) 

Level Turn 
A level turn is similar to the pullup in that the aircraft ~xpe~iences .: 

increased load factor and a steady pitch rate. Note t?at t?e s1deshp ~e~~1 

1 zero during a coordinated turn so that the level turn 1s_stnctly_ a longitu 1;a 
· problem! The load factor due to a_ bank _angle <J, 1s obtamed from q. 
(16.58), and the resulting pitch rate 1s obtamed from Eq. (16.59). 
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Class 

I 
II 
III 
IVA 
IVB 

IVC 
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Table 16.2 MIL-F-8785 B roll requirements 

Aircraft type 

Light utility, observation, primary trainer 
Medium bomber, cargo, transport, ASW, recce. 
Heavy bomber, cargo, transport 
Fighter-attack, interceptor 
Air-to-air dogfighter 

Fighter with air-to-ground stores 

n = l/cos¢ 

q' =i(n-1) 
Steady Roll 

Required roll 

60° in 1.3 s 
45° in 1.4 s 
30° in 1.5 s 
90° in 1.3 s 

[ 
90° in 1.0 s 

360° in 2.8 s 
90° in 1.7 s 

(16.58) 

(16.59) 

The steady roll is found by setting Eq. (16.56) to zero. Equation (16.37) 
Ci indicates that the only rolling-moment term that remains when the 
sideslip equals zero is the roll due to aileron deflection. This leads to Eq. 
(16.60), which is solved for roll rate (radians) as a function of aileron 
deflection in Eq. (16.61). 

(16.60) 

(16.61) 

For many years the roll-rate requirement was based upon the wing helix 
anglepb/2V. NACA flight tests (NACA 715) determined that most pilots 
consider an aircraft to have a good roll rate if the wing helix angle is at least 
equal to 0.07 (0.09 for fighters). 

Military specifications (MIL-F-8785B or Mil Std 1797) require that the 
aircraft reach a certain roll angle in a given number of seconds, as noted in 
Table 16.2. These assume that the aircraft is in level flight upon initiation 
of the roll, so the rotational acceleration should be accounted for. How
ever, aircraft generally reach maximum roll rate quickly; the quasi-steady
state roll rate therefore may be used initially to estimate the time to roll. 

16.9 INERTIA COUPLING 

The F-100 prototype, the first fighter capable of level supersonic flight, 
featured a thin swept wing and long heavy fuselage compared to previous 
fighters. During flight testing, a series of high-speed rolls suddenly diverged 
in angle of attack and sideslip, much to the surprise of all concerned. 
Detailed analysis and simulation discovered the cause to be "inertia 
coupling." 

Figure 16.26 shows a typical fighter in roll. The mass of the forebody and 
aft-fuselage are concentrated like a barbell for illustrative purposes. 
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Like all objects, the fighter tends to roll about it~ princiJ?al (~ongitu_dinal) 
· H 'f the fighter rolled 90 deg about its longitudmal axis, the axis. owever, i h Th 

le of attack would be exchanged with the angle of yaw, as s own. . e 
~g effect of the vertical tail would oppose this increase in yaw angle with 

n~ 

roll. · d · Th In addition the aileron rolling moments are about the wm axi~. . e 
aircraft thus ;ctually rolls around an axis somewhere between the prmcipal 

axis and the wind axis. b 1 h' 
The masses of the forebody and aft-fuselage are above and e ow t _ is 

actual roll axis. Centrifugal force tends to pull the~ a~ay from t~e roll axi~, 
creating a nose-up pitching moment. The combmation of !he i~c~ease m 
yaw angle with roll and the nose-up pitching moment due to mertla is called 

inertia coupling. d db 
Inertia coupling becomes a problem only when the .moment~ pro uce Y 

the inertia forces are stronger than the aerodynami~ resto~mg mome~ts. 
This is most likely to happen at high ~ltitudes ~lower air density) and at high 
Mach numbers where the tail loses hft effectiveness. . . 

The solution to inertia coupling in the F-100 was a larger _vertic~l tall. 
This remains the typical solution. For this reason the vertical-tall are~ 
should not be reduced below the statistical tail-volume-method result until 
a more detailed analysis is available. 

16.1 O HANDLING QUALITIES 

Cooper-Harper Scale 
Aircraft handling qualities are a subjective assessme~t of the way the 

plane feels to the pilot. Few modern pilots fully appreciate the great ad-

90° ROLL 
ABOUT 

BODY AXIS 

CENTRIFUGAL 
FORCE 

- - - WIND AXIS 

,......_ PRINCIPAL AXIS 

WIND 
AXIS 

ACTUAL 
ROLL 
AXIS 

Fig. 16.26 Inertia coupling. 
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vances in handling qualities made since the dawn of aviation. Early fighters 
such as the Fokker Eindecker had handling qualities which were so poor 
that the pilots felt that without constant attention, the aircraft would "turn 
itself inside out or literally swap ends" (movie stunt pilot Frank Tallman, 
quoted from Ref. 71). 

A number of "goodness" criteria such as the wing helix angle have al-
ready been discussed. It is important that the aircraft have a nearly linear 
response to control inputs and that the control forces be appropriate for the 
type of aircraft. The control forces required due to flap deflection or power 
application should be small and predictable. 

These handling qualities criteria are generally considered later in the de
sign cycle. Figure 16.27 illustrates the Cooper-Harper Handling Qualities 
Rating Scale, which is used by test pilots to categorize design deficiencies 
(Ref. 72). Handling qualities are discussed in detail in Ref. 69 . 

Departure Criteria 
One of the most important aspects of handling qualities is the behavior of 

the aircraft at high angles of attack. 
As the angle of attack increases, a "good" airplane experiences mild 

buffetting to warn the pilot, retains control about all axes, and stalls 
straight ahead with immediate recovery and no tendency to enter a spin. If 
a spin is forced, the "good" airplane can be immediately recovered. 

A "bad" airplane loses control in one or more axis as angle of attack 
increases. A typical bad characteristic is the loss of aileron roll control and 
an increase in aileron adverse yaw. When the aircraft is near the stall angle 
of attack, any minor yaw resulting from aileron deflection may slow down 
one wing enough to stall it. With only one wing generating lift, the "bad" 
airplane will suddenly depart into a spin or other uncontrolled flight mode . 

Design features for good departure and spin characteristics have been 
discussed in earlier chapters. There have been many criteria proposed for 
good departure characteristics. Several aerodynamic coefficients are impor
tant to departure characteristics, especially Cn~, Cn, , Ci~, and C10 • 

These are combined in the lateral control departure parameter 
0

(LCDP), 
sometimes called the lateral control spin parameter or the aileron-alone 
divergence parameter [Eq. (16.62)]. The LCDP focuses upon the relation
ship between adverse yaw and directional stability. 

Equation (16.63) shows another departure p~rameter, Cn~aynamk' which in
cludes the effects of the mass moments of inertia. Both of these parameters 
should be positive for good departure resistance. A typical goal is to have 
Cn. . greater than 0.004. 

~dynamic 

(16.62) 

(16.63) 
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Figure 16.28 shows a crossplot of the ~CDP and Cn~ct "with increase in 
angle of attack. In Ref. 73 the boundanes for acceptabie departure resis
tance were determined from high-g simulator tests using experienced pilots. 
The earlier Weissman criteria is also shown. 

Note the departure-parameter crossplot for the F-5. This aircraft is 
widely considered to be one of the best fighters at high angle of attack. Both 
departure parameters are increasing with angle of attack. 

On the other hand, the F-4 has poor departure characteristics. Its depar
ture-parameter crossplot starts in the acceptable zone, but crosses into the 
unacceptable zone as angle of attack increases. 

The HiMat fighter shows that even an advanced supersonic canard con
figuration can have good departure characteristics. The HiMat has highly
cambered outboard wing leading edges and has large twin tails with a sub
stantial portion below the wing. 

Unfortunately, the stability derivatives used to calculate these departure 
parameters become very nonlinear near the stall. First-order estimation 
techniques used in conceptual design may not give usable results for depar
ture estimation. However, the configuration designer can expect to be in
structed to "fix it" when the first wind-tunnel data is available! 

There are a few design rules which can be applied during early configura
tion layout. The fuselage forebody shape has a huge effect upon the stabil
ity characteristics at high angles of attack. An elliptical nose cross section 
that has width greater than height is desirable. 

.008 

.006 

.004 

.002 

LCDP 

NO DEPARTURES 

MILD 
DEPARTURES 
LOW SPIN 
SUSCEPTIBILITY 

POOR ROLL CONTROL 
(WEISSMAN CRITERIA) 

-.004+-~--'"-~~+-~~+-~~ ........ ..._~ ....... ~~--~~--~~-
-.002 u .002 .004 .006 .008 .010 .012 .014 

Fig. 16.28 Departure susceptibility. 
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Wing-tip stalling should be prevented by the use of wing twist, fences, 
notches, or movable leading-edge devices. It is also desirable for departure 
prevention to have a substantial ventral-tail surface. 

Spin Recovery 
After stall, a spin will develop in a "bad" airplane or a good airplane 

severely abused. Figure 16.29 shows the forces acting in a fully developed 
spin. The fuselage and wing masses are repres_ented by barbells. 1:he cen
trifugal forces acting on the fuselage tend to raise the nose, further mcreas-
ing the wing stall. 

MORE 
LIFT 

/ 
/ 
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/ 
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/ 
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~ 
~ .... ~ 
0/ 

~~ 
~~ 

/ 
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.fig. lb.29 Forces in spin. 
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Fig. 16.30 Geometry for spin recovery estimation. 
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Fig. 16.31 Spin recovery criteria. 
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The spin is primarily driven by the difference in lift between the outer, 
faster wing and the inner, slower wing, which is more fully stalled. The spin 
is opposed by damping forces, primarily from portions of the aft fuselage 
and vertical tail underneath the horizontal tail (SF-see Fig. 16.30). 

For recovery, the rudder is deflected against the spin. However, only the 
part of the rudder not blanketed by the stalled air from the horizontal tail 
will aid the recovery (SR, and SR)· 

Figure 16.31 presents an empirical estimation of the required tail damp
ing and rudder area for spin recovery for straight-winged aircraft (Ref. 74). 
This determines the minimum allowable tail-damping power factor 
(TDPF), defined in Eq. (16.64) where TDR is the tail damping ratio [Eq. 
(16.65)] and URVC is the unshielded rudder volume coefficient [Eq. 
(16.66)]. The airplane relative density parameter (µ) is defined in Eq. 
(16.67). 

TDPF = (TDR)(URVC) 

uRvc = sR 1L, + sR 2L2 
Sw(b/2) 

WIS 
µ = pgb 

(16.64) 

(16.65) 

(16.66) 

(16.67) 

17 
PERFORMANCE AND FLIGHT MECHANICS 

17 .1 INTRODUCTION AND EQUATIONS OF MOTION 
The last chapter discussed stability and control, which largely concern the 

rotational motions of the aircraft in pitch, yaw, and roll. This chapter 
introduces flight mechanics, the study of aircraft translational motions. The 
geometry for flight mechanics is shown in Fig. 17 .1. 

The climb angle -y is the angle between horizontal and the wind (stability) 
X-axis (Xs). The "climb gradient" (G), the tangent of the climb angle, 
represents the vertical velocity divided by the horizontal velocity. 

Summing forces in the Xs and Zs directions yields Eqs. (17 .1) and (17 .2). 
The resulting accelerations on the aircraft in the Xs and Zs directions are 
determined as these force summations divided by the aircraft mass (Wig): 

'f.Fx = T cos(a + <l>r) - D - W sin-y 

'f.Fz = T sin(a + </>r) + L - W cos-y 

W= -CT 

V 
C=Cbhp-

550 'Y/p 

T = 550 bhp 'Y/p/V 

(17.1) 

(17 .2) 

(17.3) 

(17.4) 

(17 .5) 

Equation (17 .3) defines the time rate of change in aircraft weight as the 
specific fuel consumption (C) times the thrust. For a piston-propeller en
gine, Eq. (17 .4) determines the equivalent C based upon the piston-engine 
definition of Cbhp (see Chapter 5), and Eq. (17 .5) determines the thrust of 
the propeller. 

These simple equations are the basis of the most detailed sizing and per
formance programs used by the major airframe companies. The angle of 
attack and thrust level are varied to give the required total lift (including 
load factor) and the required longitudinal acceleration depending upon 
what maneuver the aircraft is to perform (level cruise, climb, accelerate, 
turn, etc.). Angle of attack and lift are restricted by the maximum lift 
available. The thrust level is restricted to the available thrust, as obtained 
from a table of installed engine thrust vs altitude and velocity ( or Mach 
number). 

455 
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Fig. 17.1 Geometry for performance calculation. 
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What makes the sizing and performance programs complicated is not the 
actual calculation of the aircraft response to the forces at a given angle of 
attack and thrust level. The complications arise in determining what the 
angle of attack and thrust level should be to perform some maneuver. 

For example, the rate of climb varies with velocity. What combination of 
velocity and thrust setting will allow an airliner to climb to cruise altitude 
with the least fuel consumption over the total mission? This chapter will 
address such performance issues. 

For most aircraft the thrust axis has little incidence with respect to the 
wind axis under most flight conditions. This is by design, and permits sim
plifying Eqs. (17.1) and (17.2) to the forms shown in Eqs. (17.6) and (17. 7). 

f.Fx = T - D - W sinr (17.6) 

f.Fz = L - W COS)' (17. 7) 

(A word of caution: Be especially careful with units in the performance 
calculations. Apply each equation to the units of the data you are using to 
be sure that all units cancel leaving you with the units of the desired answer. 
Be wary of equations involving horsepower. Anytime the constant "550" 
appears in an equation, the other units must be converted to feet, pounds, 
and seconds (One bhp = 550 ft-Ibis). Another "gotcha" is the specific fuel 
consumption C, which is usually given in units of hours-I. This must be 
divided by 3600 to yield seconds-I.) 
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17 .2 STEADY LEVEL FLIGHT 
If the aircraft is flying in unaccelerated level flight, then 1' equals zero and 

the sum of the forces must equal zero. This leads to ~gs. (17.8) a?d (17.9), 
the most simple versions of the translational equations _of mot10n. '!'hey 
state simply that in level flight, thrus! equals_ ~rag and hft equals_ we1g~t. 
These are expressed using aerodynamic coeff1c1ents for the analysis which 
follows. 

T = D = qS(Cv0 + KCz) 

L = w = qSCL 

V = jP~L (~) 

(17 .8) 

(17.9) 

(17 .10) 

From Eq. ( 17. 9), the velocity in level _flight ~an be expressed as a function 
of wing loading, lift coefficient, and air density_ [Eq. (17 ._IO)]. 

These equations imply that the actual TIW m level flight must be the 
inverse of the LID at that flight condition [Eq. (17_.l l)]. T~e TIW and Ll~ 
in level flight can be expressed in terms of the wmg loadmg and dynamic 
pressure by substituting Eq. (17.9) into Eq. (17.8), as follows: 

; = L~D = (~:;) + (~) ~ (17.11) 

Minimum Thrust Required for Level Flight 
From Eq. ( 17 .11) it follows that the condition for mini~um thrust a~ a 

given weight is also the condition for m~imu~ LID. To fmd _the _veloc~ty 
at which thrust is minimum and LID 1s maxn~u.m, the ~envative with 
respect to velocity of Eq. (17 .11) is set to zero. Th~s 1s shown 1~ Eq. (17 .12~, 
and solved in Eq. (17.13) for the velocity at which the reqmred thrust 1s 
minimum and the LID is at a maximum. 

(17.12) 

V min thrust = j 2 
WS /KCK 

or drag P ,.J ~ 
(17.13) 

(17.14) 

Substituting this velocity into Eq. ( 17. 9) yields t~e lift_ coeffi~~e~t {~~ 
minimum drag in level flight [Eq. (17.14)]. This optimal hft coe icien 
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only dependent upon the aerodynamic parameters. At any given weight, the 
aircraft can be flown at the optimal lift coefficient for minimum drag by 
varying velocity or air density (altitude). 

If the lift coefficient for minimum drag is substituted back into the total
drag Eq. (17.8), the induced-drag term will equal the zero-lift drag term. 
The total drag at the lift coefficient for minimum drag will then be exactly 
twice the zero-lift drag [Eq. (17.15)]. 

(17.15) 

Minimum Power Required for Level Flight 

The conditions for minimum thrust and minimum power required are not 
the same. Power is force times velocity, which in steady level flight equals 
the drag times the velocity as shown in Eq. (17 .16). Substituting the lift 
coefficient in level flight from Eq. ( 17. 9) yields Eq. (17 .17). 

P = DV = qS(CDo + KCz) V = Yip V 3S(CD
0 
+ KCL) (17 .16) 

P - v v3sc Kw2 
- ,2p Do+ Yzp VS (17 .17) 

The velocity for flight on minimum power is obtained by setting the 
derivative of Eq. (17.17) to zero, as shown in Eqs. (17.18) and (17.19). 
Substituting this into Eq. (17 .9) yields the lift coefficient for minimum 
power, Eq. (17.20). Substituting this into Eq. (17.8) gives the drag at mini
mum power required [Eq. (17.21)]: 

aP _ ~ v2 _ Kw2 _ 
av- 2 p SCDo YzpV2S - 0 (17.18) 

vmin = .J2 W /K 
power pS ,'1~ (17.19) 

C =ft?CDo 
Lmin K 

power 
(17.20) 

Dmin = qS(CDo + 3CD0) 
power (17.21) 

Note that the velocity for minimum power required is approximately 0. 76 
times the velocity for minimum thrust [Eq. (17.13)]. The aircraft is flying at 
a lift coefficient for minimum power, which is about 730Jo higher than the 
lift coefficient for minimum drag [Eq. (17.14)]. 
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The induced drag at the lift coefficient fo_r mini~um power is _exactly 
three times the zero-lift drag, so the total drag 1s four times the zero-hft drag 
[Eq. (17 .21)]. This drag coefficient is twice as high as at minimum drag [Eq. 
(17.15)]. . . . · fl · 

Remember that at the minimum-power cond1t10n the a1rcraft 1s ymg at 
a slower speed (reduced dynamic pressure) than at the minimum-drag con
dition. The actual drag increase will thus be less than the_ facto~ of two 
indicated by the drag coefficients. The actual drag increase 1s 2.0 times the 
ratio of dynamic pressures (0.762

), or only 15.5% high_er than the tot~l drag 
at minimum-drag conditions. Thus, the LID when flymg at the velocity for 
minimum power required is 1/1.155, or 0.866 times the maximum LID. 

Graphical Analysis for Thrust and Power Required 
The analytical optimizations in the last two sections depend upon the 

assumptions that the zero-lift drag is constant with velocit~, that the d~ag 
due to lift follows the parabolic approximation, and that K is constant with 
velocity. As seen in Chapter 12, these assu~ptio~s are 1:1ot ~ery ~ood other 
than for an aircraft with a high-aspect-ratio wmg which 1s flymg at low 
Mach numbers. 

To determine the actual thrust (or horsepower) required for level flight, 
the aerodynamic results are plotted vs velocity or Mach number and com
pared to the engine data. 

For piston-powered aircraft, horsepower is virtually constant with velo~
ity. The only horsepower variation with velocity is due to ram p~essu~e m 
the intake manifold. For jet aircraft, equivalent horsepower vanes widely 
with velocity but thrust is roughly constant with veloci~y. . 

It is therefore common practice to graph the propulsive requ1rements of 
an aircraft vs velocity (or Mach number), using thrust for jet aircraft and 
using horsepower for propeller aircraft. These are shown in Fig. 17 ._2. T~e 
horsepower required is found by multiplying the drag by the veloc~ty (di
vided by 550 to make the units come out as horse~ower). !he eqm~alent 
thrust for the propeller aircraft is also shown for 1llustrat10n, but 1s not 
commonly plotted. 

The velocities for minimum thrust and minimum power are shown. Note 
that the minimum-power-required velocity is about 86.6% of the minim1:1m
thrust-required velocity, as predicted in the last section. Also, the_ s1:1penor
ity of the jet engine for high-speed flight should be clear from this illustra-

tion. · h 
The excess thrust at full throttle is determined simply by subtractmg t e 

thrust required from the thrust available. This excess can be used to acceler-
ate or climb, as discussed later. . 

Such a plot of thrust or horsepower vs velocity is different at each alti
tude. 

Range . 
· The range of an aircraft is its velocity multiplied by the amount of ti?1e 
it can remain in the air. Time in the air equals the amount of fuel earned 
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Fig. 17.2 Thrust and power. 

divided by ~h~ rate at which ~~e fuel is burned. This in turn is the required 
thrust multiplied by the specific fuel consumption. 

_Unfortunately, the simple equation implied by the last paragraph is com
phcated by the fact that the aircraft weight drops as fuel is burned. This 
c?anges the drag, which then changes the thrust required. Net result: the 
aircraft goes farther but the calculation is more difficult! 

H~wever, th~ "ins.tantane?us range" derivative can be calculated using 
the_ simple_relat10nship_ ~escnb~d above, which is expressed in Eq. (17.22). 
!his describes the additional distance the aircraft will travel with the next 
mcremental amount of fuel burned. This can also be expressed in terms of 
the LID and w~ight, a~ shown. Instantaneous range is a commonly-used 
measure of ment and is usually discussed in units of nautical miles per 
pound of fuel. 

dR _ ___!'.:_ _ V _ V(LID) 
dW- -CT- -CD - -CW 

R = I Wj V(LID) dW = .!::' .f_ fu(W;) 
Jw; -CW CD W1 

(17.22) 

(17.23) 

~ntegr~ting the .i~stantaneous range with respect to the change in aircraft 
weight yields the Bre~uet range equation" [Eq. (17 .23)]. This integration 
~ssumes that the velocity, specific fuel consumption, and LID are approx
imately constant. 
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These assumptions require that the aircraft hold lift coefficient constant. 
To hold the lift coefficient constant as the aircraft becomes lighter requires 
reducing the dynamic pressure. Since velocity is also being held constant, 
the only way to reduce dynamic pressure is to reduce air density by climb
ing. This results in a flight path known as the "cruise-climb," which maxi
mizes range. 

The cruise-climb is not normally permitted for transport aircraft because 
of the desire by air-traffic control to keep all aircraft at a constant altitude 
and airspeed. It is possible to develop a rather messy range equation under 
these assumptions. 

However, the Breguet range equation can be applied with little loss of 
accuracy by breaking the cruise legs into several shorter mission-segments, 
using the appropriate LID values as aircraft weight drops. 

On a long flight, air traffic control may permit a "stairstep" flight path 
in which the aircraft climbs to a more optimal altitude several times during 
the cruise as fuel is burned off. 

Range Optimization-Jet 
The Breguet range equation can be applied equally well to jets or pro

peller aircraft, with the use of Eq. (17.4) to determine an equivalent thrust 
specific fuel consumption for the propeller aircraft. However, the condi
tions for maximum range differ for jets and props because of the effect of 
velocity on thrust for the propeller. 

The terms in the Breguet range equation that do not involve the weight 
change [i.e., (VIC)(LID)] are known as the ''range parameter" and are a 
measure of the cruising performance. For subsonic jet aircraft the specific 
fuel consumption is essentially independent of velocity and the range pa
ramet_er can be expanded as shown in Eq. (17 .24). 

Setting the derivative of Eq. (17 .24) with respect to velocity equal to zero 
yields Eq. (17 .25), the velocity for best range for a jet. The resulting lift 
coefficient and drag are given in Eqs. (17 .26) and (17 .27). 

V(L) V( CL ) 2WlpVS 
C D = C Cv

0 
+ KCl = CCn 0 + (4KW2C)!(p2V4S 2

) 
(17.24) 

(17.25) 

C §no Lbest = -
range 3K 

(17.26) 

( 
Cv0) Dbest = qS Cv0 + -
3
-

range 
(17.27) 

· Note that the drag coefficient for best range for a jet is 1.33 times the 
· zero-lift drag. This is a lower drag coefficient than the drag coefficient for 
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This method minimizes time to climb with no constraint on ending veloc
ity. To climb to a given altitude with a specified ending velocity, the optimal 
trajectory is flown until the aircraft reaches the energy-height curve of the 
desired ending condition. Then that energy-height curve is followed to the 
ending altitude and velocity, by either climbing or diving. 

!1-2 = (P) 
s average 

(17.90) 

The actual time to climb is determined by numerically integrating along 
the optimal trajectory using Eq. (17.89). The time to change energy height 
is approximately expressed in Eq. (17. 90) as the change in energy height 
divided by the average Ps during the change. As always, accuracy is im
proved with smaller integration steps. 

Note that the time to follow lines of constant energy-height is usually 
negligible for a first-order analysis. 

Minimum Fuel-to-Climb Trajectory 
The energy equations can be modified to determine the climb trajectory 

that minimizes fuel consumption. The "fuel specific energy" (ls) is defined 
as the change in specific energy per change in fuel weight. This is shown in 
Eq. (17.91) to equal the Ps divided by the fuel flow, which is the thrust times 
the specific fuel consumption. 

Like Ps, the ls values can be calculated and plotted vs Mach number for 
each altitude and then cross-plotted as contour lines on a Mach number vs 
altitude chart, as shown in Fig. 17 .15. 

ls = dhe = dheldl Ps 
dJJ;- dJJ;-ldt CT 

(17.91) 

(17.92) 

In Eq. (17.92), Eq. (17.91) is rearranged and integrated to yield the 
change in fuel weight for a change in energy height (he). Note that this is 
minimized when Is is maximized for each energy height. This implies that 
the minimum-fuel-to-climb trajectory passes through those points for which 
ls contours are exactly tangent to the he contours. This is shown in Fig. 
17 .15, which greatly resembles the chart used to determine the minimum
time-to-climb trajectory. 

!::..he 
Wt1-2 = fl') 

Vs average 
(17.93) 

The fuel consumed during the climb is determined by numerically inte
grating along the minimum-fuel trajectory, using Eq. (17.93) as an approx
imation. 
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. 17 15 Minimum fuel to climb. Fig. • 

Energy Method for Mission-Segment Weight Fraction . . 
Equation (17. 94) is an expression o~ the mis~ion-segmen~ weight. fractH: 

for any flight maneuver involving an m~rea~e m energy height. This c:~ha~ 
used for climbs or accelerations or combmat10ns of the two: Re~emb~ ht t 
the mission-segment weight fraction expresses the tot~l a1rcra t. we1g a 
the end of the mission segment divided by the total ~1r.craft we!ght atdt~e 
beginning of the mission segment. This is used for s1Z1ng as d1scusse m 

earlier chapters. 

W; + 1 [ - C !::..he ] 
W; = exp V(l - DIT) 

(17 .94) 

Unfortunately, a maneuver involving a reductio~ in energy heig:t c:nnot 
create fuel as would be implied by putting a negative value for t e c ange 

in he into Eq. (17 .94)! 

17 7 OPERATING ENVELOPE b. 
· ,, "fl. ht elope'' maps the com I-
The aircraft "operating envelope or ig. env si ned to 

nations of altitude an~ velocity ~hat thelalf~~a!~s~~~ ~i::Iie~:e;triction 
·withstand.The "level-flight operatmg enve o?e 
that the aircraft be capable of steady level flight. 
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The rate of climb, or vertical velocity, is the velocity times the sine of the 
climb angle [Eq. (17.37)). 

T = D + W sin-y 

L = W cos-y 

_ . _1(T -D)- . -l( T cos-y)- . -l( T 1 ) -y-sm ~ -sm W- LID =Sm W- LID 

. (T-D) (T 1 ) V,, = Vsm-y= V ~ = V W- LID 

(17 .34) 

(17.35) 

(17 .36) 

(17 .37) 

The velocity for steady climbing flight can now be derived from Eq. 
(17.35), as shown in Eq. (17.38). 

The thrust-to-weight ratio is no longer the inverse of the lift-to-drag ratio 
as was the case for level flight. Solving Eq. (17.36) for TIW yields Eq. 
(17 .39), the thrust-to-weight ratio required for a steady climb at angle 'Y. 

V = jP~L (~) cos-y (17 .38) 

T _ cos-y . _ 1 . 
W - LID + sm-y = LID + sm-y (17 .39) 

Graphical Method for Best Angle and Rate of Climb 
Two climb conditions especially concern the aircraft designer: the "best 

rate of climb," which provides the maximum vertical velocity (Vv), and the 
"best angle of climb," which provides a slightly lower vertical velocity but 
at a reduced horizontal speed, so that the angle of climb is maximized. 

RATE OF 
CLIMB-Vv 

BEST RA TE OF CLIMB 

BEST ANGLE // 
OF CLIMB 

~ / 

/~ 
/ 

/ 
/ 

~/~~~~~~~~~~~~~~-+VH;V 

Fig. 17.3 Graphical method for best climb. 
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Therefore, the aircraft gains more altitude for a given horizontal distance; 
important for clearing mountains! 

The most accurate way to determine best rate and angle of climb is to plot 
the rate of climb vs velocity, using Eq. (17.37) and the actual thrust and 
drag data as shown in Fig. 17 .3. The best rate of climb is obviously the peak 
of the curve. The best angle of climb is the point of tangency to a line from 
the origin. The angle of climb is the arctangent of the vertical velocity 
divided by the horizontal velocity at that point. 

Best Angle and Rate of Climb-Jet 
Analytical optimization of velocity for best angle and rate of climb can be 

messy. Graphical analysis is more reliable, but doesn't give an analytical 
feeling for the key variables. 

For a jet aircraft, the thrust is essentially constant with velocity so Eq. 
(17 .36) can be directly maximized for the conditions for best climb angle. 
Since the TIW term is constant with velocity, the velocity for best LID 
should be selected to maximize climb angle. This velocity was determined in 
Eq. (17.13). 

To determine the velocity for best rate of climb of a jet aircraft, Eq. 
(17.37) must be maximized. Equation (17.40) is obtained from Eq. (17.37) 
by expanding the drag term and assuming that 'Y is small enough that lift 
approximately equals weight: 

(17.40) 

(17.41) 

In Eq. (17.41), the derivative of the vertical velocity with respect to 
aircraft velocity is set to zero and solved for velocity for best climb. 

Note that if the thrust is zero this equation collapses to the equation for 
the velocity for minimum power required [Eq. (17 .19)], which serves as a 
lower boundary on the solution. The effect of nonzero thrust is a significant 
increase in the velocity for best climb rate with increasing thrust. 

The velocity for best climb rate including the effects of thrust may be on 
the order of twice the velocity for minimum power. Velocities of 300-500 
knots are not uncommon for the best climb speed for a jet. The XB-70 has 
a best climb speed of 583 knots! 

This climb optimization will only determine the velocity for the best rate 
of climb at some altitude. It will not tell you what the complete climb profile 
should be to minimize time to a given altitude. For many supersonic air
craft, minimizing total time to climb requires leveling off or even diving as 
the aircraft accelerates through transonic speeds to minimize the time spent 
at these high-drag conditions. In a later section, the "specific excess power" 
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method will be presented as a means for determining the climb profile that 
minimizes total time to climb. 

Best Angle and Rate of Climb-Prop 
Equation (17.42) expresses the climb angle of a propeller aircraft, as 

obtained by substituting Eq. (17.5) into Eq. (17.36). This equation can be 
expanded and the derivative taken with respect to velocity: 

'Y = sin-I [ 550bhp T/p __ DJ 
vw w (17.42) 

Ho~ever, the theoretical optimal velocities obtained with the resulting 
equat10~ tend to be too low (sometimes lower than the stall speed) for the 
parabolic drag approximation to be valid, because of the separation drag at 
?igh_angles of attack. Also, the thrust no longer follows Eq. (17.5) which 
1mphes that thrust is infinite at zero airspeed . 

. If thrust and drag data are available at low speeds, the graphical method 
will produce good results. Most propeller aircraft have a best angle-of-climb 
speed about 85-900Jo of the best rate-of-climb speed. This can be used for 
an initial estimate. 

Best rate of climb for a propeller aircraft is obtained by substituting Eq. 
oy.5) into Eq. (17.37). This yields Eq. (17.43); simply the power available 
mmus the power required, divided by aircraft weight. Therefore the best 
~ate of climb occurs at the velocity for minimum power required, as defined 
m Eq. (17.19): 

V. 
_ V . _ 550bhp T/p DV 

V - Slll')'- --w w (17 .43) 

Time to Climb and Fuel to Climb 
The t~me to cli?Ib to a given. altitude is the change in altitude divided by 

the vertical velocity (rate of chmb), as shown in Eq. (17.44) for an incre
mental altitude change. Fuel burned is the product of the thrust, specific 
fuel consumption, and time to climb [Eq. (17 .45)]. 

(17.44) 

dW1= -CTdt (17.45) 

The air ~ensity, ai_rcraft weight, drag, thrust, specific fuel consumption, 
and best chmb velocity all change during the climb. A good approximation 
over small changes ~n altitude is that the rate of climb at a given weight and 
co~stant-thr_us! settmg ~nd constant velocity will reduce linearly with the 
al!1tude. This 1s shown m Eq. (17.46), where the linear constant a is deter
mmed from t~e rates of climb at any two altitudes h1 and h2 [Eq. (17.47)]. 
These two altitudes used to determine a should be near the beginning and 
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ending altitudes of the climb being analyzed, but need not be exactly the 

same altitudes. 

Vv = Vv; - a(h;+I - h;) 
(17.46) 

(17.47) 

If the climb is broken into short segments (less than 5000 ft in altitude 
gain), the fuel burned will be an i!1sig1;1ificant _portion o~ th_e total aircraft 
weight and can be ignored in the time mtegrat10n. Subst~tutmg E~. (17.46) 
into Eq. (17.44) and integrating yields Eq. (17.48), the time to chmb from 
altitude i to altitude i + 1. 

Oddly enough, the change in altitude has dropped out ~f the equati.on! 
However the change in altitude is implicit in the change m rate of chmb 
(Vv) due ~o change in altitude. The fuel burned will then be described by Eq. 

(17.49). 

1 ( Vv;) 
ft+! - f; = - &,, V-

a Vi+! 

(17.48) 

.lWruel = (-CT)average (f;+J - f;) 
(17.49) 

If desired, the accuracy of Eq. (17.48) can be improved upon by iterati~n. 
The rate of climb at the end of the climb segment can be recalculated usmg 
the reduced aircraft weight obtained by subtracting the fuel burned [Eq. 
(17.49)] from the original weight. This revised rate of climb can then be 
applied back into Eq. (17 .48). 

17.4 LEVEL TURNING FLIGHT 
In level turning flight, the lift of the wing is canted so that the horizontal 

component of the lift exerts the centripet~I force required _to turn. The total 
lift on the wing is n times the aircraft weight W, where n 1s the load factor. 
Since the vertical component of lift must be W, the horizontal component 
of lift must be Wtimes the square root of (n 2 

- 1). The geometry of a level 
turn is shown in Fig. 17.4 . 

. w~ g~ 
1/; = (Wlg)V = V 

(17.50) 

Turn rate (di/;/dt) equals the radial acceleration divid~d by the velocity, 
as shown in Eq. (17.50). Turn rate is usually expressed m degrees pe~ s~c
ond. Equation (17 .50) yields radians per second, which must be multiplied 
by 57 .3 to get degrees per second. 

Instantaneous Turn-Rate 
. If the aircraft is allowed to slow down during the turn ("instantaneo~s 
turn"), the load factor n will be limited only by the maximum lift coeffI-
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L=nW Lv=W 

Lu~WFa=l~r 

Fig. 17 .4 Level turn geometry. 

cient or structural strength of th . f . 
structural limits expressed as tu:n a~:~:\t. F1f u~e l 7f. 5 show~ thes~ stall and 
craft. s ve ocity or a typical fighter air-

"c!~:e;n:pe:::t,i~nwho1.fcht~e tshtall lilmi! and the structural limit defines the 
, 1s e ve oc1ty for ma · · 

rate. For a typical fighter corner s d . x1mum mstantaneous turn-
cal turning dogfight, opp~nents wifiet: ~s about 300-:-350 knots. In a classi
quickly as possible. Y o get to their own corner speed as 

Sustained Turn-Rate 

In a "sustained turn " the · f · 
altitude during the tur~ In a airct~ t ~ not permitted to slow down or lose 
and the lift must equal ioad f!~:

0
~
1
~ef turn ~he t~rust must equal the drag 

load factor for sustained turn can b imes t de weight. Thus the maximum 
e expresse as the product of the thrust-
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to-weight and lift-to-drag ratios [Eq. (17.51)], assuming that the thrust axis 
is approximately aligned with the flight direction. 

To solve for the sustained load factor in terms of the basic aerodynamic 
coefficients, the drag is expanded using (CL= nWlqS) and set equal to the 
thrust. This leads to Eq. (17 .52), which defines the maximum available 
sustained load factor for a given flight condition. 

Note that the drag-due-to-lift factor (K) is a function of lift coefficient, 
as described in Chapter 12. Since n is also a function of lift coefficient, 
iteration is required to solve Eq. (17 .52). 

n = (TIW)(LID) (17.51) 

_ j q (T QCv0) 
n -K(WIS) W- WIS (17 .52) 

Equation (17.51) implies that the sustained-turn load factor can be opti
mized by flying at the lift coefficient for maximum LID, which was deter
mined in Eq. (17.14). Using this lift coefficient and setting lift equal ton 
times W leads to Eq. (17 .53). This can be readily solved for either velocity 
or wing loading to obtain the maximum sustained-turn load factor. 

~ 
L=nW=qS"1K 

(SAMPLE DAT A) 
(SOME GIVEN ALTITUDE) CORNER 

SPEED 
TURN RATE 

J, (deg/sec) 

30 '[, ' ' ' 25 ' ' ' ' \ 
20 \ 

\ 
15 ' 

STALL ..... 
10 -LIMIT 

5 CL MAX ---
0 

0 100 200 300 400 

V-knots 

(17 .53) 
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2 " = 
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Fig. 17.5 Turn rate and corner speed. 
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Figure 17.5 showed the "sustained turn-rate envelope." This is derived 
using Eq. (17.50) to determine the turn-rates provided by the sustained load 
factors available at the various flight conditions. 

Turn Rate with Vectored Thrust 
Vectored thrust offers improved turn performance for future fighters, 

and is already used in the VSTOL Harrier fighter to maximize turn-rate. 
The direction the thrust should be vectored depends upon whether instanta
neous or sustained turn-rate is to be maximized. 

In a level turn with vectored thrust, the load factor times the weight must 
equal the lift plus the contribution of the vectored thrust, as shown in Eq. 
(17 .54). 

The maximum load factor (and turn rate) is obtained by taking the 
derivative with respect to vector angle and setting it to zero [Eq. (17.55)]. 
This yields Eq. (17 .56), which states simply that the thrust vector for max
imum instantaneous turn-rate should be perpendicular to the flight direc
tion. 

nW=L + Tsin(a+<l>T) (17.54) 

an a (L T . ) ( T) o<l>T = o<l>T W + w sm(a + <l>T) = W cos(a + <l>T) = O (17.55) 

<l>T = 90 deg - a (17.56) 

Since none of the thrust is propelling the aircraft forward, it will slow 
down very rapidly! British pilots in combat have used the 90-deg vectoring 
of the Harrier to generate a high turn-rate while decelerating, causing pur
suing pilots to overshoot. 

In a sustained turn with vectored thrust, the drag equals the thrust times 
the cosine of the total thrust angle, so the load factor n is expressed as in Eq. 
(17 .57). Setting the derivative with respect to thrust-vector angle equal to 
zero [Eq. (17.58)] yields Eq. (17.59). 

n = (Teas(~/ <l>T))(~) 

:;T = ; sin(a + <l>T) (i>) = 0 

<PT= -a 

(17 .57) 

(17.58) 

(17.59) 

Equation (17 .59) implies that the thrust vector for maximum sustained 
turn rate should be aligned with the flight direction. If the aircraft is at a 
positive angle of attack, the thrust should be vectored upward (relative to 
the fuselage axis) to align it with the freestream! However, this calculation 
ignores the jet flap effect which may produce a drag reduction with slight 
downward deflection if the nozzles are located near the wing trailing edge. 
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17 .5 GLIDING FLIGHT 

Straight Gliding Flight 
Gliding flight is similar to climbing flight with the thrust set to z_ero. 

Equations (17 .34) and (17 .35) become Eqs. (17 .60) and (17 .61). The direc
tion of the gliding angle 'Y is assumed to be reversed from that used for 

climb. 

D = W sin'Y 

L = W COS'}' 

L Wcos'Y =--=-
D = W sin'Y tan'}' 'Y 

(17 .60) 

(17 .61) 

(17 .62) 

The lift-to-drag ratio is the inverse of the tangent of.the glide.angle [Eq. 
(l 7 .62)]. In sailplane terminology, t?e "glide ratio': 1s the

1 
~at1;h b~:;~:~ 

horizontal distance travelled and ~It1tude l?sht, a~11s e~uaof ~O w~ll travel 
drag ratio. A high-performance sailplane wit a g 1 er~ 10 
over seven statute miles for every thousand feet of alt1tud~ lost. . 

(cultural note: In sailplane terminology, a "sail~lane" ids an! expensf1ve, 
· f A " I'd " 1s a cru e ow-per or-high-performance unpowered aircra t. g 1 er • 

mance unpowered aircraft!) . . Id b 
To maximize range from a given altitude, the gh~e rat10 shou f e m~

. · Th' ires flying at the velocity for maximum LID as oun 1~ 
~~w7.13)~ ;:~~ated below as Eq. (17.63). The_lift coe~ficientL~; m( ~; 
mum LID is repeated as Eq. (17.64). The result!ng maximum g 
ratio) is determined from Eq. (17.15), as shown m Eq. (17.65). 

bw/K 
VmaxL!D = ,'1=,;s ,'1~-

0 

(17.63) 

(17 .64) 

(17 .65) 

. · · · d b th " · k rate"· 
The time a glider may remain m the ~lf I~ det~rmme .Y e s1? h air~ 

the vertical velocity Vv, which is neg_ative m this case. Sm~ .ra~ is l1 ;,66). 
craft velocity times the sine of the ghde angle, as expresse m q. 

Vv = V sin'}' = sin'}' ( ~) 
2 

:~:'Y 
(17 .66) 
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. D Cn 
sm-y = L cos-y = - cos-y 

CL 

W 2 cos3-yC}j _ 
S pCl = 

W 2 
S p(Cl!C}j) 

(17.67) 

(17.68) 

. Equation ~17.66) contains both sine and cosine terms In Eq (17 67 th 
~~e f [/~~ride a.::gle is_ expressed in cosine terms to all~w substituti.on)int~ 
cosine t~rm' i:!/ b~7~~~e~:· (1 7 ·68). For typical, small glide angles the 

ter:h~ liftt~eff~ient for minirr.m?1 sink rate is solved for by maximizing the 
mvo vmg L and Cn. This IS shown in Eq (17 69) with the . 

Eq. (17.70). Note that this is also the lift coefficien~ fo~ . . result m 
required so th l · mm1mum power 

. . ' . eve o~1ty_can be expressed as in Eq. (17.71). The LID 
mm1mum smk speed IS given by Eq. (17.72). at 

a~L (~f) = a~L Ccn0 ~~cl)2) = 0 (17.69) 

C - ~ 
L min sink - ,...} K (17.70) 
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Fig. 17.6 Sailplane sink rate. 
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Vminsink = fiw /K 
,...} pS ,...}~ 

(17.71) 

(17.72) 

The velocity for minimum sink rate is 7611/o of the velocity for best glide 
ratio. Sailplane pilots fly at minimum sink speed when they are in "lift" 
(i.e., in an airmass moving upwards). When the lift "dies," they accelerate 
to the velocity for best glide ratio to cover the most ground while looking 
for the next lift. An instrument called a "variometer" tells the sailplane 
pilots when they are in lift. 

Figure 17 .6 shows a graphical representation of sink rate for a sailplane. 
This is known as a "speed-polar," or "hodograph," and can be used to 
graphically determine the velocities for minimum sink rate and best glide 
ratio. 

Turning Gliding Flight 
When sailplane pilots find lift, they turn in a small circle to stay within 

the lifting airmass. Due to the additional wing lift required to turn, the 
sailplane will experience higher drag and a greater sink rate. Equation 
(17.61) must be modified to account for the bank angle <j, [Eq. (17.73)). 

L cos<f, = W cos-y = W (17.73) 

Turn-rate is equal to the centripetal acceleration divided by the velocity, 
and is also equal to the velocity divided by the turn radius [Eq. (17.74)) . 
This allows the centripetal acceleration to be expressed as the velocity 
squared divided by the turn radius [Eq. (17.75)). In Eq. (17.76), the turning 
force due to the lateral component of wing lift is equal to the aircraft mass 
times the centripetal acceleration. 

if;= a!V= VIR 

wv2 

L sin<f, = -- = W .Jn2=1 
gR 

v2 v2 
R ----=-=== 

- g tan<f, g.JnT=l 

(17.74) 

(17 .75) 

(17.76) 

(17.77) 

Equation (17. 76) can be solved for turn radius as expressed in terms of 
either bank angle or load factor [Eq. (17.77)). 

The vertical velocity (sink rate) can be determined by substituting CL cos<j, 
for CL in Eq. (17.68). This yields Eq. (17.78), which is simply the previous 
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resul! divided by the cosine of</>, raised to the 3/2 power The radius of the 
turn 1s found by substituting Eq. (17.73) into Eq (17 77). as shown· E 
(17.79): · · , m q. 

W 2 
S p(Cl!C}j) (17. 78) 

R = 2W 
pSC12 sin¢ (17.79) 

Since the <I> term _i? Eq. (17.78) does not vary with velocity, the rior 
resu~ts for the velocities for best glide ratio and minimum · k t P b 
apphed. sm ra e can e 

. O~e ~nique problem for a slow-flying sailplane in a turn is the variation 
m ve oc1ty across the long span of the wing. The wing on the inside of the 
turn ?Iay stall due to the lower velocity. This is shown in Fig 17 7 Th 
velocity across the span varies linearly with distance from the ·axis· ~f th; 
turn. Also, the bank angle shortens the wing span when seen from above. 

TURN 
AXIS 

TURN 
AXIS 

V 

V1NNER -- ---

Fig. 17. 7 Turn radius effect on wingtip velocity. 
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These effects are shown in Eq. (17 .80): 

V = Veg [ 1 + i COS</> l (17.80) 

V;nner = Veg [ 1 - :R cos</> l (17.81) 

In Eq. (17 .81), the velocity at the inner wing tip is shown as a function of 
wing span, turn radius, and bank angle. In normal flight this velocity differ
ence is easily corrected with a little aileron to increase the lift coefficient on 
the inner wing. However, when flying near the stall at even a moderate bank 
angle, this can reduce the velocity of the inner wing tip enough to create a 
one-wing stall, which leads to a spin. 

17.6 ENERGY-MANEUVERABILITY METHODS 

Energy Equations 
Fighter pilots have always known that management of energy is critical to 

survival and success. In World War I the experienced pilots always tried to 
enter a dogfight from above. They could then exchange the potential energy 
of altitude for the kinetic energy of speed or turn rate. 

Jet-fighter dogfight maneuvers largely rely upon the exchange of poten
tial and kinetic energy to attain a positional advantage. For example, the 
"High Speed Yo-Yo" maneuver is used when overtaking a slower aircraft 
in a hard turn. The attacker pulls up, trading kinetic energy for potential 
energy and slowing to allow a higher turn rate. After turning, the attacker 
rolls partially inverted and pulls down astern of the opponent, now ex
changing potential energy back for speed. 

Fighter pilots understand that potential and kinetic energy can be ex
changed, and that the sum of the aircraft energy must be managed to attain 
success. This intuitive measure of goodness can be analytically developed 
and applied to aircraft design. 

E = Wh + i(;)v2 (17 .82) 

h = E = h + _!_ V 2 

e W 2g (17 .83) 

(17 .84) 

At any point in time, the total energy of an aircraft (the "energy state") 
is the sum of the potential and kinetic energy, as shown in Eq. (17.82). 
Dividing by aircraft weight gives the "specific energy" [Eq. (17 .83)]. 
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Specific energy has units of distance (feet), and is also called the "energy 
height" (he) because it equals the aircraft altitude if the velocity is zero. 

Power is the time rate of energy usage, so the "specific power" (Ps)usect 
can be defined as the time rate at which the aircraft is gaining altitude or 
velocity [Eq. (17 .84)]. Since specific energy has units of distance (feet), 
specific power has units of distance per time (feet per second). 

This power being used by the aircraft to gain height or velocity has to 
come from somewhere. In the discussions of power required vs power avail
able, it was pointed out that the excess power could be used to climb or 
accelerate. This excess power is the excess thrust (T - D) times the velocity 
[Eq. (17.85)]. 

The "specific excess power" (Ps) is the excess power divided by the 
weight, and equals the specific power used, as shown in Eq. (17.86). 

P = V(T-D) (17 .85) 

Ps = V(T - D) = dh + ~ d V 
w dt g dt (17.86) 

p = v[Z _ qCno _ n2 !S_ WJ 
s W WIS q S (17 .87) 

Drag, and therefore Ps, is a function of the aircraft load factor. The 
higher the load factor, the greater the drag, and thus the less excess power 
available. Equation (17 .86) can be expanded in terms of the load factor and 
the aerodynamic coefficients as shown in Eq. (17.87). Note that T!W and 
WIS are at the given flight condition, not the takeoff values! 

. Specific excess power Ps has units of feet per second, just like rate of 
chmb. In fact, Eq. (17 .86) is identical to the rate-of-climb equation if the 
longitudinal acceleration (d V ldt) is zero. The Ps at a load factor of one is 
actually the rate of climb that would be available if the pilot chose to use all 
of the excess power for climbing at constant velocity. 

When Ps equals zero, the drag of the aircraft exactly equals the thrust so 
there is no excess power. This does not necessarily mean that the aircraft 
isn't climbing or accelerating. However, if the sum of the energy usage 
equals zero, then the aircraft must be flying level, or climbing and deceler
ating, or descending and accelerating. 
. Equations (17.86) and (17.87) assume that the thrust axis is approx
imately aligned with the flight direction. If this is not the case, the thrust 
term should be multiplied by the cosine of (a + <f,t). 

Ps Plots 

For any given altitude, Ps can be calculated using Eq. (17. 87) for varying 
Mach numbers and load factors once the aerodynamic coefficients and 
in.stalled thrust data are available. Design specifications for a new fighter 
will have a large number of "must meet or exceed" P points such as 
"P s ' s = 0 at n = 5 at Mach 0.9 at 30,000 ft." 
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Ps values are calculated and plotted against Mach n~mber as shown i_n 
Fig. 17 .8 for a number of altitudes. Computers are especially handy for this 
"number crunching." 

From the Ps charts at the various altitudes (Fig. 17 .8), several additional 
charts can be prepared by cross-plotting. 

The level turn-rate can be determined for the various _load factors ~t _a 
given altitude and Mach number, ~nd plotted vs P_s (Fig. 17.9). This is 
compared to the data for a threat aircraft at that altitude an~ Mach num
ber. With an equivalent Ps at a higher turn-rate, the new f!ghter would 
always be able to turn inside the oppon_ent wit~ou! ~osing relative energy. A 
turn-rate advantage of 2 deg/s is considered s1gmf1cant. 

In Fig. 17 .10, Ps = O contours are plotted for different load factor~ on a 
Mach number vs altitude chart. This is a major tool for the evaluation of 
new fighters, and permits comparisons between two aircraft f?r all Ma~h 
numbers and altitudes on one chart. To win a protracted dogfight, an air
craft should have Ps = 0 contours that envelop those ?f an opponent. 

In Fig. 17 .11, contour lines of constant Ps at a given load. factor are 
plotted onto a Mach number vs altitude chart. A separate char~ is prep~red 
for each load factor. The chart for load factor equal~ one 1s ~~pec1ally 
important because it provides the rate ?f clim~ and t~e aircraft ce1hng, and 
because it is used to determine an optimal chmb traJectory. 
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Fig. 17.8 Ps vs Mach number and load factor. 
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Fig. 17 .11 Ps contours, constant load factor. 
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479 

1.8 2.0 

Figure 17 .12 is a plot of energy height vs Mach number and altitude. This 
is merely a graphical representation of Eq. (17.83), and has nothing to do 
with the particulars of any one aircraft. An F-16 or a Boeing 747 would 
have an energy height of 42,447 ft if flying at Mach 0.9 at 30,000 ft. 

dt = dhe 
Ps 

(17 .88) 

(17 .89) 

Equation (17 .84) can be rearranged into Eq. (17 .88) which expresses the 
incremental time to change energy height (he) as the change in energy height 
divided by the Ps at that flight condition. This is then integrated in Eq. 
(17 .89) for the time to change energy height. 

Equation (17 .89) shows that the time to change energy height is mini
mized if the Ps is maximized at each energy height. This occurs at those 
points on the Mach number vs altitude plot of 1-g Ps (Fig. 17.11) where the 
Ps curve is exactly tangent to an energy-height curve (Fig. 17 .12). 

In Fig. 17 .13, the 1-g Ps curves for a typical current-technology-high
thrust fighter are superimposed on the he curves of Fig. 17.12. The trajec
tory for minimum time to climb is shown as passing through the dots repre-
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Fig. 17.12 Lines of constant energy height. 

senting the points where the Ps curves are tangent to he curves. For such a 
fighter, the minimum time to climb is obtained by staying low and acceler
ating to transonic speeds, then pitching up into a steep climb at approx
imately constant indicated airspeed (i.e., dynamic pressure), as shown by 
the optimal trajectory. 

Figure 17.14 shows the 1-g Ps curves for a typical 1960's era jet fighter. 
These fighters had significantly less thrust, and suffered a "thrust pinch" at 
transonic speeds-in which the thrust minus drag would reduce to almost 
zero. This causes the Ps contours to form "bubbles." 

The minimum-time-to-climb trajectory requires jumping from one bub
ble to the other. This is done by diving or climbing along lines of constant 
energy height tangent to Ps lines of the same numerical value for both 
bubbles, as shown in Fig. 17.14. 

Note that Fig. 17 .14 requires diving through Mach 1.0 to minimize time 
to climb for this aircraft. This was common in earlier jets, and makes .sense 
intuitively. Since thrust minus drag is nearly zero at transonic speeds, accel
eration will be slow and the aircraft will spend a lot of time in transonic 
acceleration. Diving reduces this time. The altitude lost is easily regained at 
higher speeds where the drag is less. 
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Fig. 17.14 
Minimum time-to-climb, low thrust fighter (circa 1960). 
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. This m_ethod mi~imizes !ime to climb with no constraint on ending veloc
ity. To chmb to a given altitude with a specified ending velocity, the optimal 
trajectory is flown until the aircraft reaches the energy-height curve of the 
desired ending condition. Then that energy-height curve is followed to the 
ending altitude and velocity, by either climbing or diving. 

_ !::,,.he 
f1-2= (P) 

s average 
(17 .90) 

The actual time to climb is determined by numerically integrating along 
the optimal trajectory using Eq. (17.89). The time to change energy height 
is_ ~pproximately expressed in Eq. ( 17. 90) as the change in energy height 
d1v1ded by the average Ps during the change. As always, accuracy is im
proved with smaller integration steps. 

N?t.e that the !ime to follow lines of constant energy-height is usually 
neghg1ble for a first-order analysis. 

Minimum Fuel-to-Climb Trajectory 
The energy equations can be modified to determine the climb trajectory 

that minimizes fuel consumption. The "fuel specific energy" (ls) is defined 
as the change in specific energy per change in fuel weight. This is shown in 
Eq. (17.91) to equal the Ps divided by the fuel flow, which is the thrust times 
the specific fuel consumption. 

Like Ps, the ls values can be calculated and plotted vs Mach number for 
each altitude and then cross-plotted as contour lines on a Mach number vs 
altitude chart, as shown in Fig. 17.15. 

J; _ dhe _ dhefdt Ps 
s - dW;- - dW;-ldt CT (17.91) 

(17 .92) 

In Eq. (17. 92), Eq. ( 17. 91) is rearranged and integrated to yield the 
change in fuel weight for a change in energy height (he). Note that this is 
minimized when ls is maximized for each energy height. This implies that 
the minimum-fuel-to-climb trajectory passes through those points for which 
ls contours are exactly tangent to the he contours. This is shown in Fig. 
17 .15, which greatly resembles the chart used to determine the minimum
time-to-climb trajectory. 

W, 
_ !::,,.he 

!J-2=,,) 
Vs average 

(17.93) 

The fuel consumed during the climb is determined by numerically inte
grating along the minimum-fuel trajectory, using Eq. (17.93) as an approx
imation. 
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Fig. 17 .15 Minimum fuel to climb. 

Energy Method for Mission-Segment Weight Fraction 
Equation (17 .94) is an expression of the mission-segment weight fraction 

for any flight maneuver involving an increase in energy height. This can be 
used for climbs or accelerations or combinations of the two. Remember that 
the mission-segment weight fraction expresses the total aircraft weight at 
the end of the mission segment divided by the total aircraft weight at the 
beginning of the mission segment. This is used for sizing as discussed in 
earlier chapters. 

W;+1 [ -Ct:i.he J 
W; =exp V(l-D!T) 

(17.94) 

Unfortunately, a maneuver involving a reduction in energy height cannot 
create fuel as would be implied by putting a negative value for the change 
in he into Eq. (17.94)! 

17.7 OPERATING ENVELOPE 
The aircraft "operating envelope" or "flight envelope" maps th~ combi

nations of altitude and velocity that the aircraft has been designed to 
withstand. The "level-flight operating envelope" has the further restriction 
that the aircraft be capable of steady level flight. 
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Fig. 17.16 Operating envelope. 

The operating envelope for a typical fighter is shown in Fig. 17.16. 
Fighter operating envelopes are the most complicated and contain all the 
elements of the operating envelopes of other classes of aircraft. 

The level-flight operating envelope is determined from the Ps = 0 and stall 
limit lines. The Ps = 0 limit is usually shown for both maximum thrust and 
for military (nonafterburning) thrust. 

Since the Ps = 0 and stall lines vary with aircraft weight, some assumption 
about aircraft weight must be made. Typically the operating envelope is 
calculated at takeoff weight, cruise weight, or combat weight. 

The "absolute ceiling" is determined by the highest altitude at which 
Ps = 0. Some small rate of climb capability (i.e., Ps) is required at the 
"service ceiling." FAR's require 100 fpm for propeller aircraft and 500 fpm 
for jets. Military specifications require 100 fpm at the service ceiling. 

For some jet aircraft, the limitation on usable ceiling is the pilot. The 
odds of surviving an ejection above 50,000 ft are rather small without an 
astronaut-type pressure suit or some type of capsule. This limits the usable 
ceiling as shown. 

Another limitation to the level flight envelope of many jet aircraft is the 
low-q engine operating limit. At low velocities and high altitudes there may 
not be enough air available to restart the engine in the event of a flameout. 
It may also be impossible to operate or light the afterburner. These limits 
are provided by the engine manufacturer. 
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· · 1· ·t shown 1·n Fig 17 16 are structural. The external-The remammg 1m1 s · · . . 
namic ressure q as defined in Eq. (17. 95) has a direct 1~pact u~on 

flhow dy t I ploads A max1·mum q limit is specified in the design reqmre-
t e struc ura · I · T · I d ct by the structural designers for stress ana ys1s. yp1ca 
~;~~:r :~rcr~;; have a q limit of 1800-2200 psf. This corresponds to tran-

sonic speeds at sea level. 

q = \/zp 00 V.;, = 0. 7 P,tatic M
2 (17 .95) 

Pr
0
=Pstatic[l +0.2M

2f 5 (17.96) 

The airload s~~~~:u~:~a::!~~ ;i~~i~ot!; ti:~e:i:~~~:(t;;f ::fi~ ~~a:b;~~ 
freestream pre . f f ) The total pressure of the oncommg 
M h O 4 0 5 at the engme ront- ace . . t 

. a~ d . - . . d from Eq (17 96) using the static atmospheric pressure a 
air is etermme . . , h T ble A 2 
that altitualde from the ~::dt~: :U~~~~~a~r;he :utsid~ total pressure ti~es 

The tot pressure w1 discussed in Chapter 13. Equation 
the inle~-duct pre~sure reco~ry, ::thin the duct and solved for the _static 
(17 .96) is used agam for the ow n ine front-face. This is the maximum 
pressure at the Mach number at _the e g easil be three times the 
wall pressure exerted within the hmlet d~ctF, _andlm7 ~~ the ~nlet-duct pressure 

·ct d ·c pressure. As s own m 1g. · • . . 
~::: :oe::~}ollow the same slope as the dynamic-pressure hm1t. 
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Fig. 17.17 Takeoff analysis. 
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!he remainin~ oper~ting envelope limit is the temperature limit due to 
skm aerod_ynam1c heatmg: This depends upon the selected structural materi
als. A des1~n chart for skm temperature vs Mach number and altitude was 
presented m Chapter 14. 

17.8 TAKEOFF ANALYSIS 
An ~mpirical_chart for determining takeoff distance has been presented. 

Later m the design process, a more detailed analysis breaks the takeoff into 
segments for more accurate analysis. 

Fi?ure 17 .17 illustrates the segments of the takeoff analysis. The ground 
roll 1_ncludes two parts, the level ground-roll and the ground roll during 
rotat10n to the _angle of _attack for liftoff. After rotation, the aircraft fol
lows an approximately circular arc ("transition") until it reaches the climb 
angle. 

Ground Roll 

~uring_ t~e ground roll, the forces on the aircraft are the thrust, drag and 
rolhn~ _fnct10~ of the wheels, this last being expressed as a rolling fri~tion 
coe~f1c1ent_ µ times the weight on the wheels (W-L ). A typical µ value for 
rollmg resistance on a hard runway is 0.03. Values for various runway 
surfaces are presented in Table 17 .1. 

The resultii:tg acceleration of the aircraft, as expressed by Eq. (17.97), can 
b~ expand_ed m terms of the aerodynamic coefficients. This requires evalu
atmg the hft an~ drag of the aircr~f~ in grou~d effect and with landing gear 
down_ ~nd ~aps m the takeoff pos1t10n, as discussed in Chapter 12. The lift 
coeff1c1en_t 1s based on the wing angle of attack on the ground (measured to 
the zero hft-angle), and is typically less than 0.1 unless large takeoff flaps 
are deployed. 

a = t[ T - D - µ( W - L) J = g [ ( ~ - µ) 

+ 2i:..1s (-CDo - KCl + µCL) v2
] 

Surface 

Dry concrete/asphalt 
Wet concrete/asphalt 
Icy concrete/asphalt 
Hard turf 
Firm dirt 
Soft turf 
Wet grass 

Table 17.1 Ground rolling resistance 

µ-typical values 

Rolling (brakes off) 

0.03-0.05 
0.05 
0.02 
0.05 
0.04 
O.D7 
0.08 

(17 .97) 

Brakes on 

0.3-0.5 
0.15-0.3 
0.06-0.10 

0.4 
0.3 
0.2 
0.2 
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(17.98) 

The ground-roll distance is determined by integrating velocity divided by 
acceleration, as shown in Eq. (17 .98). Note the mathematical trick that 
simplifies the integration by integrating with respect to V

2 
instead of V. 

The takeoff velocity must be no less than 1.1 times the stall speed, which 
is found by setting maximum lift at stall speed equal to weight and solving 
for stall speed. The maximum lift coefficient is with the flaps in the takeoff 
position. Remember that landing gear geometry may limit maximum angle 
of attack (and hence lift coefficient) for takeoff and landing. 

Equation (17 .98) is integrated for ground-roll distance from l'initiaI to 
VfinaI in Eq. (17.99), where the terms Kr and KA are defined in Eqs. (17.100) 
and (17 .101). Kr contains the thrust terms and KA contains the aerodynamic 

terms. 

(17.99) 

(17.100) 

(17.101) 

Equation (17 .99) integrates ground roll from any initial vel?city to a~y 
final velocity. For takeoff, the initial velocity is zero and the fmal velocity 
is Vro. Since the thrust actually varies somewhat during the ground roll, an 
averaged thrust value must be used. Since we integrate with respect to veloc
ity squared, the averaged thrust to use is the thrust at about 700Jo (1/square-

root 2) of Vro. 
For greater accuracy the ground roll can be broken into smaller segments 

and integrated using the averaged thrust for each segment in Eq. (17 .99). 
The averaged thrust is the thrust at 700Jo of the velocity increase for that 
segment. Also, K may be reduced due to ground effect (Chapter 12). 

The time to rotate to liftoff attitude depends mostly upon the pilot. 
Maximum elevator deflection is rarely employed. A typical assumption for 
large aircraft is that rotation takes three seconds. The acceleration is as
sumed to be negligible over that short time interval, so the rotation ground
roll distance SR is approximated by three times Vro. For small aircraft the 
rotational time is on the order of 1 s, and SR = Vro. 

Transition 
During the transition, the aircraft accelerates from takeoff spe~~ (1._l 

V.ian) to climb speed (1.2 V.ian). The average velocity during trans~uon 1s 
therefore about 1.15 V.iall· The average lift coefficient during transition can 
be assumed to be about 900Jo of the maximum lift coefficient with takeoff 
flaps. The average vertical acceleration in terms of load factor can then be 
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found from Eq. (17.102): 

n =~ = YipS(0.9CLma,J(l.15V,tall)2 

W YipSC v.2 = 1.2 
Lmax stalJ (17.102) 

vz 
n = 1.0 + RTR = I 2 g . (17.103) 

vz vz 
R = TR = _.If!_ - 0 2 

g(n - 1) 0.2g = .205 VstalJ (17.104) 

. The vertical load factor must also e ual 1 0 . 
~ion required to cause the aircraft to fin .h pl~s the centnp~tal accelera-
1s shown in Eq. (17.103) ands I d ow t e c~rcular trans1t10n-arc. This 
Eq. (17.104). ' o ve for the radrns of the transition-arc in 

The climb angle 'Y at the end f th . . . 
(17. I 05). The climb angle is e ual ~ e !rans1t10n is determined from Eq. 
(see Fig. 17 .17) so the horizo~tal d~ the mcluded angle _of the transition-arc 
determined fro~ Eq. (1 7 106) Th ist

1
a?cedtrav:led dun?g transition can be 

. · · e a t1tu e gamed durm t · · . termmed from the geometry of F" 17 17 . . g _rans1t1on 1s de-
ig. · to be as md1cated m Eq. (17.l07). 

sin'Yclimb = ~ = I_ - _I_ 
W W LID (17.105) 

(17.106) 

hrn = R (1 - COS'Yclimb) (17 .107) 

If the obstacle height is cleared befor th d .. 
then Eq. (17 .108) is used to d t . eh e en . ~f the_ trans1t10n segment, 

e ermme t e trans1t1on distance. 

Sr= VR 2 
- (R - hrn)2 

(17.108) 
Climb 

FinaIIy, the horizontal distance trav II d d . . 
obstacle height is found from E 17 1 e e urmg ~he chmb to clear the 
is 50 ft for military and smaII · ~i (_ · ~9). The reqmred obstacle clearance 

c1v1 aircra t and 35 ft for commercial aircraft. 

Sc = hobstacle - hrR 
tan'Yclimb (17.109) 

If the obstacle height was cleared during transition then S . 
, c 1s zero. 

Balanced Field Length 

dis~::c~,~~~~~~~~t~Iis~=~ith:;e~~~s~~:s:t~: Cahapter_ 5) ifs ~hi e total ta~e~ff 
speed" v; h . n engme a1 s at "dec1s10n 

I, t e speed at which, upon an engine failure, the aircraft can 
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either brake to a halt or continue the takeoff in the same total distance. If 
the engine fails before decision speed, the pilot can easily brake to a halt. If 
the engine fails after decision speed, the pilot must continue the takeoff. 

An empirical methocJ for balanced field-length estimation was presented 
in Chapter 5. A more detailed equation, as developed in Ref. 23, takes this 

form: 0.863 ( WIS ) ( I ) ( 655 ) BFL =I+ 2.3G C . + hobstacle T + 2.7 + --
pg Lchmb ~ _ U {I. 

W ~PSL 

where 

BFL 
G 
'Yclimb 
'Ymin 
CL climb 

hobstacle 
u 
BPR 
bhp 
Ne 
Dµ 

[
5 + BPR] JET: Tav = 0. 75 Ttak~off 4 BPR 

static + 

= balanced field length (ft) 
= 'Yclimb - 'Ymin 
= arcsine [(T-D)IW], I-engine-out, climb speed 
= 0.024 2-engine; 0.027 3-engine; 0.030 4-engine 
= CL at climb speed (1.2 Vstau) 
= 35 ft commercial, 50 ft military 
= 0.01 CL max+ 0.02 for flaps in takeoff position 
= bypass ratio 
= engine brake horsepower 
= number of engines 
= propeller diameter (ft) 

(17 .110) 

(17.111) 

(17.112) 

For a more accurate determination of the balanced field length, the take
off roll should be integrated with an engine failure at an assumed Vi, and 
compared with a braking analysis at that Vi using the methods in the next 
section. The assumed Vi should be iterated until the total takeoff distance 
including a 35-ft-obstacle clearance equals the total distance with braking. 

It is usually assumed that the pilot waits one second before recognizing 
the engine failure and applying the brakes. Also, the use of reverse thrust is 
not permitted for the balanced field length calculations. 

17.9 LANDING ANALYSIS 
Landing is much like taking off, only backwards! Figure 17 .18 illustrates 

the landing analysis, which contains virtually the same elements as the take
off. Note that the aircraft weight for landing analysis is specified in the 
design requirements, and ranges from the takeoff value to about 850Jo of 
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Fig. 17.18 Landing analysis. 

ta~eoff weight.. Landing_ weight is not the end-of-mission weight, because 
thkis wou_ld reqmre dumpmg large amounts of fuel to land immediately after 
ta eoff m the event of an emergency. 

Approach 

The approach begins with obstacle clearance over a 50-ft object A _ 
pro~ch speed Va is 1.3 V.1au (1.2 V.1au for military). The steepest app~oafh 

f
anlgl eflcan be calculated from Eq. (17.105), with idle thrust and drag with 
u aps deflected. 

For transpor~ aircraft the ~pproach angle should be no steeper than 3 deg 
~0.052 ~ad), which may reqmre more than idle thrust. Approach distance is 

etermmed from Eq. (17 .109) using the flare height hi. 

Flare 

d T~uchdown speed Vm is 1.15 V.1au (1.1 V.1a11 for military). The aircraft 
flece er~tes from V,, to Vm during the flare. The average velocity during the 
_are t1 1s th~refore 1.23 V.1a11 (1.15 V.1au for military). The radius of the flare 

Clf~u a
1
r ~re Is found by Eq. (17.104) using V1 , and where n = 1 2 for a 

typ1ca aircraft. · 

d. The flare ~eight can now be found from Eq. (17 .107), and the horizontal 
1stance dunng flare can be found from Eq. (17.106). 
Although ~h_e decel~ration from V,, to Vm would imply additional energy 

a~: ttus ad~1t!onal distance, this is negligible because the pilot usually pulls 
0 a remammg approach power when the flare is begun. 

Ground Roll 

.tfter t?uchdown, the aircraft rolls free for several seconds before the 
PI ot apphes the brakes. The distance is Vm times the assumed delay (1-3 s). 
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The braking distance is determined by the same equation used for takeoff 
ground roll [Eq. (17.99)). The initial velocity is Vm, and the final velocity 
is zero. 

The thrust term is the idle thrust. If a jet aircraft is equipped with thrust 
reversers, the thrust will be a negative value approximately equal to 40 or 
50% of maximum forward thrust. 

Thrust reversers cannot be operated at very slow speeds because of 
reingestion of the exhaust gases. Thrust reverser "cutoff speed" is deter
mined by the engine manufacturer, and is typically about 50 knots (85 ft/s). 
The ground roll must be broken into two segments using Eq. (17 .99) and the 
appropriate values for thrust (negative above cutoff speed, positive idle 
thrust below cutoff speed). 

Reversible propellers produce a reverse thrust of about 40% of static 
forward thrust (60% for turboprops), and can be used throughout the land
ing roll. 

The drag term may include the additional drag of spoilers, speed brakes, 
or drogue chutes. Drogue chutes have drag coefficient of about 1.4 times 
the inflated frontal area, divided by the wing reference area. 

The rolling resistance will be greatly increased by the application of the 
brakes. Typical µ values for a hard runway surface are about 0.5 for civil 
and 0.3 for military aircraft. Values for various surfaces are provided in 
Table 17.1. 

The FAA requires that an additional two-thirds be added to the total 
landing distance of commercial aircraft to allow for pilot technique. Thus 
the "FAR Field Length" is equal to 1.666 times the sum of the approach, 
flare, and total ground roll. 

17.10 OTHER FIGHTER PERFORMANCE MEASURES OF MERIT 
The standard measures of merit for fighter aircraft including turn rate, 

corner speed, load factor, and specific excess power Ps do not completely 
distinguish between a good and a not-so-good fighter. For example, two 
fighters with exactly the same tum-rate vs Ps will be widely different in 
combat effectiveness if one aircraft has unpredictable and uncontrollable 
behavior at high angle of attack. There is now great interest in defining new 
fighter measures of merit that can account for such differences. 

There are several key deficiencies in current measures of merit. First, they 
focus on steady-state performance abilities, whereas a real dogfight is char
acterized by continuous change in aircraft state. In the High Speed Yo-Yo 
discussed earlier, the aircraft quickly pitches up, then rolls and turns at 
approximately corner speed for a few seconds, then rolls to almost inverted 
flight, pitches up (down) again, and then rolls out and dives. 

While tum-rate at corner speed is important, the ability to rapidly execute 
these changes in state is also very important. Furthermore, these changes of 
state are usually being executed simultaneously (such as pitching and rolling 
at the same time, known affectionately as "bank and yank"). 

Another deficiency is that the current measures of merit are oriented 
around the classical gun attack in which a tail chase with your opponent in 
front is the desired outcome. Modern missiles are getting so good that in 
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future combat the first aircraft to point its nose at the opponent will win, 
regardless of energy state. 

It ~ust be remembered, however, that missiles are expensive and that 
each fighter can only carry a few of them. Future fighters must also have 
good classical dogfighting abilities. 

Current measures of merit also fail to address the importance of what is 
called "decoupled energy management" to permit nonstandard fighter 
manuevers. "Coupled energy management" refers to manuevers in which 
pot_ential an~ kinetic energy are exchanged. In the High Speed Yo-Yo, ki
netic energy 1s exchanged for potential energy in the initial climb and the 
po~ential energy is then exchanged back for kinetic energy after the turn. 
This makes the aircraft predictable. 

In dec?upled energy management, the potential and kinetic energy are 
c~anged n~d~pend~ntly. For example, speed may be reduced rapidly and 
w1tho~t gammg altitude by using large speed brakes and/or in-flight thrust 
reversmg. 

Figure 17 .19 shows a proposed new performance measure of merit. In 
this extended version of energy manueverability, the maximum and mini
mum (most negative) Ps values obtainable are plotted vs tum-rate. If suit
able controls over thrust and drag are available, the pilot can manage his 
energy state by selecting any Ps level within the envelope at a given turn
rate. In the traditional evaluation of Fig. 17.9, only the maximum Ps ob
tainable is considered. 

Note from Fig. 17.19 that an aircraft controllable after the stall has the 
option of developing a tremendous drag force for reduction of energy state. 
Under certain combat conditions this can be used to force the opponent to 
overshoot. 

MAXIMUM THRUST 

MAXIMUM DRAG 

Fig. 17.19 Energy management envelope. 
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Fig. 17.20 Loaded roll comparison. 
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Also, tum-rate is inversely proportional to velocity. If an aircraft can be 
momentarily slowed to extremely low speeds, well below stall, the tum-rate 
can greatly exceed that in conventional flight. This may allow a missile 
first-shot opportunity. This "post-stall manuevering" (Ref. 75) is employed 
on the X-31 test aircraft. 

Another proposed measure of merit deals with the effect of angle of 
attack on roll performance. A number of existing fighters lose their roll 
ability at high load-factors due to aeroelastic effects, adverse yaw, and 
aileron flow separation. An aircraft sluggish in roll during a high-g turn will 
be at a clear disadvantage. Figure 17 .20 illustrates this comparison for a 
"good" aircraft, a "fair" aircraft, and an aircraft that experiences com
plete roll reversal. 

Reference 76 defines a number of proposed fighter measures of merit. 
These have not yet been widely adopted; but they or similar measures of 
merit can be expected to be important in the future evaluation of fighter 
designs. 

Supermaneuver and Post-Stall Maneuver 
There has been tremendous attention paid recently to capabilities vari

ously called post-stall maneuver (PSM), enhanced fighter maneuver, and 
supermaneuver. With the successful flight test of the X-31, and the YF-22's 
demonstration of 60-deg angle-of-attack operation, these capabilities have 
finally come of age. A supermaneuver capability allows a fighter to point its 
nose at an opponent more rapidly, getting the first missile shot in a "face
to-face" dogfight. This is attained primarily by the combination of thrust
induced turning and dynamic turning, usually involving high angles of 
attack as described below. 

Contrary to science-fiction movies, a rocket can turn in space only by 
thrusting in a direction perpendicular to the flight path (Fig. 17.21). This 
produces a turn load factor (n) which is the component of thrust perpendic
ular to the flight path, divided by the weight of the vehicle. Turn rate can 
then be expressed simply as equal to (gn/V). 
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Fig. 17.21 Thrust-induced turning. 

Note that at zero velocity, turn rate seems to go to infinity! While limited 
by pitch rate capability, a rocket could attain extremely high turn rates if it 
slowed to a very low speed. 

An aircraft can also turn using thrust, provided that its thrust can be 
angled to have a substantial component perpendicular to the flight path. 
This can be done in three ways. 

Figure 17 .22 shows one way to direct the aircraft thrust perpendicular to 
the flight path, namely by providing thrust vectoring nozzles at or near the 
aircraft center of gravity. This allows the pilot to vector thrust at will, 
without concern for thrust-produced pitching moments. Such vectoring is 
available on the Harrier, and is proposed for the Reverse-Installation Vec
tored Engine Thrust ("RIVET") VSTOL concept (Ref. 93). 

For such a design, the turn rate plot and the vectored thrust-induced turn 
rate plot are essentially summed. The wing can be kept at the angle of attack 
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Fig. 17 .22 Thrust vectoring at center of gravity. 
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for maximum lift, while the nozzles are directed approximately perpendicu
lar to the flight path for maximum instantaneous turn rate as proven in 
Eq. (17.56). 

Note that the wing stall limit line of Fig. 17 .22 goes to zero rather than the 
level-flight stall speed. This indicates that we are momentarily ignoring 
gravity, going to a 90-deg bank to maximize instantaneous turn rate. 
Obviously, this can only be done for a few second~! . 

Another option for vectoring the thrust perpendicular t~ t~e fhght path 
is the addition of a thrust-vectored nozzle at the rear. This 1s a relat1vely 
easy feature to add to a design, and in fact the F-22 has such a nozzle 
already. However, the F-22 nozzles cannot be used for thrust-induced 
turning because the downward vectoring of thr~st produces. a larg~ n~se
down pitching moment. To be useful for thrust-mduced turnmg,. this pitch
ing moment must be balanced by some nose-up moment, which can be 
attained by the addition of a large canard as seen on the F-15 STOL/Ma
neuver demonstrator. 

This approach, the aft-nozzle-plus-canard, allows the aircraft to retain 
the full turning ability due to wing lift, plus the additional vecto~ed thrust
induced turning, down to the speed at which the canard stalls (F1?- 17 .23). 
By selecting canard size, the designer can select the lowest turnmg speed 
available. However, the larger the canard, the greater the weight and drag 
impact on the design. . . . . 

In the third option, the aircraft acts hke a rocket, pomtmg its fuselage at 
a very high angle to the flight path (Fig 17_.24). Note tha~ wh_ereas ~ nearly 
90-deg angle of attack is shown, substantial thrust turmng 1s avaiiable at 
lesser angles. 

In this option the aircraft angle of attack is well past the st~ll angle (he_nce 
"post-stall maneuvering"). This clearly require~ that the ~1rcraft not Just 
have flying abilities at post-stall angles, but that 1t also retam good contr_ol
Iability and acceptable air quality into the inlet duct so that the engme 
continues running. 

This post-stall thrust-induced turning, use~ by X-~ 1, ~as ~ever~! pr?b
Iems. It is difficult for the pilots, because the airplane 1s flymg ma d1rect10n 
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Fig. 17.23 Aft nozzle plus canard. 
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Fig. 17.24 Fuselage pointing. 

\' 
downwards through the floorboards! The pilot is blind in the direction of 
flight. A roll about the velocity vector looks like a yaw to the pilot, and so 
disorientation is very possible. 

Also, flight into the post-stall region means just that-the wing is 
stalled, and hence is producing only a fraction of its maximum lift. How
ever, if velocity is slow enough, the jet thrust alone ensures that turn rate 
will be high anyway. 

In any case the drag at extreme angle of attack will be very high, and the 
thrust component in the flight direction very small, so that the aircraft will 
decelerate very rapidly and may reach velocities near zero if the pilot is not 
careful. 
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Fig. 17.25 Dynamic turn. 
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Fig. 17.26 Dynamic turn on the turn rate plot. 
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However, this option requires far less compromise to the design than the 
options above, and a substantial number of studies have verified that pilots 
can be trained to fly and fight at these extreme angles of attack. 

Figure 17 .25 shows a frustrating moment for the fighter pilot-the 
opponent is almost, but not quite, in his sight! If he could just lift the nose 
a little more ... 

To the pilot, pitch rate looks like turn rate in such a situation. With a 
normal aircraft the pilot should not pitch up faster than the aircraft turn 
rate or the aircraft will stall. With a PSM aircraft, however, that is not a 
problem. The pilot can just pull the nose up past stall, take the shot, and put 
the nose back down in a quick, smooth motion. 

While the nose is coming up, there appears to be a much greater "turn 
rate," equal to the actual aircraft turn rate plus the available pitching rate 
at that condition. This is shown in Fig. 17 .26. 

This "dynamic turn" depends only upon the pitch rate capability of the 
aircraft and can be virtually as rapid as the pilots desire. For a modern, 
relaxed-stability fighter, the aircraft is always trying to pitch up anyway and 
the computer must fight to prevent it! Therefore, pitch-up can occur at 90 
deg/s or more, and will be limited only to make the airplane less sensitive 
to fly. However, pitch-down from a high angle of attack is more difficult to 
obtain and is often the limiting case for control surface sizing. 

Dynamic turning is not the result of a turning of the velocity vector and 
so does not produce increased load factor on the airplane. Thus, the 
apparent violation of the structural limit line is permissible-the aircraft 
doesn't see any additional g force. 

Realize, though, that this dynamic turn can be used for only a brief 
period of time before the aircraft reaches its maximum angle of attack, even 
if that limit is 90 degrees. Also, as the aircraft pitches past the stall angle of 
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attack, the conventional turn rate will sharply decrease. Drag will go up, 
and speed and energy will reduce. This dynamic turn maneuver must take 
place rapidly or the PSM airplane will wind up at a large energy disadvan
tage should the opponent fail to die as planned. 

Figure 17 .27 illustrates the effects of combining post-stall dynamic turn
ing with thrust-induced turning. As can be seen, such designs have ample 
capability to exceed the turn rates predicted by the classic turn rate plot for 
a brief period of time (Ref. 94). 

Figure 17 .28 shows a combined supermaneuver developed for the X-31 
program which minimizes total time to reach a shot opportunity. Here the 
aircraft pitches up and bleeds off speed, slowing to extremely low speeds 
while initiating the turn. 

At the top of the maneuver, the aircraft is rapidly turned using engine 
thrust until the velocity vector is roughly 90 degrees to the target aircraft. 
Meanwhile, the aircraft is also rolled approximately 90 degrees around the 
velocity vector, which looks like a 90-deg yaw to the pilot due to the high 
angle of attack. This results in the nose pointing at the target aircraft! 
Although the velocity vector is not yet pointed at the target aircraft, the 
pilot can take the shot, then accelerate out of the high angle of attack 
condition. 
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COST ANAL VSIS 

When the aircraft manufacturers submit their proposals for a new air
craft, the customer faces a problem. All of the proposed aircraft will meet 
the design requirements! This is insured by the methods of this book and the 
much more in-depth methods used by the aircraft companies. 

The customer must use some criteria other than aircraft performance to 
select the best proposal. While there will be some differences in technical 
credibility, data substantiation, and intrinsic design qualities, the final con
tractor selection will probably hinge on cost. 

Aircraft cost estimation occupies the fuzzy gray area between science, art, 
and politics. Cost estimation is largely statistical, and in the final analysis 
we predict the cost of a new aircraft based on the actual costs of prior 
aircraft. However, it is very difficult to determine how much a prior aircraft 
really did cost in terms that are meaningful to the next aircraft. 

For example, anybody attempting to use the B-lB actual costs to predict 
the costs of a similar future bomber would have a terrible time establishing 
a meaningful baseline cost. The B-lB began as the B-lA, which was can
celled before entering production. Rockwell stored a warehouse full of B
IA parts and tooling, some of which (but not all) were usable in the B-lB 
program when it was started. The new requirements for the B-lB required 
substantial re-engineering, especially in the nacelle and avionics areas. 

The cost estimation for a future bomber should not be based upon the 
sum of all of the costs in the B-lA and B-lB programs. Hopefully, a future 
aircraft would be designed and produced without the inefficient stop-and
restart experienced by the B-lB. It would be virtually impossible, though, to 
try to determine an equivalent program cost for the B- lB had it been de
signed from the ground up. 

While the B-lB case is extreme, other aircraft programs pose similar 
problems in establishing a baseline program-cost. For political reasons most 
military aircraft production programs are stretched out. To reduce "this 
year's" defense budget, the number of aircraft produced per year may be 
reduced well below the optimal production rate. In some cases, production 
rates are less than one per month. 

This will greatly increase the cost per aircraft. Should this be included in 
cost estimation for the next aircraft? Or should the actual cost be adjusted 

· to determine a cost baseline at the optimal production rate? This approach 
insures a cost overrun when the new aircraft's production rate is slowed. 

501 
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In fact, it is very difficult to com . 
already in production. Part of the pro6I:; ~osts for two a1rcraft that are 
to use. Program cost-com arisons nges ~pon what type of money 
stant-year" dollars. Then-~ear doll can be ~ade m "then-year" or "con
year of the program past present ars are t e actual dollars spent in each 
an estimate ot: the idflatio~ rate m~:nie f:~~:: For future program costs, 

For companson of program costs and f . . 
new aircraft cost-prediction consta t or desttbhshmg a cost baseline for 
tual dollars spent, ratioed b; inflationn 7ear o ars should be used (the ac
ever, budgeting in Congress is done . t~ctors to some selected year). How
are prepared in then-year dollars. m en-year dollars, so most cost data 

As an example, Ref. 77 quotes from C n . . 
costs per aircraft of $17 6 ·11· f o gress1onal testimony the actual 
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Fig. 18. I Production learning curve. 
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Aircraft production typically follows a 75-85% learning curve (see Fig. 
18.1.) 

Due to the learning-curve effect, cost comparisons are not meaningful 
between a new aircraft just entering production and an old aircraft already 
produced in the hundreds or thousands. 

Still another problem in cost comparison is that different costs are used, 
frequently without proper identification. Comparing the flyaway cost of 
one aircraft to the program or life-cycle cost of another is meaningless. 

18.2 ELEMENTS OF LIFE-CYCLE COST 
When you buy a car, the "cost" is what the dealer charges you to drive 

it home. Most car buyers today are somewhat influenced by the expected 
cost of ownership (gas mileage and maintenance), but would never consider 
that as an actual part of the purchase price. However, a typical $15,000 car 
will cost at least 25 cents per mile to operate (in 1988), which adds another 
$25,000 to the probable "life-cycle cost" of the car! 

Figure 18.2 shows the elements which make up aircraft life cycle cost 
(LCC). The sizes of the boxes are roughly proportional to the magnitude of 
the costs for a typical aircraft. 

"RDT&E" stands for research, development, test, and evaluation, which 
includes all the technology research, design engineering, prototype fabrica
tion, flight and ground testing, and evaluations for operational suitability. 
The cost of aircraft conceptual design as discussed in this book is included 
in the RDT &E cost. 

RDT&E includes certification cost for civil aircraft. For military aircraft, 
RDT &E includes the costs associated with the demonstration of airworthi
ness, mission capability, and compliance with Mil-Specs. RDT&E costs are 
essentially fixed ("nonrecurring") regardless of how many aircraft are ulti
mately produced. 

The aircraft "flyaway" (production) cost covers the labor and material 
costs to manufacture the aircraft, including airframe, engines, and avionics. 
This cost includes production tooling costs. Note that "cost" includes the 
manufacturer's overhead and administrative expenses. Production costs are 
"recurring" in that they are based upon the number of aircraft produced. 
The cost per aircraft is reduced as more aircraft are produced due to the 
learning curve effect. 

The purchase price for a civil aircraft is set to recover the RDT &E and 
production costs, including a fair profit. Since the RDT &E costs are fixed, 
some assumption must be made as to how many aircraft will be produced 
to determine how much of the RDT &E costs each sale must recover. 

For military aircraft, the RDT &E costs are paid directly by the govern
ment during the RDT &E phase, so these costs need not be recovered during 
production. Military-aircraft "procurement cost" (or "acquisition cost") 
includes the production costs as well as the costs of required ground support 
equipment, such as flight simulators and test equipment, and the cost of the 
initial spare parts during operational deployment. For civil aircraft, these 
are normally purchased separately. 
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One recent trend in military aircraft procurement is called "cost 
sharing"; the contractor is invited to share some of the RDT&E costs with 
the expectation of recovering them later during production. It remains to be 
seen whether future administrations will permit full cost recovery at a later 
date. 

"Program cost" covers the total cost to develop and deploy a new air
craft into the military inventory. Some aircraft require special ground facil
ities for operational deployment. For example, a fighter/attack aircraft 
with a large wing span may not fit into the existing bombproof shelters in 
Europe. The cost of constructing new shelters would be included in the total 
program cost along with the RDT&E and procurement costs. 

"Operatiqns and Maintenance" (O&M) costs are usually much larger 
than development and production costs. O&M covers fuel, oil, aircrew, 
maintenance, and various indirect costs. For civil aircraft, insurance will be 
part of operations cost. 

For the operators of commercial aircraft, the depreciation of the aircraft 
based upon purchase price is also considered to be a part of the operating 
cost. "Depreciation" is an accounting term that refers to the allocation of 
the purchase price out over a number of years, using some depreciation 
schedule. 

The simplest depreciation schedule is a straight-line formula, in which 
each year's depreciation is the purchase price divided by the number of 
years over which depreciation is spread. Commercial aircraft are usually 
depreciated over 12-14 years, although they may have a useful life of 20 
years or more. 

The final element making up the total life-cycle cost concerns "disposal." 
Obsolete military aircraft are flown one last time to Arizona for "pickling" 
and storage. The expense of this is not large, so it is frequently ignored in 
LCC estimation. Civil aircraft have a negative disposal cost because they 
are worth something on the resale market (typically lOOJo of purchase price). 

18.3 COST-ESTIMATING METHODS 
Aircraft, like bologna, are bought by the pound. In 1988, most aircraft 

cost roughly 150-300 dollars per pound of DCPR weight. (DCPR weight, 
defined in Chapter 14, typically equals 60-70% of empty weight). The ac
tual cost varies depending upon the maximum speed, avionics sophistica
tion, production rate, and numerous other factors, but weight remains the 
most important cost-factor within a given class of aircraft. 

The cost-estimating methods for a full-scale development proposal are 
based upon a detailed assessment of the actual tasks to design, test, and 
produce the aircraft. A "work breakdown structure" (WBS) is prepared. 
This is an organized tabulation of all of the tasks, and in its most complex 
form may include hundreds or thousands. 

Hours estimates for each task in the WBS are prepared by the appropriate 
functional groups in the company. This requires estimates for such things as 
the number of drawings, wind-tunnel tests, tooling fixtures, etc. Other costs 
such as raw-material purchases, vendor items, computer time, and pur-
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chased ~ervi_ces ~re estim_ated separately. Full-scale-development proposal 
cost est1mat10n 1s a massive effort. 

Cost estimation _during conceptual design is largely statistical. Cost data 
~~r a nu~ber_ of a1rcr~ft ar_e ~~alyzed using curve-fit programs to prepare 

cost es_timatmg _relat10nsh1ps (CER) for the various cost elements. 
. CER mp~t variables include such factors as aircraft DCPR weight, max
imum velocity, and production rate. The output of a CER is either cost or 
labo~ ho_urs (engineering, production, etc.), which are converted to cost by 
mult1plymg by the appropriate hourly rate. 

CER_s are developed by t~e ~ircraft companies for their own use, and by 
th_e vanous customer orgamzat10ns for evaluation of proposed aircraft. The 
A1r Force has developed a complex cost model called Modular Life Cycle 
Cost Model (MLCCM) that is used for detailed cost estimation. The Rand 
Corporation has published a number of reports featuring simple CERs for 
conceptual design, some of which are presented later in the chapter. 

18.4 RDT&E AND PRODUCTION COSTS 

~D'!' ~E and production costs are frequently combined to develop CERs. 
I! 1s d~fficult to separate. clea~ly the RDT &E from production costs, espe
cially m the areas of engmeermg and prototype fabrication. 
. For. example, pr_o?uction of long-lead-time items (e.g., landing-gear forg
mgs) 1s usually 1mt1ated ?ef~re the prototype has flown. The engineering 
s_upport. of_ th_ese product10n items should be considered a part of produc
tion. It 1s ~1ffic_ult for the developer of a CER to determine, years later, how 
many engmeenng hours during the RDT &E phase were actually spent in 
support of production. 

It is_ also coT?mon in the development of CERs to assume that the proto
t~pe a1rcraft will have a cost based upon the production-cost CER, with the 
higher cost of prototypes accounted for by the early position on the learning 
curve. However, prototypes are usually built virtually by hand with simpli
fied prototype tooling, and may have labor hour costs much' greater than 
accounted for by the learning curve. 
. 1:he best CERs ar~ those de~eloped using recent aircraft that are highly 

similar to the new a1rcraft bemg analyzed. Because detailed cost data is 
usually propriet~ry, this puts the current producers of aircraft at a great 
advantage wh~n 1t ~ome~ to estimating the cost of a new aircraft. Boeing has 
no trouble est1matmg with great accuracy the costs of a new jetliner using 
the costs of their current aircraft. ' 

When a detailed cost baseline for a highly similar aircraft is available 
even si~ple CE Rs can yield great accuracy. Merely multiplying the com po~ 
nent weights ?f _the new ~ircr~ft tim~s the dollars per pound or hours per 
pound for a similar basehne a1rcraft 1s probably better than a sophisticated 
CER based upon a number of not-so-similar aircraft. 

For example, the selected cost-baseline aircraft may have required 50 h/lb 
of manufacturing labor for the fuselage and subsystems and 90 h/lb for the 
wings and !ails. These typical values are multiplied by the appropriate com
ponent weights of the new aircraft to determine hours which are then 
multiplied times the manufacturing hourly rate to deter~ine cost. 
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This technique is especially useful for prototype and flight demonstrator 
(X-series) aircraft, which are poorly estimated by sophisticated CERs based 
upon production aircraft. However, it may be difficult to find a recent and 
similar prototype or demonstrator aircraft to use as a cost baseline. 

RAND DAPCA IV Model 

A set of CERs for conceptual aircraft design developed by the RAND 
Corporation (Ref. 78) is known as "DAPCA IV." This is the latest version 
of the Development and Procurement Costs of Aircraft (DAPCA) model. 

DAPCA is probably not the very best set of CERs for any one class of 
aircraft, but is notable in that it seems to provide reasonable results for 
several classes of aircraft including fighters, bombers, and transports. 

DAPCA estimates the hours required for RDT&E and production by the 
engineering, tooling, manufacturing, and quality control groups. These are 
multiplied by the appropriate hourly rates to yield costs. Development sup
port, flight-test, and manufacturing material costs are directly estimated by 
DAPCA. 

Engineering hours include the airframe design and analysis, test engineer
ing, configuration control, and system engineering. Engineering hours are 
primarily expended during RDT &E, but there is some engineering effort 
throughout production. In the estimating equation presented below, the 
total engineering effort for a 500-aircraft production run is about three 
times the engineering effort for a one-aircraft "production run." 

The engineering effort performed by the airframe contractor to integrate 
the propulsion and avionics systems into the aircraft is included under engi
neering hours. However, the actual engineering effort by the propulsion 
and avionics contractors is not included. Those items are treated as pur
chased equipment. Engineering support of tooling and production planning 
are included in those areas instead of in engineering. 

Tooling hours embrace all of the preparation for production: design and 
fabrication of the tools and fixtures, preparation of molds and dies, pro
gramming for numerically-controlled manufacturing, and development and 
fabrication of production test apparatus. Tooling hours also cover the on
going tooling support during production. 

Manufacturing labor is the direct labor to fabricate the aircraft, including 
forming, machining, fastening, subassembly fabrication, final assembly, 
routing (hydraulics, electrics, and pneumatics), and purchased part installa
tion (engines, avionics, subsystems, etc). The equation below includes the 
manufacturing hours performed by airframe subcontractors, if any. 

Quality Control is actually a part of manufacturing, but is estimated 
separately. It includes receiving inspection, production inspection, and final 
inspection. Quality Control inspects tools and fixtures as well as aircraft 
subassemblies and completed aircraft. 

The RDT&E phase includes development support and flight-test costs. 
Development-support costs are the nonrecurring costs of manufacturing 
support of RDT&E, including fabrication of mockups, ir~n-bird subsyst~m 
simulators, structural test articles, and various other test items used dunng 

· RDT&E. In DAPCA these costs are estimated directly, although some other 
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models separately estimate the labor and material costs for development 
support. 

Flight-test costs cover all costs incurred to demonstrate airworthiness for 
civil certification or Mil-Spec compliance except for the costs of the flight
test aircraft themselves. Costs for the flight-test aircraft are included in the 
total production-run cost estimation. Flight-test costs include planning, in
strumentation, flight operations, data reduction, and engineering and man
ufacturing support of flight testing. 

Manufacturing materials-the raw materials and purchased hardware 
and equipment from which the aircraft is built-include the structural raw 
materials, such as aluminum, steel, or prepreg graphite composite, plus the 
electrical, hydraulic, and pneumatic systems, the environmental control sys
tem, fasteners, clamps, and similar standard parts. 

These may be contractor-furnished equipment (CFE) or government-fur
nished equipment (GFE). Manufacturing materials include virtually every
thing on the aircraft except the engines and avionics. 

The following DAPCA equations have been modified to include the 
quantity term provided in an appendix to Ref. 78. 

DAPCA assumes that the engine cost is known. A turbojet-engine cost 
estimation equation from Ref. 79 has been included for use where the en
gine cost is unknown. For a turbofan engine, cost should be increased 
15-20% higher than predicted with this equation. Note that the equation 
does not include the cost to develop a new engine. 

Modified DAPCA IV Cost Model (costs in constant 1986 dollars): 

(18.1) 

Tooling hours= 5.99W2"777 0·696Q0
·
263 = Hr (18.2) 

Mfg hours= 7.37W2"82 0.484Q0
·
641 = HM (18.3) 

QC hours = 0.076 (mfg hours) if cargo airplane J = R 

= 0.133 (mfg hours) otherwise Q (18.4) 

Devel support cost= 45.42W2"630 vu = Cn 

Flt test cost= 1243.03W2'325 0·822FTA 1.
21 = CF 

Mfg materials cost= 11.0 ~-921 0·621 Q0
·
799 = CM 

Eng production cost= 1548[0.043 Tmax + 243.25Mmax 

+ 0.969T,u,bine inlet - 2228) = Ceng 

(18.5) 

(18.6) 

(18.7) 

(18.8) 

where 

We 
V 
Q 
FTA 
Neng 

T1urbine inlet 

Cavionics 
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= empty weight (lb) 
= maximum velocity (knots) 
= production quantity 
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(18.9) 

= number of flight test aircraft (typically 2-6) . 
= total production quantity times number of engmes per 

aircraft 
= engine maximum thrust (lb) 
= engine maximum Mach number. 
= turbine inlet temperature (Rankme) 
= avionics cost 

The hours estimated by DAPCA are based upon the design ~nd fabrica
tion of an aluminum aircraft. For aircraft which are largely fabricated f~o1!1 
other materials the hours must be adjusted to account f~r the more-di!fi
cult design and fabrication. Based upon minimal information, the followmg 
"fudge factors" are recommended: 

aluminum ........... 1.0 
graphite-epoxy . . . . . . . 1.5-2.0 
fiberglass . . . . . . . . . . . . 1.1-1.2 
steel . . . . . . . . . . . . . . . . 1.5-2.0 
titanium ............. 1.7-2.2 

The hours estimated with this model are multiplied by the appropriate 
hourly rates to calculate the labor ~osts. Th~se ho1:1rly rates are called "wrap 
rates" because they include the direct salaries paid to employees ~swell as 
the employee benefits, overhead, and administrative costs. Typically the 
employee salaries are a little less than half the wrap rate. Average 1986 wrap 
rates were presented in Ref. 78, as follows: 

engineering . . . . . . . . . . $59.10 = RE 
tooling .............. $60.70=Rr 
quality control . . . . . . . $55 .40 = RQ 
manufacturing . . . . . . . $50.10 = RM 

Predicted costs are then ratioed by some inflation factor to the_ selec~ed 
year's constant dollar. Aircraft costs do not all follow_ the same mflat10n 
factor. For example, the salaries of the engineers may mcrease at a slower 
rate than the raw-material cost for aluminum. 

"Economic escalation factors" for the various cost ele~ents are based 
upon the actual and predicted cost-inflation for the more important cost-
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drivers. One such factor, the "Federal Price Deflator for the Aircraft In
dustry," is derived from an in-depth analysis of the costs of items used for 
aircraft production. 

For initial estimates and student design projects, the Consumer Price 
Index (CPI) may be used as an approximate economic escalation-factor. 
The CPI is the purchasing value of the dollar expressed as a percentage of 
some chosen base year (changed occasionally to avoid large CPI numbers). 
The past and projected CPI is published by the government and is readily 
available. 

DAPCA does not estimate avionics costs. They must be estimated from 
data on similar aircraft or from vendors' quotations. Avionics costs range 
from roughly 5-25% of flyaway cost depending upon sophistication, or can 
be approximated as $2000 per pound in 1986 dollars. 

Predicted aircraft costs will be multiplied by an "investment cost factor" 
to determine the purchase price to the customer. The investment cost-factor 
includes the cost of money and the contractor profit; it is considered highly 
proprietary by a company. Investment cost-factor may be roughly esti
mated as 1.1-1.2. 

18.5 OPERATIONS AND MAINTENANCE COSTS 

O&M costs are determined from assumptions as to how the aircraft will 
be operated. The main O&M costs are fuel, crew salaries, and maintenance. 
For a typical military aircraft, the fuel totals about 15% of the O&M costs, 
the crew salaries about 35%, and the maintenance most of the remaining 
50%. Over one-third of U.S. Air Force manpower is dedicated to mainte
nance. 

For commercial aircraft (which fly many more hours per year), the fuel 
totals about 38% of O&M costs, the crew salaries about 24%, and the 
maintenance about 25%. The depreciation of the aircraft purchase price is 
about 12% of total O&M costs, and the insurance is the remaining 1 %. 

Fuel and Oil Costs 

When flying the design mission, the aircraft burns all of the available fuel 
except what will be required for loiter and for reaching an alternate airport. 
However, the actual missions will rarely resemble the design mission. Most 
of the time the aircraft will land with substantial fuel in the tanks which can 
be used on the next flight. 

To estimate yearly fuel usage, a typical mission profile is selected and the 
total duration and fuel burned are used to determine the average fuel 
burned per hour. This is multiplied by the average yearly flight hours per 
aircraft, which must be assumed based upon typical data for that class of 
aircraft. Table 18. I provides some rough guidelines for flight hours per year 
and other LCC parameters. 

Finally, the total amount of fuel burned per year of operation is multi
plied by the fuel price as obtained from petroleum vendors, ratioed to the 
appropriate year's dollar. No typical fuel price will be given here because it 
can change so rapidly. Note that oil costs average less than half a percent of 
the fuel costs, and can be ignored. 

Aircraft class 

Light aircraft 
Business jet 
Jet trainer 
Fighter (modern) 
Bomber 
Military transport 

Civil transport 

Crew Salaries 

COST ANALYSIS 

Table 18.1 LCC parameter approximations 

FH/YR/AC 

500-1000 
500-2000 
300-500 
300-500 
300-500 

700-1400 

2500 4500 

Crew ratio 

1.1 
1.5 

1.5 if FH/YR < 1200 
2.5 if 1200<FH/YR<2400 
3.5 if 2400<FH/YR 
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MMH/FH 

1/4-1 
3-6 

6-10 
15-20 
25-50 
20-40 

5-15 

Crew expenses for military and civil aircraft are calcul~ted differently. 
The cost of a civil-aircraft crew (including flight and cabm crew) can be 
statistically estimated based upon the yearly "block hours." 

Block hours measure the total time the aircraft is in use, from when the 
"blocks" are removed from the wheels at the departure airport to when 
they are placed on the wheels at the destinat_ioi:i. Bl~ck h~urs th_erefore 
include taxi time, ground hold time, total mission flight time, airborne 
holding time, extra time for complying with ~i.r-traffic-control approach 
instructions, and time spent on the ground waitmg for a ga~e. . . 

Block speed (V8 )-the average block velocity, i.e., the tnp distance ?i
vided by the block time-will be substantially less than the actual crmse 
velocity. · 1· T 

Reference 52 provides detailed formulas pre~ared b~ th~ Au me r~ns-
port Association of America fo~ ~irline. bloc~-time estlmati?n. Block time 
can be approximated by the miss10n flight time plus 15 mm for ground-
maneuver and 6 min for air manuever. . . . 

Note that the mission distance will not simply be the st~aight-hne ~istance 
between the two airports. Airliners must follow federal airways, w~ich may 
not directly connect the two airports. The ~dditional distance will be ap
proximately 2% of distances over 1400 miles, and (0.015 + 7/D)% for 
shorter trips. . 

The block hours per year can be determined from the rat10 bet~een block 
hours and flight hours for the selected mission, times the total flight hours 
per year per aircraft (Table 18.1). For a long-range aircraft? the blo~k hours 
equal approximately the flight hours; but for short-range aircratt with aver
age trip times under an hour, the block time can be substantially greater 
than the flight time. 

Crew cost per block hour can be estimated using Eqs. (18.10) and (18.11). 
These were provided in Ref. 52 from Boeing data (converted to 1986 dol
lars). These equations give crew costs of about $705 and $660 per block 

. hour for the B-747 and DC-10 (converted to 1987 dollars). These compare 
favorably with March 1987 actual crew costs of $748 and $610 (average of 
four established airlines). 
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( 
W,)0.3 

Two-man crew cost = 35 v;, 
10

~ + 84 

Three-man crew cost= 47(v;, ~)o.3 + 118 

where 

Ve = cruise velocity in knots 
Wo = takeoff gross weight 

(18.10) 

(18.11) 

Costs are estimated in 1986 dollars per block hour. 
These eq~a!ions m~st. be ~iewed as rough approximations only. The cur

rent turm01l m the a1rlme mdustry has created a wide variation in crew 
costs. The B-747 crew costs per block hour in 1987 ranged from $1013 for 
an old e~t~blish~d airline to $189 for a new low-fare airline! 

. For military aucraft! crew costs are determined by estimating how many 
fhgh~-crew me~b~rs will have to be kept on the active-duty roster to operate 
the aucraft. This 1s the number of aircraft times the number of crew mem
bers per aircraft, times the "crew ratio." 

Military pilots ?o longer get their own airplane as in the movies. There 
are always m?re p1~ots and other crew members than the number of aircraft. 
The ~rew ratio defmes the ratio of aircrews per aircraft. It ranges from 1.1 
for. fighters to _3.5 ~or transports that are flown frequently. Typical crew 
rat10s are provided m Table 18 .1. 

1:he averag~ cost per c~ewmember, as is obtained from military sources, 
vanes dependmg upon auplane type. As in civilian life, the cost is much 
greater than the salaries alone, to cover benefits and overhead. In the ab
sence of better data, t~e ~?gineering ho~rly wrap-rates times 2080 hours per 
year may be used for 1mt1al trade studies and student design projects. 

Maintenance Expenses 

Unscheduled-maintenance costs depend upon how often the aircraft 
breaks and the average cost to fix it. 

Scheduled maintenance depends upon the number of items requiring reg
ularly scheduled maintenance and the frequency and cost of the scheduled 
maintenance. Maintenance is usually scheduled by accumulated flight 
hours. For example, light aircraft require a complete inspection every 100 
hours. For commercial aircraft, there are also maintenance activities that 
are scheduled by the number of flights ("cycles"). 

Maintenance activities are lumped together under Maintenance Man
hours per Flight Hour (MMH/FH). This is the primary measure of mainte
n~nce "goodness." MMH/FHs range from well under 1.0 for small private 
aucraft to over 100 for certain special-purpose aircraft. Typical values are 
shown in Table 18.1. 

Reducing_ MMH/FH is a key goal of aircraft design, as discussed earlier. 
MMH/FH 1s roughly proportional to weight because the parts count and 
systems complexity go up with weight. 
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MMH/FH is also strongly affected by the aircraft utilization. An aircraft 
which is constantly flying will receive more scheduled maintenance per year 
and will be maintained by more experienced mechanics. For example, the 
DC-9 has a MMH/FH of about 6.4 in civilian operation. The same plane in 
military service (C-9), flying only about half as many hours per year, has a 
MMH/FH of about 12. 

From the MMH/FH and flight hours per year, the maintenance man
hours per year can be estimated. The maintenance labor cost can then be 
determined from the labor wrap-rate obtained from airline or military 
sources. In the absence of better data, the labor cost can be approximated 
by the manufacturing wrap-rate presented earlier. 

Materials, parts, and supplies used for maintenance will approximately 
equal the labor costs for military aircraft. 

For civil aircraft, Ref. 52 presents the following rough equations for 
materials cost per flight hour and per cycle. The number of cycles per year 
is estimated by determining the total yearly block-time divided by the block 
time per flight. The total materials cost is the cost per flight hour times the 
flight hours per year, plus the cost per cycle times the cycles per year. 

material cost= 3 3(Ca) + 7 04 + [ 58(Ce)- 13JN FH . 106 . 106 e 

mat~~;fe cost = 4.o( ~6) + 4.6 + [ 7 .5 ( ~ 6) + 2.8 J Ne 

where 

C0 = aircraft cost less engine 
Ce = cost per engine 

Resulting costs are in 1986 dollars per flight hour or cycle. 

Depreciation 

(18.12) 

(18.13) 

For commercial aircraft, the depreciation is considered a part of the 
operating expenses. Depreciation is really the allocation of the purchase 
price over the operating life of the aircraft. While complicated depreciation 
formulas are used by accountants, a simple straight-line schedule provides 
a reasonable first estimate. The airframe and engine have different operat
ing lives, and so must be depreciated separately. 

The airframe yearly depreciation is the airframe cost less the final resale 
value, divided by the number of years used for depreciation. If the resale 
value is 10% of purchase price and the depreciation period is 12 years, the 
yearly airframe depreciation is the airframe cost times 0.9 divided by 12. 
(Here airframe cost refers to the total cost minus the total engine costs). 

Engine resale value can be neglected for initial analysis. If the engine is 
depreciated over 4 years, the yearly depreciation cost per engine is the en

. gine purchase price divided by 4. 
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Insurance 

lnsura~ce costs for commercial aircraft add approximately 1 % to the cost 
of operat10ns. 

18.6 COST MEASURES OF MERIT (MILITARY) 
Once the cost is estimated, it is incorporated into several cost-effective

ne~s measures of merit. ~~r military aircraft (fighters and bombers), the 
ult~ma~e measure of ment 1s the cost to "win the war" (or at least avoid 
losmg 1t!). 

!his is det~~mined_ throug~ parametric variations in sophisticated "cam
pa1g1?- models tha! simulate m great detail the conduct of a postulated war. 
The improvement m ~he outcome of the war is compared to the total LCC 
to develop the new _a1rcraft and operate it for (typically) 20 years. 

Other cost-effectiveness measures of merit in common use include the 
co~t per ~eapon pound delivered and the cost per target killed. These re
qmre detailed analysis of the sortie rate, survivability, and weapons effec
tiveness that goes beyond the scope of this book. 

Trad_e st~dies a~e conducted to determine the variation in these measures 
of ?lent ~1th ~:sign changes such as payload and turn rate. Conceptual 
designers m m1h~ary aircraft companies become very familiar with these 
measures of ment. 

In some mili~ar~. airc~aft procur~~ents_, cost alone becomes the driving 
measure of ment. Design-to-Cost 1mphes that the aircraft must cost less 
than some _stated value r_egardless of performance and range requirements. 

If. the aircraft as designed to meet the stated performance and range 
reqmrements costs ~ore than the design-to-cost, then either performance or 
range must be sacnf1ced. At this point the designers sincerely hope that no 
ot_her company has succeeded in designing an aircraft in full compliance 
with performance, range, and cost requirements. 

18.7 AIRLINE ECONOMICS 

DOC and IOC 
Cost-effect~v.eness for an airliner is purely economic. The aircraft must 

?enerate su~f1c1ent reven_ue in excess of operating costs that the purchase 
mvestment 1s more profitable than investing the same amount of money 
elsewhere. 
. ~irline oper~ting costs are divided into direct operating costs (DOC) and 
md1rect op:ratmg costs (IOC). DOC costs concern flight operations as dis
cussed earher, namely, fuel, oil, crew, maintenance, depreciation and in-
surance. ' 

DOC costs for economic analysis are expressed as cost per seat-mile 
~own, where the s~at-miles are equal to the number of seats on the aircraft 
times t_he statute ~Iles flown. DOC per seat-mile is frequently used to com
pare a1rcraft an~ 1s used as the measure of merit for design trade studies. 
Currently the wide-body transports average DOC of 2 2 cents per seat mile 
(1987). . -
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IOC costs, the remaining costs to run an airline, include the depreciati?n 
costs of ground facilities and equipment, the sales and customer service 
costs, and the administrative and overhead costs. 

IOC costs do not lend themselves to statistical analysis. They vary greatly 
from airline to airline, and depend very little upon the aircraft design. 
Typically, the yearly IOC costs about equal the DOC costs, but the vari~
tion is so great that the only way to obtain reliable IOC costs for economic 
analysis is from the airlines themselves. 

Airline Revenue 
Airline revenue comes primarily from ticket sales. Ticket prices are ap

proximately proportional to trip distance, but are higher per mile for 
shorter distances. Tickets are sold in four classes: first class, business class, 
coach (tourist) class, and excursion. 

Roughly speaking, first class costs twice as much as coach, business class 
costs 1.5 times coach, and excursion fares are 50-90% of coach fares. 
However, there is tremendous variation. As this is written, one airline is 
quoting a higher Los Angeles to Sacramento excursion fare than its coach 

fare! 
For revenue estimation, a phone call to the local airline ticket office will 

provide current fares over selected routes. For future fares, the current fares 
can be ratioed by the assumed inflation. 

The number of tickets sold in these various classes must be estimated. For 
the North Atlantic routes, tickets sold are typically 5% in first class, 15% 
in business class 10% in coach, and 70% in excursion. If a weighted aver
age of the differ~nt fares is calculated, it turns out that the average fare paid 

is approximately the coach fare. 
The remaining parameter to be determined for revenue estimation, the 

"load factor," measures how full the aircraft is. Load factor equals the 
seats sold divided by the total seats available. Current load factors range 
from 60-70%. Load-factor data are provided occasionally in the trade 
magazine Aviation Week and Space Technology (along with other airline 

operating-cost data). 
Thus the revenue per seat-mile flown can be determined as the average 

fare soid over that route (approximately the coach fare) times the load 

factor. 
The load factor for breakeven can be calculated as the cost per seat-mile 

divided by the average fare per seat-mile. The operating-cost breakeven 
analysis uses the DOC per seat mile. This is the_ load factor at which !he 
passengers pay just enough to fly the airplane, with no excess for covering 
indirect costs or to provide the airline any profit. 

The total-cost breakeven analysis uses the DOC plus IOC per seat mile. 
The IOC per seat mile is determined by dividing the airline's total yearly 
indirect operating costs by the total number of seat miles flown by the 
airline each year. As a rough approximation, the IOC per seat mile approx-
imately equals the DOC per seat mile. 
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Investment Cost Analysis 
The decision by the airline as to whether or not to buy a particular air

craft is based upon an investment cost-analysis that takes the "net present 
value" of the revenue minus cost over the useful life of the aircraft and 
compares it to the investment cost (purchase price). 

Net present value (NPV) is an economic valuation based on the concept 
that money in the hand today is more valuable than money received in the 
future. At the very least, the money in hand today could be drawing interest 
in the bank. Even better, money in hand today could be invested in some 
reasonably safe business venture and draw a higher yearly return. 

The "net present value" of future money is the amount of money in hand 
today which would yield the given future amount of money if invested at a 
"normal" rate of return. For example, $110 to be received a year from 
today would have a net present value of $100 if a normal investment returns 
10% interest per year. 

Equation (18.14) determines the future value V,, after n years of an initial 
investment of value V0 , given an interest rater. In Eq. (18.15) this is solved 
for the required investment today to yield a given future value. V0 is there
fore the net present value Vnp as described above. The interest rate r is 
known as the "discount factor" in net-present-value calculations. 

(18.14) 

(18.15) 

The NPV of an airliner is the total of the net present values of all of the 
yearly operating profits during the life of the aircraft (usually taken to be 
the depreciation period). The yearly operating profits are the yearly rev
enues minus the DOC and IOC, not including depreciation. Depreciation is 
not included in NPV calculation because it is the yearly apportionment of 
the purchase price. 

The NPV is determined by estimating the revenues and costs for each year 
of operation, including the effects of the estimated inflation. The yearly 
operating profit is then converted to NPV using Eq. (18.15). Finally, the 
NPV s of all of the years of operation are summed. To this is added the NPV 
of the salvage value of the aircraft at the end of its life (typically equal to 
10% of purchase price). 

The total NPV must be greater than the purchase price of the aircraft, or 
the investment will not return the expected normal rate of return, i.e., the 
discount factor r. 

Selection of the appropriate discount factor is critical to the NPV calcula
tion. The selected discount factor should be greater than the interest re
ceived from extremely safe investments such as government bonds, but 
should be less than the return from risky investments such as volatile stocks. 
The selected discount rate should probably be no less than the real rate of 
return on the airline company's stock, which equals the yearly dividends 
plus the increase in stock value, divided by the stock purchase price. 
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Alternatively, the discount factor can be solved for the value for. which 
the investment just barely breaks even. The dis~?.unt factor r for wh1c~.t-~e 
NPV exactly equals the investment is called the mternal ~a~e o~ return , it 
represents the equivalent interest rate returned by the a1rln~e mvestment. 
This can be compared to the expected rate of return on other mvestments to 
determine if the new airliner is a good buy. 
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SIZING AND TRADE STUDIES 

19.1 INTRODUCTION 
We have come full circle in the design process. We began with a rough 

conceptual sketch and a first-order estimation of the TI Wand WIS to meet 
the performance requirements. A "quick and dirty" sizing method was 
used to estimate the takeoff weight and fuel weight required to meet the 
mission requirements. 

The results of that sizing were used to develop a conceptual design layout 
that incorporated considerations for the real world, including landing gear, 
structure, engine installation, etc. The design layout was then analyzed for 
aerodynamics, weights, installed-engine characteristics, structures, stabil
ity, performance, and cost. 

The as-drawn aircraft might or might not actually meet all of the perfor
mance and mission requirements. The refined estimates for the drags, 
weights, and installed engine characteristics are all somewhat different from 
our earlier crude estimates. Therefore, the selected TIW and WIS are prob
ably not optimal. The same is true for the aspect ratio, sweep, taper ratio, 
and other geometric parameters. Also, the as-drawn weights are probably 
wrong. 

Now we are ready to revisit the sizing analysis using our far-greater 
knowledge about the aircraft. Refined trade-study methods will allow us to 
determine the size and characteristics of the optimal aircraft, that meets all 
performance and mission requirements. 

19.2 DETAILED SIZING METHODS 
Equations (17.1) and (17.2) [repeated below as Eqs. (19.1) and (19.2)] 

define the sum of the forces on the aircraft in the Xs and Zs directions. The 
resulting accelerations on the aircraft are determined as these force summa
tions divided by the aircraft mass (Wig): 

"f,Fx = T cos(a + <PT) -D - W sin')' 

"f,Fz = T sin(a +<PT)+ L - W COS')' 

W= -CT 

(19.1) 

(19.2) 

(19.3) 

Equation (19.3) defines the time rate of change in aircraft weight as the 
,pecific fuel consumption c times the thrust. Equations (19.4) and (19.5) 
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determine the equivalent c and thrust for a piston-engine aircraft (see Chap
ter 5): 

V 
C = Cbhp 550 'Y/p 

T = 55~hp 'Y/p 
V 

(19.4) 

(19.5) 

These eq_uatio_ns are the basis of the highly-detailed sizing programs used 
by the maJor a1rframe companies. In these programs the fuel weight is 
actually calc~lated by determining the required thrust level and resulting 
fuel flow dunng each segment of the mission. 
. The angle of ~ttack a~d t~rust level are varied to give the required total 

hft and t~e reqmred long1tudmal acceleration depending upon what maneu
ver the a1rcraft must _perform (level cruise, climb, accelerate, turn, etc.). 
Angle of att~ck an~ hft are restricted by the maximum lift available. The 
~hrust level ~s restncted to ~he available thrust obtained from a table of 
mstall~d-engme thrust vs altitude a_n~ vel?city (or Mach number). 

To improve the accuracy, the m1ss10n 1s broken into a large number of 
very s?ort. segme~ts that may be less than one minute in duration. The 
~educt10~ m the a1rcraft weight during each of these short mission segments 
1s determ1r.ied by calculating the actual fuel burned based upon the required 
thrust settmg. 

The co~puter it~rates for sized takeoff weight by varying the assumed 
ta~eoff we1~ht until th~ ending empty:weight fraction matches the empty
~e1ght f~a~t10n determme~ by the de~a1_led weight estimation. More sophis
ticated smng programs will use statistical weights equations to automati
cally recal~ulate ~he allowable empty weight for the sizing variations in 
takeoff weight, wmg area, thrust, aspect ratio, and other trade parameters . 
. ~uch methods go beyond the scope of this book. Those who take jobs as 

smng and performance specialists in major aircraft companies will find that 
these computer programs are so large today that they are programmed by a 
team. 

19.3 IMPROVED CONCEPTUAL SIZING METHODS 

Review of Sizing Method 

. For sizing and trade studies during conceptual design, an improved ver
s~on of the me_thod _presented in Chapter 6 is adequate. Remember that the 
a1rcraft was sized iteratively by assuming a takeoff weight. A statistical 
me_thod was used to determine the empty weight for this assumed takeoff 
weight. 

The fuel used was determined by breaking the mission into mission seg
~ents, nu~bered from 1 to x. For each mission segment, the change in 
aircraft weight was calculated as either a mission-segment weight fraction 
(W'i+1IW;) due to fuel burned, or as a discrete change in weight due to 
payload dropped. 
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Starting with the assumed takeoff weight, the aircraft weight was reduced 
for each mission segment either by subtracting the discrete weight or by 
multiplying by the mission-segment weight fraction. The fuel burned during 
each mission segment was totalled throughout the mission to determine the 
total fuel burned. A 60Jo allowance was added to the mission fuel to account 
for reserve and trapped fuel. 

The aircraft takeoff weight was then calculated by summing the payload, 
crew, fuel, and empty weight. This calculated takeoff weight was compared 
to the assumed takeoff weight. A new assumed takeoff weight was selected 
somewhere between the two, and the sizing process was iterated toward a 
solution. 

This same sizing process can be employed for sizing the as-drawn aircraft, 
but the method can be improved based upon our greater knowledge of the 
design. 

In the initial sizing before the aircraft design layout was prepared, the 
mission fuel was determined using simplified equations and statistical esti
mates of the aerodynamic properties and installed-engine characteristics. 
The empty weight was determined from statistical equations based only 
upon the takeoff weight. 

At this later stage in the design process we can calculate better estimates 
for the fuel used during each mission segment, and we have a better estimate 
of the empty weight based upon a detailed analysis of the as-drawn aircraft. 
These improved methods are presented below. 

Many of these methods rely upon calculating, by the methods of the 
performance chapter, the duration of time to perform the mission segment. 
The fuel burned during a duration of d at a given thrust T and specific fuel 
consumption C is then determined by Eq. (19.6). The mission-segment fuel 
fraction is solved for in Eq. (19.7), where C and (TIW); are the average 
actual values during mission segment i: 

Uj; = CTd (19.6) 

W; + 1 = 1 - Cd (L) 
W; W; 

(19.7) 

Note that if (TIW); remains essentially constant during the iterations for 
takeoff weight, the result of Eq. (19.7) can be used unchanged for each 
iteration. This is the case for "rubber engine" sizing. 

For "fixed-engine" sizing, Eq. (19.7) would have to be recalculated for 
each iteration step because the TI W for a fixed thrust changes as the weight 
is changed. Alternatively, Eq. (19.6) can be used to calculate the actual 
weight of the fuel burned by that fixed-size engine. The fuel burned is then 
treated as a weight drop in the sizing iterations. 

(A word of caution: Mission-segment weight fractions should range be
tween about 0.9 and 1.0. If a mission-segment weight fraction is less than 
0.9, the accuracy should be improved by breaking that mission segment into 
two or more smaller segments. If the mission-segment weight fraction is 
calculated to be greater than 1.0, you have probably used the wrong units 
somewhere or have forgotten the negative sign on an exponent!) 
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Engine Start, Warmup, and Taxi 
In the initial sizing method, the mission-segment weight fraction for en

gine start, warmup, and taxi was lumped with the takeoff, and assumed to 
be 0.97-0.99. 

A better estimate for the fuel used during engine start, warmup, and taxi 
uses the actual engine characteristics to calculate the fuel burned by the 
engine in a certain number of minutes at some thrust setting. Typically this 
would be 15 min at idle power. Equation (19. 7) is used to determine the 
resulting mission-segment weight fraction. 

Takeoff 
The takeoff distance was broken into segments and calculated in Chapter 

17. The time duration d of those segments is approximately the segment 
distance divided by the average velocity during the segment. Equation (19.7) 
can then be used to calculate the mission-segment weight fraction using the 
appropriate average takeoff thrust and fuel consumption. 

Sometimes the design requirements may lump together the engine start, 
warmup, taxi, and takeoff into a single requirement based upon some 
amount of time at a given thrust setting. For military combat aircraft this 
is usually five minutes at maximum dry power. For transports and commer
cial aircraft, fourteen minutes at ground idle plus one minute at takeoff 
thrust have often been specified. 

Climb and Acceleration 
The energy methods of Chapter 17 provided Eq. (17.94), repeated below 

as Eq. (19.8), for the mission-segment weight fraction for a change in alti
tude and/or velocity. The average values of C, V, D, and T should be used. 
A long climb or large change in velocity should be broken into segments 
such that the quantity Cl [V(l - D/T)] is approximately constant. 

W;+ 1 [ -Cf:.he J 
W; = exp V(l - D/T) (19.8) 

t:.he = t:.( h + 2~ v2
) (19.9) 

The distance travelled during climb is usually "credited" to the cruise 
segment which follows, i.e., that distance is subtracted from the required 
cruise range. Distance travelled during climb is calculated as average veloc
ity times the time to climb, which equals t:.hel Ps. 

Cruise and Loiter 
In Chapter 17, methods for determining the optimal velocities and alti

tudes for cruise and loiter were presented, and the Breguet equations for 
cruis~ an~ loiter were derived. Solving these for mission segment weight 
fract10n yields Eqs. (19.10) and (19.11), where R is the range and Eis the 
endurance time. 

Cruise: ~; 1 
= exp[ -RC J 

n; V(LID) 
(19.10) 
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. W;+ 1 [-EC] Loiter: w; = exp LID (19.11) 

Equation (19.10) provides the mission segment weight fraction for a 
cruise-climb, as discussed in Chapter 17. For a constant-airspeed, constant
altitude cruise, the cruise must be broken into shorter segments and the LID 
revised as the weight changes. 

Combat and Maneuver 
Fighter aircraft are sized with a requirement for air-combat time. This 

may be explicitly stated, such as "5 min at maximum thrust at 30,000 ft at 
0.9 Mach number." Alternatively, a certain number of turns at combat 
conditions may be specified. In that case, the time to perform the turns is 
determined from the performance methods of Chapter 17. 

Once the combat time is known, Eq. (19.7) can be used. 

Descent 
Descent was statistically estimated in the initial sizing method, and no 

range credit was taken for the horizontal distance travelled_ during desce°:t. 
A more accurate calculation will probably yield a small improvement m 
sized takeoff weight. 

( 
T) p V

3
Cn 0 2K (W) 

Vv = V W - 2(WIS)- pV S 
(19.12) 

Descent is a negative climb, i.e., thrust less than the dr~g. T~e clim? 
equation developed in Chapter 17 is repeate~ as Eq. (19.12), m w~1ch Vv IS 

vertical velocity or rate of descent. Descent 1s usually flown at crmse veloc
ity and idle power setting, unless this produces an extreme descent angle 

( arcsine Vvl V). . . 
The time to descend is determined from the vertical velocity, and the 

mission-segment weight fraction is determined from Eq. (19.7). A Ion~ 
descent should be broken into segments for greater accuracy. Also, credit 
should be taken for the distance travelled unless the mission requirements 
specifically exclude range credit. . 

(The detailed calculation of descent fue_I is pro?ably more tr?uble t?a~ it 
is worth for quick studies and student design proJects. The earher statistical 
method [Eq. (6.22)] is usually good enough.) 

Landing 
Landing was previously approximated by a small W;+ 1/ ~; fr~c~ion 

(0.992-0.997). This is probably good enough even for more refmed s!zmg. 
From obstacle clearance height to full stop takes less than one mmute, 

and is usually flown at idle power. Even if thrust reversers are employed the 
impact upon total fuel weight is small because the thrust reversers are oper-
ated for only about ten seconds. 
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If more accuracy is desired, the fuel for landing can be calculated by 
determining the time to land from the distances calculated in Chapter 17, 
using the average velocity for each landing segment. Then Eq. (19.7) can be 
employed. 

Empty-Weight Estimation and Refined Sizing 

Previously the empty weight was estimated statistically using the takeoff 
weight. Now that we have a design layout, the methods of Chapter 15 can 
be used to calculate the empty weight for the as-drawn aircraft by a detailed 
estimation of the weight of each major component of the aircraft. 

During the first refined sizing iteration, the assumed takeoff weight is the 
as-drawn takeoff weight. The empty weight is the as-drawn empty weight. 
The fuel required is calculated using the refined methods presented above, 
plus an allowance for reserve and trapped fuel (6%). 

Unless the designer has been very lucky, the takeoff weight calculated 
from the refined estimate of fuel burned and the as-drawn empty weight will 
not equal the as-drawn takeoff weight. The as-drawn takeoff weight was 
based upon initial sizing with limited information about the aircraft, and 
cannot be expected to be very accurate. 

Since the calculated takeoff weight does not equal the as-drawn takeoff 
weight, the designer must iterate by assuming a new takeoff weight. The 
empty weight must then be determined for the new assumed takeoff weight. 

It would be possible to go back to the detailed weight equations of Chap
ter 15 and recalculate the empty weight by summing the component weights. 
Without the aid of a sophisticated computer program, however, the time 
involved would be prohibitive if this were done for each step of the sizing 
iteration. 

An approximate noncomputerized method relies upon the statistical data 
from Chapter 3 to adjust the as-drawn empty weight based upon the new 
assumed takeoff weight. Remember that Fig. 3 .1 showed the trend of the 
empty weight ratio WelW0 decreasing with increasing takeoff weight. A 
good approximation for the new empty weight would be found by adjusting 
the as-drawn empty weight ratio along the slope shown in Fig. 3 .1 for that 
class of aircraft. The empty weight for the new assumed takeoff weight can 
therefore be estimated by adjusting the as-drawn empty weight for the new 
takeoff weight, as shown in Eq. (19.13). The value of C (not to be confused 
with SFC) represents the slope of the empty-weight-ratio trend line and is 
taken from Table 3.1. 

[ 

W, ](l+c) 
W,-W, 0 

e - eas drawn w; 
Oas drawn 

(19.13) 

C typically equals ( -0.1), so (1 + C) equals about 0.9. This indicates that 
the empty weight as a fraction of takeoff weight will reduce as the assumed 
takeoff weight is increased. 

At this point, sufficient information is available to size the aircraft using 
the sizing method of Chapter 6 with the improved estimates for fuel burned 
and empty weight. 
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If the resulting sized-aircraft weight substantially differs from the as
drawn weight, the results should be considered suspicious and the aircraft 
redrawn, re-analyzed, and resized. "Substantially different" is a matter of 
opinion, but this author gets nervous at a takeoff-weight difference greater 
than about 30% of the as-drawn weight. 

19.4 SIZING MATRIX AND CARPET PLOTS 

Sizing Matrix 

The sizing procedure described above insures that the as-drawn aircraft, 
scaled to the sized takeoff-weight, will meet the required mission range. 
However, there is no assurance that it will still meet the numerous perfor
mance requirements such as turn rate or takeoff distance. 

The configuration geometry was initially selected to meet these require
ments based upon assumptions as to lift, drag, thrust, etc. The as-drawn 
aircraft will have different characteristics and may no longer meet all re
quirements, or it may exceed all of them, indicating that it has been over
designed and is not the lightest possible design. 

Sufficient information is now available on the as-drawn aircraft to anal
yze its performance vs the requirements. If it falls short in some perfor
mance area, the thrust or wing area could be changed to attain the desired 
performance. Rather than this time-consuming "hit or miss" method, the 
designer can apply the "sizing matrix" method. 

In the sizing-matrix method, the thrust-to-weight ratio TIW and wing 
loading WIS are arbitrarily varied from the as-drawn baseline values (typi
cally plus and minus 20%). 

Each combination of TIW and WIS produces a different airplane, with 
different aerodynamics, propulsion, and weights. These different airplanes 
are separately sized to determine the takeoff weight of each to perform the 
design mission. 

They are also separately analyzed for performance. If the TIWand WIS 
variations are wide enough, at least one of the aircraft will meet all perfor
mance requirements, although it will probably be the heaviest airplane when 
sized to perform the mission. 

Figure 19.1 shows an example of a sizing matrix for a small fighter. Nine 
TI W- WIS variations of the aircraft have been sized and analyzed for take
off distance, Ps, and acceleration time. Performance requirements for this 
example are a takeoff distance under 500 ft, zero Ps at Mach 0.9/5 g /30,000 
ft, and an acceleration time under 50 s from Mach 0.9-1.5. 

From the data in the matrix it can be seen that the as-drawn baseline 
(number 5) exceeds the requirements, as do numbers 1, 2, and 6. Number 3 
greatly exceeds the requirements but is very heavy. Numbers 4, 7, 8, and 9 
are deficient in some requirement but lighter in weight. 

The important question becomes: "What combination of T IW and WIS 
will meet all of the requirements at a minimum weight?" 



WIS =50 

l2.. 
TIW= 1.1 w, = 56,000 lb 

P, = 700 fps 
(M0.9, 30k ft, Sg's) 

STO = 340 ft 
a =46 s 

~ 
TIW= 1.0 w. = 48,500 lb 

P, = 430 fps 

STO = 450 ft 
a = 50.5 s 

l2-
TIW=0.9 w. = 44,000 lb 

P, = 140 fps 

STO = 670 ft 
a = 56 s 

Require: P8 ~ 0 at (M0.9, 30k ft, Sg's) 
STO s 500 ft 
a s 50 s from M0.9 to Ml.5 

WIS =60 

~ 
w. = 49,000 lb 
P, = 330 fps 

STO = 430 ft 
a = 42 s 

RESIZED BASELINE ~ 
w, = 43,700 lb 
P, = 30 fps 

STO = 595 ft 
a = 47 s 

I..!_ 
w. = 39,000 lb 
P, = -230 fps 

STO = 810 ft 
a = 53 s 

Fig. 19.1 Sizing matrix. 
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Fig. 19.2 Sizing matrix cross plots. 
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Sizing Matrix Plot 

Optimization of TIW and WIS requires crossplotting the sizing-matrix 
data, as shown in Fig. 19.2. For each value of thrust-to-weight ratio, the 
sized takeoff gross weight, Ps, and takeoff distance are plotted vs wing 
loading. The data points from the sizing matrix in Fig. 19.1 are shown as 
numbered black dots. (The acceleration data points were plotted in a similar 
fashion, but not shown.) 

From the takeoff-weight graphs in Fig. 19.2, the wing loadings corre
sponding to regularly spaced arbitrary gross weights are determined. For 
this example, gross weights at 5,000-lb increments were selected. For these 
arbitrary weight increments, the corresponding WIS values are shown as 
circles on Fig. 19 .2. 

The WIS and TIW values for the arbitrary gross-weight increments are 
transferred to a TIW-WIS graph as shown in Fig. 19.3. Smooth curves are 
drawn connecting the various points that have the same gross weight to 
produce lines of constant-size takeoff gross weight (Fig. 19.3). From these 
curves one can readily determine the sized takeoff weight for variations of 
the aircraft with any combination of TIW and WIS. 

Next, the WIS values that exactly meet the various performance require
ments are obtained from the performance plots for different TIW values 
(right side of Fig. 19.2). These values are again shown as circles. 

These combinations of WIS and TIW that exactly meet a performance 
requirement are transferred to the TIW-WIS graph and connected by 

W0 =55 K SOK 

1.10 

T/W 

1.05 

1.00 
40K 

0.95 

0.9 

45 50 55 60 65 W/S 70 75 

Fig. 19.3 Sizing matrix plot (continued). 
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45 so 55 60 65 W/S 70 75 

Fig. 19.4 Sizing matrix plot (concluded). 

smooth curves, as shown in Fig. 19.4. Shading is used to indicate which side 
of these "constraint lines" the desired answer must avoid. 

The desired solution is the lightest aircraft that meets all performance 
requirements. The optimum combination of TIW and WIS is found by 
inspection, as shown in Fig. 19.4, and usually will be located where two 
constraint lines cross. 

This is a simple example with only three performance constraints. In a 
real optimization, a dozen or more constraint lines may be plotted. While it 
is not necessary to include every performance requirement in the sizing 
matrix plot, all those which the baseline aircraft does not handily exceed 
should be included. 

This example showed only a 3 x 3 sizing matrix. For better accuracy, 
5 x 5 and larger sizing matrices are used at the major aircraft companies. 

Carpet Plot 
Another presentation format for the sizing matrix, the so-called "carpet 

plot," is based upon superimposing the takeoff weight plots from Fig. 19.2. 
In Fig. 19.5a, the upper-left illustration from Fig. 19.2 is repeated show

ing a plot of sized takeoff gross weight W0 vs WIS for a TIW of I.I. The 
points labeled 1, 2, and 3-data points from the matrix (Fig. 19.1)
represent wing loadings of 50, 60, and 70. 

The next illustration of Fig. 19.5 superimposes the next W0 vs WIS plot 
from Fig. 19.2. This plot represents a TIW of 1.0. The data points labeled 
4, 5, and 6 again represent wing loadings of 50, 60, and 70. 
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T/W=l.l 

3 

W/S, 70 

Wo (1,000 LB) 

60 

so 

40 

30 

Wo (1000 LB) 

60 

so 

40 

SHIFTED SCALE 
FOR NEXTT/W 

6 

3 

T/W=l.l 

T/W = 1.0 

30 -----+-----+- WIS for I, 2, 3 
so 

so 60 

W/S=SO 

60 70 

W/S for 4, S, 6 
70 

Fig. 19.5 Carpet plot format. (same results!) 

To avoid clutter, the horizontal axis has been shifted to the left some 
arbitrary distance. This shifting of the axis is crucial to the development of 
the carpet-plot format. 

In the lower illustration of Fig. 19.5, the third curve of W0 vs WIS has 
been added, again shifting the horizontal axis the same increment. The 
points labeled 7, 8, and 9 again represent wing loadings of 50, 60, and 70. 

Now these regularly spaced wing-loading points on the three curves can 
be connected, as shown. The resulting curves are said to resemble a carpet; 
hence the name. The horizontal axis can be removed from the carpet plot 
because one can now read wing loadings by interpolating between the 
curves. 

In Fig. 19.6, the wing loadings that exactly meet the takeoff, Ps, and 
acceleration requirements (from Fig. 19.2) have been plotted onto the car
pet plot and connected with constraint lines. 

The optimal aircraft is found by inspection as the lowest point on the 
carpet plot that meets all constraints. This usually occurs at the intersection 
of two constraint curves. 

The carpet plot and the sizing-matrix crossplot format give the same 
answer. Some people prefer the carpet-plot format because the "good" 
direction for minimum weight is obvious (down). Others prefer the sizing
matrix crossplot format because it is easier to read the optimal thrust-to
weight ratio and wing loading once they are found. Note that both formats 
are commonly referred to as "carpet plots." 
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It is also possible to create sizing plots in which the measure of merit is 
cost rather than weight. The plotting procedure is the same except that cost 
values are used rather than weight values in the development of the sizing 
plot. However, for most aircraft types the minimization of weight will also 
minimize cost for a given design concept. 

Sizing-Matrix Data Approximations 

A massive amount of work would be required to analyze fully the impact 
of variations in TI Wand WIS on the aerodynamic, propulsion, and weight 
data required to develop a carpet plot. A variation in TIWaffects the thrust 
and fuel flow, but also affects the wetted area and wave drag due to the 
change in nacelle size. 

A change in WIS affects the wetted area and wave drag. Additionally, 
changing WIS affects the drag-due-to-lift (K) factor because the fuselage 
covers up more or less of the wing span. Note that, while the total parasite 
drag usually increases as the wing size increases, the drag coefficient may 
drop because it is referenced to the wing area! 

At the major aircraft companies, sophisticated modules for analyzing the 
effects of the parametric variations of TIW and WIS are incorporated into 
the sizing programs. 

For initial studies and student designs, this analysis can be approximated 
by ratioing the baseline analysis for the affected parts of the airplane. 

The change in zero-lift drag can be assumed to be proportional to the 
change in wetted area due to the wing-area and nacelle-size variations. Wing 
wetted area varies approximately directly with wing area. Nacelle wetted 
area varies roughly with the variation in thrust. 

For a supersonic aircraft the wave drag should be recalculated. The wing 
cross-sectional area varies directly with a change in wing area. This is used 
to determine the new total cross-sectional area that is used to approximate 
the wave drag. 

The variation in K due to relative fuselage size, being small, may be 
ignored for initial studies. If the wing area is changed, however, then the 
aircraft will fly at different lift coefficients. 

The statistical equations in Chapter 15 show that the wing and tail com
ponent weights vary approximately by the 0. 7 power of the change in wing 
area. The engine itself varies in weight by the 1.1 power of a change in 
thrust. 

Installed propulsion performance can be assumed to ratio directly with 
the thrust. 

These and similar, reasonable approximations can be used to estimate the 
revisions to aerodynamic, weight, and propulsion data for sizing analysis 
and carpet plotting. 

19.5 TRADE STUDIES 

Trade studies produce the answers to design questions beginning with 
"What if. .. ?" Proper selection and execution of the trade studies is as 
important in aircraft design as a good configuration layout or a correct 
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sizing analysis. Only through the trade studies will the true optimum air
craft emerge. 

The "granddaddy" of all trade studies is the T IW-W IS carpet plot. This 
is such an integral part of aircraft analysis that it is not usually even thought 
of as a trade study. A TIW-WIS carpet plot in good measure determines the 
minimum-weight aircraft that meets all performance requirements. 

Table 19 .1 shows a number of the trade studies commonly conducted in 
aircraft design. These are loosely organized into design trades, requirements 
trades, and growth sensitivities. 

Design trades reduce the weight and cost of the aircraft to meet a given 
set of mission and performance requirements. These include wing-geometry 
and propulsion variations as well as configuration arrangement trades. 

Requirements trades determine the sensitivity of the aircraft to changes in 
the design requirements. If one requirement forces a large increase in weight 
or cost, the customer may relax it. 

Growth-sensitivity trade studies determine how much the aircraft weight 
will be impacted if various parameters such as drag or specific fuel con
sumption should increase. These are typically presented in a single graph, 
with percent change of the various parameters on the horizontal axis and 
percent change in takeoff weight on the vertical axis. 

Be aware of an important consideration in all of these trade studies: the 
realism factor. There is an unfortunate tendency to minimize redesign ef
fort, especially for yet another boring trade study! If asked to study the 
impact of carrying two more internal missiles, the designer may find a way 
to "stuff them in" without changing the external lines of the aircraft. 

This might completely invalidate the results of the trade study. If there 
was sufficient room in the baseline to fit two more missiles internally, then 
the baseline was poorly designed. If the baseline was already "tight," then 
the revised layout must be a fake! 

The best way to avoid such problems is to insist that all redesigned lay
outs used for trade studies be checked to maintain the same internal density 
as the baseline, calculated as takeoff weight divided by internal volume. 

The trade studies shown in Table 19.1 must be calculated using a com
plete TI W- WIS carpet plot for each data point. For example, to determine 
the optimal aspect ratio the designer might parametrically vary the baseline 
aspect ratio up and down 20%. 

For each aspect ratio, a TIW-WIS carpet plot would be used to deter
mine the minimum-weight airplane. These minimum weights would then be 
plotted vs aspect ratio to find the best aspect ratio. 

The workload for trade studies can rapidly exceed manual capabilities. 
To optimize aspect ratio as described above requires a minimum of 
3 x 3 x 3 (27) data points. Each data point requires full analysis for aerody
namics, propulsion, and weights, followed by a sizing iteration. 

To truly optimize an aircraft, a large number of the parameters from 
Table 19 .1 should be considered simultaneously. However, the hundreds or 
thousands of data points required to do this would exceed even computer 
capabilities. 

There is currently great interest in developing optimization procedures 
that permit such multivariable optimization in a design environment. Two 
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techniques show promise, "Latin Squares" and "Decomposition," but go 
beyond the scope of this book. 

It has been assumed here that the measure of merit for trade studies will 
always be takeoff gross weight. Cost, though, will be the final selection 
measure in a design competition. Using minimum weight as the measure ~f 
merit is usually a good approximation to minimum cost because the acqui
sition cost is so strongly driven by the weight. 

However, life-cycle cost is driven largely by fuel cost, which _may not be 
minimized by the minimum-weight airplane. LCC can be estimated and 
plotted on the sizing matrix, and the best aircraft can then be selected as the 
lowest LCC point. 



20.1 INTRODUCTION 

20 
VTOL AIRCRAFT DESIGN 

This chapter introduces the essential concepts and technologies of vertical 
takeoff and landing (VTOL) aircraft design. Although similar in many re
spects to conventional aircraft design, VTOL presents some key differences 
and pitfalls to avoid. This chapter emphasizes the differences that affect 
VTOL vehicle layout and sizing analysis. 

The operational benefits of an ability to take off and land vertically are 
self-evident. Conventional aircraft must operate from a relatively small 
number of airports or airbases with long paved runways. For commercial 
transportation, the airport is rarely where you actually wish to go, and is 
usually crowded, causing delays in the air and on the ground. 

The military airbase is highly vulnerable to attack, and during a wartime 
situation the time expended cruising to and from the in-the-rear airbase 
increases the required aircraft range and also increases the amount of time 
it takes for the aircraft to respond to a call for support. 

The first type of VTOL heavier-than-air aircraft was the helicopter, 
which was conceived by Leonardo da Vinci but not regularly used until 
shortly after World War II. The helicopter rapidly proved its worth for 
rescue operations and short range point-to-point transportation, but its 
inherent speed and range limitations restricted its application. 

For propeller-powered aircraft, the tilt-rotor concept as tested in the Bell 
XV-15 seems to offer the best compromise between helicopter-like vertical 
flight and efficient wing-borne cruise. The tilt-rotor concept is the basis of 
the V-22 Osprey now under development. 

Helicopters and tilt-rotors go beyond the scope of this book, but are 
discussed in Ref. 68. 

For jet VTOL aircraft, a clear "best" solution for vertical lift has yet'to 
emerge. Instead, there are a wide variety of alternative vertical-lift concepts, 
some tested and some not, available for incorporation into a new design. 
Selection of a "best" concept depends upon the intended mission and oper
ational environment as well as the assumptions made as to the technical 
details of the selected lift concept. 

To date there have only been a few operational jet VTOL designs-the 
British Harrier and the Russian YAK-36. These are both subsonic aircraft. 
While at least one supersonic VTOL design has flown (The Mach 2 Mirage 
111-V back in 1966), there has yet to be an operational supersonic VTOL 
aircraft. 
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This is largely due to the increased internal volume required for the verti
cal-lift apparatus and vertical-flight fuel. Also, most concepts for vertical 
lift tend to increase the aircraft's cross-sectional area near the aircraft's 
center of gravity (e.g.), and that increases the supersonic wave drag. Fi
nally, the state of the art in engine thrust-to-weight ratio has imposed an 
excessive weight penalty on VTOL designs. It has simply not been possible 
up to now to provide both vertical flight and supersonic forward flight in an 
operational aircraft of any usable range. 

However, the overall level of aircraft/engine technology and VTOL
specific technology is advancing so rapidly that this author expects the next 
generation of new military jets to include at least one supersonic VTOL 
concept. 

20.2 VTOL TERMINOLOGY 

VTOL refers t~ a capability for Vertica_l TakeOff and Landing, as op
posed to Convent10nal TakeOff and Landmg (CTOL). 

An aircraft which has the flexibility to perform either vertical or short 
takeoffs and lan_d_ings is s~id to have Vertical or Short TakeOff and Landing 
(VSTOL) cap~b1hty. An ~1rcraft which has insufficient lift for vertical flight 
at takeoff weight but which can land vertically at landing weight is called a 
Short TakeOff and Vertical Land (STOVL). 
. The "tail-sitter". or Vertical Attitude TakeOff and Landing (VATOL) 

a1rcraft cannot use its vertical lift capability to shorten a conventional take
off or landing roll. In contrast, a Horizontal Attitude TakeOff and Land 
(HATOL) concept can usually deflect part of its thrust downward while in 
forward flight enabling it to perform a Short TakeOff and Landing (STOL). 

20.3 FUNDAMENTAL PROBLEMS OF VTOL DESIGN 

A number of unique problems characterize the design and operation of 
jet VTOL aircraft. T_wo fundamental problems stand out because they tend 
to have the greatest impact upon the selection of a VTOL propulsion con
cept and upon the design and sizing of the aircraft: balance and thrust 
matching. 

Modern supersonic jet fighters have a T/W exceeding 1.0, so it would 
seem fairly easy to point the jet exhaust downward and attain vertical flight. 
Unfortunately, this is complicated by the balance problem. 

~any subsonic jets and virtually all supersonic jets are designed with the 
engme at the rear, the cockpit and avionics at the nose, and the payload and 
fuel near the center of the aircraft. This traditional layout places the ex
pendables on the e.g., co-locates the parts of the aircraft requiring cooling 
(cre_w and avionics), and keeps the avionics away from the hot and vibrating 
engme. 

Fig_ure 20. la illustrates this traditional (and usually optimal) layout. If 
the a1rcraft's thrust exceeds its weight, vertical flight could be obtained 
simply by deflecting the thrust downward, as shown in Fig. 20.lb. How
ever, a "magic finger" must hold up the nose in order to balance the 
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a) FORWARD FLIGHT 

c) THRUST LOCATION MOVED 

b) MAGIC FINGER 
VERTICAL FLIGHT 

d) BALANCED THRUST 

Fig. 20.1 The balance problem. 
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vertical thrust force at the tail. This balance problem is possibly the single 
most important driver of the design of the VTOL jet fighter. 

There are really only two conceptual approaches to solving the balance 
problem. Either the thrust can somehow be moved to the e.g. (Fig. 20. lc), 
or an additional thrust force can be located near the nose (Fig. 20. ld). Both 
of these approaches will tend to compromise the aircraft away from the 
traditional and usually optimal layout. 

For cruise-dominated VTOL aircraft such as transports, a more severe 
problem involves thrust matching. If the thrust required for vertical flight 
is provided by the same engines used for cruise, the engines will be far too 
large for efficient cruise. 

As an example, imagine designing a VTOL transport using four of the 
TF-39 engines used in the C-5. These produce about 40,000 lb of thrust at 
sea-level static conditions, or 160,000 lb altogether. If the aircraft is to have 
a typical 30% thrust surplus for vertical flight (TIW = 1.3), then the air
craft can weigh no more than 123,077 lb at takeoff. Note that this is far less 
than the C-5 at 764,000 lb! 

Assuming a typical cruise LID of 18 yields a required TIW during cruise 
of about 1/18, or 0.056. If the aircraft weight at the beginning of cruise is 
about 95% of the takeoff weight, then the total thrust required during 
cruise is only 6,496 lb (123,077 x 0.95 x 0.056). 

This is only 1624 lb of thrust per engine, which is about 18% of the 
available thrust for that engine at a typical cruise altitude of 35,000 ft. It is 
doubtful that the engine would even run at that low a thrust setting. 

At 35,000 ft and Mach 0.9, the best SFC for this engine would be about 
0.73 at a thrust of 9,000 lb per engine. The SFC at the 50% throttle setting 
is about 1.2-64% worse than the SFC at the higher thrust setting. If the 
engine would run at only 18% of its available thrust, its SFC would be even 
worse than the 1.2 value. 

Aircraft range is directly proportional to SFC. The mismatch between 
thrust for vertical flight and thrust for cruise will produce a tremendous fuel 
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consumption and range penalty for a cruise-dominated design that uses only 
the vectored thrust of its cruise engines for vertical flight. For this reason 
many conceptual VTOL transport designs incorporate separate "lift en-
gines" used during vertical flight. 

If three of the TF-39 engines in the example above could be turned off 
during cruise (without a drag penalty), the remaining engine could be oper
ated at a 7211/o thrust setting where it gets an SFC of about 0.8. This is a big 
improvement over all engines being used for both lift and cruise. However, 
the use of separate lift engines introduces additional problems, as discussed 

later. 
There are numerous other problems associated with VTOL aircraft de-

sign including transition, control, suckdown, hot gas ingestion, FOO, inlet 
flow matching, and ground erosion. These are discussed below following a 
brief discussion of the various VTOL jet propulsion options which are 
currently available to the designer. 

20.4 VTOL JET-PROPULSION OPTIONS 
The major options for jet VTOL propulsion systems are notionally 

derived in Fig. 20.2. Broadly speaking, jet VTOL concepts can be divided 
into those that utilize fairly conventional engines and those that use engines 
modified so that the fan and core air are split, with the fan air ducted and 
exhausted from some place separate from the core air. 

The conventional-engine VTOL concepts that do not use additional lift 
engines for vertical flight must have a net takeoff T IW in excess of 1.0. If 
the jet exhaust is not diverted to some other location for vertical flight, the 
aircraft must either be a tail sitter (VATOL), or have the engine exhaust at 
the aircraft e.g. and capable of vectoring downward for vertical flight. This 

a) TAIL SITTER 

b) VECTORED THRUST AT C.G. 

c) TILT NACELLE 
ATC.G. 

Fig. 20.3 Conventional engine, no lift engine, no flow diversion. 
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can be accomplished by using a vectoring nozzle or nacelles which tilt (Fig. 
20.3). 

1:he X-14 research aircraft had vectoring nozzles at the e.g., with the 
engi1:1es _out in front. This is probably not a good arrangement for most 
apphcat10ns b_ecause the cockpit winds up in back, for balance, and thus 
doe~ not provide acceptable ~isibility for the pilot. Also, in forward flight 
the Jet exhaust scrubs alongside the fuselage, causing thermal and acoustic 
problems. 

An alternative approach is to place the nozzles at the center of gravity but 
put the engine in the rear fuselage as on a regular aircraft, but installed 
backwards! This "Reverse Installation Vectored Engine Thrust" (RIVET) 
concept offers design simplicity, reduced weight, ease of transition, and 
inherent vectoring in forward flight (VIFF). However, inlet duct losses of 5 
percent or more will be caused by the 180-deg bend required to supply air 
to a backwards engine. Sizing studies (Ref. 93) indicate that despite these 
duct losses, RIVET offers a viable option for supersonic V /STOL. 

Tilt nacelles, although heavy, may be the best compromise for some 
applications. Grumman has been pursuing a tilt-nacelle concept for Naval 
applications for a number of years. 

Some VTOL concepts provide a means of diverting the exhaust flow to 
gain vertical lift. This is generally done by a retracting blocker device in the 
engine that shuts off the flow through the rearward-facing nozzle. The flow 
is then diverted forward through internal ducting (Fig. 20.4). 

b) TIP-DRIVEN FAN 

c) EJECTOR 

Fig. 20.4 Conventional engine, no lift engines, flow diversion used. 
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The diverted flow can be exhausted directly downwards, or it can be 
"augmented" by either a tip-driven fan or an ejector. Both of these can 
actually increase the thrust obtained from the diverted flow by using the 
energy of the exhaust flow to accelerate a larger mass of air. This augments 
thrust by increasing the propulsive efficiency. 

The tip-driven fan (a ducted fan) is turned by turbine blades at its tip. The 
diverted engine exhaust is passed over the turbine blades to spin the fan. 
The Ryan XV-5A used such fans and attained an "augmentation ratio" of 
almost three (the lifting thrust attained with the tip-driven fans was almost 
three times the thrust produced by the jet engines during normal forward 
flight). 

The ejector makes use of the viscosity of the air. Any exhaust jet will 
"drag" along adjacent air molecules, accelerating the free air in its vicinity. 
The ejector consists of a short duct with an exhaust stream blowing down 
it. Additional air is pulled by viscosity into the duct, accelerated, and 
ejected through a nozzle. This produces thrust greater than the thrust due to 
the jet exhaust alone. 

While ejectors promise theoretical augmentation ratios of 3 or more, a 
more realistic value ranges from about 1.3 to perhaps 2.2. The Rockwell 
XFV-12A featured ejectors along the entire span of the wing and canard. It 
was expected to produce a high value of augmentation ratio, the actual 
value achieved was only about 1.5, and it never flew. 

Both ejectors and tip-driven fans are heavy and tend to chop up the 
aircraft structure. Also, the internal ducting is bulky and poses a thermal 
problem. However, ejectors and tip-driven fans tend to reduce the thrust
matching problem since the engines do not have to be sized to lift the 
aircraft by jet thrust alone. The resulting improvement in cruise fuel con
sumption may offset the weight of the ejector or tip-driven fan. 

One of the simplest ways of providing VTOL capability adds lift engines 
to an essentially conventional aircraft (Fig. 20.5). This brute-force ap
proach was used in the Mirage 111-V. Obviously, the separate lift engines 
add considerable weight and volume to the design, but the forward-flight 
engine can be sized for efficient cruise, thus solving the thrust-matching 
problem. 

Since the lift engines are designed for a single operating condition, they 
can be highly optimized for that condition. Existing lift engines have engine 
T!Won the order of 15, compared to about 6-8 for a typical forward-flight 
engine. Future lift engines are expected to have engine TIW of 25 or more. 

A more subtle approach than the use of separate engines for lift and 
cruise is to size the forward-flight engine for efficient cruise, but also 
provide a means of vectoring its thrust downward for vertical flight. The 
vertical-thrust shortfall is made up by the addition of lift engines. This is 
known as a "lift plus lift/cruise (L + L!C)" approach. 

Since the forward-flight engine is providing some vertical thrust, the 
thrust required from the lift engines is reduced. The forward-flight thrust 
can be vectored by a vectoring nozzle as in the YAK-36 or by tilt nacelles. 

A major problem with the L + L/C approach is the transition from verti
cal to forward flight. During the transition period, the lift/cruise engine 
thrust is being vectored rearward, decreasing the vertical component of 
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a) SEPARATE 
LIFT ENGINES 

AIRCRAFT DESIGN 

b) L+L/C (VECTORED) 

c_ee __ =r-_..t:Q:::L......•-=:.=1· 

' c) L+L/C (TILT NACELLE) 

Fig. 20.5 Conventional engine with lift engines. 

thrust._ Since !he lift/cru~se engine is at the back of the aircraft, additional 
thrust 1~ requ~red to av01d a nose-up pitching moment. 

If a l!ft engme s_hould fail during vertical flight or transition, the aircraft 
would mstantly pitch nose-down. It is rumored that the YAK-36 h 

t t
. . . as an 

au oma 1c eJect1on seat to save the pilot in this event. 
The 1: + L/C approach_ is especially poor for providing vectoring in for

~ard fh~ht ~VIFF). Th~ pilot must start up the lift engines before the selec
tion of m-fl1ght vectonng. 

A~other problem is that the aircraft operators would rather not have to 
prov1~e tools, spare parts, and trained mechanics for two types of engine in 
one a1rcraft. 

~ne possible benefit fo~ the L + L/C concept is the ability to use the lift 
en~me to return to base m the event that the cruise engine fails. This re
qmres so!ll~ aft vec!~ring ability for the lift engine, which is desirable any
way to aid m trans1t10n. 

~elated to the L + L IC concept is the "shaft-driven lift fan" (SDLF). 
This offers many of the benefits of L + LI C but without some of the 
problems .. In the SJ?~F concept, a driveshaft runs from the engine to a 
~eparate hft fan ~os1t10ne_d where the lift engine on the L + L / C concept 
JS located. The dnveshaft JS powered by the main engine through a modified 
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or supplemental turbine, and spins the lift fan to provide vertical thrust. 
This avoids the need to develop a complete new lift engine, although the 
fan, driveshaft, gearbox, and turbine must be developed. Also, SDLF has 
a cooler front exhaust since the forward lift exhaust is not combusted. 
SDLF does give up the return-to-base capability of the L + L IC. 

A number of VTOL propulsion concepts are based upon a "split-flow" 
modification to the turbofan engine. The airflow from the fan is split away 
from the core airflow and used in some fashion to address the balance 
and/or thrust-matching problems. 

One such approach exhausts the fan air separately and provides a means 
for vectoring it downward for vertical flight (Fig. 20.6a). The AV-8 Harrier 
uses the high-bypass Pegasus engine in which the fan air and core air are 
each separately vectored through "elbow" nozzles (described later). This 
permits nearly instantaneous vectoring of thrust with no mode changes 
(such as starting a lift engine or diverting air into an ejector). This approach 
also simplifies transition and enhances maneuverability. 

On the negative side, the Pegasus-type engine suffers the thrust-matching 
problem since the engine thrust must provide all of the required lifting 
force. Also, the engine must straddle the aircraft e.g. This increases the 
aircraft's cross-sectional area right at the wing location, and thus increases 
supersonic wave drag (the Harrier is subsonic). 

It is possible to augment the thrust of such an engine by essentially 
providing an "afterburner" for the fan and core airflows in so-called 
plenum-chamber burning (PCB). There is considerable debate about the 
desirability of such high exhaust temperatures for VTOL operation. 

Another means of prov10mg afterburning to the Pegasus-type split flow 
engine is to duct the fan and core exhausts together during forward flight, 
and provide a conventional afterburner which is only used in forward flight 

CORE 

a) VECTORED THRUST b) TANDEMFAN 

c) HYBRID FAN VECTORED THRUST 

Fig. 20.6 Split-flow engines (vectored fan air). 



548 AIRCRAFT DESIGN 

The vectoring flaps can also be external to the nozzle as a part of the wing 
flap system. This approach was used on the XC-15 transport prototype. 
Although this was not a VTOL aircraft, its wing flap system was able to 
turn the engine flow more than 60 deg for STOL landings. This, combined 
with a landing gear that permits a 30-deg nose-up position, would provide 
the required 90 deg of total thrust vectoring for vertical flight. 

The bucket vectoring mechanism (Fig. 208b) is similar to the commonly
used clamshell thrust reverser. The great advantage of this concept is that 
the flow-turning forces are all carried through the hingeline; thus the actu
ator can be fairly small. Also, the bucket can be designed with a smooth 
turning surface to raise the turning efficiency. A bucket vectoring nozzle 
can be designed to have a thrust loss of only about 2-30Jo when vectored 90 
deg. 

Figure 20.8c shows an "axisymmetric" vectoring system. The tailpipe is 
broken along slanted lines into three pieces, as shown. The three pieces are 
connected with circular rotating-ring bearings so that the middle (shaded) 
piece can be rotated about its longitudinal axis while the other parts remain 
unrotated. This causes the middle and end pieces of the tailpipe to vector 
downward as shown. 

The rotating-ring bearings must be circular in shape, so the tailpipe must 
have a circular cross section along the slanted lines shown. For this to occur 
the perpendicular cross-sectional shape of the tailpipe must be an ellipse, so 

I~ J--. 

~ 
a) VECTORING FLAPS 

' c) ROTATING 

b) BUCKET d) VENTRAL 

Fig. 20.8 Vectoring nozzles. 

~SIDE 

L.....J.UVIEWS 

' e) ELBOW 
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this nozzle system is not truly axisymmetric, despite its name. This type of 
vectoring nozzle has roughly a 3-50Jo thrust loss when vectored 90 deg. 

The ventral nozzle (Fig. 20.8d) is simply a hole in the bottom of the 
tailpipe leading to a downward-facing nozzle. The flow out the regular 
nozzle is blocked off with some type of door. 

To reduce hot-gas ingestion and damage to the runway, an afterburner is 
not usually used for vertical lift. A ventral nozzle can therefore be placed 
upstream (forward) of the afterburner. This moves the vertical thrust sub
stantially forward compared to a vectoring nozzle at the end of the entire 
engine. That helps the balance problem. 

The ventral nozzle has a thrust loss on the order of 3-60Jo when vectored 
90 deg. 

The "elbow" nozzle is used on the Pegasus engine in the highly successful 
A V-8 Harrier. In the elbow nozzle the flow is turned 90 deg outboard (see 
top view in Fig. 20.Se). A circular ring bearing connects to the movable part 
of the nozzle which turns the flow 90 deg back to the freestream direction. 
To vector the flow downward, the ring bearing is rotated 90 deg, as shown. 

The elbow nozzle is simple and lightweight, and requires a minimum of 
actuator force for vectoring. However, the flow is always being turned 
through a total of 180 deg, even in forward flight. Because of this the engine 
is always suffering a thrust loss of approximately 6-80Jo. All the other types 
of vectoring nozzle only impose a thrust loss during vertical flight. 

To reduce this thrust loss, the elbow nozzle can be designed using turns 
of less than 90 deg by canting the ring bearings downward and rearward. 
This can reduce the total turning angle to about 110 deg, which reduces the 
thrust loss to about 4-60Jo. However, the nozzles will then yaw inward 
during transition from horizontal to vertical thrust. This reduces the total 
usable thrust during transition and also increases the exhaust impingement 
upon the fuselage. . 

Another alternative is to provide elbow nozzles that are only used dunng 
vertical flight. A blocker door like that used for the ventral nozzle can divert 
the airflow from a conventional nozzle to the elbow nozzles. Like the 
ventral nozzle, the "part-time" elbow nozzles can be located forward of_ the 
afterburner for balance. The use of a conventional nozzle in forward flight 
saves fuel during cruise. This can more than compensate for the extra nozzle 
weight. .. 

There is another important factor in the selection of nozzle type. This is 
the effect of the vectoring mechanism on the resultant thrust magnitude 
during transition. 

For the elbow-type nozzle as used in the Harrier, the vector angle has 
virtually no effect upon the thrust magnitude. For the vectoring flap, 
bucket and rotating segment-type nozzles the only effect is the previously
mentio~ed loss of thrust due to turning. This thrust loss is zero at zero 
degrees of deflection and gradually approaches the maximum value as the 
thrust deflection approaches 90 deg. 

For the ventral nozzle, another factor causes a further reduction in thrust 
during transition. To transition from forward to vertical flight, ~he flow out 
the rear nozzle is gradually blocked off and the ventral nozzle is gradually 
opened. 
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The net thrust direction during transition is the vector sum of the thrusts 
produced by the aft and ventral nozzles. For example, if the exhaust 
massflow out the aft nozzle and the ventral nozzle are equal, then each 
nozzle has a thrust approximately equal to half the total engine thrust. The 
direction of the net resultant thrust is therefore 45 deg downward. 

The magnitude of the net resultant thrust is found by vector addition to 
be 0.707 times the total engine thrust (square root of 0.52 plus 0.52). Thus 
the magnitude of the thrust is reduced by almost 300Jo when the net resultant 
thrust is vectored 45 deg during transition! 

Figure 20.9a shows this result. The net resultant thrust for the ventral 
nozzle drops to about 700Jo of the total thrust as the thrust is vectored 
through 45 deg. It returns to full net thrust as the thrust vectoring is contin
ued to 90 deg. By comparison, the elbow-type nozzle has the same thrust at 
all vector angles. 

The reduction in the net resultant thrust of the ventral nozzle can be 
substantially lessened if the aft and ventral nozzles have vectoring capabil
ity. The middle line on Fig. 20.9a shows the net resultant thrust for 20-deg 
vectoring. 

This vectoring ventral nozzle has full net thrust within 20 deg of the zero
and 90-deg vector angles. The worst case 45-deg vector angle, improves to 
a loss of only lOOJo of the thrust. 

Figure 20.9a ignores the thrust losses due to turning. This reduces the 
relative advantage of the elbow nozzle. In Fig. 20.9b, the curves of Fig. 
20.9a are repeated but with an assumed thrust loss of 30Jo for each 90-deg 
turn in the exhaust flow. 

RESULTANT THRUST 

.50 

.25 

20' VECTORING 

~----+---II- VENTRAL 
NOZZLE 

NO VECTORING 

VENTRAL 

NOZZLE 

.50 

.25 
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Fig. 20.9 Resultant thrust. 
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In forward flight, the ventral nozzle has a higher net thrust than the 
elbow concept due to the two 90-deg turns in the latter. This is also true in 
vertical flight where the ventral nozzle concept has only one 90-deg turn. 

At the 45-deg vector angle, the elbow nozzle has a substantially better net 
resultant thrust if the ventral nozzle has no vectoring. If the ventral nozzle 
has a 20-deg vectoring ability, then the difference is negligible. 

20.6 SUCKDOWN AND FOUNTAIN LIFT 
The VTOL aircraft in hover is not in stagnant air. The jet exhaust that 

supports the aircraft also accelerates the airmass around it. This entrain
ment is due to viscosity and is strongest near the exhaust plume, producing 
a downward flowfield about the aircraft (Fig. 20. lOa). 

This downward flowfield pushes down on the aircraft with a "vertical 
drag" force equivalent to a loss of typically 2-60Jo of the lift thrust. The 
magnitude of this vertical drag force depends largely upon the relative loca
tions of the exhaust nozzles and the wing. If the nozzles are right under the 
wing, the entrained airflow will exert a large downward force. 

Unfortunately, the nozzles and the wing are both near the e.g. for most 
VTOL concepts. The use of a tandem wing, forward-swept wing, or joined 
wing may reduce the entrained download by separating the wing away from 
nozzles, which are located at the e.g. 

a) FREE AIR ENTRAINMENT 

c) MULTIPLE JET GROUND 
EFFECTS-FOUNTAIN LIFT 

b) SINGLE JET GROUND 
EFFECTS 

d) LIDS-FOUNTAIN LIFT 

Fig. 20.10 Suckdown and fountain lift. 



552 AIRCRAFT DESIGN 

Figure 20. lOb shows the effect of the ground on the entrained flowfield. 
The jet exhaust strikes the ground and spreads outward. This increases the 
mixi~g between the jet exhaust and the adjacent air, which increases the 
entramment effect. The entrained download (or "suckdown") therefore 
increases as the ground is approached. 

A single-jet VTOL concept can experience a 30% reduction in effective 
lift due to suckdown. Furthermore, the suckdown increases as the ground is 
approached-a very undesirable handling quality! 

Figure 20. lOc shows a VTOL concept with widely separated multiple 
nozzles near the ground. The jet exhausts strike the ground and spread 
outward. The exh.austs meet in the middle. Since there is nowhere else to go, 
they merge and nse upward, forming a "fountain" under the aircraft. 

This fountain pushes upward on the aircraft with a magnitude that will 
often cancel the suckdown force. The strength of the fountain lift depends 
upon the exact arra~gement of the nozzles and the shape of the fuselage. 
Lower-fuselage shapmg that makes it more difficult for the fountain to flow 
around the fuselage will increase the fountain effect. For example, square 
lower corners are better than round ones . 

. Fountai? lift increases as the ground is approached. This desirable han
dlmg quahty counters the undesirable effect of suckdown. 

The fou.ntain lift can be increased even more by the use of Lift Improve
ment Devices (LIDS), (called Cushion Augmentation Devices in Britain). 
Th~se are longitudinal strakes located along the lower fuselage corners 
which capture the fountain (Fig. 20. lOd). LIDS added to the A V-8B in
creased the net vertical lift over 6%. 

Note that multiple nozzles near to each other may not produce a fountain 
effect. because t~e exhaust plumes may merge into a single jet, producing a 
flowfield more hke that shown in Fig. 20. lOa. 

20.7 RECIRCULATION AND HOT-GAS INGESTION 

A VTOL aircraft hovering near the ground tends to "drink its own bath
~at~r:" The hot ~xh~ust gases find their way back into the inlet, causing a 
sigmficant reduct10n m thrust. Also, this "recirculated" air can include dirt 
and other erosion particles that can damage or destroy the engine. In some 
cases the dirt kicked up by a hovering VTOL aircraft can completely ob
scure the pilot's vision. 

Figure 20.11 shows the three contributors to exhaust recirculation: 
bouyancy, fountain, and relative wind. Bouyancy refers to the natural ten
dancy of hot gases to rise. The jet exhaust mixes with the ambient air and 
slows down as it moves farther away from the airplane. Eventually it has 
slowed enough that the outward momentum becomes negligible and the 
bouyancy effect takes over. The now-warm air rises up around the aircraft 
and can eventually be drawn back into the inlet. 

The bouyancy effect takes time. It takes about 30 seconds in hover for the 
air around .the Ha~rier to heat up by 5°C. This s·c increase in air temper
ature entermg the mlet reduces the engine thrust by about 4%. 
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Fig. 20.11 Recirculation. 
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b) FOUNTAIN 

If the nozzle arrangement produces a fountain, the recirculation will be 
greatly increased. This causes additional hot-gas ingestion (HGI) in addi
tion to the bouyancy effect. Unlike the bouyancy effect, the fountain effect 
takes little time to increase the temperature of the air entering the inlet. 

The Harrier experiences a l0°C temperature rise due to the fountain 
effect. This reduces thrust by about 8%. 

The third contributor to recirculation, relative wind, can be due to atmo
spheric wind or to aircraft forward velocity. Essentially, the relative wind 
pushes back on the spreading exhaust gases, forcing them up. At some 
combination of relative wind and exhaust velocity the hot gases will wind up 
back in the inlet. 

Hot-gas ingestion is typically limited to speeds below about 50 knots. If 
the nozzles can rapidly vector from full-aft to a downward angle, a rolling 
takeoff can be used to minimize HGI problems. The pilot starts the takeoff 
with the nozzles fully-aft and quickly accelerates to about 50 knots. Then 
the nozzles are vectored downward and the aircraft takes off. 

20.8 VTOL FOOTPRINT 
The "footprint" of a VTOL aircraft refers to the effect of the exhaust 

upon the ground. This is largely determined by the dynamic pressure and 
temperature of the exhaust flow as it strikes and flows along the ground. 
Even a helicopter cannot operate from a very loose surface such as fine sand 
or dust. The exhaust of a turbojet VTOL aircraft can be of such high 
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pressure and temperature that it can erode a concrete landing pad if the 
aircraft is hovered in one spot for too long. 

No exact method exists to determine the acceptable exhaust pressures and 
temperatures for VTOL operation off of a given surface. Roughly speak
ing, a turbojet exhaust is marginal for operation off concrete and is too hot 
and high-pressure for asphalt. The front-fan exhaust of a split-flow turbo
fan is generally acceptable for concrete, asphalt, and dense sod. However, 
the core-flow exhaust of the turbofan may be too hot and high-pressure for 
asphalt and sod. 

Ejectors and tip-driven fans substantially reduce the exhaust temperature 
and pressure, allowing operation from regular sod and perhaps hard
packed soil. 

In general, the nozzles should be as far above the ground as possible. The 
ground temperatures due to a turbofan will be reduced by about 30% if the 
nozzles are five nozzle diameters above the ground. This suggests that a pair 
of side-mounted elbow nozzles are preferable to a single ventral nozzle 
because they are higher off the ground and have less diameter for the same 
total airflow. 

Although Refs. 88 and 89 give some data on footprint, this author does 
not know any published report that details the suitability of VTOL opera
tion from a variety of surfaces as a function of exhaust pressure, tempera
ture, and nozzle geometry. Such a test report would be a useful data source 
for the design of jet VTOL aircraft. 

20.9 VTOL CONTROL 

The VTOL aircraft in hover and transition must be controlled by some 
form of thrust modulation. Most VTOL concepts use a reaction control 
system (RCS), in which high-pressure air is ducted to the wing tips and the 
nose and/or tail. This high-pressure air can be expelled through valve-con
trolled nozzles to produce yaw, pitch, and roll control moments. 

The high-pressure air for the RCS is usually bled off the engine compres
sor, causing a reduction in thrust. The Harrier loses roughly 10% of its lift 
thrust due to RCS bleed air. 

Bleed-air RC~ systems can be light in weight. For the Harrier, the whole 
srst~~ only weighs about 200 lb. However, the RCS ducting occupies a 
sigmficant volume in the aircraft. Also, RCS ducting is hot and cannot be 
placed too near the avionics. 

If a VTOL concept has three or more lift nozzles placed well away from 
the e.g., modulation of the lift thrusts can be used for control in vertical 
flight. For example, if the thrust from the forward nozzle is reduced the 
nose will pitch down. Vectoring the left-side nozzles forward and the right
side nozzles rearward will cause the nose to yaw to the left. 

In addition to three-axis control (roll, pitch, and yaw), a VTOL needs 
~er_tical-velocity control ("heave" control). Thfa is done by varying the 
hftmg thrust. For an aircraft with fixed nozzle-exit area (such as the Har
rier), the lifting thrust is varied by engine throttle setting. 
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An engine with variable nozzle-exit area can change its lifting thrust more 
rapidly by changing exit area, leaving the throttle setting unchanged. Pr?vi
sion of acceptable heave control generally adds about 5% to the reqmred 
hover TIW. 

A multiengine aircraft should remain under control following the loss of 
an engine. This common requirement is far more difficult for a VTOL 
aircraft to meet than for a conventional aircraft. For example, if a VTOL 
aircraft requires two engines to hover, a third engine of the same thrust 
would be required to assure hover ability after loss of an engine. Not only 
that but the engines must be arranged so that their combined thrust passes 
thro~gh the e.g. with all engines running and with any one engine failed. 

The more engines a VTOL concept has, the smaller the impact of adding 
one extra engine for engine-out hover. However, the increased pilot 
workload for operating multiple engines and the additional maintenance 
makes this option less attractive. Also, the more engines, the greater the 
probability of an engine failure. . . 

Another technique studied for engine-out control mvolves cross-shaftmg 
the engine fans so that the fans of all the engines can be driven from the 
cores of the other engines. This minimizes the asymmetric thrust loss from 
the failure of one engine core. However, the weight impact of the cross-
shafting mechanisms must be considered. . . . 

Some multi-engine VTOL concepts have been designed with several Jet 
engines operating together through some form of augmentation devices. 
For example, the Ryan XV-5A had two jet engines that were diverted to 
three tip-driven fans. Either engine could drive all three fans. 

20.10 VTOL PROPULSION CONSIDERATIONS 
Thrust matching has already been discussed as one of the key problems 

facing VTOL designers. Inlet matching presents a similar problem. For 
efficient jet-engine operation at zero airspeed, the inlet should look much 
like a bellmouth as seen on jet-engine test stands. The inlet should have a 
large inlet area and generous inlet-lip radii. These features cause unaccept
able drag levels during high-speed flight. 

As a compromise, inlets can be sized for cruise operations and provide? 
with auxiliary doors for VTOL operation. For reasonable low-speed effi
ciency these auxiliary doors must be very large compared with typical auxil-
iary doors as seen on a CTOL aircraft. . 

Another propulsion consideration is the amount of vertical thrust re
quired for vertical flight. As a minimum, the net TIW for vertical flight 
must obviously exceed 1.0. For acceptable response in heave (vertical accel
eration), the net T /W should equal or exceed 1.05. 

The net thrust available for vertical lift will be reduced by suckdown, 
hot-gas ingestion, and RCS bleed. Because of these factors~ the required 
T!Wfor vertical flight will greatly exceed the 1.05 value reqmred merely to 
hold the airplane up and provide heave control. . 

For most types of VTOL aircraft, the overall installed T/W for vertical 
flight ranges between about 1.2 and 1.5, with 1_.3 being a typ~cal value. 
Figure 20.12 shows a typical breakdown of contnbutors to reqmred T!W. 
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Fig. 20.12 Typical hover T/W breakdown. 

20.11 WEIGHT EFFECTS OF VTOL 

It is difficult to assess statistically the impact of VTOL on aircraft weights 
us~ng design_ data fr~m exfsting aircraft. VTOL designs are so strongly 
dnven by weight considerations that the designers will push much harder to 
reduce weight than in a normal CTOL design. 

_For example, the Harrier was designed so that it requires removing the 
wmg to remove the engine. This would be considered a fatal design flaw in 
a CTOL aircraft ?ut is tolerated in the Harrier because of the weight savings 
compared to the immense doors that would otherwise be required to remove 
the engine. 

Be~ause of such design compromises, the Harrier has an empty-weight 
f~a~t10n Wef Wo o~ only 0.48 whereas a statistical approach based upon 
similar CTOL designs would indicate that the Harrier should have an 
empty-weight fraction of about 0.55. By way of reference, the A-4M, which 
performs a similar mission, has an empty-weight fraction of 0.56. 

A VTOL aircraft designed to the same ground rules as a CTOL aircraft 
will always be heavier in two areas, propulsion and control systems. 
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The propulsion system will be heavier due to the compromises described 
above for solving the balance and/or thrust-matching problems. The vari
ous VTOL propulsion concepts all incorporate some additional features 
such as vectoring nozzles, extra internal ducting, tilt nacelles, or lift engines. 
These add weight. 

Reference 87 compares CTOL and VTOL versions of a carrier-based 
utility aircraft (similar to the S-3). The CTOL version's propulsion-system 
weighs 80Jo of the takeoff weight. The VTOL version's tilt-nacelle propul
sion system weighs 200Jo of the takeoff weight. 

Data from Refs. 87-89 indicate that a typical supersonic CTOL fighter 
design may have a propulsion-system weight about 16-180Jo of the takeoff 
weight. An equivalent VTOL design would have a propulsion-system weight 
about 18-220Jo of the takeoff weight. 

The far-greater propulsion-system weight for the cruise-dominated utility 
aircraft reflects the fact that the fighter concept already requires large en
gines for supersonic flight. 

Control-system weights are increased about 500Jo for most VTOL designs. 
This is due to the ducting, nozzles, and valves of the typical RCS. However, 
the total control-system weight is only a small fraction of the takeoff weight 
(20Jo for a typical CTOL design) so the impact is slight. 

For most VTOL designs the landing gear will weigh the same as for 
a CTOL design. Carrier-based aircraft may show reduced landing-gear 
weight with VTOL. 

The landing gear of carrier-based aircraft are substantially heavier than 
the landing gear of other aircraft because of the extremely high sink-rates 
during landing and because of the catapult and arresting-hook loads. These 
can increase the landing-gear weight from about 40Jo to about 60Jo of the 
aircraft takeoff gross weight. 

A VTOL aircraft designed for carrier operation need not incorporate the 
heavier landing gear. This represents a weight savings compared to the 
CTOL carrier-based aircraft. 

As mentioned, it is difficult to provide an estimate for the total impact of 
VTOL on We!W0 based upon statistics. However, data in Refs. 87-89 indi
cate that a fighter aircraft will experience an increase in We!W0 of roughly 
40Jo if designed to the same groundrules as an equivalent CTOL aircraft. 
Similarly, a transport/utility aircraft will have an increase in We!W0 of 
about 70Jo. These estimates should be considered to be extremely crude. 

20.12 SIZING EFFECTS OF VTOL 
The final sized weight of a VTOL aircraft will be increased by the empty

weight effects described above. Also, a thrust mismatch between vertical 
flight and cruise may force the engine to be operated well away from the 
optimal thrust setting for cruise efficiency. This increases fuel consumption, 
which increases sized aircraft weight. 

These factors will clearly increase the sized aircraft takeoff-weight if a 
VTOL aircraft is flown over the same mission as an equivalent CTOL. In 
some cases, though, the mission requirements can be reduced for the VTOL 
aircraft with no real loss in operational effectiveness. 
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For example, a Close-Air Support (CAS) aircraft like the A-10 should be 
ba~~d as near as. possi_ble ~o the ground troops being supported. VTOL 
a~ih~y may permit basmg literally at the forward lines, thus reducing the 
mission range requirements while providing better operational effective
n~ss. The V~OL aircraft can also "loiter" on the ground, unlike the CTOL 
a1rcraft, which may have a requirement for a one-hour loiter on a CAS 
mission. 

VTOL greatly simplifies instrument landings. Helicopters can "feel their 
way around" in foggy conditions that ground all CTOL aircraft. A VTOL 
capability should therefore reduce landing reserves for loiter or diversion to 
alternate airports. 
. On the other hand, the fuel burned by a vertical landing can be substan

tial whereas a CTOL aircaft uses virtually no fuel in landing. 
A~other f~vorable effect of a VTOL capability comes in the optimization 

o_f wmg loadmg. For many aircraft the wing loading will be determined by 
eithe_r the takeoff or landing requirements. A VTOL capability removes this 
co~sideration, possibly permitting a smaller wing, which in turn reduces 
weight and fuel usage. 

Taken altogether, these factors indicate that the VTOL aircraft will 
usually be heavier than an equivalent CTOL design. Based upon the data in 
the references, an increase in sized takeoff weight of about 10-20% can be 
expe~ted for a fighter design. A transport/utility design will typically size to 
a weight roughly 30-60% greater than the CTOL design. As before, these 
are very crude trends, not estimates for any particular design. 

21 
CONCEPTUAL DESIGN EXAMPLES 

21.1 Introduction 

This final chapter offers two design examples that illustrate the concepts 
and methods presented in this book. The design examples are a single-seat 
aerobatic homebuilt airplane and a lightweight supercruise dogfighter de
signed to replace the F-16 as the "low" end of a future "high-low" mix of 
advanced fighters. 

These examples illustrate the steps and thought processes used in concep
tual design, covering the extremes from propeller-powered, fixed-size-en
gine design to "rubber-engine" supersonic design. The differences and 
surprising similarities between these extremes of design are shown. 

Design requirements for these aircraft were assumed based upon data for 
similar aircraft. These design requirements were then treated as if they were 
mandated by some customer and used as the starting point for the design 
effort. 

The examples are designed and analyzed using the methods presented in 
the book. Every effort has been made by the author to develop credible, 
realistic designs and to analyze and optimize them properly. However, no 
claim is made that these are optimal designs or even good designs or that all 
calculations are correct! 

Furthermore, the examples are incomplete in that only the more impor
tant analysis areas are presented due to space limitations. Were the author 
to grade himself in a college design course, these examples would rate at 
most a "B." The "A" students would conduct far more analysis (struc
tures, roll rate, e.g. envelopes, etc.) and would ultimately redraw the 
as-optimized aircraft to insure that the analysis assumptions were realistic. 

21.2 Single-Seat Aerobatic 

This design represents an aircraft that the author hopes to build and fly 
some day. It would provide fun weekend aerobatic flying for the occasional 
pilot and would offer better performance than the Great Lakes Biplane but 
without the touchy handling qualities of the Pitts Special. 

The design is fairly classical in layout but is based around the more recent 
techniques for quick fabrication using moldless foam-fiberglass sandwich 
construction. This permits rapid "garage" fabrication of a one-of-a-kind 
aircraft. Also, the selected engine is already set up for aerobatic flight, 
which should minimize the installation effort. 

One interesting result of the sizing and optimization presented below is 
that the low-wing loading required for good aerobatic capability has 
strongly biased the aspect ratio optimization, leading to a lower-than-ex
pected optimal aspect ratio. In fact, without the addition of a maneuver-re
lated performance constraint, the "optimal" aspect ratio approaches zero! 

(Special note to homebuilders concerning the first example-DON'T 
BUILD IT!!! This is a first-pass conceptual design only. It would take at 
least a man-year of design and analysis effort by an experienced designer 
before this concept could be built and safely flown.) 
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At W0 =/20DL.b,We.=Bl3 L.b 

MIS~loN SEGMENT WE"fGHT t='~Ac.TtON.S 

T~\o.lc.. :i.2-.) ~; ::: • 97 'J:i~ =. 9«aS" 

C.RUIS.E': wj.s c(fO.'Z..)'.c,7x.-,!5) = 'f.1 j 1, .,..35" 1..1,/-P· 
I 

et, ,.13) Lfb ~ 35' .... 02. t "1.7 ::. //.()'f-
9.7 3SK1rJI.E.~qB 

~! = .'n.,. .c:11£" K.crs3. J(..,,is· ==-. ctob 

eii.:s.10 'tt: = I.Di>(l-."IOf.)== ,O'f'f7 

W,f:: 1200-,. .O't'f7 = 12.0 L.b (+r,11t1) 

w-f- vso.l.le.. == 12.oji.o, :. 1/3 L..b 

'-----A Conceptual Approach-----' 
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/NITlAL SIZING (~uBgcR £N61Ne) 

ei '3.'t) 
'vv. _ 220 

o- \-.0"177-~ 
0 

w -., 
whei"C. Vo' = I. '+"IS"' W0 

INPUT WOdrawn, WEdrawn, We/Wo Exponent:1200,883,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION SEG TYPES 
MISSION SEG WT FRACTS .97 .985 .953 .995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 119.6 883.0 1222.6 
1218.1 121.4 895.0 1236.3 
1232.7 122.8 904.6 1247.4 
1244.5 124.0 912.4 1256.4 
1254.0 125.0 918.7 1263.7 
1261.7 125.7 923.8 1269.5 
1268.0 126.4 927.9 1274.2 
1273.0 126.9 931. 2 1278.0 
1277.0 127.3 933.9 1281.1 
1280.3 127.6 936.0 1283.6 
1282.9 127.8 937.7 1285.6 
1285.0 128.1 939. 1 1287.2 
1286.B 128.2 940.2 1288.5 
1288.1 128.4 941.2 :i.289.5 
1289.2 128.5 941. 9 1290.4 

Bo, 'THI! Hc,Wl€~ Wo l.,)OCJL.f> GIVE 'REbv'-€0 

'f>ER.F'Or!M/INC-e WfiH A f't '/.ep - 5 (Z£ EN6!N€ J 

'-----A Conceptual Approach------
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AIRCRAFT DESIGN--------

flYE.D -ENGINE SIZING 

-Vcuied w't- VhTil Wo =Wo = /200 Lh 
Wo c...ic.. d,...."'" 

INPUT WOdrawn, WEdrawn, We/Wo Exponent:1200,883,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION SEG TYPES 
MISSION SEG WT FRACTS .925 

******* SIZING ITERATIONS ********** 
WOG WF WE 

1200.0 95.4 883.0 
1198. 7 95.3 882.2 
1197.7 95.2 881.5 

-Oc.ci.1,...1 whe...., 'ti,: :::.'125" 

- S1>lve. -fur W3/w~ 1'o de.re. ..... i .. ~ ~"':JC..: 

WOCALC 
1198. 4 
1197. 5 
1196.7 

-R (sh'°o) 
e.i'-1i..; w3 ==973= e u.Of- ... .s-sl>.o.r • R~c,s-1300-rt 

w~ • J 

R =- JS-8 ""'· 

/f a .... Je. of IS:S n"'. t$ t~J.$ ti:,... 9()q I o-f 28'0 ,.,..,_ W~ 

will Jay ct.Ir de.sij.., a."1'(,.,a'f ,1 ci .. J v.u ,-ef,;.~cl 

SI-Z.l':_J ,.,~-#,.,ds ec .. c:l. orii ... ; Z.«ITIO... "f?c.h..,,i"(S Tl) /IIQ)'1 ... ,zc: 

re1-:,e. t::1c.d p<r-fo,-,.,cu,ce. 

....__ ___ A Conceptual Approach-------
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AIRCRAFT DESIGN-------
LA '(OUT DAT/\ 

Wa= 8!3 LJ:, W.; = /20 Lio (113 Us .. bl<.) 

WING: S==II! F+r.. 

;{r?~ 
e1, 7.8 
C'.i 7.9 

FU.Set.AGE 

I>::: 2.U, ~ -11,.1 ;~ 
c.,.."' 7!:., ... 
c~ - s0.'1- 1., 
~: !,, ,;:, 
y •68.~ j .. 

.Z.J 
L~ l.s-(12.00) = li ff 
L..+,.;, «•- f: 60"1~ L = 10. /i' ft 

) 
_ /D.B Svr 

VE"~TICAL TAIL. ei t'2.l. C.\(T=.O't== 2&.6 1<1/f ; S'vr = fl.{; ft-t. 

so b .. 'f.l-(t C,.=='t.oft C~=L/, .ft 

Ho~1zo.vTAL TA-IL ei6.n) C.1-rr~ .:.=~;~,7,t(r; Skr=25:S ft.? 

A==4:0; f'."O.'t .so J;.:::.10.11i- c,..: H ii Cr:l.'t f 

fuEL iANK 'w.f: /1.0 Lb = 20 ., .. no~J = 2 .7 -ti-3 

Tl ~E Sl'ZE" f,:.blf. II.I) 1)=-1( ;..,,j W •S. 3 ii.,, 

}>ROP 1:)IAM~ e't I0:2.1) d = 22)150 = 77 1i, ( ?) 

et° ID.2.1, 
..... 10.1.i/ 

Cn~c.k. TiF> spaJ; 'J: IIS- J,:..t; =- /9'!- .f+/stc. 
n =- 2700 1-, ... = ~ r,v/tec ... 

/l't'tt.-r(Tf'lcl)~ ~8.nJ -tt/t«. (Wood Prop,) 

So d f:: ~ ~ 4 : 70 '"' 

....__ ___ A Conceptual Approac 
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b/1.l~ 
===:'.l;+J::::::::=:::i 0 

------A Conceptual Approach-------
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AIRCRAFT DESIGN------...... 
AEROJ)'(Nltn[CS. (w .. 1tct4 a .. & E~ Orc•s .f,..... dro. ... :::,) 

MAl<lhVf1 LJFT": CL ~ .Cf C1 =(J.3s-x().t:t)= /.2. {e,g12.1s) 
"1~JC. A..1114)( 

LI Fi C uR.\fE ~ LOf't: s 
2Tr><hp F 

~,i12.&) CL=./ ,1.( ~·)='f-.37x.8J7~Ll3 
..,_ 2t-,.J't-t :<is .. I+~ 

CL."' C 4.as:- per ,-..41 • ._ :: .or.r p«r &yriec. 

f>ARAS ITE" DRAG ( A~~-i.._, fvll'f -ru,-!.v< .... t- flow J 
\)5c. V=lOOkts..-1'q -tt-/s: .J t, .. se .. /ev<./ tr> de:t ....... .-• ._ f.-,c:1ib ... Cf-
.So M=.I!. ; M"' 0-"17 x 106 

FUSEl.AGE ...i=22. + ,R./<J.,~ 6.33 
ey, /1.2,) "Rey .. olcis #: R=Zl,Cfl'- 1 000 

ei 11..2.e) ~.naf .. Btt,15'8,ooo (vs,-..,, 

) ~~·~'K:=S~-=~~~~ 
elf, 1"2..27 Cf = Cw,1a21Cfl~~ur (It- .l't't(.1sf).6S' 

ei 12.:~1) FF::: It ~i + ~, :::. I. 1s

.S~"t =- /1:,'t ft:a. 

: .002.6 

C.1>
0 

= ,00.2.6 .,- Lll,c lt.'t/,18 ;s .OO't-6 
.f~•c.""J«-

~---A Conceptual Approac 
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AIRCRAFT DESIGN------...... 
WING: ....e= c. c 't.1.7 ft q"-JC· ;t/'- =/3.s-% 

~"l, 1z.:u.) 
e1, /z.z.a) 

~i 12..z.1) 

e7, rz.:s.o) 

R.=Sy..lD' " 
Tt.c.mff =:/6.'f{,y./7) 

Cr• .0034 

FF= 0 -t ~; ( .. ltr)+-100(.1.ss)'t-][i.J'f (.1s/
1J =L2't-

s"'~' = 202..J *"z. Q = 1 us,"r:, f,llc.Ts 

TAILS: S i"c..._ C '.s "'""' *-/r- s or-<. Si..,,1 .. .-_., Wt.. eo,i.. 
-- a~ .. 1'1 z.c. -r,,. -,....n.s -tt>:,e...µ.e. .-

*I'- = I z.. "lo 

Cf = .0031 Swcl- == 4f.l. -t- IZ = l,0.'1 ftZ. 

FF= [1 -r :! (.lz.)+ 100 (.12.)''J[ (. 3'f (.ts-)""]= /.2.D 

C.r, = .0031 ~l.2y.l,0.I, '11i: ,002.3 (+1<A +-J ... fJ=9.0(f],rl 
o-,..;i. I' :>J 

GEA:~ l)~(:,! 1ir<- fi--t.,f ari:1 :: f,03 -ff.'Z- j ~ =-(.OJ 11 ,13 -= .13'!- fr""" 
-t...ble 1'2..'t-) .St-t- .f,,o..~I .,.~ :O.t.? 4 .... .;DA:o.,7 ;<.DS•,033 ft~ 

Add 20'?0 -f,... ;.,+er-ft,,...,, ~ C.1>
0 

= 1.2.(.11<+-t.o:11'1{,1 : .001.0 _., ,e.... :-r11 

C.Dc:.~PIT l>Rftb; Fr ... -t .. l Arcq=- /.8 ftz.; cl)o = ,.sir .5 /Ill= .0016 
c>, Ii) opc,i t:o<.1-fit 

TDTAL. 1"Pc~l!StTc r>'l<M: C°o: l.°'"(.0238) = .02!i0 (Aero} 
(su... p,111.s S"J. ~ le .. ~ 8- pr-dtv"--~ 

------A Conceptual Approac 
572 

AIRCRAFT DESIGN-------

MISC.. ENr.tNE )>~G : 

ei 11.1,) 1::/i .... S< =-{2 ~,D't )1s--o = .D'i ~ 
c.t> . = .o.s{,2 :::. , 0003: 

or"'iit.,. 711 

nmL ~RA,s.ne 1tND E:N61f.J£" DRM,: 

Cb =- • oi_s-o + .ooz.+ t _i,oo g - • 02.. 11 
0 

JN1)UC£b 1)JVc6: 

e:: /. 7K[I - 0.0't5"(,r'J-0.6't- =0.81 

K:: ,r (~'(.ci?) == O.tH, I 

'----A Conceptual Approach-----
573 



rAIRCRAFT DESIGN 

( J>l'OftJL.S101\1 

• Cusn- - dei!f11 woo.(c., .:Z-blaJeq ./fix.tel- pitd-i prope.//e.,... 
D•70i"' 

ON-l>E:~l6N: 
'T _ :::t.. _ 11s-~ u1, _ 
.J-- nD -(2700/60X"7o/t:r..) -. 7'1-

C.l) = ,5l?> ( IS"o) • 0 0 6 
l .fn'or • 

Fro .... -f!:J. /3.Cf: 1p = .fi't ~ 7"'•20° 

• gvr wooden -pro pi lie... rtdvc.u "Zp br /0% ~ i..hilc 

2-bl«ded i1 o. b.Jt ,? % .better i'i.eu,., l-hlad.td 

d•tii -,. ... ov,~ l>y -F,j.-, fl. Cf 

Thv.s; ~I'::::. 0.Cf y. (.03 )( (.g't-)= .7~ (01<1-cfo!J11 ed /IS-lc'ty 

OFF-J)f.Sl(,~S U.u f.jv ... , 13./0 "'"h, adJvsr1p (5~'-tlvt) 

ST~llc. THR.l1ST: Fro,., .f;. 1'3.8 j c7c.,. •2.r 
\ T. _ SSD (IS"o) ( • r\ 

e.i ll.l~/ S-n.t1k - 2..S' rd) : ?ii. Lb as5.,,..,.,J 3-1:.l•,«i; 

• 2- blacle~ p,ro,,tllt.- he.s S"Jo (us >+ .. +., '11,rvsT_, -tt,.,j ~ 

T.s"t'ili-'<.. ::::. • 9S- x 7''':: 7'+7 LI:, 

• Bllt i't,is is forr o va.-i,.1/c f i+c.4 pi-ope.lle.-
1

1v~1'<...I, 
c.l,,q.,,tS "TI> et -flea+ bkdc. Q.,Jfc. et"t" s;ittil'c. coo,dii,'0!1 S'. 

• /ns~acl.,I ass~, -rli.e s-fQil'(. -tt.-s~ ezr.M& -f1-ic. h,:Jl.its+
f'o-,a,.. '"f'l.,..,s+ v"''"' -fc~ .. c:1. a~"" ( s~c. .pk,t') 

( C.nic(c. ~ss,,_,+.'t>"" - l>dter ~ v.sc. .f;~ - pitt.L. ck+ .. _1) 

------A Conceptual Approach,----
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AIRCRAFT DESIGN--------.... 

THRUST v.s. VELOC.IT'( 

DDE:.s NOT /NCLVDE ENG,,.,lt 

1lRAG.S DR 1'RoPw,\Sft 

6~o 

'-T" ... ,orc.~C... \ 

' -- --' ... ~, .. 4-11 ....... ~ 
-t-, ,.._'h~<. \S•\""- ......._, VAklllt'l.& p lt<.H Mti'f*.. 

C~L(VC~ 

..._ , "f'l'tDPetu.-n.. 
' ._ ..._ "'l.p F"-'M F•&. /3."j 

.... 

t,.>°"D l'l><-:1>-

- f(nM P/UrcU-EII.. 

"lp =:1i X f1~€1>-PIT<~ (Oi'.-'cCtlON 

0 lo w 3.., '/:o J;o bo 1D I:-o Cio 100 /10 /t{J 110 

\J-ld> 

CO~~fC.TION FOR F'ROPWASl-t t>RA~ EfFE:"C.T : 
Wcashul Arc"a 2"-'" -4t'I. 

~ ''-11) 1 . 1 r, -(':: '\1 (. oo't'f 26!'~ = . <JS 't p 
Pe~,ti"( rl I ,-,,1-/ j 

Thus; Thr"VsTQ,tv,,I:::. • c:i.rl< 7£,,.,s"t c.•\,..t."tt4 
abo'I~ 

,------A Conceptual Approach---
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AIRCRAFT DES1GN------

WE16I-\TS 

WL. 1 L· ~ 20 LJ> (F,- d .. 1.. r.,, -.c~. 11) 
~t"'"''S 

~---A Conceptual Approach----' 
576 
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c.e:ssNA MEnlOl)S (~ef. 11) 

:n1 .1" .1,1 1.1,1. W..,.-., = ,O't1 W0 .S n A := 225' t..J;, 

W 
_ o~,...._ ,.,,7 s.101 A.,1, _."":22.3 _ 1 ~+ - , :.i, wv0 h h .,..,....,.. - oO Lb 

.. "'IZ -81Z 
w\Jt' = .IOi w~~'7 s~ir A",/ £;::.7 (cos../1..f/s c (7.7 LJi, 

Re.f JO METt<Ob 

~
fit:!. ·'"" .tn .~u,]1.1 

wf,.~=200 r1~r) (~) (~t0X~) ~ 114 u 
t.1/o 114'4:lle. 

whti, .. 11& c 2.r;JH; "31 Lb 

COMPARliOlv T~ ACTUAL. l::>ATA ("R~{ II) 

W9~r =t~~ .. .,. )wo ~ ~O>'t(rz.oo) = b'+ U 

L. Av~,c ,,f C-IFO a...& 
L-1'\A vol~ 

------A Conceptual Approach-----
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AIRCRAFT DESIGN------....... 

As dh,..,s.s:-ed i"l Cha,.+c.- 3 ~ f;be-,f"f.l ho..,ebv,l'fl 

have. r-eduud. we~l."t d11c. tc duij.. c:liffe~•~, .. s_ l'\o't" 

dvc. "to co ... pos itc. co .. s-r...11cti°"' • No .. c. t'-.c f.,,s.,.. we. will 

VSt. 11,t. -fac.Tol"f ;.., ~bk. IS-.'t- i"o ~s-ti ... Q+c 1i,c 

wci,11.t $"1Vi"J.S -fo.,. c-,.d, CO....,pokc..t. 

Fv~e: A l>.J""STO WE"HT: SELEc.TEt, 't>ISTAl'-U" 
CoM,oN£1Ji ~ Ch 1s-Lo-11,c~ Mc11,.,dJ WEl&HT ii> bA l\1"1 • 

FusctA,c .qo I O"t I I 2.li' \~O Lb 
IIS- '"' WINE. .as l'l-3 / 11S" \E,O 70 ~01\.Tl'lll • 83 /7 / .. ., 'tO 2.10 

\/E'R.T. 77\IL .e3 12 "/ 13 IS- ,zr 
ENE.IN€' - ~n./ 38D 380 lb 
GE'II'- .c:is 66/ r7 &O '+!,-
FVEL SY.S. 2.2. 22. ro 
FL.(C~OLS - r S' '/D 
ELEC.1'ft.lC~L - ,3/~ 't-0 'K) 
A\/IONl<:.!, ~.s- 10 60 FURMSH/N6~ - 2.0 20 100 -

l: We= 882 U:. @ SCfSi"' 
PIL.Or '1 CHUTE 2.Z.O u· 
FOl:L (Ave1ilcl.lc., if W0 :::11..oo t..1,,) 9i .ro 

~ Wo= 120<> Lb @ 63.3 i~ 

-----A Conceptual Approac i-----
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AIRCRAFT DESIGN------...... 

STAB \I .... IT)'. S. CONT~OL 

c=s~ i.. } ~ - M·.5" - I I!>" ,,- 56 - • 
MOST-/tFT C.6-. I~ /ff 6'tS i .. 

WINE, Aoo. CENTElll. AT ~z ;.., ~o '><. OICW:: i = f ./D7 

fUSEI.AGiE 

e1, l'-1.1..) C. "'s<...f.v: 
::. .1'2- pc.r rod. 

" - '2.0I. - 3 68 
s.o "°''"- sr- - . 

dE: = ?D c:Jo<. • ;)6 

do'-h _ 1-,o= ,, 
do<. - • .;,o • ~ 

:--.---A Conceptual Approach1---
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AIRCRAFT DESIGN-------..... 
"POW£1t-OPF NEllffl.'11.. .,.o,N,- (snc.i<-F/~) 

e ll,.q) y.. = (1t.uY1.101)-.,z..,. ., (fri:)(1.11Y,n)('3.U) - / lat 
\ ... ,. '+.Ir 1- .Cf (.JM-X'3.nx.t,:z.) - . 

So V.P = f.f8h, S"(. =- 66,6 i.,, ,"whic.h fs .,.t 32% of C . 
"" ""'"J 

S TIC.IC - FR.EE" 
(c.i.. 1&,5') 

So CL = .8 Cc.. 
-< ~ -<._. (f;,.u) 

- c ... i~l.10'7 -.12-t .B~'\ (M-)b.n'(.,,X3.,f~ 
')(,.p : ~.rs- 1- .i i 'I c:::) (s.11r.,2.) = 1.168 

X11,.=d.l'-lli,S6 = l,S:'+ ... 

s-m-nc. MAtt.1,v = 6l"&~-fit.r =.o,cs (l.64\sTAIL.£) 

~b.10) c,.,o(.. -'t.'i~ (U.'s,~6,.S) = -.OB (ri,,. -ntvtr«I 1) 

f'r-op eWic.~ will -fu,..~~.. d,rt-.bdiu 1 M1JSr .-.,ov<.. 
wi"' c,.~ j.., 114.l'i' desiJ" ite-·tio01. 

~---A Conceptual Approac ._ __ ___, 
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AIRCRAFT DESIGN--------. 

TRIM ANALYSIS 
OMeNTS.: 

e1, l(,.1 c"'c.,=O= 4.Js-o<(t.1s--1.101)-t0+otQ12.«-f <t(¥.,t)c'-,.(3·"-'·~ 

Or c.,,...Cj: 0:: .32. 9 0( -.22.+ c,_ I, 

ei, IEi..,q) CL = c,_ (·"2~ + (o-o)-Ao<0 L.J 
... o(h 

4 du~ ~ ~\"P. 
(ie..1 ~le"4ltor) 

ei U,.t'-• U,.1s) Ao<
0

L-= -s. ;~ ($..·1~.'t-X1) k;be. == -.Sl ~~ (s,...11 &.) 

~o c... :. .. s,ci o( -. 'Z.2{!.11]~,2.o<. +. ~, Se.] 
c_, 

LIFT: 

C...., = -0.fCfS"'o( -0.'t-l !e ,, 
e,g 1'-.'2.., l U,.10) 

....__ ___ A Conceptual Approach------
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AIRCRAFT DESIGN--------. 

o<.. o· -20 -+o -& 
0 • o:o "' • • .. ,s- ;-:006 .030; -.01 .O't-a pOIB 
2° -.001; .,a .001; .11, .o.u; .110 .on; .u, If.: .01"t; .u .001 J .3+,- .o"; .n .011; .33 
'• -.02.1 J .S~ -.001,J .G.a. .oo1 i SIS' .0.2't'; .SI 
I .011; .7/ -.012..; .-,o .001.j .,,s- .011 J .n 
10• -.on; .s, -.011; .11 ~oo-t r ., .011; .r7 

\/Glues cu·c. {c.111\ ; C.L J 
'-' 'to-t,,I 

Cnt,, ,,, 
.<>+ 
.03 
.01. 
.OI 

0-t::::::-...-~oi:::-+::a...r--+..;::::.._,..-+ Ti-i ...... ecl wh~rc. 
c...., .. .:,= 0 -Pl 

-.Qt 
-.OJ 
- ,O't 

-,M.---,.--,-----,----...... c. 
L'ht-t-1 o .'l.. .+ .6 .B 1.0 

Cttu\SE TR. IM ~ = 35" U./ft.Z. s.o C.1... = w~s = ~i =, 2 7i 

A+ C.L&.27' Q .. , c,..c,=o, Ee. G:'-1.2° (c; ..... 1~ po; .. ;, lllbove.) 
T1'1M ~IA TAIL INC.I t>£NC.C ONI..'( 

"-eJ"'.-.6. ,th :-;A o(.OL:: - (-.SI 6e.):: -(-.s-1'(-l'10) :-.610 

.__ ___ A Conceptual Approach---__,. 
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AIRCRAFT DESIGN-------. 

SPIN ~EC.OVER.'( 

(~, '";~o) 

!'vs,\~ 1-•..,~ 
Ls23c:> i"' = \"\."2. ~ 

ei U,.u) 

et, u •. ~) 
ei '"·'f-") Lei'=' C26.otC1z.oo)(.zsl/'f-_1 =- 41i. s,..,_,_~'"" 
e"b lb.!.o) IY'f~ (1q;2)'-(1ux,X,.1i)'/'fJ :: Lf'f(, sl~-ff'~ 

ei lb.'-1) M. ~~;~.,(z,.,) ~ S'.OO't}. F ....... -f;_, 11..!.I fo,.. 

Rucicl(.lr - °''°"~ rec.on"'(, .:r I -'t- -~ 
+r3 '"·") )l.ic.- ':IX ::.-3/ Jtl0 ""v.s-r h•ivc. Tt:1f'F>l!t7-IO 

ba. W/j 

• So NO "J>ltOSL£fl IN UF'Rl&HT SPIN/ ANl> 
IN\IEtt"tEb WE' HAVE' EVeJI.J M OflE 

~\Jb~n .A1'EA 

....__ ___ A Conceptual Approach-----
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AIRCRAFT DESIGN--------..... 

AS-DRAWN PE:RFCJRMANCE 

STl'\LL: =j ,/ v:. - 2.~.S 
ST•II - OC 

J L,.,'\lt 

TA~€OFF: 
) ....,'\ ~ -g f...,,,_ et, 5".8 ,-P'== (·"")('tr)- 2.'f- F':., s;,..) Sn,= 90o ~ 

V,.," c:1"'C{ 1\All: ()~ Cl-\M,8: Use. Q j,...Pt, 

HOR.SEfC~ {A No nt"vJT) Al>:Iv3T,.,D1r RM. ALTI TvDe: 

e, /J,q) bhp =- bhp.sL (.fq,
0 

- '~-:I!)-: 0.71, bhpsc.. (1t=B'OOOft} 

C. c "1'" 10.'L 
L. T: T 

cl> c o.oz.,1 + 0.01,1 c.:: t>:. /ti'& c
0 

Vv- ,. v(T~ J ; !.vh- T '" -f- TT..-..¢ J"'f'h 
..... , ..... «1. eo. ... fiv·,; -ti ... ts o.~s -fo.... P..-or...,•sh ~t<c.+ 

Vk.n 
i- Lly4i't c.c.. Ct> 1)-u Vv -ft/s S.L.~0004t- ~L..fT°"ZI S.L.L_8Doo ~1-.Lioao SL.l.,8DD0 

60 12./9.'f- .is-/t.o, .o~IO q'f/111 2.-r./ 15" 
cao -i., I 17 .4'/,60 .O'ff.o~ 1o'f-/100 "SD/ 22.. 

100 3't/2.7 .30/.3g .OJ'J/,oJ6 137./IIS z.o/ 18 
/2.0 '+" I 38 .2/ /.2.7 .010/.oJz. /73//'tl 'i/ IS-
l'KJ 67/S3 • IS' / .. l'I .02y.03 23tJ/IB1 
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AIRCRAFT DESIGN--------..... 

20 

IS' 

10 

So V_.,_ .: l3lo lc:.1's @ S~• Lt11c.l 
• l'1't~,s@ gooo ~ 
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AIRCRAFT DESIGN-------

REFINE"!> SIZ.f NG 
C..1>1,p::::. .!> pc., h....-

c.1>. • .02. ;7 e = o., 1 
0 

T= .<t!. T~ ..... , .. ·rli) (s• .. 1e..-.. 1') 

Wo =12.00 
., d ... ..., .. 

"'1ar"'"P f Ttikc.o-ff: p,-c.vi•c.J$ly -&Jh,l [tit=. "¥7} !-ee..,I 

~-s;Sill<. Co.,..,o.,.•-' -to Crvlrt. ~d1i,., f ~t=. 9.S°l} ! 

W+ = C.1,hp (ii.p )Cs-;6b) =. S Y.15"0)( 5/,0 ~,.is-LI. 

A~ W. = /WO • ~ - l'Z.00-6.i.s- - -c-o ., i>lo - 1 ~o - _. ,_ r;, 

Use. ~ ~.'1,s- ,,, ,,.,,,,._ s.., .. 11 c~•-:,< 4£ '-"o cJ,....._,., 
C:.lii,i> lAt«-te.-..tiot.. ~ '&,r,n1 "" ct~ ... b c..1, .... -t, d, ... b .,t ~/::"IJ 

-to K,Doi) * ~ ac,e/e .... t-e. -rt, /lr/c.11 ~ .. c.-o.,i,s~ 

~ '"-') Ah,=- (ai,cc-r z1"(lr~1.1Itet)'8°)-(or ij (81> -,.t.t.r't)'-):: B io2 .ft. 
· C ( ) zz>,ci.u, I e, .. ,v. • .s- -"ll(.rrx.,s) ~ • 7 I'-" fl.-

fr ..... cL,c..t; o/r='8
~'<) =.z11 t:11tSc•ltt!d}Al/e:<'~):,/_ 3 J::tr: IOC /z.'fO = , '3,z. at ~OOC,'41- r,::. • 2 

w -c.111,,.00Xe-1oz) 
ei l'l.1) w,'L = e (!i>v.l.~'tx 1-• .sz.) = . Cf Cf' 
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°REF/Nt.D SIZING .,1Co .. -t. 

c_.-1.1ise •• 2. ~ ,.,... ~ 115" ~'ts ,,t g"ooo {t .I ~o i:: 3.S-

/W/s) . = f'Wjs\ X. .Cf'l~--,..1," C /0./ 
l J cnA,.. C :lro.ku,f 

1. (L/c\r..is .. =-3-!.-(.-oz-n"""')--=:..r--,-o.-,-- ::. 8.8 
10.1 u· 1r ( lo'(.81} 

- (z,o.e,o7")(sls,oo) 
CU-XS'S"OX.7iJ'.CU°) = • 93 b e.. 

fv£L FlV,C.'TIDfV 

~ _ oo~,. .9•" K 93& ~ .'l9S-: • <fZ.3 wo- .,1,. . 

iJt ~ y Pv'/IC.€' ~., THIS !;~11111.s ,1-iE AS-t>R..,.,..,.v 

FUe'L. AVAILlrRLE I NOJ:.HAL.L...Y "THE \N.f" . --' FDCt • c:y,.,., ... 

TH£ 1:::>Es1,"' M1motv t.5 /\Rove t>R. ""8€U>"-' 

"TH~ W-r 
I 
RE'~Vl1t1NG ~ESIZ.IN 6, 

qs-dr-
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AIRCRAFT DESIGN-------

~ -lt51'tC.T ~Ano bf>TJt"1(Z.A770I'{ 

S,i,u. Hp i',; -A~td..J we. Cflf11 .. e+ ~erf.o.-....., 
f4p/w - w/s or-H ... i-,.,.:t-foi... I,-.s"tt,sJ, We. I/Vilt 
~..,;.,_«- ~s « .. d A .., hol-'i':.9 ~"''!1~ = 230.,...., _ 

• VQ,"'f w/s .:t: 2010 ~so ""'A == g_,,; 10.2..;Q .. ~ 12.:2..'t-

• Var-y A .:!: 33 ~o ., St> A = 't- j b j o-L g 

i1, i.s d~+~ .. 1.s 9 e\, .((c , ,.,t ai~c-i .,1 OJ -{D //owr: 

w/s: 
8.11. 

'"· 2. 
12.. Z.4-

II i I I ; I {i) Is iHE" 
A: AS-1:)ltAWN 

nAS€UNf: 

E:FFE'c. ~ OF (\.,\/s) A~b (A) VAA(A"1'H'"-' S 

\,JING- AREA~ .5w o<. (~/s) r~ • indica-+es "'rropo.-t1· ...... f -t,,'J 

'TAIL .A~EA: S111:1so<.(~1sfz Holda:, Volu ... ~ C~, .. , ... t CC>AtS .. •t 

(i3 .. o"'<. efcc1" cs( (A) 0"' "f.i;J s-iz~ si .. cc c:o< {A') 
) .1!.J ·" 

WE"i.tiS: e,g 15 • .it<. Ww ~ S'w A } Vs~ ~esc. -to 

) W 5 
8'16, t"•"+io -tlo.c. .sek,"t(c{ 

e• IS'.4,1 h+O< :_._ .... 
o ...- Cll,-d,.wi,, CO""r"'" r 

e.\ IS'.'f-R) vJ\J+ o( S~';_3 wer,~ts. 

AEeO : • ei 12."t'J USea -to '"'co ... ,. .. +c (e) -f-- e~ (A) 

• A,s""'C. we.1ttc! CfN•C' \fQ')' by wi ... ,;-,...;1 Qreq.) 

• Must- rq.1'\o rts .. lt;:, ~
0 

"to rte"I/ ~.,,-« 
ctre-i / loVh, .. 1 neEdfd .. 
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AIRCRAFT DESIGN--------.... 

Ci) w/s = ,&>~10.1. = 8.11> 

s;.;1s =C~Y1
1.s1ai;1s = -~2 s..,.;., 
1SB ·' WW== 13D (t') (.1,6') • 1:2.I LJ. 

Wht•'t-0 (:=h.;1"4 :: S'Af-u. 

'Wv+ = Is- ( -:=};:)n3 
==- zo u. 

.0::-'1 L\, 

A = l't Lll 

A:: S"W. 

A:::. \DL.J. 

So We=8'81+IO =-81.2U:a 

lyi.., ! c))."" :::- ~) .ODCfZ. :: .Olis ~:: .oo 2 'J 

-t-,\s; C.~*=(~).ooJJ=-.oo'tS' A== .vot'Z.. 

.so Ct,
0

: .01..1'7 +,()02.l-t,ODl2., :::.,0112 (ref. 1D o\cl Srttf) 
Ct>.= .0112(.8)==.oiso (rrt. tt1 "'"" S,-ef) 

0 

e ... ,93 '11> .. A= + 

Mt ~SloN .5eGf1eNi WE/,Hr F/tACllDW s: 
C.t-viS&: 'vv/~ c ~-1'- (.,CJ;X.cter,):: i.Oq 

I 

=. 'f.2i 

Al/ 01lif:t Ml~StON ~E.&h€Alr W£Utt1" 
FIV1l1IONS ,41\fl.f' EtSeNTIALL'r' UNC.HANGcJ:l 
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Srz..,~(. : U..StN, SAM~ i1ETH0t:> lvT jµtn-f 

We d :: lj'W:f:z_ a .. c1 ~.! : • qz.v as- ,...... ....,_ 

INPUT WOdrawn, WEdrawn, We/Wo Exponent:1200,892,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION SEG TYPES 
MISSION SEG WT FRACTS 

1 1 1 1 
.995 .996 .928 .995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 108.0 892.0 1220.0 
1216.0 109.5 902.7 1232.2 
1229.0 110.6 911. 3 1242.0 
1239.4 111. 6 918.3 1249.9 
1247.8 112.3 923.9 1256.2 
1254.5 112.9 928.4 1261.4 
1260.0 113.4 932.0 1265.5 
1264.4 113.8 935.0 1268.8 
1267.9 114. 1 937.3 1271.4 
1270.7 114.4 939.2 1273.6 
1273-. 0 114.6 940.7 1275.3 
1274.9 114.8 941.9 1276.7 
1276.3 114.9 942.9 1277.8 
1277.5 115.0 943.7 1278.7 

so THE" M01::,IFl£.b '1/IRCteAFT WITH (wf>)=g. /J, 
ANb AS />/;Ci ~no == 4- MV.ST '!£ Slt.~b 
IJ(J TO Wo=l27f u Tl> PE~FD~M Tkc 

l)E~"/'J MIHtDN 

~---A Conceptual Approach---
sgo 

AIRCRAFT DESIGN-------..... 

@ w/s =10.2. A==.,,~, ='f-

Ww= 1"30 (.M,'-)"" == \DZ. A• -UL.b 

No c..ka7c ; .. -f.e,'1 stze, .,.so w._#812.-21: i&''+- 4 

No cJ,,q-,c i"' wi.,9/-t .. :I Qt"«cts.., So Cr:,,.• .tJ277 

e •. CJ'3 -fu,. A: 't-

c..-.,rs.e.: w/s == 10.1 

LI . I 
11:> =-~c.01.11) + 10- 1 

10.( 35'..,,..( ... '!.,1) 
=- 8.2'l 

- (1..so l'Eio7")(.s/:noo) 
~~ : e (Ll.ctx.m:,'x.11 •. qs) ::. ,. Cf.32. 

INPUT WOdrawn, WEdrawn, We/Wo Exponent:1200,854,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION SEG TYPES 1 1 1 1 
MISSION SEG WT FRACTS .995 .996 .932 .995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 103.0 854.0 1177.0 
1181.6 101.4 842.2 1163. 7 
1167.2 100.2 833.0 1153.2 
1156. 0 99.2 825.8 1145.0 
1147. 2 98.5 820.1 1138.6 
1140.3 97.9 815.7 1133.6 
1134.9 97.4 812.2 1129.6 
1130.7 97.1 809.5 1126.5 
1127.4 96.8 807.3 1124.1 
1124.8 96.6 805.7 1122. 2 
1122. 7 96.4 804.3 1120. 7 
1121. 1 96.2 803.3 1119.6 
1119.9 96.1 802.5 1118. 6 
1118. 9 96.1 801.9 1117.9 
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{J) W/s '=' 1.2. ir.lC.2=1'2..2.+ A=.'6,,..~ ="t 

S ~:t.s = ( 1.ir~ 5-i.:11 ::( ffi) S"ft>.iU 

Ww:: 13D (~/QI (.,t.,/:: 8Cf Lb A= -'+I L• 

Wi.i.,.~ '*° ( i.ii"J2,b : 31 ~. -er 
W11+-: 15"' ( d,)~3 

: I, ~ :: -3 

A-= -S3L.1 

s.o We.= ~~Z.-5~ :.g2t:t L.b 

lvj~: C1\ • .,=(T.i"J•OOCft. = .. 0017 A= -.001s-
-f'Qils, Cl>.*: ( 1\ 1) .0033 ~ .OOZS /::l = -.OD<li 

~ C.b
0

: .07..77-.oa,r-.oooe:: .oz>"'f ( ow S~) 

C.~ = .02.~.lf- (1.1-)-:: .OlOS" (~w S,...f) 
0 

e :::: . cu -fo.. A= 't-

INPUT WOdrawn, WEdrawn, We/Wo Exponent:1200,829,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION SEG TYPES 1 1 1 1 
MISSION SEG WT FRACTS .995 .996 .934 .995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 100.5 829.0 1149.5 
1159.6 97.1 803.8 1121. 0 
1128.7 94.5 784.5 1099.1 
1105.0 92.5 769.7 1082.2 
1086.8 91.0 758.3 1069.3 
1072.8 89.9 749.5 1059.3 
1062.0 89.0 742.7 1051. 6 
1053.7 88.3 737.5 1045.7 
1047.3 87.7 733.4 1041.2 
1042.4 87.3 730.3 1037.6 
1038.6 87.0 727.9 1034.9 
1035.7 86.7 726.1 1032.8 
1033.4 86.6 724.7 1031. 2 
1031.6 86.4 723.5 1030.0 
1030.3 86.3 722.7 1029.0 
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@ ""A" ::: . .8,,. ,o. 2.=8. lb 

S~;t.s =(~z. )St-as 

(
. L\-1.S-S' 

Ww = l~O 7rJ ::: 

(.L)'M' Wht = 'iO .11. = 

( ..L)·"J Wv+ = IS" .12. = 

\.5'"~ L~ A ::.2,'t- c..~ 

£"'t A= \It 

2,.0 A::::. S' 
6='+~ 

~o W~::W.t-t~::: C:,27 L.11. 

INPUT WOdrawn, WEdrawn, We/Wo Exponent: 1200,927,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION SEG TYPES 1 1 1 1 
MISSION SEG WT FRACTS .995 .996 .9316 .995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 103.5 927.0 1250.5 
1240.4 107.0 955.1 1282.1 
1273.7 109.9 978.1 1308.0 
1301.1 112.2 997.0 1329.3 
1323.6 114.2 1012.5 1346.7 
1342.1 115.8 1025.2 1361. 0 
1357.2 117.1 1035.6 1372.7 
1369.6 118.1 1044.1 1382.3 
1379.7 119.0 1051.1 1390. 1 
1388.0 119. 7 1056.8 1396.5 
1394.8 120.3 1061.4 1401.7 
1400.3 120.8 1065.2 1406.0 
1404.9 121.2 1068.3 1409.5 
1408.5 121.5 1070.8 1412.3 
1411.6 121.8 1072.9 1414.6 
1414.0 122.0 1074.6 1416.5 
1416.0 122.2 1075.9 1418.1 
1417.7 122.3 1077.0 1419.3 
1419.0 122.4 1078.0 1420.4 
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® IS TN£' IAS£LINE" .1 SO Wo = t:2.00 Lb. 

© wt= f,2 )( to. 2.. t2..2..'1- .A =-& 

s~.itsc (di)Sto1i1J (sQ ... c c:u @) 

Ww= 110 (&)"''~' =- 113 u 
w,,t = r~ .... , QS ®) = 'J( 

Wvt = " " " = IL 

L/.b= ,.IC, 

t)•-17 Lb 

~=-er 
I)= -:s 

A=-2'1 L~ 
We= 85l L~ 

INPUT WOc:1rawn, WEdrawn, We/Wo E:{ponent: 1200, 853, -. 1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION Sf;G TYPES 1 1 1 1 
MISSION SEG WT FRACTS • 995 .996 .939 .995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 94.2 853.0 1167. 2 
1173.8 92.2 836.2 1148.4 
1153.5 90.6 823.2 1133.8 
1137. 7 89.3 813.0 1122.4 
1125.4 88.4 805.2 1113.5 
1115. 9 87.6 799.0 1106.6 
1108.5 87.1 794.2 1101. 3 
1102.7 86.6 790.5 1097.1 
1098.2 86.2 787.6 1093.9 
1094.7 86.0 785.3 1091. 3 
1092.0 85.8 783.6 1089.3 
1089.9 85.6 782.2 1087.8 
1088.2 85.5 781.1 1086.6 
1086.9 85.4 780.3 1085.7 
1085.9 85.3 779.7 1084.9 

~---A Conceptual Approach----
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Wv+= II " ,, 

C r1.1 isc. : C.1)
0 

• .OZS"O 

""/s = ~.Oct 

= zo 

(.s•"'f. •J CD) 

A-::: .5'3 L..b 

AC l't 

A =S-
A =72. Lh 

We= 9S''t ~ 

L/b-= 'i.37 ~: = • Cf33 

INPUT WOdrawn, WEdrawn, We/We Exponent:1200,954,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

SEG TYPES 1 1 1 . MISSION ~ 

MISSION SEG WT FR ACTS .995 .996 .933 .995 

******* SIZING ITERATIONS ********** 
l.JOG WF WE WOCALC 

1200.0 101.8 954.0 1275.B 
1260.6 106.9 997.3 1324.2 
1311.4 111. 2 1033.4 1364.6 
1354.0 114.8 1063.5 1398.3 
1389.4 117.8 1088.5 1426.4 
1419.0 120.3 1109.3 1449.7 
1443.5 122.4 1126.6 1469.0 
1463.9 124.1 1140.9 i485.0 
1480.8 125.6 1152. 8 1498.3 
1494.8 126.8 1162.6 1509.3 
1506.4 127.7 1170.7 1518.4 
1516.0 128.6 1177. 4 1526.0 
1524.0 129.2 1182.9 1532.2 
1530.5 129.8 1187.5 1537.3 
1536.0 130.3 1191.3 1541.6 
1540.5 130.6 1194.5 1545.1 
1544.2 130.9 1197 .0 1548.0 
1547.2 131.2 1199.2 1550.4 
1549.7 131.4 1200.9 1552.4 
1551. 8 131.6 1202.4 1554.0 
1553.6 131.7 1203.6 1555.3 
1555.0 131.9 1204.6 1556.5 

.....__ ___ A Conceptual Approach----
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AIRCRAFT DESIGN--------.... 

@ WA': 10.2. A= 1.33,.,E> sg 

Ww• 1'10(1.333)'' :IS'.S- ~=2.S-

c~viu.: 
We=qo7 

c.1)0 c .0'2.77 ((SQ .... ~ Cl~©) 
""Is -c 10.1 f 
e= .fl ~ ... A=i 

INPUT WOdrawn, WEdrawn, We/Wo Exponent:1200,907,-.1 
INPUT CREW+ PAYLOAD WEIGHT 220 

MISSION SEG TYPES 1 1 1 1 
MISSION SEG WT FRACTS .995 .996 .938 .995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 95.5 907.0 1222.5 
1218.0 96.9 919.2 1236.2 
1232.5 98.1 929.1 1247.2 
1244.2 99.0 937.0 1256.1 
1253.7 99.8 943.4 1263.2 
1261.3 100.4 948.6 1269.0 
1267.4 100.9 952.7 1273.6 
1272.4 101.2 956.1 1277.3 
1276.3 101.6 958.8 1280.3 
1279.5 101.8 960.9 1282.7 
1282.1 102.0 962.7 1284.7 
1284.2 102.2 964.1 1286.2 
1285.8 102.3 965.2 1287.5 
1287.2 102.4 966.1 1288.5 
1288.2 102.5 966.8 1289.3 

~---A Conceptual Approach------
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G) w/s-=- 1.2. lC, 10.z. c 12:2.it

S~:(s = ;ti S-t-,:\.s 

A s:1.3nxb=P 

.1~8 -" 
Ww = 130 (h') (1:rn) = llS' u 
Wk+= (sQ ... c. a~ (i)) c: 3 ( 

Wvt= 
,, ,, ,, 

s 17-

C.t> C ,030S°1 ( 
o ~• ... c 

W/5 :: 12.1,3 
Qs@) 

e::.if 

'-It>= ,. s-z. 

t 1""'00 8 7 5 - 1 
INPUT WOdrawn, WEdrawn, We/Wo Exponen: ~ , , , -~ 
INPUT CREW+ PAYLOAD WEIGHT 220 

1 1 1 1 MISSION SEG TYPES 
MISSION SEG WT FRACTS . 995 . 996 . 941 . 995 

******* SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

1200.0 91. 7 875.0 1186.7 
1189. 4 90.9 868.0 1178.9 
1181. 0 90.3 862.5 1172.8 
1174. 5 89.8 858.2 1168.0 
1169. 3 89.4 854.8 1164.2 
1165.2 89. 1 852.1 1161. 2 
1162.0 88.8 850.0 1158. 9 
1159.5 88.6 848.4 1157. 0 
1157 .5 88.5 847.1 1155.5 
1155.9 88.4 846.0 1154.4 
1154.7 88.3 845.2 1153.5 
1153.7 88.2 844.6 1152.8 
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$(ZING MATll.tX ~£5ut-"T;S (wo) 
W/s; 

V.1'- 10. 'l. 12..Z.~ 

Lt © l27iLI. ~ 1117 U ® 101ou 

A: b @l"t2.0Ll:io @ (2.l>O Ua a) 1085" L!. 

I
v 

8 

u, 5 
(l.. 
VJ 
< 

+ 

3 

IS:S-6 Lb @ 12.a", Li, ~ 115""3 L.b 

10 II 11.. 
WIN~ 1..0/\~IN (:, 

~ -L.ty4j.Z. 

~---A Conceptual Approach-----
sga 

AIRCRAFT DESIGN--------.... 

~~ {)F CL.IMS: '\J" ~ \S"OO .ft/,_.;., at Se-1 Leve.( 

A~su ... c. V:; 1S" 11::ts ( bt.st"' "R.0.C:.. ~o.. ~s&li .. &) 

so 'l,.:IC\.I T~JbO LI:. (fro ... ,,..,.1,) 

t>c is (c.1>«, + (~~i.) \J~=(T;J)Y 

(D W:: IZ.71 Lb S= tuo/'r.1'-= 1s-,.& ,ttt 

"O:: 1n.& "''~-1 (.ozso+ ~'¥~~~~ )= 12.1.. 1-~ 

\Iv= 7~,c.1.1.BCt (lf~;~z."L)= 21., .f;'se" ::: 14-IS- ft/,..;., 

@ W::: 1\17 LI. 5=- lll'"VI0:1.:: COCl ~ ~ 

1:):: IOCf1tl"U (.oZ.71 + tr7 .. {)::; lD1I.£" '-~ 

\J'1"-: 7 S",c.l.biC, ( :16f,:~oBs):::. 28. S" f+{,.,_ = /7 ll ft/,..;., 

SINILAl'..L '1; 

@ \["-.r: J'Z.Jlf- .!;./ ... ;., 
(EJ V-,r: U,3, ft/ttti" 

@ \J"':: 181.'1 ~/r.i., 

(Z) V"v-= IIS'I- -'/,..; ... 
(i) v;.:. 152, .ft/,..; .. 
© V""v, = 111+ fr/'"i"' 

....._ ___ A Conceptual Approach---~ 
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NA~l1cJf1 .SPE£f;): V,...'t( ~ 130 1<1s a"t 8,000 tt-
• Qu1c.1<. M€iNO{) : CAL.C.v~11: 1),tA6 AT 130 kn 

VS£" 1't> SHIFT l'REV1ovs blU6 CvflVE UP 4'~ .., 
boLvN / ntetv FINb /NT'crt..Sccno1v wm-f TJ,f/tl.Jf'j 
CUAI/E. 

CD 'D ::: ,~ ~ Lb \J,...>4:: 1'30 k1t 
(£) l:>:;;. 1~7L .... \J,..,..."'=llb 1-:::ts 
@ '[:): (3Cf Li. \Jr-,ff-,. • IS8 kt;, 

6) '°c):- 21\ LD V,., • .,_ = l:~7 iil:.t-c 

(§ b= IC.1 Li. vr-A,. :: 13'1- "tr 
@ b:: 13Cf Lb v,...." = 13g ktr 
a) l> = 2 Z.i Lb v~~ = 12.S'" Ji:.~, 

(ij 't:>= 172 Lill V,.,...,c = 133 lc:t:r 

(9) l:> = I 't-S'" u v ... ")I. : 117 ~t-.s 

""' t- o.+ 'l,ooo -4t 

U> 

loo Scue.1 i""'- Dr-., 
.. + llooo * 

O+-~~~~~---t----1~~~ 

100 ll.O l1o llt-0 V-trts 
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C1tos.sri..0TT1N6 '11t£ STJU..L-.., 1'f,.~-0J:-Gl.1M8 .,AN~ 
\/.,._._. °R~~IJl~€M£NT.S ()flJ'rO itt~ Sl7./N6 GR~1'H 
&IVES NO W)wEI\ LIMIT' ON l\5P£t..T 'RA'TIO/ 
AT VEIC.'f LOW AS fE"<.T °FATlOS ,1 TH~ /NbCXZI> 
J:>RA6 WPCIL.b "'&EC.OM£ cX~S'S ,ve l)VAIIV6 
/vrANEWEtts. THS~~, IAJE NEEJ> ~011e 'R.EQ411/t£HOl'r 
RMS ON /'1ANEIJVa\1 N6 • 

J:>E:FrN£" ~ NEW Pe.RF0~1'11t.1J<£ ~~11l£MCtJr'" 
-gA,C ON S:usT1t1NEb TVtltlV: 

'fl ~ 3 0 %ec:. S c.JSTAtlv'EJ) .1 AT 100 k:tI J S.L. 

3Jn ... -1 
e.1, 11so) 'ii=-iolt"':Sz.:U, "•"/,,,= 10011,t.&lct 

.So h ~ 2.Cf2. 
T•3't> Li),~.-.. )3'"•t"'°' 

etg 11. >,) I"\ :::/~3;...'t_11"'._A_C_/_3_'t> ___ 3_4+-_C._.1>_~ ... , 

w,-1 \w w;.s 1 

US1N6 -PlltOR.. bATA ! 

© n :-2..H 

@ns-z..q 

@ V\::2.2 

@n s3.I 

(£) h::: 3:!> 

@11:: l.J 

(j) n= 3:z. 

@ rr= 3.'f

® n==.3.s-

NOTE : L..,::..,, v•'-'c.s 
cr-f. rt c::1 .. 4 h,u»~C.~ 
l>ec4..,c. +l.c'( i ... ,-cy 
c.'--, CL s,-I( • Hc>wcve"j 

L.J~ cc.. vsc... "tliotc 
VAlvc,s ~ crossplo+
fo.- r1 : 2 .c~ 2.. w&, i c.l.. 
is be tow .s:1-11. 

------A Conceptual Approach1---
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SIZING G~A-J>f-f WITH CONSiRAlNT.S 

USIN6 THE MfTHObS OF CHAl"TER IC! We 
C.ltOUPt..e>T THI: CO/VSTMltvr- l>lrTI\ AS .1S1-1owN: 

B 

1 
0 

~' ~ 

~ 5" 
u 
~ +IV'~~~~~~~ 
< 

3-r--------t--~-i£.Ji----+-~--l--
8 9 10 II 12.. 

WING, LOA~lN (., 

.SC THE" OPrtnl\L Al R.C~AFi rt>~ 

Tf.fE; G1V£N ~£<00,i~ne.rrs c:::>CC..u'l.S 

A, (w/s: (0:1.3 Atv.b { A=+.2.) ANt> 
HAS Wo= \\~O LB. TH~ NE~T STEP 

IN if\E" bE.Stl)fv ~aces fS 7?) 

'"Re:blVrw "TME"" Al~C.'-"tJ:r I\N.t> ANAL 'fZ£ 

IT (N bETlt/L R>A.. .S"TRUL1tAle",S 
• 

"'----A Conceptual Approach------
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21.3 Lightweight Supercruise Fighter 
The U.S. Air Force currently operates the F-15 and F-16 as a "high-low" 

mix of dogfighters. The F-15 has greater range, avionics, and weaponry but 
is too costly to fill the entire inventory requirement. The F-16, with less 
capability and cost, rounds out the total required dogfighter inventory and 
also serves in an air-to-ground role. 

The U.S. Air Force is developing the Advanced Tactical Fighter (A TF) as 
a replacement for the F-15. The next fighter after A TF is then likely to be 
a replacement for the F-16, which is almost as old as the F-15. This new 
fighter would be the "low" end of a "high-low" mix with ATF. 

This design example presents such an F-16 follow-on design. Design 
requirements are based upon assumed improvements to published F-16 
capabilities, with the addition of a required capability for sustained super
sonic cruise ("supercruise") on dry power. Also, relatively short takeoff 
and landing requirements are imposed. 

The selected design incorporates one unproven technology, the variable 
dihedral vertical tail. This patented concept purports to control the rear
ward shift in aerodynamic center as the aircraft accelerates to supersonic 
flight by converting from a "V" tail subsonically to upright vertical tails 
supersonically. This should reduce trim drag and enhance maneuverability. 

Such a technology study is very common in early conceptual design. As 
will be seen, the impact of such a technology on aerodynamics, weights, 
propulsion, etc., is estimated as best as possible, and the aircraft is sized and 
optimized. The resulting aircraft is then compared to a baseline design that 
doesn't incorporate the new technology to determine if the new idea should 
be pursued . 

(Homebuilders: don't build this one either!) 
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DR-3 L IGHTW€/&H, SLJfERC.RUlSE" FIGHTER 

• f-t, REPLA<EhENr ; "f'c,sT-2.000 Tl/'1£ Fl{ANC:-

• SINGLE - .SEAT j SINGLE: -€N6JNE (NEW,1 r11.., "RV88f:R.'') 

~------=IH---t'G2 
Cli..,.b c ..... ; .. ..._ 
0 I 

T"'k"o* 

JO 

.3t1o(C.rt.1r.s~: zoo..,,., ~+ Be.sr C::.....,is._ 1"1<>c.h a.~d Aft,tvd-c.. (Bc.Aj8<.M) 
S-.f."! (bcuh) ; SO ""' q+ MI.If- "'t 35,000 tt. 

b ,G:,...,bcit): 3 ,.,;.., <OtT M.,_.,_;,...,..., Thrvst- .I M0.9 a.+ 20,000 -ft 
12 \....oi-tu-): 20 ,..i.. ct"t Se.c. L.e.v•I ,1 lsu-r /...c,'-ft.~ 'i>fu.:I 

7 W"f"~s 'Releo1.5c.): ~o ~ (Mruiles oo,/y) 

PA'(L-OAI): :2.. AbVAI-.JCE.C, MIS5lLE5 (200 l.b ...,sin ><.92.il'I) 
At:>\IAN C£.b GUN ('too !..i.,), ?s-o Ro<.1Nos An110 ( 4-'t<> u) 
J>lt..oT ( 2:2.0 U.) 

PEfffCil../'1A N(.£ ltEQv I ltEHf ~ .s. 

• TAi::.toff t'INb LANDI/I.JC:,! (OOo -It GRDv'AJ.h ""ROI..\... 
• MP~ut SP'EE:~ ~ \'30 k.is 
• MAl'-IM\JM MAC.ft ~ 1.8 ( A/B) ; >- M l."t- (Dr'() 
• ACC.E1.t:~l'li"E MO.Cf -h- M 1.lt i,, -SC' it'c.. (;ff 3S",OOD ft: 
• P.s::;0 ... + s., .. + 30,000 -ft. q"t M0.9 Q .. .j Ml.'t-
• tp ~ 1..0 'lsr.c. o. + 3.5"0 kt5 ct+ 20,000 .ft.. 

----A Conceptual Approach---_..,,,. 
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Skc.t-ci, I - C.0Nve-11.mo"1ttt-. <ew<-ePr-
~ ,jts/.P~ 

,---::::::::;=--~ 4 
0 0 

~---A Conceptual Approach---
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C7-_ 
~- o[ 

cb 

\loYi•bl.e. 
"'l:> i I, ~cl. .... \ 

To.ii 

------A Conceptual Approach---...., 
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v/lNG GEDMETR.'i 
- (,2.'2. ~ CK!:c.K v.s. Fl6. 11\ll>lU\lES 

A:: S.'+"· (1.-a). = 3.8 TRAIVio,.JI.C. 'f'CTQWP J C-ltl\N<,£'" 

-ro :{A= '!.S :r 
_}\_LE ::: "1-BD (-1\ = 't0°) .A- :: 30° I'+ c:;,,. 

fso...A.1.£. ~ 't0°) 
$£1..tC-T: ")... .. 0.1.5" \: 

*I'--:: 6% 

Airfc;(: b'I-AOOl. (fr,i-h..lly) 

Etvf.1NE : posr-2.ooo '"RV"SBER" eN611Je. 1tf>tft.D';l.1n,ne 

WITH ftPPeN. A.-4--1 ENGINE W111f 20'?0 SF-C. R£l;>VvTID/\J. 

~ 
Stb..\\: Var,ro~ f:. 130 KlS .::-220 f,/w.:. 

Ys1-,H ~ Yoipp,....,cl-i/t.z_ = IB ft/sec. 

----A Conceptual Approach-----' 
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Lcu,di"'j: 

f~...., ei sfn,wji = ~0 ~ (a=-~L ) !:: (,ODO 
jr..,.:p _... 

•oil 

so WA '= 22.S" (!) 

(Mvu1 7W /...OW FDR. A FlbHTE~ ·' we- lvlU.. l{;NDRE: 

THIS 1.NtnllL.1-'( AI\Jb VSc THlfVSi RE:\/£1'- SlAJG TZ> LWr:,) 

TC\k(. ofr: 
-fijS".'t) TOF'==8'0 

e\5"."f) ~ =: ToP('-t~~)17w:: ~o(f.}.).cr1)-:: IO'f 

Cr-vise.: ,t....l,lc. 12.'2.) Cfc. - .003.I" 

•us""'~ Sw~r--ef: Jt .,1.S<> Ct>
0 
= .0/'r (et 12..2.3) 

e't 12.~) e==lf--"I (r-.o'l-s(3.s)""
11

Xcas'l-0°)-3.( =0.B6 

At M.9 C\ .. ,L 3s;ooo .ft ( ~ssu ... •c( BcM/BcJI}, 'l = 28'+ U>,4~ 

----A Conceptual Approach.---
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W/s ( co .. t, .. vecl) 

• _ ~ > 32.2.E( 
4'- 57.3 - 3S"O" 1.U'f 

tw;s). = z.2."2.. )1.1.lf- = ~r 
\. co ... t>-.T b .S-

fw{\ ~ '+&! - £b 
\. /5 )t.~c.c,f - /.'&S" - -

Sus~,; ... e.J, Tvrn.: At- M.'7 "'"-4 301000 ~; V=8'l5 ftr/sj «i=351'1!a. 

C..~
0

::: .Ol'f-) assu,-,e. e"'. b ( re~._,c..J c.lvri:J h191, ~ -tu.-.. s.) 

(T/w\_
0 

... 1,.,+ =-O.q2(.~s-X~;~)== .!>8 

l L Ac..~\ a.-..i S.L..5. V4l.,,s -+re.., A.'t-1 
T.,-p,...,1 (w~ ... ~ ... /w0 ) 

('-"'Ir) =[.s-~+ S"B-i.- tt-~s-z..o,.;l /1_ 2.l( s' -1 = 't-tt 
/ Seo""l>qt- • 1,,..35.,..'- j/ ~5'7,,:rr~3.S"l1..~ 

(""/s)~k~o-4. :;:: Li-;,(is- = £2. 

......._ ___ A Conceptual Approac 1-----
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INITIAL S/2.ING 

Ell">pT'( IN'ei.:,l..r Fr ... c:tiol'\: (Assu,.,e, COl>\posiic. strvc:tvrc) 

) 
w f -., .2. .o.,. -., .0,1 

"htbl~ b.l ~ = -.02 +J..lb w0 'IC,3.s-,.."tf xS'6 y./.8 J )C.0.Cf 

We. -.1 ,:;:r; = f.?S W0 -.011 

C.\i ... .l:,.: 

Crv(se.: (Assv ... c. M.er Qt 3.&;000 *· -f,, ... !C.A/sc.M.) 
V= 87(. ft/.scc ; b.:: 213 Lb/.ftl. 

~ :: St,. ,. • "ff y. • "f 77 = S' 't-

e i '· IJ) Yo= 2u .... o,...' + S1t- = 10.7 
.f't Z'l31( 1< 3.S 14 • 2, 

SFC: 
-A.'t-1 ..., Po .. 1\..( -Powe.- ~t M.'f ;36,00CJ fl, .Ji"&~: C-= f .07 

-I .... c.r-e. .. ,e. ii.,~ lo''lo -t,, a,,.,...,.,: ..... tc. j.,.stctllcttfo~: C = 1.1r 

- R,c.cl.vc.e. t"t,;.s 1D'?o -{o..- advQ .. c<d i-ec.~"oloJ'(; C = O. "f't-

~---A Conceptual Approach-----' 
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Acc~/cl"Qtio11: 

e-g ,. 10) ('jt-) == · °16.1' 
3 M.1-+l.'t 

(~) = .Cf173 
-W3 M.f-+."t 

"[)C\s\,: Ml.~ "'t- 35,~o ft.._; V-: 1'3(.2. ft:/se, j ~ = 6 iS" Ll:./~z. 

w;s =s,~ .err-,. ."t77"K.cr,7 ,c..c,8+ = s, 
Looki':, «t +IJ. 12.3~ w~ ,-ov1hly e~t; ...... +c.; 

(C
0

) :::: 2. /(~) • = 0 02. 4f ( e,r\14~ !) 
~ 0 Ml.'t \; o Sub•o .. ic. 

( ) 
- (.3.r; (1.'t'--I) ) Cos 40°-:::. .22 

ei 12.s2.) K H1.'t- :=\ 't-v.3Sj1.'+~-,· -2. 

or e=-rr~K =.'t-l't-

1 =2.5;- (!) 
6iS"~.02i .5'1~-~i 

S"I -+ &15" 

C..; 1.2. 

Jc-=1.06 

=- .975 

,___ ___ A Conceptual Approach----
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Co,...bq+ c:t=3 ,,,...-". 

(T/w) = .'f1?~(::)l(.q8it.CJ77x .1671t .'il'l-x.17s)= .SBK 
co ... J..+ 'f ' 

\..Je;~-t J:>rbp; 13,,.orc. -fo.- i"liii"I Stz.i;,, 

Ac.c.e.le.r•t"+c : ':'!,1 = 'W+ -=- 9 B'r 
vv7 'v./3 • 

L)o.sh: 'w'c, f: Ws- - 'i7S-
W1 Wt- - " 

Ctvis:e.: ~ ~ W3 - 017 w, - w%,. - • n, 

-.....---A Conceptual Approach---___, 
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Loiter: E =2.0 ,..;.,. ; Se"' L~"~I 

= 31 Cf ft/s~._ 

so b: IZ-1 L'fft2.. 

1 ;::::. }3 12.hc .Ol't 't+ 
~ -t -12.-, 71'~)(--3S-.,..-, .. 

TOTAL MISSION l.vc16Hr FRAc.TION 

'j;-= . Cf B 1t.~11~. 1,1.,.. Ifs+ x. ,1s~. ,5"+ 1e. 9 ilt )I' • Cf 7S" 

,c .,n )( .ttn .... ,,3,. .,,S" ::= .,st, 

fUEL FRAc.TION 

'w: = l.oE>(l-.1~86):: ;2.S6 

------A Conceptual Approach---_., 
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S/Z/NG-

Nee.d. TO ac!Jvst- Ell'lp-tr Wtifr, e,g"""'t,'o., -f;iv 

jt"tpc-c.T of va..-; .. bk dihedr-•il --f'liti(s. Assv..,, 

AWe.=200 Lb qT ii-,it,ci( 9vess Wo::::24tJDD. 

SrZ.tt\lG ITE"A-11Dt-J.5 

We"'"" "rl>"'1'°'""' = 220 + (2.,..200)+'+00 +'+-'te= l"tbO L.h 

***** SIZING ITERATIONS ********** 
WOG WF WE WOCALC 

20000.0 5117.7 12841.0 19418.7 
19534.9 4998.7 12572.0 19030.6 
19131.5 4895.4 12338.0 18693.5 
18781.1 4805.8 12134.5 18400.2 
18476.4 4727.8 11957. 1 18145.0 
18211. 3 4660.0 11802.6 17922.6 
17980.3 4600.9 11667. 8 17728.7 
17779.0 4549.4 11550. 2 17559.5 
17603.4 4504.4 11447.5 17411.9 
17450.2 4465.2 11357. 8 17283.0 
17316.4 4431.0 11279.4 17170.4 
17199.6 4401.1 11210.8 17071.9 
17097.4 4375.0 11150.9 16985.9 
17008.2 4352. 1 11098.5 16910.6 
16930.1 4332. 1 11052. 6 16844.8 
16861.9 4314.7 11012.5 16787.2 
16802.1 4299.4 10977.4 16736.8 
16749.9 4286.0 10946.7 16692.7 
16704. 1 4274.3 10919.8 16654.1 
16664.1 4264.1 10896.2 16620.3 
16629.0 4255.1 10875.6 16590.7 
16598.4 4247.3 10857.5 16564.8 
16571.5 4240.4 10841. 7 16542.1 
16548.0 4234.4 10827.8 16522.2 
16527.4 4229.1 10815.7 16504.8 
16509.3 4224.5 10805.1 16489.5 
16493.5 4220.4 10795.8 16476.2 
16479.6 4216.9 10787.6 16464.5 

A Conceptual Approach 
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LAYOUr "bATA 

Wo ::::::. /&ltf?O LI:.. 

F vs e.\°:J e. '= t-. l>lc. '-1) 

Wi115: s~ l~'tgo/s, ~ 2.'P"t -tt'l. 

A=s.S- )...=o.u· -Ac./if.=-3o
0 

et 1s) b= J3.S"d"'f'r
1 

• 32 ft- := 38,- i-. 

z. ..... 2.,..-
ei 1.,) c,..,ot-:. 32. ( I +- .u) = l'+.7 -tt- = 11, ;., 

e~ 7.7) C.+ip::.. /76 'l' .z.~= 4't i., 

ei 7.t) C. = /23 ii, 

ei 7. ,) y = 7~.'l ii, 

10\·,\.s.: LC01 out //y'' -t-.il .suc.h ~ .. t -rl..c. -tot•I -t>o:i \ 
- Gtrer e uq.ls 1ii<. soi-. of tlit.. reivil'<'4 ver1"1c. .. ( 

~et.. c.1... ~ ~.,0 horfz.o .. -t-..1 -t,..i \ c;1 re'".S de"ttr.., i .. tcl br ,..,7"' c . ) 
\Jo\v..,,e coeffrc..1e,.,+- /l'le"l4,od. .(A.Jrv"'e. L;t = 200 1"' 

te..ti,,( T•;~: 5\Jt-= .01_~;"" =3"f ff'l.} Sv ... = /JI ;.z. 
Ho.-r--to.1 °TA•I: Sht-= ,'r c...,Sw =72.(i-._ 

L,t 

• If -the. ti,.;\s ,..e-t- a+- ~ .. .,;..-..-..ft- ce .. + ..... 1; .. ~ / £: == -p:.-;: ~) =28.+
0 

• We. will IQ'I ov"t +he. t:'""jec::t~d p IQ.,-6,.--. fa,- -h>r, v~w ff"-.. 
o.s OI. ho ... , ..... .,-+,l e1viv .. 1c .. 't ..,usi".J r-*- =28.lf °""~ S*~ Ill • 

~h+-) , -::: Ill c~s2a=c17.~ -ltt. } bh= IBS ~ = 22.2. _i., 
prOj(C.t<c( c... ... t = f.'f- -tt: IOI '°' 

Usi".5 A =3S; :>...=."l.S" ;-A.e.t/3°
0 

C..+.'p =- 2s-3 i" 

• y,..
11

c. ;-,;l Jeo,.,._~ will t)(. .'.},..Q.fi.._ic. ... ll'( deTcr,...in~cl. 

~---A Conceptual Approach-----
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EN6JNc: T:::.(T/w)W«>:::- .98,'(. /6't8'0 =- 16/S"o,+ Li,. (si.s) 

T=~ooo L.J,. 
L .: IE.O i.., 

D -= "+"t- i" 
W= 3,~o L..b 

TO ?RovtbE r'{TCf~ CONTlt.OL Ar So/'E'fl:.5()N/c. 
S'i>E€J>.S (wHEN TkE "'Ti41L5 AR.e Ntlr't.- Vl:l\ncA-1..) 
W/; WILL.. use- A -rz,..,o- blMENS!ON/\L Vcc.1ote1Nd 
NOZ:Z..L.E. W 1TH Tf"(P:.vq- rt£\/EA..'ilN&. Tl> SHOR.TEN 
Tue LANblN6. Tul5 ~EQc.Jl/t.€5 /+ Cll'.C.1..c -"'- .SQll/\ill:€' 
A~l\l"'T'ER /...JHIC.f-t Ll?N6TH~NS THe cN61Ne. 

C!'tPTuR£ ARE"A- SIZING-

f.-o,... A.'t-1 
Sec.I< b'7 

F._, 10.11) 

C<t M 1.8 .,.-r Jo,"°o ~ .J fY/ = 2 70 u .... /s ( ,....,. u .floi.,) 
~c ... l<. Fac."fo., : fl1 = ,SlS1<,2.7"= l'tS' .! ,_.,..,/.s 

Ay~ = 3.8 qt- M{,g., so A~= 3.8 xi+.£?> =SS2 ;.,2.. 

lANbtNG GE'AR W...., ~ ·'>t /&~Q :: 7+1& 

,,_, ( ,.102. 
,·,I.IN; l).: LS"Cf 7't-ll,/ : 23 i~ 

'w= .OCJ! {?lf,H,)'"'7 : &.3 ii\ 

Nos1:: l>= li'i"} !rO'?o o.f 
w .. S' ;.. ,.., .. ; .. ,, ..... 

----A Conceptual Approach1-----
s15 

AIRCRAFT DESIGN-------.. 

lu 
..J 
N 
N 
0 z 
0 

"' 

-~---w--~ 
.--- / I 

', 
;/ 

', 
~ 
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FV!:L TANKs 

Rei..,;.-e<J: W-f = .15"6 ~ H,48'0 = +1-2.0 Lil, 

Assv ... e.: I .. TC., .... r wi:, iz,t.,;;.s ('8.S-C1Jo Us .. bk Vof., ... e ') 

Blaclde..- -FtJte(o.jc. +".,k:s (g3°>o l}.5a£ile. Vof,.,,,...e..) 

Vo1i., .... ~.s M~QSul"e.c{ ~ 1:>rc:u,.,i"'j : 

{
TOTAi: hi ~3 c::it X =21.s-; .. 
Usa.ble.: bl~.85".: S2 {t.3 = 233+ Lb 

WtN&-

FORINA~.b fTo'tc.\: 38 -4tl oiT X::: ::Z.'tO i.., 
FV~E"LAG,E V~: 3glC.S3 ::: 2.8 -tt-3::: )2.5"7 Lb 

AFT {Toilll : 32. "-1 QT X:: 2 c:rr ;,., 
FUSELAGE' t)S,qb/4!.: 321' .23:: 2bS-tt-3:: lli<t Lb 

w,~ 
Fw fvs. 
Aff f'vs_ 

To+.,(: 

vJ,;,_, 
FwJ. ~s. 

A4 -fv.r _ 

Toh..(: 

23J't @ 27~i .... 
I Z.S-7 @ Z.AtD ;., 
J/BCr @ 2. "rs;,, 

't780Lb @ 2. 71 ii,., Too ,,...,,4, J 
Too -Fe, .. <11\- f 

2 :3'34 LA @ :l.7S- J'1 
J-z.s;7 @ Z'f(J ;., 

b2Cf @ 2 "IS-,-,, 

4-22.D Lb@ U? ii'! 

._ ___ A Conceptual Approach-----
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t,ao ~TA ERDM 1>~~w1N& 

\;J._1te4 ,A~~qs; 

Wi:7: Ae,,_.:: 215' 4t"L; S'W&'T:z.1s(1.c:r17t-(.s2"·°'))=-'f-32°"31 
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AIRCRAFT DESIGN------........ 
DESIGN ANALYSIS 

From the design layout, the aircraft was analyzed using the 
methods presented in this book. The author-prepared computer 
code 'RDS' was used, which automates the number-crunching of 
these methods. RDS is available from AIAA along with this 
textbook, and the RDS program disk includes the complete DR-3 
sample design files as described below. 

Lift and Drag 

Drag analysis was based upon fully turbulent flow over 
camouflage paint. Areas and geometric information for wings, 
tails, fuselage, canopy, and boundary-layer diverter were 
determined from the drawing and input as shown on the next page. 
Fuselage and canopy equivalent diameters were determined from 
maximum cross-section areas. D/q for the missile was input based 
upon the AIM-9 data in fig. 12. 22, and a cannon port D/q of O. 2 
was input as a constant value from zero to Mach 2. Leakage and 
protuberance drag of six percent was assumed. 

For wave drag analysis, the maximum total cross section area 
was estimated at 20.9 square feet, less 3.83 for capture area, or 
a net of 1 7. 07 square feet. As this is intended to be a 
supersonic-cruise aircraft and was designed with low wave drag in 
mind, an Ewd of 2.0 was assumed. 

Maximum lift was estimated by adjusting the airfoil maximum 
lift for the effects of the assumed automatic leading- and 
trailing-edge maneuver flaps. For a 64-series airfoil, Cl-max is 
about 0.82, and from table 12.1, delta-Y is about 1.28. Using 
table 12.2 the lift adjustment for trailing-edge plain flaps is 
about 0.9, and for leading-edge flaps, about 0.3. With hinge 
line angles of 10 and 39 degrees, equation 12.21 gives a delta 
CL-max of about 0.82, so as a first approximation, the wing was 
analyzed using an adjusted airfoil Cl-max of 1.64. 

For landing, a historical CL-max value of 1.8 was used. 
The fol lowing pages include a sample of the parasite drag 

calculation for one altitude and velocity, the total parasite 
drag as a function of speed and altitude, the parameters 
determined for calculation of drag-due-to-1 ift factor ( 'K'), a 
plot of K versus speed and lift coefficient, and drag polars and 
L/D ratios for the DR-3. 
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AER,ODYNAMIC INPl.JTS 

AIRCRAFT TYPE : SUPERSONIC, THIN WING 

KEY AERODYNAMIC DATA 
Kax V or Kl 2.000 
Kax Altitude 50000.000 
% Laminar C.000 
k/10'5 ( ft I 3. 3 3 0 
%Leak&Protub 6.000 
Amax-aircrft 17.070 
'.ength-eff 45.200 
Ewd 2.000 
CL-cruise 0.210 

WING 
1.000 I Componts 

Sref-wlng 294.000 
3exp-wing 215.000 
A true 3.500 
A effective 3.500 
Lambda=Ct/Cr 0.250 
Sweep-LE 38.000 
t/c avera~e 0.060 
Delta Y 1.280 
Q I interfer I 1.000 
CL-design 0.400 
CLrnx-airfoil 1 . 6 4 0 
Drag Fudge 1 .000 

HORIZONTAL TAIL 
I Componts 1.000 
S-tail 92.000 
Sexp-tail 92.000 
A true 4 . 0 0 0 
A effective 4. 000 
La11bda=Ct/Cr 0.340 
Sweep-LE 30.000 
t/c average 0.060 
De Ha Y 1.280 
Q ( interferl 1 . 0 0 0 
Drag Fudge 1.000 

FllSELAGE 
I Componts 1. 000 
Swet 588.000 
length 45.200 
diam-effctiv 5.500 
Q (interfer) 1. 000 
Upsweep-deg 0.000 
Abase 0.000 
Drag Fudge 1. 000 
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1.500 

V or M# 

DRAG-DUE-TO-LIFT (K) FACTOR CALCULATION 

Aspect Ratio= 3.50 
Effective Aspect Ratio= 3.50 Mach number CL-ALPHA 

Leading edge sweep = 38.00 0.2000 3.6717 
Sweep of max t/c line= 23.67 0.3000 3.7163 

Fuselage lift factor F = 1. 47 0.4000 3.7821 
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0.8800 4.6215 

Lift Coeff. % Suction 0.9200 4.7722 
0.1500 0.6100 0.9600 4.9507 
0.2500 0.8100 1.0000 5.9154 
0.3500 0.9400 1.0500 6.1744 
0.4500 0.9400 1.1000 5.7853 
0.5500 0.8700 1.2000 5.2005 
0.6500 0.7200 1.4000 4.1591 
0.8000 0.5100 1.6000 3.3519 
1.0000 0.3300 1.8000 2.8183 
1.2000 0.2400 2.0000 2.4413 
1.4000 0.0000 2.2000 2.1628 

2.000 

1/CL-ALPHA 
0.2724 
0.2691 
0.2644 
0.2582 
0.2503 
0.2405 
0.2283 
0.2226 
0.2164 
0.2095 
0.2020 
0.1690 
0.1620 
0.1729 
0. 192 3 
0.2404 
0.2983 
0.3548 
0.4096 
0.4624 

)> 

JJ 
0 
JJ 
)> ,, -, 
0 
m 
CJ) 

G) 
z 

)> 

JJ 
0 
JJ 
)> ,, -, 
0 
m 
CJ) 

G) 
z 



> 
0 
0 
::, 
() 
CD 

O> -0 
I\) -a> C 

n> 

> 
"'O 
"'O ., 
0 
n> 
() 

> 
0 
0 
::, 
() 
CD 

O> "'O 
I\) -~ C 

n> 

> 
-0 
-0 ., 
0 
n> 
() 

]{ INDUCED DRAG FACTOR (){) :DR3 

0.3000 

0.2500 

0.2000 

0.1500 

0 . .1000 

0 . 0500 ~--------~---·----
0 .2[10 0 .400 0 .6!:lfl n.mm 

LIFT COEFF. (Cl) 
D 0. 1500 I "~ 0 .,~SOU 
o = 0. 6500 ,_::, cc: 0 .800ll 

LIFT COEFFICIENT (CU 

1.2000 

1.0000 

0.8000 

0.6000 

0.4000 

0.2000 

0.0000 1 ., 

,1 l:l . 3~:il-Jtl 
1 .. nmm 

[, 

i:"·,, 

DWIII POUtlH ,,,t tlLT 

---

0.000 0.050 0 .100 0.150 

IJELOC ITY (Mach or kts) 
D = 0 .9600 I = 1.0000 1] = 1.0500 [.1 

o = 1.4000 c. = 1.6000 Q = 1.8000 () 

•• 
.,.._,.{ ... 

-~---___., __________ _ 
1.0IJ0 1.200 1.400 1.600 

ll.45fll] 
1 . t.~IJl:10 + 

JIJ[l(JII : DR3 

0.200 0.250 

= 1.1000 I 
= 2.0000 + 

U or Mff 
-- D .55B0 

1.•1000 

0.30 0.350 

DRAG COEFFICIENT (CD) 
== 1.2000 
= 2.2000 

> 
JJ 
0 
JJ 
> 
"Tl 
--f 
0 
m 
(/) 

G) 
z 

> 
JJ 
0 
JJ 
> 
"Tl 
--f 
0 
rn 
(/) 

G) 
z 



AIRCRAFT DESIGN--------

Q 
Q 
LI) 

Q 

Q 
~~~~~~~~~~~~~-'-----'-~'-------~----' ~ 

N 

~--A Conceptual Approac 
628 

•Q 
Q 

-+ 
r,. LI) 

'° V' '° V' V' N 

Q.-1 

II II 

'° CT? LI) CT? 
LI) CT? 

'"' ...i C"I ...:I •• 
UQQ .._, 

II II 
t-< 

~- (J -u 
la.cQCI:I 
"'"'Qr,. 
~ Q r,. 
0 Q r,. u .. 

QQ 
t-< 
la.c II II -...:lo c, 

AIRCRAFT DESIGN------...... 
At>~moNAL l:>1t~6S' FOlf. Tilt::£0FF "'NI) LANblN6 

FU\PS: (o"•y vs~cl for (Q~, .. ~) 

• Ass..,...c a ::,0° • f,o,.. c\l"lwi' [+<~, s,-~ .:.4--s1 
fl•~ J l 'i.,,-, s,a.. ) 

LANblN~ G£AR: (Usi:.:, v•luu· -fro-. "tot I.It. 12..a+) 

r;:;,.t..t X T.t~'2..lf- - ?:y't 

M••" wl-t•«ls: 2.\ ~l. .1.S • !i 3 

t-,.. i... .s "trt.lh : 5".~-tt-1. , 10 \.7'+ 

Nol« 1,Jhu\ : .7.fil. ;z.s- • I&' 
Nose S°t'"-* : 3.'Z.ft't. ,JO -~b 

s.., bto-t- \ 3.~( 

------A Conceptual Approac 
629 



AIRCRAFT DESIGN'--------
Weights 

Weights analysis was based upon the fighter equations in 
chapter 15, with adjustments for composite material usage as in 
table 15.4. The as-drawn takeoff weight of 16,480 lb. was used 
throughout, with ultimate load factor of Nz=7.33x1.5, or 11. 
Required dimensions and areas, such as the control surface area 
for the wing, were measured from the drawing. 

The Y-tail was ana 1 yzed as a "hor i zonta 1" ta i 1 using the 
true area and aspect ratio of the surface (90 sq. ft., and 11). 
A 200 lb. weight penalty for the variable dihedral mechanism was 
added as a part of the miscellaneous empty weight. 

For the 1 anding gear, it was assumed that 1 anding weight 
equals takeoff weight, and gear load factor was assumed to be 4. 

For engine cooling it was assumed that a shroud covers the 
entire engine, so the shroud 1 ength is 14 ft. Engine contro 1 
length was estimated from the drawing as 18.3 ft. To allow for 
the extra weight of the 2-D vectoring nozzle, an additional 400 
lb. was added to the misc. empty weight. 

In the absence of better data, installed avionics weight of 
990 lb. was guessed using table 11.6. However, the RDS program 
requires uninstalled avionics weight which it uses to estimate 
installed avionics weight, so equation 15.21 was used to back out 
an uninstalled weight of 727 lb.! 

The gun was assumed to always stay with the aircraft and so 
was treated as an addition to the misc. empty weight of 400 lbs. 

The following pages provide the complete weights assumptions 
and inputs, followed by the resulting summary weights statement. 
The empty weight for the as-drawn takeoff weight of 16,480 lbs. 
was determined to be 10947.2 lbs., somewhat above the preliminary 
prediction of 10788 used for initial sizing. 
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WEIGHTS INPUTS 

AIRCRAFT TYPE : FIGHTER/ATTACK 

KEY AIRCRAFT DATA 
Wdg 

WING 

Nz (ultimate) 
Sw 
M 
Nen 

X-Location 
Kdw 
Kvs 
A 

tic 
lambda=Ct/Cr 
sweep c/4 
Scsw 
Fudge Factor 

HORIZCNTAL TAIL 
x-~ocation 
Fw 
Ah 
Sht 
Fudge Factor 

VERTICAL TAIL 
X-Location 
Krht 
Ht/Hv 
Svt 
Lt 
Sr 
A(vt) 
tail lambda 
tail sweep 
t vert tails 
Fudge Factor 

INzlult): 1.5 x Nz(design limit)) 
16480.000 

II .000 
294.000 

1.800 
I . 0 0 0 

280.000 
1.000 
!. 0 0 0 
3.500 
0.060 
0.250 

30.000 
72.000 
0.850 

470,000 
4. 700 
6.500 

90.000 
0.830 

0.000 
0.000 
0.000 
0.000 
0.000 
0.000 
0.000 
0.000 
0.000 
0.000 
0.000 
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AIRCRAFT DESIGN AIRCRAFT DESIGN 
FUSELAGE FUEL SYSTEM 

X-Location 260.000 X-Location 267 .000 
Kdwf 1.000 Vt 703.300 
L 39.000 Vi 389.000 
D 4. 000 Vp 314 .300 
w 5.400 Nt 3.000 
Fudge Factor D.900 SFC (11ax T) 1.900 

Fudge Factor 0.000 
LANDING GEAR CONTROLS l INSTRUMENTS 

X-Location 285.000 X-Location 260.000 
Keh 1.000 Scs 94. 000 
Ktpg 1.000 Ns 4. 000 
Wl 16480.000 Ne 1.000 
Nl 4 . 00 0 Nci 1.000 
Lrn ( in I 46.000 Fudge Factor 0.000 
Ln ( in I 52.000 
Nnv1 1 . 0 0 0 HYDRAULICS l ELECTRICS 
NoseGear Loe 155.000 X-Location 260.000 
Fudge Factor 0. w, Kvsh 1.000 

Nu 10.000 
NACELLE he 1 . 4 5 0 

X-Location 400.000 Rkva 120.000 
T per engine 16150.400 La 25.000 
Sfv1 52.000 Ngen 1. 000 
Wen 1517.000 Fudge Factor 0.000 
Kvg ( inlet I 1.000 AIR CONDITIONING l FURNISHINGS 
Ld 10. 700 X-Location 100.000 
Kd 1.310 ( no inputs I 0.000 
Ls 2.000 Fudge Factor 0.000 
De 2. 700 
Inlet X-Loc 270.000 LOADS; MISC WT; & AVIONICS 

Fudge Factor 0.900 Wuav 727.000 
-Location 120.000 

ENGINE INSTALLATION Wcrev1 220.000 

X-Location 400.000 -Location 120.000 

Ltp 0.000 Wcargo 840.000 

Lsh 14.000 -Location 260.000 

Lee 18.300 Wpassengers 0.000 

Wt-Oil 50.000 -Location 0.000 

Fudge Factor 0.000 W11isc(e11pty) 1000.000 
-Location 382.000 
W11isc ( load I 0.000 
-Location 0.000 
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------ FIGHTER/ATTACK GROUP 
STRUCTURES GROUP 4526.2 

Wing 1459.4 
Horiz. Tail 280.4 
Vert. Tail 0.0 
Fuselage 1574.0 
Main Lndg Gear 631.5 
Nose Lndg Gear 171.1 
Engine Mounts 39.1 
Firewall 58.8 
Engine Section 21.0 
Air Induction : 291.1 

PROPULSION GROUP 
Engine(s) 
Tailpipe 
Engine Cooling 
Oil Cooling : 
Engine Controls: 
Starter 
Fuel System 

2354.3 
1517.0 

0.0 
172.0 

37.8 
20.0 
39.5 

568.0 

WEIGHT STATEMENT : FILE DR3.DWT 
EQUIPMENT GROUP 

Flight Controls 
Instruments 
Hydraulics 
Electrical 
Avionics 
Furnishings 
Air Conditioning 
Handling Gear 

MISC EMPTY WEIGHT 
TOTAL WEIGHT EMPTY 

USEFUL LOAD GROUP 
Crew 
Fuel 
Oil 
Cargo 
Passengers 
Misc Useful Load : 

DESIGN GROSS WEIGHT: 

3066.7 
655.7 
122.8 
1 71. 7 
713.2 
989.8 
217.6 
190.7 

5.3 
1000.0 

10947.2 

5532.8 
220.0 

4422.8 
50.0 

840.0 
o.o 
0.0 

16480.0 
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AIRCRAFT DESIGN-------.. 
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AIRCRAFT DESIGN------......,,, 
--------------------- -----
PROPULSION INPUTS 
----------------- ------------------

AIRCRAFT TYPE : JET PROPELLED 

KEY PROPULSION DATA 
SLS Thrust 16150.400 
SFC Fudge 0.800 
Acapture 3.830 
C-bleed 0.000 
bleed ratio 0.000 
Nozzle Cd 0.015 
Alax-fuslage 16.900 

Kach Nu11ber Pl/PoREF Kach Nu1ber Ru Factor 
0.400 1. 000 0.400 1. 350 
0.600 1.000 0.600 1.350 
0.800 1.000 0.800 1.350 
1.000 0.970 1.000 1.350 
!. 200 0.962 1. 200 1.320 
1. 400 0.949 !. 400 1,290 
1.600 0.933 1.600 1.260 
1.800 0.916 1.800 1.230 
2.000 0.897 2.000 1. 200 
2.200 0.877 2.200 1.170 
2.400 0.855 2.400 1.140 

Kach Nu11ber Pl/PoACT Kach Nu11ber InletDrag 
0.400 0.970 0.400 0.025 
0.600 0.970 0.600 0.040 
0.800 0.970 0.800 0.070 
1.000 0.970 1. 000 0 .110 
1.200 0.968 1. 200 0 .140 
1. 400 0.960 1. 400 0 .145 
1.600 0.945 1. 600 0 .135 
1.800 0.912 1.800 0.120 
2.000 0.830 2.000 0.080 
2.200 o. 720 2.200 0.060 
2.400 0.600 2.400 0.040 
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AIRCRAFT DESIGN------...... 
THRUST (lbs l MAXIMUM INSTALLED AFTERBURNING THRUST (lbs) 

20000. _,..-
---0· 

_______ ---e-------------

-----'--------e-----~~ -
.,......-~---------1 

-------·~-15000. 

10000. 

---------
/ 

___ ____....,----

~,...~::~~ 

_______ _. -----· _____ /_/--

. --------------:-_______ __.q------------_:...--..q-c-, ~---:-----: 
·"---------+,t- ----i,--------

5000. 

rL..._---'-------+---,.----:-----&-----:- . 

0. 
0.000 

ALTITUDE 
D 0. 
,] = 36000. 

C Cl/hrl 

0.500 

I = 20000. 
[1 = 50000. 

1.000 

Cat MAXIMUM INSTALLED AFTERBURNING THRUST Cl/hrl :DR3 

2.0000 

1.500 2.00 

U or MIi 

_8 

1.5000 

_ .. --·· 
~--·-----:-~--;=-~~~~==--=~~~~=~---~~~--A> __ ___. 

-~---

1.0000 

0.5000 

0.0000 
0.000 

ALTITUDE 
D 0. 
a = 36000 . 

0.500 

I = 20000. 
D = 50000. 

1.000 1.500 

U or MIi 

........_ ___ A Conceptual Approac 
639 

2.00 



AIRCRAFT DESIGN------...... 
THRUST ( lbs l MAX INSTALLED DRY (or PROPELLER) THRUST (lbs) 
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AIRCRAFT DESIGN-------
STABILITY AND CONTROL 

our advanced fighter concept does not lend itself to 
any first-order stability and controls analysis. Such a 
fighter would use relaxed static stability with a 
fully-computerized flight control system. This would 
automatically operate the 2-D vectoring nozzle, 
variable dihedral tail surfaces, and conventional 
aerodynamic control surfaces to provide the desired 
control authority as well as handling qualities. 

We have sized the tails using the historical volume 
coefficient method, and have located the center of 
gravity at about the 40 percent of mean chord location. 
These should provide some assurance that the design is 
workable. However, to determine the exact stability, 
control, and handling qualities characteristics of such 
an advanced fighter will require a full 6-DOF 
simulation analysis using detailed aerodynamic data, 
preferably from the wind tunnel. 

Thus, in early conceptual design of advanced 
aircraft with computerized flight control systems it is 
not uncommon to virtually ignore stability and control 
during the very early sizing studies, and to bring in 
the S&C experts only when an initial baseline is 
selected. 
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AIRCRAFT DESIGN1------........ 
Refined Sizing and Performance 

The RDS computer program was then used to calculate refined 
sizing and performance of the DR-3 using the methods of the book. 
A detailed mission model was developed, using several 
assumptions. Takeoff was assumed to consist of five minutes at 
Military (dry) power. Cruise was performed at M0.9 at 45,000 
ft., determined from the range optimization plot to be 
approximately best cruise speed and altitude (see below). 

Best loiter speed at sea level was determined to be 176 kts. 
This was found using the range optimization plot, which indicated 
that the velocity for best range at sea level was about Mach .35. 
Comparing equations 17.13 and 17.25 it can be seen that the 
velocity for best loiter is about one over the fourth root of 
three, or 0. 76 times the velocity for best range. This yields 
Mach .266, or 176 kts. 

Mission sizing, as detailed below, resulted in a sized 
takeoff gross weight of 17301.5 lbs., versus our as-drawn weight of 16480 lbs. 

Performance calculations were done at a combat weight of .87 
times takeoff weight, which is the weight at the end of cruise 
(beginning of combat). 

Fa 11 owing are the inputs 
and performance calculations, 
turn rate, and acceleration. 
envelope, specific range, rate 

and results of the refined sizing 
including takeoff, landing, Ps, 

Al so included are plots of flight 
of climb, Ps, and turn rate. 

----A Conceptual Approac 
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AIRCRAFT DESIGN-------
-------------------------------------------------------

SIZING ANALYSIS RESULTS 
-------------------------------------------------

SEGMENT I IS A TAKEOFF SEGMENT 
WIS, 56.00 T/i, 0.666 C, 0.7280 E, 0.0830 

MISSION SEGMENT i8fGHT FRACTION , 0. 960 

SEGMENT 2 IS A CLIMB/ACCELERATE SEGMENT 

WIS' 53.75 T/i' o.rn C' 0.9185 CL, 0.2901 coo, 0.0142 K, 0.1129 L/D, 12.2521 
DELTA ENERGY mm, 57599.3789 

MISSION SEGMENT iEIGHT FRACTION , 0.968 

SEGMENT 3 rs A CRUISE SEGMENT 
CLIMB/DESCENT RANGE CREDIT , 28.49 

i/S, 52.03 T/i AVAILABLE, 0.155 T/i REQUIRED, 0.089 THRUST SETTING USED, 57.6 I 
CL' D.2979 COO, 0.0172 K, 0.1061 L/D, 11.1762 C, 0.9461 

MISSION SEGMENT iEIGHT FRACTION , 0. 972 

SEGMENT 4 rs A CLIMB/ACCELERATE SEGMENT 

i/S' 50.59 T/i, 0.533 C, 1.3988 CL, 0.1097 COO, 0.0249 K, 0.1694 L/D, 4.0751 
DELTA ENERGY HEIGHT , 16904.1094 

MISSION SEGMENT iE[GHT FRACTION , 0. 989 

SEGMENT 5 rs A CRUISE SEGMENT 
CLIMB/DESCENT RANGE mm , 9. 66 
i/S' 50.04 T/i AVAILABLE, 0.422 
CL , 0.0732 COO , 0. 0233 ! , 

MISSION SEGMENT iEIGHT FRACTION, 0.983 

T/i REQUIRED, 0.340 THRUST SETTING USED, 80.5 I 
0.2983 L/D , 2.9411 C , 1.0238 

SEGMENT 6 rs A KNOiH TINE FUEL BURN SEGNENT 
i/S, 49.18 T/i AVAILABLE, o.m THRUST SETTING USED, 100.0 I 
C, 1.4254 E, 0.0500 

MISSION SEGMENT FRACTION OR FUEL BURNED IS 0.941 

SEGMENT 7 rs A iEIGHI DROP SEGMENT 
WEIGHT DROPPED IS 0.0 

SEGMENT 8 rs A CLIMB/ACCELERATE SEGMENT 

W/S' 46.30 T/i' 0.787 C, 1.4087 CL, 0.0711 COO, 0.0246 ! , 0.1694 L/D, 2.7889 
DELTA ENERGY HEIGHT , 33051.9961 

MISSION SEGMENT iEIGHT FRACTION , 0.980 

SEGMENT 9 rs A CRUISE SEGMENT 
CLUB/DESCENT RANGE CREDIT , 12. 70 

i/S' 45.35 T/i AVAILABLE, 0.466 T/i REQUIRED, 0.371 THRUST SETTING USED, 79.6 I 
CL ' 0. 0664 COO , 0.0233 K , 0. 2983 L/D , 2. 6965 C , I. 0261 

HISS ION SEGMENT WEIGHT FRACTION , 0. 983 

SEGMENT 10 rs A CRUISE SEGMENT 
CLIMB/DESCENT RANGE CR!DIT , 0. 00 

i/S' H.56 T/i AVAILABLE, 0.181 T/i REQUIRED, 0.096 THRUST SETTING USED, 53.J I 
CL' 0.2552 CDO' 0.0172 K, 0.1127 L/D, 10.3823 C, 0.9728 

MISSION SEGMENT iEIGHT FRACTION , 0. 964 

SEGMENT 11 IS A LOITER SEGMENT 

W/S' 42.97 T/i AVAILABLE, 0.856 T/i REQUIRED, 0.075 THRUST SETTING USED, 8.8 I 
CL' 0.4092 CDO, 0.0137 ! , 0.1017 L/D, 13.3050 C, 1.2119 

MISSION SEGMENT iEIGHT FRACTION , 0. 970 

SEGMENT 12 rs A LANDING SEGMENT 
MISSION SEGMENT WEIGHT FRACTION, 0.995 
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AIRCRAFT DESIGN1------"""""" 

MISSION SEGMENT 

I TAKEOFF SEGMENT 
2 CLIMB and/or ACCELERATE 
3 CRUISE SEGMENT 
4 CLIMB and/or ACCELERATE 
5 CRUISE SEGMENT 

MISSION SEGMENT WEIGHT 
FRACTION OR DROPPED WEIGHT 

0.9597 
0.9681 
0.9723 
0.9892 
0.9827 

6 KNOWN TIME FUEL BURN SEGMENT o.9414 
7 WEIGHT DROP SEGMENT 
8 CLIMB and/or ACCELERATE 
9 CRUISE SEGMENT 
10 CRUISE SEGMENT 
II LOITER SEGMENT 
12 LANDING SEGMENT 

PROJECT DR3: SIZING/MISSION ANALYSIS RESULTS 

MISSION FILE : DR3.DMS 
T/W: 0.980 W/S = 56.00 

CRUISE SEGMENT I 3 
CRUISE SEGMENT I 5 
CRUISE SEGMENT I 9 
CRUISE SEGMENT I 10 
LOITER SEGMENT I II 

0.0000 
0.9797 
0.9826 
0. 96H 
0.9701 
0.9950 

RANGE (nmi) 
RANGE (n1i) 
RANGE ( nm ii 
RANGE (nmi) 
TIME (hrs) 

Wi/WO 

0.9597 
0.9291 
0.9034 
0.8936 
0.8782 
0.8267 
0.8267 
0.8099 
0.7958 
o. 76H 
o. 7445 
0.7408 

200.0 
50,0 
50.0 

200,0 
0.33 

(Ranges are reduced during analysis for climb/descent range credit) 

TOTAL RANGE : 
FUEL WEIGHT = 

USEFUL LOAD (less Wf)= 

500.0 
4754.4 
1110, 0 

TOTAL LOITER TIME: 
EMPTY WEIGHT = 

AIRCRAFT GROSS WEIGHT= 

0.33 
11(37. 1 
17301.5 

------------------------------------------------------------ -------------------

~---A Conceptual Approac 
645 



AIRCRAFT DESIGN-------
------------------------------ TAKEOFF--------------------------

AIRCRAFT OPERATING WEIGHT RATIO (Wi/WO) = 1.000 
TAKEOFF THRUST-TO-WEIGHT RATIO (T/W) : 0.995 

TAKEOFF THRUST : 16393.5 
TAKEOFF WINGLOADING (W/S) = 56.00 

Vstall = 99.75 /kts) 
Vtakeoff = 109.73 kts) 

CLIMB ANGLE: 35.68 (deg) CLIMB CDO = 0,1124 
CL = 1.49 K : 0.2724 

CLIMB L/D : 2.43 • 
- -------------------------------------------------------· 

GROUND ROLL DISTANCE= 577.8 
ROTATE DISTANCE= 185.3 

TRANSITION DISTANCE= 761.2 
CLIMB DISTANCE= 0.0 

TOTAL TAKEOFF DISTANCE= 1524.3 
FAR PART 25 TAKEOFF DISTANCE= 1752.9 

---------------------------- LANDING-----------------------------

AIRCRAFT OPERATING WEIGHT RATIO (Wi/WO) : 1.000 
ROLLOUT THRUST-TO-WEIGHT RATIO (T/W\ : -0.392 

LANDING WINGLOADING (W/S = 56.00 
Vstall = 95. 79 (kts\ 

Vtouchdo~n = 114.95 (kts 

APPROACH ANGLE= -3.00 (deg) 
APPROACH CDO: 0.1124 

CL = 1.62 
K: 0,2724 

APPROACH L/D : 2.53 

APPROACH DISTANCE: 773.7 
FLARE DISTANCE= 2730.5 

FREE GROUND ROLL DIST= 194.2 
BRAKING ]ISTANCE = 795.3 

TOTAL LANDING DISTANCE: 4493.6 
FAR PART 25 LANDING DISTANCE: 7489.4 
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AIRCRAFT DESIGN-------.... 
------------------------- Ps AND TURN RATE ----------------------------

VELOCITY or KACH J : 0.90 ALTITUDE = 30000.00 
A fps = 994.66 rho =O, 000889 q = 356, 32 _ 

Wi/WO: 0.872 W/S : 48.83 T/W = 0.581 THRUST - 8353.2 

KAXIKUK INSTANTANEOUS TURN RATE = 14.97 (deg/sec) 
AT LOAD FACTOR N = l COO = 0.0161 K = 0.1372 CL= 0.14 

Ps(fps) = +398.35 TURN RATE= 0.00 (deg/se:I 
AT LOAD FACTOR N = 2 COO = 0.0161 K = 0.1098 CL - 0.27 

Ps(fps) : +361.32 TURN RATE= 3.57 (deg/se:I 
AT LOAD FACTOR N: 3 COO = 0.0161 K = 0.0981 CL - 0.41 

Ps(fps) : +306.91 TURN RATE= 5.83 (deg/se:I 
AT LOAD FACTOR N: 4 COO = 0.0161 K = 0.1062 CL - 0.55 

Ps(fps) = +206.70 TURN RATE= 7.98 (deg/se:I 
AT LOAD FACTOR N: 5 COO = 0.0161 K = 0.1300 CL - 0.69 

Ps(fps) : +16.47 TURN RATE= 10.10 (deg/se:I 
AT LOAD FACTOR N = 6 COO = 0.0161 K = 0.1514 CL - 0.82 

Ps(fps) = -253.64 TURN RATE= 12.19 (deg/se:I 
AT LOAD FACTOR N = 7 COO= 0.0161 K = 0.1661 CL - 0.96 

Ps(fps) : -583.09 TURN RATE= 14.28 (deg/sec) 

- - - - - - - - - - - - - -- - - --- - -- ACCELERATfON - - - - - - - - - - - - - - - - - -

AIRCRAFT mRATING mm RATIO (Wi/WO) = 0.872 
WINGLOADING (W/S) = 48.83 

AT VELOCITY (average)= 532.84 T/W =0.553 THRUST= 7940.7 
COO: 0.0175 K: 0.1312 CL= 0.1637 Ps(fps)= +381. 75 

dV/dt = 13 .6593 DELTA TIME = 3.56 
AT VELOCITY (average)= 561.64 T/W =0.553 THRUST= 7940.7 

COO: 0.0210 K: 0.1214 CL= 0.1474 Ps(fps)= +372.00 
dV/dt = 12.6280 DELTA TIME= 3.85 

AT VELOC!TY (average) : 590.45 T/W :Q,553 THRUST= 7940. 7 
COO: 0.0250 K: 0.1211 CL= 0.1333 Ps(fps)= +347.62 

d1"/dt : 11.2248 mTA TIME = 4.33 
AT VELOC!TY (average) = 619.25 T/W =0.553 THRUST= 7940. 7 

COO: 0.0258 K: 0.1326 CL= 0.1212 Ps(fps)= +338.49 
dV/dt: 10.4215 DELTA TIME= 4.67 

AT VELOC!TY (average) : 648.05 T/W =0.553 THRUST= 7940. 7 
COO: 0.0249 K: 0.1694 CL= 0.1107 Ps(fps)= +338.17 

dV/dt = 9.9490 DELTA TIME= 4.89 
AT VELOCITY (average)= 676.85 T/W :0.553 THRUST= 7940.7 

COO: 0.0249 K: 0.1694 CL= 0.1015 Ps(fps)= +331.63 
dV/dt : 9.3415 DELTA T!HE = 5.21 

AT VELOCITY (average): 705.66 T/W :0.794 THRUST= 11403.7 
COO : 0.0233 K = 0.2066 CL = 0.0934 Ps(fps)= +625.26 

dV/dt: 16.8934 DELTA TIME= 2.88 
AT VELOCITY (average) : 734.46 T/W :0, 794 THRUST= 11403.7 

COO: 0.0233 K = 0.2983 CL= 0.0862 Ps(fps)= +617.02 
dV/dt: 16.0170 DELTA TIME= 3.04 

AT VELOCITY (average): 163.Z6 T/W =0.194 THRUST= 11403,7 
COO: 0.0233 K = 0.2983 CL= 0.0798 Ps(fps)= +615.79 

dV/dt = 15.3820 DELTA TIME= 3.16 
AT VELOC!TY (average) = 792.06 T/W =0. 794 THRUST= 11403.7 

COO : 0.0233 K = 0.2983 CL= 0.0741 Ps(fps)= +611.26 
dV/dt : 14, 7136 DELTA TIM~-~---~'.~~-------------------------

-------------------------------------- 38, 9 sec TIME TO ACCELERATE FROK D.900 TO 1.400 IS 
DI STAN~~_'.~~~~~~~_'.~ _____ '.'.'._ ( ~~ '. '. ____________________________________________ _ 
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AIRCRAFT DESIGN1--------
T/W-W/S Optimization 

Optimization of the DR-3 for thrust-to-weight ratio and wing 
loading was done by parametric variations about the as-drawn 
baseline of T/W=.98 and W/S=56. Variations of plus-and-minus 20 
percent were chosen, and appropriate modifications to the RDS 
inputs were made. 

For variations in T/W, the impact on weight was accounted 
for by inputting the new engine thrust and weight in the weight 
input matrix, and by inputting the new T/W in the aircraft data 
matrix. Uninstalled engine weight was assumed to vary by the 1.1 
power of the relative change in thrust (see eq. 10.3). 

For variations in W/S, the weight impact was calculated by 
inputting the new wing and tail areas. Note that tail area must 
vary by the 3/2 power of the relative change in wing area to keep 
tail volume constant (see eq. 6.28 and 6.29). 

The aerodynamic impact of the change in W/S was determined 
by inputting the new wing and tail areas, both reference and 
exposed. Also, the change in wave drag due to the change in wing 
size was approximated by changing the maximum cross sectional 
area of the design (Amax). This was '"eyeball-estimated'" as a one 
square foot difference. 

Using these input revisions, mission sizing and performance 
analysis was completely rerun for all parametric variations, with 
results as shown in the fol lowing table and carpet plot. The 
optimum a i rp lane which meets a 11 requ i rements is shown by the 
upper circle. It weighs about 22,000 lbs., and has a T/W of 1.11 
and a W/S of 60.5. However, by relaxing the acceleration 
requirement from 30 seconds to about 47 seconds (Mach 0.9 to 
1.4), the weight of an optimal aircraft fully meeting all other 
requirements drops to about 17,000 lbs.! 

......_ ___ A Conceptual Approac 
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We* as ,, Wo Takeoff Landing Ps Ps Ps Ps Ac eel -f 
0 drawn, resized, groundroll, groundroll, M.9 Ml.4 Ml.8 Ml.4 time, 
:J T/W WIS lb lb ft ft n =5 n =5 n = 1 n = 1 s 0 
() 

rn CD 1.18 44.8 11,647 31,688 546 749 243 376 794 146 30.6 (J) 
O> "'O 1.18 56 11,324 25,188 659 914 122 341 922 210 29.2 -
01 -

G) 
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A.1 (cont'd) Conversion Factors 659 

By To Obtain Multiply 
A.1 Conversion Factors 

1.000 X 103 grams 
Multiply By To Obtain Kilogram (kg) 

6.854 X 10-2 slugs 
2.205 pounds 

British Thermal Unit/ 3.969 X 106 
calories/ second 

9.807 newtons 
Minute (BTU/min) 1.297 X 10 foot-pounds/ second 

BTU/min 

2.357 X 10-2 
horsepower 

Kilogram-Meter /Second 3.347 X 10 
2.987 X 10-2 

kilogram meters/second 
foot-pounds/ second (kg-m/s) 7.233 

Kilometer /Hour (km/h) 9.113 X 10-i feet/ second 

Centimeter (cm) 3.281 X 10-2 feet 

5.396 X 10-i knots 
3.938 X 10-1 inches 

6.214 X 10-I miles/hour 
1.000 X 10-5 

kilometers 
1.000 X 10-2 

meters 

1.689 feet/second Knot 
1.151 miles/hour 

Cubic Foot (ft3) 28.317 liters 

1.852 kilometers/hour 
7.481 gallons 

3.532 X 10-2 cubic feet 

Foot (ft) 
3.048 X 10 centimeters 

Liter (1) 
2.6417 X 10-I gallons 

1.200 X 10 inches 

1.000 X 10-3 cubic meters 
3.048 X 10-4 kilometers 

33.8142 fluid ounces 
3.048 X 10-1 

meters 
1.894 X 10-4 miles 

1.000 X 1Q2 centimeters Meter (m) 
3.281 feet 

Foot-Pound/Second 7.713 X 10-2 
BTU/min 

3.937 X 10 inches 

(ft-Ibis) 
3.239 X 10-1 

calories/ second 

1.000 X 10-3 kilometers 
1.818 X 10-3 

horsepower 

6.214 X 10-4 miles 
1.383 X 10-1 

kilogram meters/ second 

Meter/Second (m/s) 3.281 feet/second 

Foot/Second (ft/s) 1.097 kilometers/hour 

3.600 kilometers/hour 
5.921 X lQ-I knots 

1.943 knots 
3.048 X 10-1 

meters/ second 

2.237 miles/hour 
6.818 X 10-1 

miles/hour 

1.467 feet/second 

Gallon (U.S.) (gal) 1.3368 X 10-1 
cubic feet 

Mile/Hour (mph) 
1.609 kilometers/hour 

3.78542 liters 

0.8684 knots 
3.785 X 10-3 

cubic meters 

0.4470 meters/second 
231 cubic inches 
128 fluid ounces 

Nautical Mile (nmi) 6.076 X 103 feet 
1.852 X 103 meters 

Gram (g) 3.528 X 10-2 
ounces 

1.15078 mile 
2.205 X 10-3 pounds 

4.242 X 10 BTU/min 
Pound (lb) 4.536 X Ia2 grams 

Horsepower (hp) 

ounces 

550 foot-pounds/ second 
16 7.604 X 10 kilogram meters/second 

1.459 X 104 grams 

745.7 watt 
Slug 

l.459x10 kilograms 

Imperial Gallon 2.774 X Ia2 cubic inches 

32.174 Lbmass 
1.201 gallons (U.S.) 
4.546 liters 

5.280 X 103 feet Statute Mile (mi) 
1.609 kilometers 

Inch (in.) 
2.540 centimeters 

1.760 X 103 yards 
8.333 X 10-2 feet 

0.868976 nautical mile 
2.540 X 10-2 meters 

(continued) 
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h T p p µ. a V 

(ft/ 103
) (°R) (psf) (sl/ft3) (sl/ft/s) (ft/s) (ft2/s) 

A.2-1 Characteristics of the standard atmosphere 
41 390.0 3743 -1 .5598 -3 .2969 -6 968.1 .5304 -3 

h T p 
42 390.0 3572 .5337 .2969 968.1 .5564 

p 
(ft/103) (°R) (psf) (sl/ft3) 

µ. a V 43 390.0 3405 .5087 .2969 968.1 .5837 

(sl/ft/s) (ft/s) (ft2/s) 44 390.0 3246 .4849 .2969 965.1 .6123 

45 390.0 3095 .4623 .2969 968.1 .6423 

0 518.69 2116.2 .23769 -2 
1 515.1 

.37373 -6 1116.4 .15723 -3 
2041 .2308 .3717 

2 511.6 1963 .2241 
1112.6 .1611 46 390.0 2950 -1 .4407 -3 .2969 -6 968.1 .6738 -3 

3 508.0 1897 
.3697 1108.7 .1650 47 390.0 2812 .4201 .2969 968.1 .7068 

.2175 .3677 
4 504.4 1828 

1104.9 .1691 48 390.0 2681 .4005 .2969 968.1 .7415 

.2111 .3657 
5 500.9 1761 .2043 

1101.0 .1732 49 390.0 2556 .3818 .2969 968.1 .7778 

.3637 1097.1 .1776 50 390.0 2436 .3639 .2969 968.1 .8159 

6 497.3 1696 .1987 -2 .3616 
7 493.7 1633 

-6 1093.2 .1820 -3 51 390.0 2214 -1 .3307 -3 .2969 -6 968.1 .8978 -3 

.1927 .3596 
8 490.2 1572 

1089.3 .1866 54 390.0 2012 .3006 .2969 968.1 .9879 

.1869 .3576 
9 486.6 1513 .1811 

1085.3 .1914 56 390.0 1829 .2732 .2969 968.1 .1087 -2 

10 483.1 1456 
.3555 1081.4 .1963 58 390.0 1662 .2482 .2969 968.1 .1196 

.1756 .3534 1077.4 .2013 60 390.0 1510 .2256 .2969 968.1 .1316 

11 479.5 1400 .1701 -2 
12 475.9 

.3514 -6 1073.4 .2066 -3 
1346 .1648 .3493 

62 390.0 1373 -1 .2051 -3 .2969 -6 968.1 .1448 -2 

13 472.4 1294 
1069.4 .2120 64 390.0 1243 .1864 .2969 968.l .1593 

.1596 .3472 
14 468.8 1244 

1065.4 .2175 66 390.0 1134 .1694 .2969 968.1 .1753 

.1546 .3451 
15 465.2 1195 

1061.4 .2233 68 390.0 1031 .1540 .2969 968.l .1929 

.1496 .3430 1057.4 .2293 70 390.0 9367 -2 .1399 .2969 968.1 .2122 

16 461.7 1148 .1448 -2 .3409 
17 458.1 

-6 1053.3 .2354 -3 
1102 .1401 

72 390.0 8514 -2 .1272 -3 .2969 -6 968.1 .2335 -2 

18 454.6 1058 
.3388 1049.2 .2418 74 390.0 7739 .1156 .2969 968.1 .2568 

.1355 .3367 
19 451.0 1015 

1045.1 .2484 76 390.0 7035 .1051 .2969 968.1 .2826 

.1311 .3346 
20 447.4 9733 -1 

1041.0 .2553 78 390.0 6394 .9552 -4 .2969 968.1 .3108 

.1267 .3325 1036.9 .2623 80 390.0 5813 .6683 ,2969 968.1 .3420 

21 443.9 9333 -1 .1225 -2 .3303 
22 440.3 

-6 1032.8 .2697 -3 
8946 .1184 

(b) 390.0 5193 -2 .7764 -4 .2969 -6 968.1 .3824 -2 

23 436.8 8572 
.3282 1028.6 .2772 85 394.3 4533 .6771 .2997 973.4 .4426 

.1144 .3260 
24 433.2 8212 .1104 

1024.5 .2851 90 402.5 3629 .5253 .3048 983.5 .5803 

.3238 
25 429.6 7863 .1066 

1020.3 .2932 95 410.6 2888 .4097 .3099 993.4 .7565 

.3217 1016.1 .3017 100 418.8 2309 .3211 .3150 1003.2 .9809 

26 426.1 7527 -1 .1029 -2 .3195 -6 1011.9 
27 422.5 7203 .9931 

.3104 -3 110 435.l 1495 -2 .2001 -4 .3250 -6 1022.5 .1624 -1 

-3 .3173 
28 419.0 6890 .9580 

1007.7 .3195 120 451.4 9837 -3 .1270 .3348 1041.5 .2637 

.3151 
29 415.4 6588 .9239 

1003.4 .3289 130 467.6 6574 .8190 -5 .3444 1060.l .4206 

30 411.9 6297 
.3129 999.1 .3387 140 483.9 4455 .5364 .3539 1078.3 .6598 

.8907 .3107 994.8 .3488 150 500.1 3060 .3564 .3632 1096.3 .1019 +O 

31 408.3 6016 -1 .8584 -3 .3085 -6 990.5 
32 404.8 5746 .8270 

.3594 -3 (c) 508.8 2515 -3 .2880 -5 .3682 -6 1105.7 .1278 +O 

33 401.2 5485 
.3063 986.2 .3703 160 508.8 2125 .2433 .3682 1105.7 .1513 

.7966 .3040 
34 397.6 5235 .7670 

981.9 .3817 170 508.8 1479 .1693 .3682 1105.7 .2175 

35 394.1 4993 
.3018 977.5 .3935 (d) 508.8 1218 .1395 .3682 1105.7 .2640 

.7382 .2995 973.1 .4058 180 499.0 1027 .1200 .3626 1095.0 .3023 

36 390.5 4761 -1 .7103 -3 

190 473.0 7047 -4 .8589 -6 .3505 1071.7 .4081 

(a) 390.0 
.2973 -6 968.7 .4185 -3 

4727 .7061 .2969 

200 457.0 4754 .6061 .3381 1047.9 .5580 

37 390.0 
968.1 .4205 

4539 .6780 .2969 

v = kinematic viscosity 

38 390.0 
968.1 .4379 

Symbols- h = geo. altitude p = density a = sound speed 

4326 .6463 .2969 

µ. = viscosity 

39 390.0 
968.1 .4594 

T = temperature 
p = pressure 

4124 .6161 .2969 
40 390.0 3931 .5873 

968.1 .4820 
Single digit preceded by plus or minus sign indicates power of IO (i.e., .23769 -2 = .0023769) 

.2969 968.1 .5056 Altitudes of Temperature Profile Discontinuity-

(continued) 
(a) 36,152 ft (b) 82,346 ft (c) 155,348 ft (d) 175,344 ft 

Data from "US Extension of the ICAO Standard Atmosphere," 1958. 
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A.2-2 Compressible Flow Tables (NACA TR-1135;1953) 

NOTATIONS 

Jt1 or M, local Mach number or ?\Jach number upstream of a 
normal shock wave 

]!_ 
Pt 
p 

Pt 
T 
T, 

V 

II 

µ 

1\f~ 

P2 

ratio of static pressure to total pressure 

ratio of static density to total llensity 

ratio of static temperatme to total temperature 

/M-1 

ratio of dynamic pressure, 1 p V2, to total pressure 

ratio of local 'cross-sectional area of an isentropic 
stream tube to cross-sectional area at the point 
where M=l 

ratio of local speed to speed of sound at the point 
where M=l 

Prandtl-:'.\1eyer angle (angle through which a super
some stream 1s turned to expand from J1 = I 
to M>l), deg 

Mach angle, sin- 1 ~' <leg 

?\frwh numher downstream of a normal shock wan• 

static pressure ratio across a normal shock wavr, 

static density ratio across a normal shock wave 

static temperature ratio across a normal shock wave 

total pressure ratio across a normal shock wave 

ratio of static pressure upstre9,m of a normal shock 
wave to total pressure downstream 

A.2-2 

_ :__I_ *' - _-;;_·. __ 
0 

.01 

. 02 

.03 

.04 

.05 

.06 I 

. 07 

.08 

.09 

.10 

. 11 

.12 

. 13 

.14 

. 15 

.16 

. 17 

.18 

.19 

.20 

. 21 

. 22 

. 23 

. 24 

. 25 

. 26 

. 27 

. 28 

. 29 

.30 

. 31 

. 32 

. 33 

. 34 

. 35 

. 36 

. 37 

.38 

. 39 

. 40 

. 41 

. 42 

. 43 

. 44 

. 45 

. 46 

. 47 

. 48 

. 49 

1.0000 
. 9999 
. 9997 
. 9994 
. 9989 

. 9983 

. 9975 

. 9966 

. 9955 

. 9944 

. 9930 

. 9916 

. 9900 

. 9883 

. 9864 

. 9844 

. 9823 

. 9800 

. 9776 

. 9751 

. 9725 

. 9697 

. 9668 

. 96.38 

. 9607 

. 9575 

. 9541 

. 9506 

. 9470 

. 9433 

. 9395 

. 9355 

. 9315 

. 9274 

. 9231 

. 9188 

. 9143 

. 9098 

.9052 

. 9004 

. 8956 

. 8907 

. 8857 

. 8807 

. 8755 

. 8703 

. 8650 

. 8596 

. 8541 

. 8486 

1.0000 
1.0000 
.9998 
. 9996 
. 9992 

. 9988 

. 9982 

. 9976 

. 9968 

. 9960 

. 9950 

. 9940 

. 9928 

. 9916 

. 9903 

. 9888 

. 9873 

. 9857 

. 9840 

. 9822 

. 9803 

. 9783 

. 9762 

. 9740 

. 9718 

. 9694 

. 9670 

. 9645 

. 9619 

. 9592 

. 9564 

. 9535 

. 9506 

. 9476 

. 9445 

. 9413 

. 9380 

. 9347 

. 9313 

. 9278 

. 9243 

. 9207 

. 9170 

. 9132 

. 9094 

. 9055 

. 9016 

. 8976 

. 8935 

. 8894 

APPENDIX A 

Compressible Flow Tables 

SUBSONIC FLOW 

-y=7/5 

T 
,, /3 !L 

Pt 

A 

A. 
---- ----------

1.0000 
1.0000 
. 9999 
.9998 
. 9997 

. 9995 

. ~993 

.9990 

. 9987 

. 9984 

. 9980 

. 9976 

. 9971 

. 9966 

. 9961 

. 9955 

. 9949 

. 9943 

. 9936 

. 9928 

. 9921 

. 9913 

. 9904 

. 9895 

. 9886 

. 9877 

. 9867 

. 9856 

. 9846 

. 9835 

. 9823 

. 9811 

.9799 

. 9787 

. 9774 

. 9761 

. 9747 

. 9733 

. 9719 

. 9705 

. 9690 

. 9675 

. 9659 

. 9643 

. 9627 

. 9611 

. 9594 

. 9577 

. 9560 

. 9542 

1.0000 
1.0000 
.9998 
. 9995 
. 9992 

. 9987 

. 9982 

. 9975 

. 9968 

. 9959 

. 9950 

. 9939 

. 9928 

. 9915 

. 9902 

. 9887 

. 9871 

. 9854 

. 9837 

. 9818 

. 9798 

. 9777 

. 9755 

. 9732 

. 9708 

. 9682 

. 9656 

. 9629 

. 9600 

. 9570 

. 9539 

. 9507 

. 9474 

. 9440 

. 9404 

. 9367 

. 9330 

.9290 

. 9250 

. 9208 

. 9165 

. 9121 

. 9075 

.9028 

.8980 

.8930 

. 8879 

. 8827 

. 8773 

. 8717 

0 
. 7000 -• 
. 2799 - 3 

. 6296 -3 

.1119 - 2 

. 1747 -2 

. 2514 - 2 

. 3418 -, 

. 4460 -2 

. 5638 -, 

. 6951 -, 

.83W - 2 

. 9979 -, 

. 1169 -1 

.1353 -1 

.1550 -1 

.1760 -1 I 

.1983 -I 

. 2217 -1 

. 2464 -1 

:~~ =: II 

. 3276 -1 

. 3569 -1 

. 3874 -1 

. 4189 -I 

.4515 -, 

.4851 -I 

. 5197 -I I 

. 5553 -I 

. 5919 -I 

. 6293 -l 

. 6677 -1 

. 7069 -, 

. 7470 -, 

. 7879 -, 

. 8295 -, 

. 8719 -I 

. 9149 - 1 

. 9587 -1 

.1003 

.1048 

.1094 

.1140 

.1187 

. 1234 

. 1281 

. 1329 

. 1378 

. 1426 

57. 8738 
28. 9421 
19. 300.5 
14. 4815 

11. 5914 
9. 6659 
8. 2915 
7. 2616 
6. 4613 

5. 8218 
5. 2992 
4. 8643 
4. 4969 
4.1824 

3. 9103 
3. 6727 
3. 4635 
3. 2779 
3. 1123 

2. 9635 
2. 8293 
2. 7076 
2. 5968 
2. 4956 

2. 4027 
2. 3173 
2. 2385 
2.1656 
2. 0979 

2.0351 
1. 9765 
I. 9219 
I. 8707 
1. 8229 

1. 7780 
1. 7358 
1. 6961 
1.6587 
1. 6234 

1. 5901 
1. 5587 
1. 5289 
1. 5007 
1. 4740 

1.4487 
1.4246 
1. 4018 
1. 3801 
1. 3595 

0 
. 01095 
. 02191 
. 03286 
. 04381 

. 05476 

. 06570 

. 07664 

. 08758 

. 09851 

. 10944 

. 12035 

. 13126 

. 14217 

. 15306 

.16395 

. 17482 

.18569 

. 19654 

. 20739 

. 21822 

. 22904 

. 2,,984 

. 25063 

. 26141 

. 27217 

. 28291 

. 29364 

. 30435 

.31504 

. 32572 

. 33637 

. 34701 

. 35762 

. 36822 

. 37879 

. 38935 

. 39988 

.41039 

. 42087 

. 43133 

. 44177 

. 45218 ! 

. 46257 

. 47293 

. 48326 

. 49357 

. 50385 

. 51410 

. 52433 
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}vf 
or 
Af1 

1.00 
1.01 
1. 02 
1.0:l 
I. 04 

1.05 
1.06 
1.07 
1.08 
I. 09 

1.10 
I. 11 
1.12 
1.13 
I. 14 

1.15 
1.16 
1.17 
1.18 
I. 19 

I. 20 
I. 21 
I. 22 
I. 23 
1.24 

,_. 
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SUPERSONIC FLOW 

-y-7/5 -~~-~-----

1· i,f, 

w 
~ 
to 
w 
0 z ...... 
0 
'TJ 
t-< 
0 :::; 

> 
N 
N 

~ 
Q 

9 
'Cl 
~ 
~ s: 
;-
~ 
Q 

~ 
>-l 
I>:> 
5!: 
~ 

"' 

C1> 
C1> 
.i:,. 

)> 

JJ 
() 
JJ 
)> 
"Tl 
-I 
0 
m 
(/) 

G5 
z 

_JJ__ !'_ T 
Tt 

/J 
J_ 
Pt 

A 
.·1. a, 

µ. 

p, P2 I T, P,, I Pt 
·p~ PL T1 , Pt1 l ~ 

, I ·----
------~I~-. o.5283 Pt 

0. 528:l 
. 5221 
. 5160 
. 5099 
. 5039 

.4979 

.4919 

. 4860 

. 4800 

. 4742 

. 4684 

. 4626 

. 4568 
. 4511 
. 4455 

. 4398 

. 4343 

. 4287 

. 4232 
. 4178 

. 4124 

. 4070 
. 4017 
.3964 
.3912 

Pt 

0. 6339 
. 6287 
. 6234 
. 6181 
. 6129 

.6077 

. 6024 

. 5972 

. 5920 

.5869 

.5817 

.5766 

. 5714 

. 5663 

. 5613 

.5562 

. 5511 

. 5461 

. 5411 

. 5361 

. 5311 

. 5262 
. 5213 
. 5164 
. 5115 

0. 8.333 
. 8306 
. 8278 
. 8250 
.8222 

.8193 

. 8165 
. 8137 
.8108 
.8080 

.8052 

.802:l 

. 7994 

. 7966 

. 7937 

. 7908 

. 7879 

. 7851 
. 7822 
. 7793 

. 7764 
. 7735 
. 7706 
• 7677 
. 7648 

0 
.14J8 
. 2010 
. 2468 
. 2857 

.3202 

.3516 
.:l807 
. 4079 
. 4337 

.45~3 

. 4818 

. 5044 
. 5262 
. 5474 

. 5679 

. 5879 

. 6074 

.6264 

. 6451 

. 6633 
.6812 
. 6989 
. 7162 
. 7332 

o. 3698 
.3728 
.375S 
. 3787 
. 3815 

. 3842 

. 3869 

.3895 

.3919 

.3944 

.3967 

. 3990 

. 4011 

. 4032 

. 4052 

. 4072 

. 4090 

. 4108 
. 412,5 
.4141 

. 4157 

. 4171 

. 4185 
. 4198 
. 4211 

1. 000 
1.000 
1.000 
1.001 
1.001 

1.002 
1. 003 
1.004 
1. 005 
1.006 

1.008 
1. 010 
1. 011 
1.013 
1. 015 

1. 017 
1. 020 
1.022 
1. 025 
I. 026 

1.0:lO 
1. 033 
1. 037 
1. 040 
1.043 

1. 00000 
1. OOil.31 
1. 01658 
1. 02481 
1. O'l300 

1.04114 
1. 04925 
1.057:ll 
J.06533 
I. 07331 

J.08124 
1. 08913 
I. 09699 
1. 10479 
I. 11256 

1.12029 
1.12797 
I. 13561 
I. 14321 
I. 15077 

1.15828 
I. 16575 
I. 17319 
1.18057 
I.18792 

0 
. 0447:l 
. 1257 
. 2'294 
. :i510 

. 4874 

. o:l67 

. 797:J 

. 9680 
1. 148 

1.336 
1. 532 
I. 735 
1. 944 
2.160 

2. 381 
2. 607 
2. 839 
3. 074 
3. 314 

3. 558 
3. 806 
4. 057 
4.312 
4. 569 

90. 00 
81. 9;3 
78. 64 
ifi. 14 

, 74.06 
i 

72. 25 
70. o:i 
69. 16 
67.81 
66. 55 

65. 38 
64. 28 
63. 23 
62. 25 
61.31 

60.41 
59. 55 
58. 73 
57. 94 
57.18 

56. 44 
55. 74 
55. 05 
54.39 
53. 75 

1. O!Xl 
. 9901 
. 9805 
. 9712 
. 9620 

. 95:H 

. 9444 

.9360 

. 9277 

. 9196 

. 9118 

.9041 

.8966 
. 8892 
. 8820 

. 8750 
. 8682 
. 8615 
.8549 
. 8485 

. 8422 

. 8360 

.8300 

. 8241 

. 8183 

1. 000 
1. 023 
1. 047 
1.071 
1.095 

1.120 
1.144 
1.169 
1.194 
1. 219 

1.245 
1. 271 
1. 297 
1. 32.3 
1.350 

1. 376 
I. 403 
1.430 
1.458 
1. 485 

1. 513 
1. 541 
1. 570 
1. 598 
1. 627 

1. 000 
1. 017 
I.033 
I. 050 
1. 067 

1. 084 
1.101 
1.118 
1. 135 
1.152 

1.169 
1. 186 
1. 203 
1. 221 
I. 238 

1. 255 
1. 272 
1.290 
I. 307 
I. 324 

1.342 
1. 359 
1. 376 
1. 394 
1. 411 

1.000 
1.007 
1.013 
1.020 
1.026 

1.033 
1. 039 I 
1.046 
1. 052 
l.C59 

1. 065 
I. 071 
1. 078 
1.084 
1. 090 

1. 097 
1.103 
1.109 
1.115 
1.122 

1.128 
1.134 
1.141 
1.147 
1.153 

1.000 . 5221 
I. 000 . 5160 
1. ooo . 5100 

. 9999 . 5039 

. 9999 

. 9997 

. 9996 

. 9994 
• 991l2 

.9989 

.9986 
. 9982 
. 9978 
. 9973 

. 9967 

. 9961 

. 9953 

. 9946 

. 9937 

. 9928 
• 9918 
. 9907 
. 9896 
. 9884 

.4980 

.4920 

.4861 

.4803 

.4746 

.4689 

.4632 
. 4576 
, 4521 
. 4467 

.4413 

. 4360 

.4307 

. 4255 

.4204 

. 4154 

. 4104 

.4055 

.4006 
,3958 

317!ll3-1i4--4 
C1> 
C1> 
01 
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M p I p I T q A I V I /1 I P2 I P2 I T, P,, I 
.~ Pt j;; T, fJ Pt A. a.° ___ " ____ µ __ _::___~~l __ r-;- _ Pt, -~-

1. 25 . 3861 . 5067 . 7619 . 7500 . 4223 I. 047 1.19523 4. 830 53. 13 . 8126 1. 656 I. 429 1. 159 . 9871 . 391! 
I. 26 , 3809 . 5019 • 7590 . 7666 . 4233 I. 050 I. 20249 5. 093 52. 53 . 8071 I. 686 I. 446 I. 166 . 9857 . 3865 
I. 27 . 3759 • 4971 . 756! . 7829. . 4244 1. 054 1. 20972 5. 359 51. 94 . 8016 1. 715 1. 463 1. 172 . 9842 . :!819 

.JJ_t_ 

I. 28 . 3708 . 4923 . 7532 . 7990 . 4253 I. 058 I. 21690 5. 627 51. 38 . 7963 I. 745 1. 481 I. 178 . 9827 . 3774 
I. 29 • 3658 . 4876 . 7503 . 8149 . 4262 1. 062 I. 22404 5. 898 50. 82 . 79JJ 1. 775 1. 498 1. 185 . 9811 . 3729 

I. 30 . 3609 . 4829 . 7474 . 8307 . 4270 I. 066 I. 231!4 6. 170 50. 28 . 7860 I. 805 1. 516 1. 191 . 9794 
I. 31 , 3560 . 4782 • 7445 . 8462 . 4277 I. 071 1. 23819 6. 445 49. 76 . 7809 I. 835 I. 533 1.197 . 9776 
I. 32 • 3512 • 4736 • 7416 . 8616 . 4283 I. 075 I. 24521 6. 721 49. 25 . 7760 I. 866 1. 551 1. 204 . 9758 
1. 33 . 3464 . 4690 • 7387 . 8769 • 4289 1. 080 1. 25218 7. ooo 48. 75 • 771i 1. 897 1. 568 1. 210 . 9738 
I. 34 • 3417 . 4644 • 7358 . 8920 . 4294 I. 084 1. 25912 7. 280 48. 27 • 7664 I. 928 1. 585 I. 216 . 9718 

I. 35 . 3370 . 4598 • 7329 . 9069 . 4299 I. 089 I. 26601 7. 561 47. 79 . 7618 I. 960 I. 603 I. 223 . 9697 
I. 36 • 3323 . 4553 . 7300 . 9217 . 4303 1. 094 1. 27286 7. 844 47. 33 . 7572 I. 991 I. 620 I. 229 . 9676 
I. 37 . 3277 . 4508 • 7271 . 9364 . 4306 1. 099 1. 27968 8. 128 46. 88 . 7527 2. 023 I. 638 I. 23.5 . 9653 
I. 38 . 3232 . 4463 . 7242 . 9510 . 4308 1. 104 1. 28645 8. 413 46. 44 . 7483 2. 055 I. 655 I. 242 . 9630 
I. 39 • 3187 . 4418 . 7213 . 9655 . 4310 1.109 1. 29318 8. 699 46. OJ . 7440 2. 087 I. 672 I. 248 . 9607 

I. 40 . 3142 • 4374 . 7184 . 9798 . 4311 I. 115 I. 29987 8. 987 45. 58 . 7397 2. 120 I. 690 I. 255 . 9582 
I. 41 . 3098 . 4330 . 7155 . 9940 . 4312 I. 120 I. 30652 9. 276 45. 17 . 7355 2. 153 I. 707 I. 261 . 9557 
I. 42 . 3055 • 4287 . 7126 I. 008 , 4312 I. 126 I. 31313 9. 565 44. 77 . 7314 2. 186 I. 724 I. 268 . 9531 
I. 43 . 3012 . 4244 . 7097 I. 022 . 4311 I. 132 I. 31970 9. 855 44. 37 . 7274 2. 219 I. 742 I. 274 . 9504 
I. 44 . 2969 . 4201 . 7069 I. 036 , 4310 I. 138 I. 32623 10. 146 43. 98 . 72:l5 2. 253 I. 759 I. 281 . 9476 

I. 45 . 2927 . 4158 • 7040 I. 050 . 4308 1.144 1. 33272 10. 438 43. 60 . 7196 2. 286 I. 776 I. 287 . 9448 
1. 46 . 2886 . 4116 . 7011 I. 064 . 4306 1.150 I. 33917 10. 731 43. 23 . 7157 2. 320 I. 793 1. 294 . 9420 
I. 47 . 2845 . 4074 . 6982 I. 077 . 4303 1.156 I. 34,558 11. 023 42. 86 . 7120 2. 354 I. 811 1. 300 . 9390 
I. 48 , 2804 . 4032 . 6954 I. 091 • 4299 1.163 1. 35195 II. 317 42. 51 . 708.1 2. 389 I. 828 I. 307 . 9360 
I. 49 • 2764 . 3991 . 6925 1.105 . 4295 1.169 I. 35828 11. 611 42. 16 . 7047 2. 423 1. 845 I. 314 . 9329 

I. 50 . 2724 . 3950 . 6897 1. 118 . 4290 1. 176 1. 36458 11. 905 41. 81 . 7011 2. 458 1. 862 I. 320 . 9298 
I. 51 , 2685 . 3909 . 6868 1.131 . 4285 1.183 1. 37083 12. 200 41. 47 . 6976 2. 493 I. 879 I. 327 . 9266 
1. 52 • 2646 . 3869 . 6840 1.145 . 4279 1. 190 1. 37705 12. 495 41. 14 . 6941 2. 529 1. 896 I. 334 • 9233 
I. 53 • 2608 . 3829 . 6811 1. 158 . 4273 1.197 I. 38322 12. 790 40. 81 • 6907 2. 564 I. 913 I. 340 . 9200 
1. 54 • 2570 • 3789 . 6783 1. 171 • 4266 1. 204 I. 38936 13. 086 40. 49 . 6874 2. 600 I. 930 I. 347 . 9166 
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"(=7/5 

.368!i 
. 3642 
. 3599 
. 3557 
. 3516 

. 3475 

.3435 

. 3395 
. 3356 
. 3317 

.3280 

. 3242 

. 3205 

.3169 

. 3133 

.3098 

.3063 

. 3029 
. 2996 
. 2962 

. 2930 

. 2898 

. 2866 

. 2835 

. 2804 

/£I *It If fJ It I:.\ f Ip Iµ 
-- , , I : 1 ~ 

M, I 1'2__ I E:.. I ~ !'2 I J't ... Pt p1 Ti P11 Pt
2 

-------,---.-----------
I. 55 
I. 56 
I. 57 
1.58 
1. 59 

1,60 
1. 61 
1. 62 
1.63 
1. 64 

1, 65 
1.66 
1. 67 
1.68 
1. 69 

1. 70 
1, 71 
1. 72 
1. 73 
1. 74 

1. 75 
1. 76 
1. 77 
I. 78 
I. 79 

1. 80 
1. 81 
1.82 
1.83 
1. 84 

I. 85 
1. 86 
1.87 
1.88 
1.89 

1.90 
I. 91 
I. 92 
I. 93 
1. 94 

.2533 

.2496 

. 2459 

.2423 

.2388 

. 2353 

. 2318 

. 2284 

.2250 

. 2217 

.2184 

. 2151 
,2119 
.2088 
.2057 

.2026 

.1996 

.1966 

. 1936 

. 1907 

.1878 

.1850 

.1822 
• 1794 
.1767 

. 1740 

. 1714 

.1688 

.1662 
• 1637 

.1612 
, 1587 
. 1563 
.1539 
, 1516 

• 1492 
.1470 
. 1447 
.1425 
.1403 

.3750 

.3710 

.3672 

.36.13 

.3595 

.3557 

.3520 

.3483 

.3446 

.3409 

.3373 

.3337 

.3302 

.3266 

.3232 

.3197 

.3163 
• 3129 
.3095 
.3062 

.3029 

. 2996 

.2964 

. 2931 

. 2900 

,2868 
. 2837 
. 2806 
. 2776 
. 2745 

. 2715 

. 2686 

.2656 

. 2627 

. 2598 

. 2570 

. 2542 

. 2514 

. 2486 

. 2459 

. 6754 

. 6726 

.6698 

. 6670 

.6642 

. 6614 

.6586 

.6558 

. 6530 

.6502 

.6475 

. 6447 

.6419 

.6392 

.6364 

.6337 

.6310 

.6283 

.6256 

.6229 

.6202 

. 6175 

. 6148 

.6121 

.6095 

.6068 

. 6041 

.6015 

.5989 

.5963 

. 5936 

.5910 

. 5884 

. 5859 

.5833 

. 5807 

. 5782 

. 5756 

. 5731 

. 5705 

1. 184 
I. 197 
I. 210 
I. 223 
I. 236 

I. 249 
I. 262 
I. 275 
1. 287 
1. 300 

I. 312 
1.325 
1.337 
I. 350 
I. 362 

I. 375 
I. 387 
I. 399 
I. 412 
I. 424 

I. 436 
1. 448 
I. 460 
I. 473 
I. 485 

I. 497 
I. 509 
1..521 
I. 533 
I. 545 

I. 556 
I. 568 
I. 580 
I. 592 
I. 604 

1.616 
I. 627 
I. 639 
I. 651 
I. 662 

.4259 

. 4252 

.4243 

. 4235 

. 4226 

.4216 

. 4206 
,4196 
. 4185 
.4174 

. 4162 

. 4150 

.4138 

. 4125 

. 4112 

. 4098 

.4085 

.4071 

.4056 

. 4041 

.4026 

. 4011 

.3996 

.3980 

. 3964 

.3947 

. 3931 

.3914 

.3897 

.3879 

.3862 

.3844 

.3826 

.3808 

.3790 

·. 3771 
. 3753 
. :1734 
. 3715 
.3696 

I. 212 
I. 219 
I. 227 
I. 234 
I. 242 

I. 250 
I. 258 
I. 267 
I. 275 
I. 284 

I. 292 
1. 301 
1.310 
I. 319 
1.328 

1. 338 
I. 347 
I. 357 
1.367 
1. 376 

I. 386 
I. 397 
1. 407 
1.418 
I. 428 

I. 439 
I. 450 
1. 461 
I. 472 
I. 484 

I. 495 
I. 507 
I. 519 
I. 531 
1. 543 

I. 555 
1. 568 
1. 580 
I. 593 
1.606 

I. 39546 
I. 40152 
I. 40755 
I. 41353 
I. 41948 

I. 42539 
I. 43127 
1. 43710 
I. 44290 
I. 44866 

1. 45439 
I. 46008 
I. 46573 
I. 47135 
I. 47693 

I. 48247 
I. 48798 
I. 49345 
I. 49889 
I. 50429 

I. 50966 
I. 51499 
I. 52029 
I. 52555 
I. 53078 

I. 53598 
I. 54114 
I. 54626 
I. 55136 
I. 55642 

I. 56145 
I. 56644 
I. 57140 
I. 576.13 
I. 58123 

I. 58609 
I. 59092 
I. 59572 
I. 60049 
I. 60523 

13. 381 
13.677 
13. 973 
14. 269 
14. 564 

14.861 
15.156 
15.452 
15. 747 
16. 043 

16.338 
16. 633 
16. 928 
17. 222 
17. 516 

17. 810 
18. 103 
18. 397 
18.689 
18. 981 

19. 273 
19. 565 
19. 855 
20.146 
20. 436 

20. 725 
21. 014 
21.302 
21. 590 
21. 877 

22.163 
22. 449 
22. 735 
23. 019 
23. 303 

23. 586 
23. 869 
24. 151 
24. 432 
24. 712 

40.18 
39. 87 
39. 56 
39. 27 
38. 97 

38.68 
38.40 
38. 12 
37.84 
37.57 

37. 31 
37. 04 
36. 78 
36. 53 
36. 28 

36. 03 
35. 79 
35.55 
35.31 
35. 08 

34.85 
34. 62 
34. 40 
34.18 
33. 96 

33. 75 
33. 54 
33. 33 
33. 12 
32. 92 

32. 72 
32. 52 
32. 33 
32.13 
31. 94 

31. 76 
31. 57 
3Ll9 
31. 21 
31. 0:1 

. 6841 

. 6809 

. 6777 

. 6746 

. 6715 

. 6684 

. 6655 

. 6625 

.6596 

. 6568 

. 6540 

.6512 

. 6485 

.6458 

. 6431 

.6405 

.6380 

. 6355 

.6330 

. 6305 

. 6281 

. 6257 

. 6234 

. 6210 

. 6188 

. 6165 

. 6143 

. 6121 
. 6099 
.6078 

. 6057 

. 6036 

. 6016 

. 5996 

. 5976 

. 5956 

. 5937 

. 5918 

. 5899 

. 5880 

2. 6.16 
2.673 
2. 709 
2. 746 
2. 783 

2.820 
2. 857 
2. 895 
2. 933 
2. 971 

3. 010 
3. 048 
3.087 
3. 126 
3. 165 

3. 205 
3. 245 
3. 285 
3. 325 
3. 366 

3. 406 
3. 447 
3.488 
3. 530 
3. 571 

3. 613 
3. 655 
3. 698 
3. 740 
3. 783 

3. 826 
3. 870 
3. 913 
3. 957 
4.001 

4. 045 
4. 089 
4. 134 
4. 179 
4. 224 

I. 947 
1. 964 
I. 981 
I. 998 
2. 015 

2. 032 
2. 049 
2. 065 
2.082 
2. 099 

2. 115 
2.132 
2.148 
2. 165 
2. 181 

2. 198 
2. 214 
2. 230 
2. 247 
2. 263 

2. 279 
2. 295 
2. 311 
2.327 
2. 343 

2. 359 
2.375 
2.391 
2. 407 
2.422 

2. 438 
2. 454 
2.469 
2.485 
2. 500 

2. 516 
2. 531 
2. 546 
2. 562 
2. 577 

1. 354 
1.361 
I. 367 
1.374 
I. 381 

I. 388 
I. 395 
1.402 
I. 409 
I. 416 

I. 423 
I. 430 
I. 437 
I. 444 
I. 451' 

I. 458 
I. 466 
I. 473 
I. 480 
I. 487 

I. 495 
I. 502 
I. 509 
I. 517 
I. 524 

I. 532 
I. 539 
I. 547 
I. .554 
I. 562 

I. 569 
I. 577 
I. 585 
I. 592 
I. 600 

I. 608 
I. 616 
1. 624 
I. 6:ll 
I. 639 

. 9132 

. 9097 

.9061 

. 9026 

. 8989 

. 8952 

. 8915 

.8877 

.8838 

.8799 

. 8760 

.8720 

.8680 

.8640 

. 8598 

. 8557 

.8516 

.8474 

.8431 

. 8389 

.8346 

.8302 

.8259 

. 8215 

. 8171 

.8127 

.8082 

. 80:!8 

. 7993 

. 7948 

. 7902 

. 7857 

. 781! 

. 7765 

. 7720 

. 7674 

. 7627 

. 7581 

. 75:l5 

. 7488 

. 2773 

. 2744 

. 2714 

. 2685 

. 2656 

. 2628 

. 2600 

. 2573 
. 2546 
. 2519 

. 2493 

. 2467 

. 2442 

. 2417 

. 2392 

. 2368 

. 2344 

. 2320 

. 2296 

. 2273 

. 2251 

. 2228 

. 2206 

. 2184 

. 2163 

. 2142 

. 2121 

. 2100 

. 2080 

. 2060 

. 2040 

. 2020 

. 2001 

.1982 

.1963 

. 1945 

. 1927 

. 1909 

. 1891 

. 187:l 

0) 
0) 
--.J 

0) 
0) 
0) 



A.2-2 Compressible Flow Tables 

-SUPERSONIC FLOW-Continued 

'f=7/5 

i ~: I 

1__:_~ 
1. 95 
1. 96 
1.97 
1. 98 
1.99 

.!!.. 
Pt 

.1381 

.1360 

.1339 
. 1318 
.1298 

p 

Pl 

. 2432 

. 2405 

. 2378 
. 2352 
. 2326 

T 
T, 

. 5680 

. 5655 

. 5630 

. 5605 

. 5580 

I. 674 
I. 686 
1. 697 
1. 709 
1. 720 

.3677 

.3657 

. 3638 

.3618 

.3598 

1. 619 
I. 633 
1. 646 
1. 660 
1. 674 

1. 60993 
1. 61460 
1. 61925 
I. 62386 
I. 62844 

24. 992 30. 85 . 5862 

I I q I A I F I I I I p, I P2 I T, I p,, I Pl I --fj p; . T. / ~ " I' _:::_ ~ __:__ n ~ P•,_ 

. . . . I 
2.00 
2.01 
2.02 
2.03 
2.04 

2.05 
2.06 
2.07 
2.08 
2.09 

2.10 
2.11 
2.12 
2.13 
2.14 

2. 1.5 
2.16 
2. 17 
2.18 
2.19 

2. 20 
2. 21 
2. 22 
2. 23 
2. 24 

2. 25 
2. 26 
2. 27 
2. 28 
2. 29 

.1278 

.1258 

.1239 

.1220 
.1201 

.1182 

.1164 
, 1146 
.1128 
.1111 

.1094 
, 1077 
, 1060 
.1043 
.1027 

. 1011 

. 9956 -1 

. 9802 -1 

. 9649 -1 

. 9500 -1 

. 9352 -1 

. 9207 -1 

. 9064 -1 

. 8923 -1 

. 8785 -1 

. 8648 -1 

. 8514 -1 
. S:l82 -1 

. 8251 -1 

. 8123 -1 

. 2300 
• 2275 
. 2250 
.2225 
.2200 

• 2176 
. 2152 
. 2128 
.2104 
.2081 

.2058 
• 2035 
• 2013 
.1990 
.1968 

.1946 

.1925 

.1903 

. 1882 

.1861 

. 1841 
. 1820 
.1800 
. 1780 
.1760 

. 1740 
. 1721 
. 1702 
. 1683 
. 1664 

. 5556 

. 5531 

. 5506 

. 5482 
• 5458 

• 5433 
.5409 
• 5385 
. 5361 
• 5337 

.5313 

.5290 

.5266 

. 5243 

.5219 

. 5196 

. 5173 

. 5150 

. 5127 

. 5104 

. ,5081 

. 5059 

. 5036 

. 5014 

. 4991 

.4969 
. 4947 
.4925 
. 49().3 
. 4881 

I. 732 
I. 744 
I. 755 
1. 767 
1. 778 

I. 790 
I. 801 
I. 812 
I. 824 
I. 835 

1.847 
I. 858 
1.869 
1.881 
1.892 

I. 903 
I. 915 
I. 926 
1. 937 
1. 948 

1.960 
I. 971 
I. 982 
I. 993 
2. 004 

2. 016 
2. 027 
2. 038 
2. 049 
2.060 

.3579 

. 3559 

.3539 
. 3518 
.3498 

.3478 

.3458 

.3437 

.3417 

.3396 

.3376 

.3355 

.3334 

.3314 

. 329.1 

. 3272 

.3252 

.3231 

.3210 

.3189 

.3169 

.3148 

.3127 

.3106 

. 3085 

.3065 

. 3044 

.3023 

.3003 
• 2982 

1.688 
I. 702 
1. 716 
1. 730 
1. 745 

I. 760 
I. 775 
I. 790 
1.806 
I. 821 

1.837 
1. 853 
1.869 
1.885 
1.902 

1.919 
I. 935 
I. 953 
1. 970 
I. 987 

2. 005 
2. 023 
2. 041 
2. 059 
2. 078 

2. 096 
2. 115 
2.134 
2.154 
2. 173 

I. 63299 
1. 63751 
I. 64201 
I. 64647 
I. 65090 

1. 65530 
1. 65967 
1. 66402 
1. 66833 
1. 67262 

1. 67687 
I. 681!0 
I. 68530 
1. 68947 
1. 60062 

I. 69774 
I. 70183 
I. 70589 
I. 70992 
I. 71393 

I. 71791 
I. 72187 
I. 72579 
I. 72970 
I. 73357 

I. 73742 
I. 74125 
I. 74504 
I. 74882 
I. 75257 

25. 271 
25. 549 
25. 827 
26.104 

26. 380 
26. 655 
26. 929 
27. 203 
27. 476 

27. 748 
28. 020 
28. 290 
28. 560 
28. 829 

29. 097 
29. 364 
29. 631 
29. 897 
30. 161 

30. 425 
30. 689 
30. 951 
:JI. 212 
31. 473 

31. 732 
31. 991 
32. 250 
32. 507 
32. 763 

33. 018 
33. 273 
33. 527 
33. 780 
34. 032 

30. 68 . 5844 
30. fil . 5826 
30. :J3 . 5808 
30.17 . 5791 

30. 00 . 5774 
29. 84 . 5757 
29. 67 . 5740 
29. 51 . 5723 
29. 35 . 5707 

29. 20 • 5691 
29. 04 . 5675 
28. 89 . 5659 
28. 74 . 5643 
28. 59 . 5628 

28. 44 • 5613 
28. 29 • 5598 
28.14 .5583 
28. 00 . 5568 
27. 86 . 5554 

27. 72 . 5540 
27. 58 . 5525 
27. 44 . 5511 
27. 30 . 5498 
27.17 .5484 

n04 
zoo 
Z77 
26.64 
ZITT -~ Z26 
aH 
am 
~w 

. 5471 

. 5457 

. 5444 

. 5431 

. 5418 

. 5406 

. 5393 

. 5381 

. 5368 

. 5.156 

A.2-2 Compressible Flow Tables 

-SUPERSONIC FLOW-Continued 

'1=7/5 

4. 270 
4. 315 
4. 361 
4. 407 
4. 453 

4. 500 
4. 547 
4. 594 
4,641 
4. 689 

4. 736 
4. 784 
4. 832 
4. 881 
4.929 

4. 978 
5. 027 
5.077 
5.126 
5.176 

5. 226 
5. 277 
5. 327 
5.378 
5. 429 

5. 480 
5. 531 
5. 583 
5. 636 
5. 687 

5. 740 
5. 792 
5. 84,5 
5. 898 
5. 951 

2. 592 
2. 607 
2. 622 
2. 637 
2. 652 

2. 667 
2.681 
2. 696 
2. 711 
2. 725 

2. 740 
2. 755 
2. 769 
2. 783 
2. 798 

2. 812 
2. 826 
2.840 
2.854 
2. 868 

2. 882 
2. 896 
2. 910 
2. 924 
2. 938 

2. 951 
2. 965 
2. 978 
2. 992 
3. 005 

3. 019 
3. 032 
3. 045 
3. 058 
3. 071 

l. 647 
1. 655 
l. 663 
I. 671 
I. 679 

I. 688 
I. 696 
I. 704 
L 712 
L 720 

1. 729 
I. 737 
L 745 
l. 754 
l. 762 

I. 770 
L 779 
L 787 
1. 796 
1.805 

1.813 
1. 822 
I. 831 
I. 839 
1.848 

I. 857 
I. 866 
I. 875 
I. 8:83 
I. 892 

1.901 
I. 910 
I. 919 
I. 929 
I. 938 

. 7442 
. 7395 
. 7349 
. 7302 
. 7255 

. 7209 

. 7162 

. 7115 

. 7069 
• 7022 

. 6975 

.6928 

.6882 
. 6835 
• 6789 

• 6742 
.6696 
• 6649 
.6603 
. 6557 

. 6511 

.6464 

. 6419 

. 6373 
. 6327 

. 6281 

. 6236 

. 6191 

. 6145 

.6100 

. 6055 

. 6011 

. 5966 

. 5921 

. 5877 

.1856 
. 1S:l9 
.1822 
. 1806 
. 1789 

. 1773 

. 1757 
. 1741 
.1726 
. 1710 

.1695 

.1680 

.1665 

.1651 

.1636 

.1622 

.1608 

. 1594 

.1580 

.1567 

.1553 

.1540 

.1527 

.1514 
.1502 

.1489 

.1476 

.1464 

.1452 

. 1440 

.1428 

.1417 

.1405 

.1394 

.1382 

M 
or 
M, 

.!!... 
p, I I I I I I I I I I I I 

p T q A F M p, P2 T, p,, Pi ' 

---1 ' Pt T, fj P, A, I U. v ,--µ--,--" -'-,-~!__:__!--T1 - p,, !-Pt; -
I 2. 3o . 1991 -, . 1646 . 4859 2. 011 . 2951 2. 193 1. 75629 34. 2s:i 2s. 77 . 5344 6. 005 3. 03s 1. 947 . 5833 . 1311 

2. 31 . 7873 -1 . 1628 . 4837 2. 082 . 2941 2. 2J:l I. 75999 34. 5.33 25. 65 . 5.132 6. 059 J. 098 I. 956 . 5789 .1360 
2. 32 . 7751 -I . 1609 . 4816 2. 093 . 2920 2. 233 J. 76366 ;l4, 783 25. 5.3 . 5.121 6. 113 3.110 J. 965 , 5745 , 1349 
2. 33 . 7631 -1 • 1592 . 4794 2.104 . 2900 2. 254 I. 76731 35. 031 25. 42 . 5.109 6. 167 3. 123 I. 974 . 5702 . 1338 
2. 34 . 7512 -1 . 1574 . 4773 2. 116 . 2879 2. 274 I. 77093 35. 279 25. 30 . 5297 6. 222 3. 136 I. 984 . 5658 . 1328 

2. 35 . 7396 -I . 1556 . 4752 2. 127 . 2859 2. 295 J. 77453 :JS. 526 25. 18 . 5286 6. 276 3. 149 I. 993 . 5615 , 1317 
2. 36 . 7281 -I . 1539 , 4731 2. 138 . 2839 2. 316 I. 77811 3.5. 771 25. 07 . ,,275 6. 331 ;J, 162 2. 002 . 5572 . 1307 
2.37 .7168 -1 .1522 .4709 2.149 .2818 2.338 1.78166 36.017 24.96 .5264 6.,386 .l.174 2.012 .5529 .1297 
2. 38 . 1os1 -• . 1sos . 4688 2. 160 . 2798 2. 359 1. 71,519 :io. 251 24. 85 . s2s.1 6. 442 3. 187 2. 021 . 5486 . 1286 
2. 39 . 6948 -1 . 1488 . 4668 2. 171 . 2778 2. 381 1. 78869 36. 504 24. 73 . 5242 6. 497 3. 199 2. 031 . 5444 . 1276 

2. 40 . 6840 -1 • 1472 . 4647 2. 182 . 2758 2. 403 I. 79218 36. 746 24. 62 . 5231 6. 55.1 3. 212 2. 040 . 5401 . 1266 
2. 41 . 6734 -1 • 1456 . 4626 2. 193 . 2738 2. 42,5 l. 79563 36. 988 24. 52 . 5221 6. 609 3. 224 2. 050 . 5359 . 1257 
2.42 .6630 -1 .1439 .4606 2.204 .2718 2.448 1.79907 37.229 24.41 .5210 6.666 3.237 2.059 .5.117 .1247 
2. 43 . 6527 -I . 1424 . 4585 2. 215 . 2698 2. 471 J. 80248 37. 469 24. 30 . 5200 6. 722 3. 249 2. 069 . 5276 , 1237 
2. 44 . 6426 -1 • 1408 . 4565 2. 226 . 2678 2. 494 I. 80587 37. 708 24. 19 . 5189 6. 779 3. 261 2. 079 . 5234 . 1228 

2. 45 . f,127 -1 . 1392 . 4544 2. 237 . 2658 2. 517 I. 80924 37. 946 24. 09 . 5179 6. 836 3. 273 2. 088 . 5193 . 1218 
2. 46 , 6229 -I . 1377 . 4524 2. 248 . 2639 2. 540 I. 81258 38. 183 23. 99 , 5169 6. 894 3. 285 2. 098 • 5152 .1209 
2. 47 . 6133 -1 . 1362 . 4504 2. 259 . 2619 2. 564 l. 81591 38. 420 23. 88 . 5159 6. 951 3. 298 2. 108 . 5111 .1200 
2. 48 . 6038 -1 . 1346 . 4484 2. 269 . 2599 2. 588 l. 81921 38. 655 23. 78 . 5149 7. 009 3. 310 2. 118 • 5071 . 1191 
2. 49 . 5945 -I . 1332 . 4464 2. 280 • 2580 2. 612 1.82249 38. 890 23. 68 . 5140 7. 067 3. 321 2.128 , 5030 . 1182 

2.50 .5853 -1 .1317 .4444 2.291 .2561 2.&17 1.82574 39.124 23.58 .5130 7.125 3.333 2.138 .4990 .1173 
2. 51 . 5762 -1 • 1302 . 4425 2. 302 . 2541 2. 661 l. 82898 39. 357 23. 48 . 5120 7. 183 3. 345 2. 147 . 4950 . 1164 
2. 52 . 5674 -I . 1288 . 4405 2. 313 2522 2. 686 l. 83219 39. 589 23. 38 . 5111 7. 242 3. 357 2. 157 , 4911 . 1155 
2. 53 . 5586 -I . 1274 . 4386 2. 324 . 2503 2. 712 l. 83538 39. 820 2.1. 28 . 5102 7. 301 3. 369 2. 167 . 4871 . 1147 
2. 54 . 5500 -I . 1260 . 4366 2. 335 . 2484 2. 737 I. 838M 40. 050 23. 18 , 5092 7. 360 3. 380 2. 177 , 41132 . 1138 

2. 55 . 5415 -I . 1246 • 4347 2. 346 , 2465 2. 763 l. 84170 40. 280 23. 09 . 5063 7. 420 3. 392 2, 187 , 4793 , 1130 
2. 56 . 5332 -I , 1232 . 4328 2. 357 , 2446 2. 789 J. 84483 40. 509 22. 99 . 5074 7. 479 3. 403 2. 198 , 4754 , 1122 
2. 57 , 5250 -I , 1218 , 4309 2. 367 . 2427 2. 815 J. 84794 40. 736 22. 91 . 5065 7. 539 3. 415 2. 208 , 4715 , 1113 
2. 58 , 5169 -I , 1205 , 4289 2. 378 , 2409 2. 842 J. 85103 40. 963 22. 81 , 5056 7. 599 3. 426 2. 218 . 4677 .1105 
2. 59 . 5090 -• . 1192 . 4211 2. 389 . 2:ioo 2. 869 1. 85410 41.189 22. 11 . 5047 1. 659 3. 438 2. 228 . 4639 .1097 

2. 60 
2. 61 
2. 62 
2. 6:l 
2. 64 

. 5012 -I 

. 49.15 -1 

. 4859 -1 

. ,784 -I 

. 4ill -1 

.1179 .4252 2.400 .2.171 2.896 1.85714 41.415 22.62 .5039 7.720 3.449 2.238 .4601 .1089 

.1166 .42.13 2.411 .2.3.53 2.92.1 1.86017 41.639 22.53 .5().10 7.781 3.460 2.249 .4564 .1081 

. 115:l . 4214 2. 422 . 2335 2. 951 I. 86318 41. 863 22. 44 . 5022 7. 842 3. 471 2. 259 , 4526 . 1074 

.1140 .4196 2.4:12 .2317 2.979 1.86616 42.086 22.35 .5013 7.903 3.483 2.269 .4489 .1066 

. 1128 . 4177 2. 44J . 2298 3. 007 I. 86913 42. 307 22. 2fi . 5005 7. 965 3. 494 2. 280 , 4452 . 1058 

I 
I 
I 

O> 
O> 
(X) 

:t> 
jj 
0 
::D 
:t> 
~ 
0 
m 
(J) 

G5 
z 

:t> 
""CJ 
""CJ 
m z 
0 
x 
:t> 

O> 
O> co 



A.2-2 Compressible Flow Tables 

-SUPERSONIC FLOW-Continued 

-y=7/5 

O> 
-...J 
0 

M I p I p I T q A I T' I I or - - - fJ - - - v µ 
I~ p, Pl ' T, p, A. ' a. 

I . 

M, I !''- I E!_ I T, I ~ I ..E_r_ Pt P1 T1 Pi1 Pt2 

--- ------- ,---

I 

2. 6.5 
2. 66 
2. 67 
2. 6S 
2. 69 

2. 70 
2. 71 
2. 72 
2. 73 
2. 74 

2. 75 
2. 76 
2. 77 
2. 78 
2. 79 

2. 80 
2. 81 
2.82 
2. ~3 
2.84 

2.85 
2.86 
2.87 
2. 88 
2.89 

2. 90 
2. 91 
2. 92 
2. 93 
2. 94 

2. 95 
2. 96 
2. 97 
2. 98 
2. 99 

3. 00 
3.01 
3.02 
a. 03 
3. 04 

M 
or 
M, 

. 4639 -1 

. 4568 -I 

. 4498 -1 

. 4429 -1 

. 4362 -1 

. 4295 -1 

.4229 -I 

.4165 -I 

.4102 -I 

. 4039 -I 

. 3978 -1 

.3917 -1 

. 3858 -1 

. 3799 -1 

. 3742 -I 

. 3685 -I 

. 3629 -I 

. 3574 -] 

. 3520 -I 

. 3467 -, 

.34]5 -I 

. 3363 -I 

. 3312 -I 

. 326.1 -I 

. 3213 -] 

. 3165 -1 

, 3118 -I 

. 3071 -1 

. 3025 -I 

. 2980 -1 

. 2935 -1 

. 2891 -1 

. 2848 -1 

. 2805 -I 
. 2764 -1 

. 2722 -1 
, 2682 -I 

. 2642 -1 

. 2603 -1 

. 2564 -1 

E... 
Pt 

. 1115 

. I 103 

.1091 

. 10,9 

. 1067 

. 1056 

.1044 

. 1033 

.1022 

. 1010 

. 9994 -I 

. 9885 -1 

. 9778 -1 

. 9671 -I 

. 9566 -1 

. 9463 -I 

. 9360 -J 

. 9259 -I 

. 9]58 -I 

. 9059 -I 

. 8962 -I 

. 8865 -I 

. 8769 -I 

. 8675 -I 

.8581 -I 

. 8489 -I 

. 8398 -I 

.8307 -I 

.8218 -1 

.8130 -I 

. 8043 -1 

. 7957 -1 

. 7872 -1 

. 7788 -I 

. 7705 -1 

. 7623 -1 

. 7541 -1 

. 746] -I 

. 7382 _, 

. 7303 -1 

!!_ 
Pl 

-

. 4159 

. 4141 

.4122 

. 4104 

. 40h6 

.4068 
, 4051 
.403:l 
. 4015 
.3998 

.3980 

. 396.1 

.3945 

.3928 

.3911 

. 3894 

. 3877 

. 3860 

.3844 

. 3827 

.3810 

. 3794 

. 3777 

. 3761 

. 3745 

.3729 

. 3712 

.3696 

.3681 

. 3665 

. 3649 

.3633 

. 3618 

.3602 

. 3587 

. 3a71 

.3556 

. 3541 

. 3526 

. 3.511 

T 
Ti 

~ 

3.05 . 2526 I . 7226 -1 . 3496 

3.06 . 2489 -1 . 7149 -1 . 3481 

3.07 . 2452 -I . 7074 -1 . 3466 

3. 08 . 2416 -· . 6999 -l . 3452 

3.09 . 2380 -1 . 6925 -1 .3437 

3. 10 . 2345 -1 . 6852 -] . :1422 

3.11 . 2;10 -1 .6779 
_, . 3408 

3.12 . 2276 -1 . 6708 -1 . 3393 

3. 13 . 2243 -I . 6637 -1 .3379 

3.14 . 2210 -1 . 6568 -1 . 3365 

3. 15 . 2177 -1 . 6499 -I . 3351 

3.16 . 2146 -1 . 6430 -1 . 3337 

3.17 . 2114 -1 . 6163 -1 . 0323 

3. 18 . 2083 -I . 6296 -I .3309 

\ 
3.19 . 2053 -I . 623l -1 . 3295 

3. 20 . 2023 -I .616.5 -I . 3281 

3. 21 . 1993 -I . 6101 -I . 3267 

3. 22 . 1964 -I . 6037 -I . 3253 

3. 23 .1936 -I . 5975 -I . 3240 

3. 24 .1908 -I . 5912 -I . 3226 

3.25 .1880 -I . 5851 -I . 3213 

3. 26 .1~53 -I . .5790 -1 .3199 

3. 27 . 1826 -I . 5730 -I .~186 

3.28 .1799 -I . 5fi71 -I . :,173 

3. 29 . 1773 -I . ,5612 -I .3160 

3.30 . 1748 -1 .5.154 -1 .3147 

3.31 . 1722 -1 . 5497 -1 .3134 

3.32 .1698 -1 . 5440 -1 . 3121 

3. 33 . 1673 -I . 5384 -I .• l!08 

3.34 .1649 -I . f>329 -1 .3095 

-] 

2. 454 
2. 465 
2.4m 
2. 486 
2. 497 

2. 508 
2. 519 
2. 530 
2.MO 
2. 551 

2. 562 
2. 572 
2.5&1 
2. 594 
2. 60.5 

2. 615 
2. 626 
2. 637 
2. 647 
2. 658 

2.669 
2. 679 
2. 690 
2. 701 
2. 711 

2. 722 
2. 733 
2. 743 
2. 754 
2. 765 

2. 775 
2. 786 
2. 797 
2.807 
2.818 

2.828 
2.839 
2 850 
2 P60 
2 871 

fJ 

----
2.881 
2.892 
2. 903 
2. 913 
2. 924 

2. 934 
2. 945 
2. 955 
2. 966 
2. 977 

2 987 
2. 998 
3.008 
3. 019 
3. 029 

3. 040 
3. 050 
3. 061 
3. 071 
3. 082 

3. 092 
3.103 
3. 113 
3. 124 
3.134 

3. 145 
3. 155 
3. 166 
3. 176 
3. 1S7 

3.197 

. 2280 
• 2262 
. 2245 
. 2227 
. 2209 

. 2192 

. 2174 

. 2157 

. 2140 

.212.l 

. 2106 

. 2089 

. 2072 

. 2055 

. 2039 

. 2022 

. 2006 

. 1990 

. 1973 

. 1957 

. 1941 

.1926 

. 19!0 

. 1894 

. 1879 

. 1863 

. 1848 

. 1833 

.1818 

.1803 

.1788 

.1773 

.1758 

. 1744 

.1729 

.1715 

. 1701 

. 1687 

. 1673 
16A9 

3. 036 
3. 065 
3.094 
3.123 
3.1.5:l 

3.183 
:J. 21J 
3. 244 
3. 275 
J.306 

:J. ;J38 
:J.:!70 
:i. 402 
a. 4:J4 
3.467 

3. 500 
3 .• ~14 
:l. 567 
3. 601 
3. 636 

3. 671 
3. 706 
3. 741 
3. 7i7 
3. 813 

3.850 
3. 887 
3. 924 
3. 961 
3. 999 

4. 038 
4. 076 
4. 11.5 
4.155 
4.194 

4. 235 
4. 275 
4. 316 
4. 357 
4. ?99 

1. 87208 
1.87501 
I. 87792 
1. 88081 
I. 88368 

I. 8865:J 
I. 88936 
I. 89218 
1. 89497 
I. 89775 

I. 90(),51 
I. 9032.5 
I. 90598 
I. 90868 
1. 91137 

I. 91404 
I. 91669 
I. 91933 
I. 92195 
I. 92455 

I. 92714 
1. 92970 
I. 93225 
I. 93479 
I. 93731 

I. 93981 
I. 94230 
1. 94477 
1. 94722 
I. 9491l6 

I. 95208 
I. 95449 
1. 95688 
1. 95925 
I.96162 

I. 96396 
I. 96629 
I. 96861 
I. 97091 
1. ~7319 

42. 529 
42. 749 
42. 968 
43.187 
43. 40,5 

43. 621 
4:l.&l8 
44. 053 
44. 267 
44. 481 

44. 694 
44. 906 
45.117 
45. 327 
45. 537 

45. 746 
45. 954 
46. 161 
46. 368 
46. 573 

46. 778 
46. 982 
47.185 
47. 388 
47. 589 

47. 790 
47. 990 
48.190 
48. 388 
48. 586 

48. 783 
48. 980 
49. 175 
49. 370 
49. 564 

49. 757 
49. 950 
50.142 
50. 333 
50. 523 

22. 17 
22. 08 
22.00 
21. 91 
21. 82 

21. 74 
21.65 
21. 57 
21. 49 
21.41 

21.32 
21. 24 
21.16 
21.08 
21.00 

20. 92 
20.85 
20. 77 
20. r,9 
20. 62 

20. 54 
20. 47 
20.39 
20. 32 
20. 24 

20. 17 
20.10 
20. 03 
19. 96 
19.89 

19.81 
19. 75 
19. 68 
19. 61 
19. 54 

19. 47 
19. 40 
19. 34 
19. 27 
19. 20 
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-y=7/5 

. 4996 
,4988 
. 4980 
. 4972 
. 4964 

.4956 

.4949 

.4941 

. 4933 

.4926 

.4918 

. 4911 

. 4903 

.4896 

. 4889 

.4882 

. 4875 

. 4868 

. 4861 

. 4854 

. 4847 

. 4840 

. 4833 

. 4827 

. 4820 

. 4814 

. 4807 

. 4801 

. 4795 

.4788 

. 4782 

.4776 

. 4770 

. 4764 

. 4758 

. 4752 

. 4746 

. 4740 

.4734 

. 4729 

8.026 
8.088 
8.150 
8. 213 
8. 275 

8.338 
8.401 
8.465 
8. 528 
8. 592 

8. 656 
8. 721 
8. 785 
8.850 
8. 915 

8. 980 
9. 045 
9. 11 I 
9.177 
9. 243 

9. 310 
9. 376 
9. 443 
9. 510 
9. 577 

9. 645 
9. 713 
9. 781 
9.849 
9.918 

9. 986 
IO. 06 
10.12 
10.19 
IO. 26 

10.33 
IO. 40 
10. 47 
10. 54 
10 62 

3. 505 
3. 516 
3. 527 
3. 5.17 
3. 548 

3. fi59 
3. 570 
3. 580 
3. 591 
3. 601 

3. 612 
3. 622 
3. 633 
3. 643 
3. 653 

3. 664 
3. 674 
3. 684 
3. 694 
3. 704 

3. 714 
3. 724 
3. 734 
3. 743 
3. 753 

L™ 
Lffi 
&m 
&m 
3.~ 

3. 811 
L~ 
L~ 
LB 
L~ 

1

3.857 
3.866 
3.875 
3.884 
1 S93 

2. 290 
2.301 
2. 311 
2.322 
2.332 

2. 343 
2. 354 
2.364 
2.375 
2.386 

2.397 
2. 407 
2. 418 
2.429 
2.440 

2. 451 
2. 462 
2. 473 
2. 484 
2. 496 

2. 507 
2. 518 
2. 529 
2. 540 
2. 552 

2. 563 
2. 575 
2. 586 
2. 598 
2. 609 

2.621 
2. 632 
2. 644 
2. 656 
2. 667 

2.679 
2. 691 
2. 703 
2. 714 
2 726 

.4416 

.4379 

.4343 

.4307 
• 4271 

. 42J6 

.4201 

.4166 

.41Jl 

.4097 

.4062 

.4028 

.3994 

.3961 

.3928 

. 3895 

. 3862 

. 3829 

.,3797 

. 3765 

. 3733 

. 3701 

. 3670 

. 3639 

.3608 

. 3577 

.3547 

. 3517 

.3487 

. 3457 

. 3428 

. 3398 

.3369 

.3340 

. :•312 

. 3283 

. 3255 

.3227 

. 3200 
~172 

. 1051 
, 1043 
.1036 
.1028 
.1021 

. 1014 

.1007 
• !)1198 -I 

.111129 

. 9860 

. 9792 -I 

.11721 -I I 

. 9658 I 

. 9591 -I I 

. 9526 -I I 

. 94GI 

. U397 

. 9:J34 

_, I 
_, I 

. 9271 -I 

. 9209 -] 

. 9147 -I 

. 9086 -I 

. U02fi -1 

. 8966 -l 

.8906 -I 

. H848 -] 

.8790 -I 

. 8732 -I 

. 0675 -I 

. 8610 -I 

.8563 -I 

. 85()7 -I 

. 8453 -I 

.83\lll -I 

.8345 -I 

. 8291 -I 
, 8238 -I 

. 8186 -I 

. 8134 -I 

.80&1 -I 

~ 
:n 
(') 
:n 
)> 

21 
0 
m 
(f) 

G5 
z 

'L A 1' µ \ M, \ ~ ~ ~. 
P•, \ Pr 

A. 
- V 

p, a. 
Pt Pt T1 __ P_'i ____ -~ 

------------- -------
. 8032 -

.1645 4. 441 I. 97547 50 713 19. 14 . 4723 

.1631 4- 483 1. 97772 50. 902 19. 07 . 4717 

.1618 4. 526 1. 97997 51. 090 19. 01 . 4712 

.1604 4. 570 \. 98219 51. 277 18. 95 . 4706 

.1591 4. 613 I. 98441 51. 464 18.88 . 4701 

. 1577 4. 657 I. 98661 51. 650 18. 82 . 4695 

.1564 4. 702 I. 98879 51. 835 18. 76 . 4690 

. 1551 4. 747 1. 99097 52. 020 18. 69 . 4685 

.1538 4. 792 I. 99313 52. 203 18. 63 . 4679 

. 1,525 4. 838 I. 99527 52. 386 18. 57 . 4674 

. 1512 4. 884 I. 99740 52. 569 18. 51 . 4669 

.1500 4. 930 I. 99952 t2. 751 18. 45 . 4664 

.1487 4. 977 2 00162 52. 931 18. 39 . 4659 

. 1475 5. 025 2. 00372 53.112 18. 33 . 4654 

. 1462 5.073 2. 00579 53. 292 18. 27 . 4648 

. 1450 fi. l2l 2. 00786 53. 470 18. 21 . 4643 

.1438 s. 170 2 00991 53. 648 18. 15 . 4639 

. 142fi 5. 219 2. 01195 5.1. 826 18.09 . 4634 

.1414 5. 268 2. 013!)8 M.003 18. 03 . 4629 

.1402 5. 319 2. 01599 M.179 17. 98 . 4624 

. 1390 5.369 2. 01799 54. 355 17. 92 .4619 

.1378 5. 420 2. 01998 54. 529 17. 86 .4614 

. 1367 5. 472 2. 02196 54. 10:J 17. 81 . 4610 

. 1355 5. 5:i..1 2. 02.392 54. 877 17. 75 .4605 

. 1344 5. 576 2. 02587 5,1. 050 17. iO .4600 

. l:J32 5. 629 2. 02781 55. 222 17. 64 . 4596 

. 1321 5. 682 2. 02974 55. 393 17. 58 .4591 

. 13](l .5. 7:l6 2.03165 55. 564 17. 5:1 . 4587 

. 1299 5. 790 2. 03356 fiS. 7:l4 17. 48 . 4582 

.1288 5. 84b 2. 03545 55. 904 17. 42 . 4578 

. 1277 5.9m 2. 03733 56. 073 17. ;l7 . 457:l 

56. 241 17. ,ll . 45tl9 

JO. 69 3. 962 2 738 

10. 76 3. 9!1 2. 750 

JO. 83 3. 920 2 762 

10. 90 3. 929 2. 774 

IO. 97 3. 938 2. 786 

IL 05 3. 947 2. 799 

11. 12 3. 955 2. 811 

IL 19 3. 964 2.823 

II. 26 3. 973 2. 835 

II. 34 3. 981 2.848 

11. 41 3. 990 2.h60 

11. 48 3. 998 2.872 

II. 56 4. 006 2. 885 

11. 63 4. 015 2. 897 

11. 71 4.023 2. 909 

11. 78 4. 031 2. 922 

II.85 4.040 2. 935 

11. 93 4. 048 2. 947 

12. OJ 4. 056 2. 960 

12. 08 4. 064 2. 972 

12. 16 4.072 2. 985 

12. 23 4. 080 2. 998 

12.31 4.088 3.011 

12.38 4.096 3. 023 

12. 46 4. 104 3. 036 

12. 54 4.112 3.049 

12. 62 4.120 3. 062 

12. 69 4.128 3.075 

12.77 4. 135 :l. 088 

12. 85 4.143 3. 101 

12. 93 4.151 3. 114 

13. 00 4.158 3. 127 

13. 08 4.166 3. 141 

. 3145 

. 3118 

. 3091 

. 3065 
. 3038 

. 3012 
. 2986 
. 2960 
. 2935 
. 2910 

. 2885 

. 2860 

. 2835 
. 2811 
. 2786 

. 2762 

. 2738 
. 2715 
. 2691 
. 2668 

. 2645 
• 2622 
.2600 
. 2577 
. 255,5 

. 25.33 

. 2511 

. 2489 

. 2468 
. 2446 

. 2425 

. 2404 

. 238.1 

. 7982 

. 7932 

. 7882 
. 7833 

. 7785 
. 7737 
. 768! 
. 7641 
. 75Pt 

. 754! 

. 750: 
. 745 
. 741 
. 73fi 

. 732 

. 72i 
. 72, 
. iH 
. 71 

. 71, 

. 70 
. 70 
.69 
. 6f 

. 61 

. 6! 

. 61 

. G' 
.G' 

. 6 

. 6 

. 6 
. 6 

5 
3 

-] 

-I 

-] 

-] 

··I 
-] 

-1 I 
-·] 

-I 

2 -] 
I ~ 

0 ~ 

0 
0 
[ -I 

I -I 

00 ~ 

64 -] 
~ 

-] 

)> 
""C 
""C 
m z 
0 
x 
)> 

3. 35 .1625 -l . 5274 . 3082 

.1602 -1 . 5220 -1 . 3069 3. 208 .126fi 5. 956 2. o:rn20 

.1255 6.012 2. 04106 56. 409 17. 2f\ . 4565 
17. 21 .4560 13.16 4. 17:J 3. 154 . 236:l 

3.167 . 2342 . f 

,26 
588 

50 ~ O> 
3.36 
3. 37 . 1579 -1 . 5166 -1 . 3057 3. 218 

3.38 . 1557 -1 . 5113 -1 . 3044 3. 229 .1245 6. 069 2. 04290 56. 576 

3.39 .1534 -1 . 5061 -1 . 3032 3. 2.19 . 1234 6. 126 2. 04474 56. 742 17.16 . 4556 13. 24 4.181 -...J 
~ 
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-y=7/5 

or - - - fl - - - v µ M, --I M p Ip IT I q A IV I I I Ip, 
M, P• P_< , T, p, A. ' a. .------ p 1 

3. 40 
3.41 
3. 42 
3. 43 
3.44 

3.45 
3.46 
3. 47 
3.48 
3.49 

3. 50 
3. 51 
3. 52 
3. 5.l 
3. 54 

3. 55 
3. 56 
3. 57 
3.58 
3. 59 

3.60 
3. 61 
3. 62 
3. 63 
3.64 

3. 65 
3. 66 
3. 67 
3. 68 
3. 69 

3 70 
3. 71 
3.72 
3. 73 
3. 74 

.1512 -I 

.1491 -I 

.1470 -I 

.1449 -I 

.1428 -I 

.1408 -I 

.1388 -! 

.1368 -I 

. 1349 -I 

. 1330 -I 

.1311 -I 

.1293 -1 

.1274 -! 

.1256 -I 

.1239 -I 

.1221 -I 

.1204 -I 

. 1188 -I 

.1171 -I 

. 1155 -I 

.1138 -I 

.1123 -I 

. 1107 -! 

. 1092 -I 

. 1076 -I 

.1062 -I 

.1047 -I 

. 1032 -! 

.1018 -I 

.1004 -I 

. 9903 -2 

. 9767 -2 

. 9633 -2 

. 9500 _, 

. 9370 -r 

M 
or 
M, 

p 
p, 

3. 75 . 9242 
3. 76 . 9116 
3. 77 .8991 
3. 78 .8869 

• 5009 -I 

1958 -I 

• 4908 -I 

. 4858 -I 

. 4808 -I 

. 4759 -I 

. 4711 -I 

. 4663 -I 

.4616 -I 

. 4569 -I 

. 4523 -I 

. 4478 -I 

.4433 -1 

.4388 -I 

. 4344 -I 

. 4300 -I 

. 4257 -I 

. 4214 -I 

.4172 -1 

. 4131 -! 

. 4089 -I 

. 4049 -I 

. 4008 -I 

. 3968 -l 

. :!929 -l 

. 3890 -I 

. 3852 -l 

. 3813 -l 

. 3776 -l 

.:1739 -l 

. 3702 -, 
, 3665 -I 

. 3629 -l 

. 3594 -, 
, 3558 -I 

\ 
I 

p -
p, 

-2 .3524 _, 
.3489 _, 
.3455 

-2 .3421 
3. 79 . 8748 -2 .33S8 

3.80 .8629 
_, 

.3355 
.8512 -2 .3322 

.3019 

.3007 

. 2995 

. 2982 
• 2970 

. 2958 

. 2946 

. 2934 

. 2922 

. 2910 

. 2899 

. 2S87 

.2875 

. 2864 

. 2852 

. 2S41 

. 2829 

. 2818 

.2806 

. 2795 

. 2784 

. 2773 

. 2762 

. 2751 

. 2740 

. 2729 

. 2718 

. 2707 

. 2697 

. 2686 

. 2675 

. 2665 

.2654 

. 2644 

. 2633 

I 
I 

-I 
-I 
-I -, -, 
-I 
-I 3.81 

3. 82 . 8396 _, .3290 -I 

3. 83 .8283 
_, .3258 -I 

3.84 • 8171 
_, 

.3227 -I 

3. 85 .8060 .. , .3195 -I 

3.86 . 7951 
_, .3165 -I 

3.87 . 7844 -2 .3134 -I 

3.88 , 7739 _, .3104 -I 

3.89 . 7635 _, .3074 -I 

3.90 . 7-532 
_, 

.3044 -I 

3. 91 . 7431 
_, , 3015 -I 

3.92 . 7332 -2 . 2986 -I 

3. 93 . 7233 
_, , 2958 -I 

3. 94 . 7137 -2 .2929 -l 

T 
T, 

. 2623 

. 2613 

. 2602 

. 2592 

. 2582 

. 2572 
'. 2562 

. 2552 

.2542 

. 2532 

. ~522 
. 2513 
. 2503 
. 2493 
.2484 

, 2474 
. 2464 
, 2455 
. 2446 
. 2436 

3. 250 
3. 260 
J. 271 
3. 281 
3. 291 

3.302 
3.312 
3.323 
3. 3J3 
3.344 

3.354 
3.365 
3.375 
3. 385 
3.396 

3.406 
3. 417 
3. 427 
3. 437 
3. 448 

3. 458 
3.469 
3. 479 
3. 490 
3. 500 

3. 510 
3. 521 
3. 5Jl 
3. 542 
3. 552 

3. 562 
3. 573 
3.583 
3. 593 
3. 604 

. 1224 

. 1214 

.1203 

. 1193 

.1183 

. 1173 

.1163 

.1153 

.1144 

.1134 

.1124 

. lll5 

.1105 

.1096 

.1087 

.1078 

.1069 

.1059 

.1051 

.1042 

. 1033 

.1024 

. 1016 

. 1007 
, 9984 -I 

. 9900 -! 

. 9817 -1 

. 9734 -! 
, 9652 -I 

. 9570 -I 

. 9490 -, 

. 9410 -I 

. 93:ll -l 

, 9253 -I 

. 9175 -I 

6. 184 
"· 242 
6.301 
6. 3f,O 
6. 420 

6. 480 
6.541 
6. 602 
6. 664 
6. 727 

6. 790 
6. 853 
6. 917 
6. 982 
7. 047 

7. 11:i 
7. 179 
7. 246 
7. 31:l 
7. :l82 

7. 450 
7. 519 
7. 589 
7. 659 
7. 730 

7. 802 
7.874 
7. 947 
8.020 
8.094 

8.169 
8. 244 
8. 320 
8.397 
8.474 

2. 04656 
2. 048.37 
2. 05017 
2. 0,1196 
2. 05374 

2. 05551 
2. 05727 
2. 059,01 
2. 06075 
2. 06247 

2. 06419 
2. 06589 
2. 06759 
2. 06927 
2. 07094 

2. 07261 
2. 07426 
2. 07590 
2. 07754 
2. 07916 

2. 08077 
2. 08238 
2. 08397 
2. 08556 
2. 08713 

2. 08870 
2. 09026 
2. 09180 
2. 09334 
2. 09487 

2. 09639 
2. 09790 
2. 09941 
2. 10090 
2. 10238 

.16. 907 117. 10 
57. 07:1 17. 05 
57. 2:i7 17. 00 
57. 401 16. 9,1 
57. 564 , 16. 90 

I 
. 4552 
. 4548 
. 4544 
. 4540 
. 4535 

57. 726 16. 85 . 4531 
57. 8b8 
58. 050 
58. 210 
58. :J70 

58. 530 
58. 689 
58. 84 7 
59. 004 
59. 162 

59. 318 
59. 474 
59. 629 
59. 7S4 
59. 938 

60.091 
60. 244 
60. 397 
60. 549 
60. 700 

60. 851 
61.000 
61.150 
61. 299 
61. 447 

61. 595 
61. 743 
61.889 
62. 036 
62. 181 

16.80 . 4527 
16. 75 . 452J 
16. 70 . 4519 
16. 65 . 4515 

16. fiO 
16. 55 
16. 51 
16.46 
16. 41 

16.36 
16.31 
16. 27 
16. 22 
16.17 

16.13 
16.08 
16. 04 
15. 99 
15. 95 

15. 90 
15.86 
15.81 
15. 77 
15. 72 

15. 68 
15. 64 
15. 59 
15. 55 
15. 51 

.4512 

. 4508 

.4504 

.4500 

.4496 

. 4492 

. 4489 

. 4485 

.4481 

.4478 

. 4474 

.4471 

. 4467 

. 4463 

. 4460 

. 4456 

. 4453 

. 4450 

. 4446 

. 4443 

.4439 
, 4436 
, 4433 
.4430 
. 4426 

A.2-2 Compressible Flow Tables 

-SUPERSONIC FLOW-Continued 

/5 

!L A 

I 
V 

I I fl A• 
- p µ 

p, a. 

I I I ----
3. 614 , 9098 -I 8. 552 2. 10386 62. 326 15. 47 

3. 625 . 9021 -I 8.630 2. 10533 62. 471 15.42 

3. 635 . 8945 -I 8. 709 2. 10679 62. 615 15.38 

3. 645 . 8870 -I 8. 789 2. 10824 62. 758 15. 34 

3. 656 . 8796 -! 8. 870 2. 10968 62. 901 15. 30 

3.666 .8722 -I 8. 951 2.11111 63. 044 15. 26 

3. 676 .8649 -I 9. 032 2. 11254 63. 18ij 15. 22 

3. 6S7 . 8577 -I 9. 115 2. 11395 63. 327 15.18 

3. 697 . !,5()5 -I 9.198 ?.. 11536 6J. 468 15. 14 

3. 708 . 8434 -I 9. 282 2.11676 63. 608 15.10 

3.718 .8363 -I 9.366 2. 11815 63. 748 15. 06 

3. 728 . 8293 -I 9.451 2.11954 63. 887 15. 02 

3. 739 .8224 -I 9. 537 2.12091 64.026 14. 98 

3. 749 ,8155 -I 9. 624 2. 12228 64.164 14. 94 

3. 759 .80S7 -I 9. 711 2.12364 64. 302 14.90 

3. 770 . 8019 -I 9. 799 2. 12499 64. 440 14. 86 

3. 780 . 7952 -I 9.88S 2. 126.14 64. 576 14.82 

3. 790 , 7886 -I 9. 977 2.12767 64. 713 14. 78 

3. 801 . 7820 -I 10. 07 2. 12900 64. 848 14. i4 

3.811 . 7755 -I 10. 16 2. 11032 64. 98'! I 14. 70 

13. 32 
13. 40 
13. 48 
13. 56 
13. 64 

13. 72 
13.80 
13. &8 
13. 96 
14. 04 

14.13 
14. 21 
14. 29 
14.37 
14. 45 

14. 54 
14. 62 
14. 70 
14. 79 
14. 87 

14. 95 
15. 04 
15. 12 
15. 21 
15. 29 

15.38 
15.46 

.15. 55 
15. 63 
15. 72 

15. 81 
15. 89 
15. 98 
16. 07 
16.15 

M, 

.4423 

. 4420 

. 4417 

.4414 

.4410 

. 4407 

.4404 

.4401 

.4398 

. 4395 

.4302 

.4389 

.4386 

.4383 

. 4380 

.4377 

.4375 

.4372 

.4369 

. 43~6 

P2 I T, I P,, I p, 
-;; __ T, i;; Pt2 

a, 
-..J 
I\) 

4.188 
4.196 
4. 203 
4. 211 
4. 218 

4. 225 
4.232 
4. 240 
4. 247 
4. 254 

4. 261 
4. 268 
4. 275 
4. 282 
4. 289 

4. 296 
4.303 
4.309 
4. 316 
4.323 

4. 330 
4.J36 
4.343 
4. 350 
4.356 

4. 36:J 
4.369 
4. 376 
4.382 
4.388 

4.395 
4.401 
4.408 
4. 414 
4.420 

!'2-
p, 

16. 24 
16. 33 
16.42 
16. 50 
16. 59 

16.68 
16. 77 
16. 86 
16. 95 
17.04 

17. 13 
17. 22 
17. 31 
17.40 
17. 49 

17. 58 
17. 67 
17. 76 
17. 85 
17. 91 

I 
I 

!!! 
PI 

3.180 
3.194 
3. 207 
3. 220 
3. 234 

3.247 
3. 261 
3. 274 
3. 288 
3. 301 

3.315 
3. 329 
3.343 
3.356 
3. 370 

3. 384 
3. 398 
3. 412 
3. 426 
3. 440 

3.454 
3.468 
3. 482 
3. 496 
3. 510 

3. 525 
3.539 
3. 553 
3. 568 
3. 582 

3. 596 
3. 611 
3. 625 
3. 640 
3. 654 

4.426 
4. 432 
4. 439 
4.445 
4.451 

4. 457 
4.463 
4.469 
4. 475 
4.481 

4.487 
4.492 
4.498 
4. 504 
4. 510 

4. 516 
4. 521 
4. 527 
4. 533 
4. 518 

. 2322 

. 2302 

. 2282 

. 2263 

. 2243 

. 2224 

.2205 

. 2186 

. 2167 

. 2148 

. 2129 

. 2111 

. 2093 

.2075 

. 2057 

. 2039 

. 2022 

. 2004 

.1987 

.1970 

.1953 

.1036 

.1920 

.1903 

.1887 

. 1871 

.1855 

.1839 

.1&23 

.1807 

. 1792 

.1777 

.1761 

.1746 

.1731 

T, 
Ti 

3.669 
3.684 
3. 698 
3. 713 
3. 728 

3. 743 
3. 758 
3. 772 
3. 787 
3.802 

3.817 
3.832 
3.847 
3.863 
3.878 

3.893 
3.908 
3. 923 
3. 939 
3. 954 

p,, 

p,, 

.1717 

.1702 

. 16S7 

.1673 
.1659 

.1645 

.1631 

. 1617 

.1603 

.1589 

.1576 

.1563 

.1549 

.1536 

.1523 

.1510 

.1407 

.1485 

.1472 

.1400 

. 6513 

. fi476 

. 6439 

. 6403 

. 6367 

. 6331 

.6296 

. f>261 

. 6226 

-I 

-I 

-I 

-I 

-I 

-I 

-I -, 
-I 

. 6191 -I 

. 6157 -I 

. 6123 -I 

. 6080 -I 

. 6056 -I 

. 6023 ·-! 

, 5990 -I 

. 59,57 -I 

. 5!)25 -! 

, 5892 -I 

.. \861 -I 

?:: 
:II 
() 

~ 
~ 
0 
m en .5829 '-I 

. 5798 

. 5767 -l 

. 5736 -I 

, 5705 -I I~ 
. 5675 
. 564.5 
. ,1615 

=: I 
-I 

. 5585 · 1 I 

. 5556 -I 

. 5526 -I 

. 5497 -I 

. 5469 -l 

, 544() -I 

, 5412 -I 

I I 
I -1 

.bl ,. 
.5: 
.5: 
. 5274 --, 

. 5247 -I 

. 5220 -I 

. 5193 -l 

. 5167 -! 

. 5140 -I 

. 5114 -I 

. 5089 -l 

.5063 -I 

• 5().38 -l 

. 5012 -I 

. 4987 - 1 

. 4962 
_, 

. 4938 -I 

. 4913 -I 

. 4889 -I 

(concluded) 

a, 
-..J 
(,.) 
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Variation of the initial slope of the normal-force curve with upstream Mach number for various cone semivertex angles, Perfect ga~, 
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NACA 0006 NACA 0009 NACA 2415 
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Stations and ordinates given in percent of 
airfoil chord] 

[Stations and ordinates given in percent of 
airfoil chord] 

[Stations and ordinates given in perc<'nt of 
airfoil chord] -, 

Upper surface Lower surface Upper surface Lower surface Upper surface Lower surface I 
----------------

Station Ordinate Station Ordinate 
---- ---- ------

0 0 0 0 
1. 25 .95 1. 25 -.95 
2.5 1. 31 2. 5 -1. 31 
5.0 1. 78 5.0 -1. 78 
7.5 2.10 7.5 -2.10 

10 2.34 10 -2.34 
15 2.67 15 -2.67 
20 2.87 20 -2.87 
25 2.97 25 -2.97 
30 3.00 30 -3.00 

~n Ordinate Station--! O~-inate \ 
----------- ---, 

o _____ o u I 
1.25 2. ~1 1.25 -2.0~ I 
2. 5 3. ,1 2. 5 -2. 8ti I 

Ii. 0 Fi. Oi 5. 0 -3. 84 I 
7.5 f,_Of, 7.,5 -4.47 

10 f,, 83 10 -4. 90 
1.'i 7. 97 15 -!i. 42 
20 8. 70 20 -5. (iti 
25 \l.17 25 -.'i. 70 
30 \l. 38 ;,o -Ii. li2 

-------
Station Ordinate Station Ordinate 

----- ----·- -------

0 0 0 0 
1. 25 1. 42 1. 25 -1. 42 
2.5 1. 96 2.5 -1. 96 
5.0 2.67 5.0 -2. 67 
7.5 3.15 7.5 -3.15 

10 3.51 10 -3. 51 
15 4.01 15 -4.01 
20 4.30 20 -4.30 
25 4.46 25 -4.46 
30 4.50 30 -4. 50 

> 
~ 

~ .. ... 
Q -· 
i::, 
~ = 

40 2.90 40 -2.90 40 4.35 40 --4. 35 40 \l. 2/i 40 -5. 2r, 
50 2.65 50 -2.65 50 3.97 50 -3. 97 50 8. 57 /iO -4. (ii 
60 2.28 60 -2.28 
70 1. 83 70 -1. 83 

fiO 7. 50 tlO -3. \JO 
70 6. 10 70 -3. 0/i 

60 3.42 60 -3. 42 
70 2. 75 70 -2. 75 

80 1. 31 80 -1. 31 80 1. 97 80 -1. 97 80 4. 41 80 -2. 15 
90 . 72 90 -. 72 90 1. O\l 90 -1. O\l \)() 2. 45 \)() - 1.17 
9,5 .40 95 -.40 

100 (. 06) 100 (-. 06) 
100 0 100 0 

95 l. 34 95 - . (i8 
100 (. 16) 100 (-. 16) 
100 _ _ _ _ 100 0 

95 . 60 95 -.60 
100 (. 10) 100 (-.10) 
100 0 100 0 

L. E. radius: 0.40 L. E. radius: 0.89 L. E. radius: 2.48 
Slope of radius through L. E.: 0.10 
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NACA 4415 

[Stations and ordinates givPn in percrnt of 
airfoil chord] 

-------- -·--------------

U ])per surface >WPr surface 
--·--- I --- - - -

Station OrdinatP ion i Ordinate 
------ ------- -

0 -------

I 
1. 25 3.07 

I 

2.5 4. 17 
5. 0 5. 74 
7.5 (UH 

10 7.84 
15 9.27 
20 10. 2.5 

25··1- - ~) 79 --, 

5 I -2. 48 I 

o -?· ~7 I 
.'> I -.i. ,1 

I

I -:l.98 I 
-4.18 
-4.1/i 

2.'i Ill. 112 
:m 11. 2,'i 

-:l.!!8 I 

-:l. 7/i I 
40 11. 25 40 I -:l. 2/i I 
50 ,o.?:l .'ill -2.72 I 
(\() 9. ,ll) (\() -2. 14 
70 7.n:i 10 I -1 .. 'i,'i 
80 .'i. 55 so 1 - 1. o:i 
!JO :i. l)~ 90 I - . ? II 
9.'> I. Ci, 95 -. ,)(, 

100 (.16) 100 I (-.16) 
100 ___ . _ _ _ 1 oo o I 

L. E. radius: 2.48 I 
Slope of radius through L. E.: 0.20 

NACA 64-006 

[Stations and ordinates given in percent of 
airfoil chord] 

Upper surface Lower surface 

Station Ordinate Station Ordinate 

0 0 0 0 
. 50 .494 • 50 -.494 
. 75 • 596 • 75 -.596 

1. 25 • 754 1. 25 -. 754 
2.5 1. 024 2.5 -1.024 
5.0 1. 405 5.0 -1. 405 
7. 5 1. 692 7.5 -1. 692 

10 1. 928 10 -1. 928 
15 2.298 15 -2. 298 
20 2.572 20 -2. 572 
25 2. 772 25 -2. 772 
30 2.907 30 -2.907 
35 2.981 35 -2. 981 
40 2.995 40 -2. 995 
45 2.919 45 -2. 919 
50 2.775 50 -2. 775 
55 2.575 55 -2. 575 
60 2.331 60 -2.331 
65 2.050 65 -2.050 
70 1. 740 70 -1. 740 
75 1. 412 75 -1. 412 
80 1.072 80 -1.072 
85 • 737 85 -. 737 
90 .423 90 -.423 
95 .157 95 -.157 

100 0 100 0 
I 

I 
L. E. radius: 0.256 

NACA 23015 

[Stations and ordinates given in percent of 
airfoil chord] 

- ---------

Upper surface Lower surface 
---------- ----·-----------

Station Ordinate Statio!l I Ordinate 
--------- -------- ----·-- -------

0 0 0 
I. 2,5 3.:14 1. 25 -1. 54 
2.5 4.44 2.5 -2. 25 
5.0 .5. 89 5.0 -3.04 
7 5 6.90 7.5 -3. 61 

10 7.fi4 10 -4.09 
15 8.52 15 -4.84 
20 8.92 20 -5. 41 
25 9.08 25 -5. 78 
:io 9.05 30 -5. 96 
40 8.59 40 -5. 92 
50 7. 74 50 -5. 50 
60 6.61 60 -4. 81 
70 5.25 70 -3. 91 
80 3. 73 80 -2. 83 
no 2.04 90 -1. 59 
95 1. 12 95 -.90 

100 (.16) JOO (-.Hi) 
100 - -- - - 100 0 

·--~ 

L. E. radius: 2.48 
Slope of radius through L. E.: 0.305 

NACA 65(21 6)-41 5 
a 0·0.5 

I 
I 

[Stations and ordinates given in percent of 
airfoil chord] 

Upper surface Lower surface 

Station Ordinate Station Ordinate 
---

0 0 0 0 
. 244 1. 236 . 756 -. 960 
. 469 1. 498 1. 031 -1. 110 
. 930 1. 947 1. 570 -1. 359 

2. 121 2.837 2.879 -1. 801 
4. 564 4. 175 5.436 -2. 411 
7.044 5.208 7.956 -2. 832 
9. 540 6.073 10.460 -3. 169 

14.561 7. 465 15.439 -3. 673 
19.608 8.518 20. 392 -4. 022 
24.669 9.315 25.331 -4. 267 
29. 742 9.900 30.258 -4. 428 
34.825 10.279 35. 175 -4.507 
30.916 10.4fi7 40.084 -4. 523 
45. 019 10.438 44.981 -4. 446 
50. 153 10. 131 49.847 -4. 251 
55.263 9. 512 54. 737 -3. 940 
60.305 8.645 59.695 -3. 521 
65.308 7.575 64.692 -2. 995 
70.281 6.373 69.719 -2. 409 
75.237 5. 152 74. 763 -1. 848 
80. 180 3.890 79.820 -1. 278 
85. 117 2.639 84.883 -. 723 
!JO. Ofl2 1. 533 89.938 -. 305 
95.020 . 60G 94.980 -.030 

100. 000 () 100. 000 0 

--

L. E. radius: 1.4\!8 
Slope or radius throu~h L. E.: 0.233 
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696 AIRCRAFT DESIGN 

A.3 Airfoil Data 

NACA 65(216)-415, a= 0.5 

I 

t:t::ttttttttttttttt±:±±±t++++++--H--H=R~=Pq:~1=$:t.tttttt±±±±±±:J~] ~jjjttttltjjjj±tttttt+t-H-H-+++-A++++=~:+t+:ttttttttli:j, 

~ ~ ~ (:) 

,., ~ua_1:>9Jao:> I).!/ UO!J :>as 

.. .. "' ,· 
I 

"' ,· 
0 

P~OF'IL 662 
N 

0 
1 
2 
3 
4 

5 
6 
7 
8 
9 

10 
11 
12 
13 
14 
p; 
16 
17 
18 
}Q 

20 
21 
22 
23 
24 
25 
26 
'Z7 
28 
29 
30 

X 
100.000 
99.642 
98.640 
97.117 
95.113 
92.609 
89.626 
86.231 
82.500 
78.528 
74.435 
70.276 
65.983 
61.519 
56.922 
52.232 
47.501 
42.776 
38.108 
33.541 
29.121 
24.A9l 
20.891 
17.159 
13.729 
10.631 
7.892 
5.535 
3.57'1 
2.037 

.921 

APPENDIX A 

A.3 Airfoil Data 

Airfoil Coordinates 
Eppler 662 

15.02" 
y 

P~OF'IL 662 i5.02" 
N X Y 

O.OQO 
.118 
.483 

lo056 
1.745 
2.516 
3.395 
4.390 
S.493 
6.682 
7.890 
8.968 
9.824 

10.489 
10.988 
11. 331 
ll eS25 
11.s10 
lle470 
11.22s 
10.841 
10.324 

9.681 
8.923 
8.062 
7.li3 
60094 
5.024 
3.926 
2.828 
lo761 

Eppler 662 

11 .239 
32 • 003 
33 .351 
34 1.336 
35 2.879 
36 4.966 
37 7.571 
38 10.r,68 
J9 14.221 
40 18.189 
41 22.522 
42 27.165 
43 32.061 
44 37.148 
45 42.363 
46 47.6'1,2 
47 52.919 
4A 58.130 
4q 63.214 
i:;o 68.116 
i:;1 72.841 
52 77.449 
c;3 81.940 
i:;4 86.229 
i:;5 90 .111 
C.6 93.628 
c;7 96.423 
58 98.431 
59 99.613 
60 100.000 

.110 
-.074 
-.733 

-1.289 
-1.785 
-2.210 
-2.567 
-2.858 
-3.088 
-3.264 
-3.392 
-3.474 
-3.512 
-3.506 
-3.456 
-J.357 
-3.206 
-2.993 
-2.102 
-2.302 
-1.742 
-1.061 
-.382 

·169 
.509 
.611 
.500 
.276 
.011 

-.ooo 

Eppler 662 - Flapped sailplane airfoil. (Ref. NACA C.P. 2085) 
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698 AIRCRAFT DESIGN 
APPENDIX A 699 

C 
A.3 Airfoil Data 

0 "7 A.3 Airfoil Data 
:;; / 

0 -= Airfoil Coordinates 
~/ 
0.. Eppler 74-8 .. 

Ul 
u ..... 
)( 

C PPClFIL 748 19.73,g PPClFIL 748 19.73,g 

2------ N X y N X y 

"'- 0 100.000 0.000 31 .284 1.201 
C 

£~ 
II') 

1 99.641 •l22 32 .ooo 0006 
d 

ti 
2 98.632 .soc; 33 .275 -.985 

.... 3 97 .102 1.131 34 1.174 -1.865 
0 4 95.133 1.899 35 2.614 -2.728 
II') 5 92.723 2. 711 36 4.542 -3,540 

u 6 89.835 3.545 37 6.925 -4.279 
7 86.485 4.425 3A 9.731 -4.932 
A 82.726 5.351 39 12.q23 -5.485 
9 78.615 60330 40 16.454 -5.923 .. ... 10 74.212 7.330 41 20.278 -6.224 .. 

E M 11 69.581 0.340 42 24.342 -6.362 
u ~ 

~ 12 64.785 9.335 43 28.592 -6.284 
E ·s 13 59.887 io.290 44 33.026 -5.899 

u ... 14 54.948 ll ol 77 45 37.743 -5.174 .. ·; 15 50.028 i 1.96 7 46 42.826 -4.217 
C) 

.. 16 45.180 12.630 47 48.237 -3.189 Q 
N ... 17 40.456 130136 48 53.855 -2.189 

"' ~ 18 35.901 13.453 4q 59.567 -1.259 
.ra 19 31.541 iJ.546 r:;o 65.278 -.434 

"C .. 
u 11,1 ?O 21.3q2 13.402 c; 1 70.888 .248 

M ti 0 = 21 23.468 13.018 52 76.292 .159 .... .. 
0 0 = 22 lQ.779 12.401 53 81.380 1.084 

C) II') M .c .... 0 c--: ~ 
.., 23 16.337 11.577 "i4 86.044 1.220 

II 0 ~ 
I .. II') C 24 13.164 10.512 r:;5 90. HH 1.180 

C!l. fl 11,1 
.... Q 

"ii 
;:: 25 10.282 9.417 ,; ,, 93.695 .984 

C!l. 
.., 

Cl. 11,1 u, 1. 714 0.142 '57 96.483 .673 
~ "' -; ?.1 5.482 60781 58 98.462 .338 

\ ~ ?.A 3.606 5.368 c;q 99.621 0090 
11,1 ?Q 2.104 3.939 60 100.000 -.ooo .. 
Q 30 .992 2.534 Clot= -.1732(1,= 6.65 ° 11,1 
.c 

0 "" 
I 

U) v 
Ow U) 

' 
C) 0 

II 
.... 

0::: N M -~--j II') 

I I I ---
I i Eppler 748 
I 
I I I I 

I I 
I I 

II') u 0 0.5 x/c 1 
_.: II') 

d 0 

Eppler 748 for foot-launched sailplanes. (Ref. NACA C.P. 2085) 
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A.3 Airfoil Data 

~ A.3 Airfoil Data 
:::I 
Iii u _; -ui )( 

TABLE I.- NLF(l)-0215F AIRFOIL ffiORDINATES (of oo) 
ti 
e 
u 

[c = 60.960 (24.000 in.)] cm 
II) 

ci 

UPPER SURFACE LOWER SURFACE 
X/C ZIC X/C ZIC 

.00240 .00917 .00000 -.00006 
oc .OOQ09 .01947 .00245 -.00704 

0 .,. .02004 .03027 .01099 -.01211 t--

·:s .03527 .04120 .02592 -.01656 ... 
.05469 .05201 .04653 -.02052 .. ·; .. .07816 .06250 .07242 -.02399 

0 

• ... .1()546 .07247 .10324 -.02699 ... • "' I t u u 0 ~ .13635 .08175 .13854 -.02954 \ ..9 ~ ... ... 0 "' \ >, >, 

" " N ·c: .17050 .09019 .17788 -.03166 ... ... 
"' "' l \ 1 -8 Q; ... .. ... 

.20758 .09761 .22073 -.03334 C • .. "" \ \ " Q. 3 = .. . \ 0 Q. ..!? = .247?0 .10389 .26654 -.0345f-ID " 't:I \ \ u -= .., "" .28894 .10887 .31473 -.03531 ·\' II • M H 0 = . ' CX) _g .33237 .11240 .36468 -.03554 
\ " ..., Iii :;j _; 

~ cj 

\ " ~ 
Q; .37702 .11428 .41576 -.03519 II) "' ' ' " \"' ", -; .42253 .11427 .46731 -.03415 
~ .46864 .11219 .51867 -.03225 '' ' Q; 

'"'"' ' 
.. 
0 .51524 .10784 .56920 -.02925 ' ' Q; '," ', -= .56247 .10147 .61825 -.02441 "' ' ' 
~ '," ' .61010 .09373 .66662 -.01663 "' ' ,,"-, ',, 

.65752 .08513 .71614 -.00705 "" ---- 0 ',--...:_,, ----- .... .70408 .07603 .76645 .00167 
IO ------- ---------- .74914 .06673 .81565 .00804 
0 ·<:::::---

.792C6 .05746 .86198 .01155 .... .. ---- .. ---==-.. _~, . 
r-, .83222 .04844 .90359 .01198 ci IO IO 

Oo .86902 .03983 .93862 .00990 II u, ..- it-

a:: o• . 
.90193 .03175 .96588 .00655 .- N M 

.93044 .02428 .98504 .00323 
• 9 54 09 .01737 .99630 .00086 
.97285 .01082 1.00000 .00000 
.98710 .00507 
.99658 .00126 

u~ 1.00000 .00000 
II) 
,...; II) 

o· 0 
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NLF(l)-0215F airfoil shape. 
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A.3 Airfoil Data 
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APPENDIX A 

A.3 Airfoil Data 
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A.3 Airfoil Data 

Airfoil Coordinates 
NLF(2)-0415 

__ U£_J>..f_R __ SUREAC£. _________ LQWER_--5UR.EA~--
_ ...... Xu..1l'-"C Z IC XJS. z IC 
_ _._o_oo_o~------• .o__oo_1.L_ ____...00.212-. __ -~---0.0.5.-19_ 
_._..o_o..3..3_9 ._oos..0-5 ______ • .D.1..D~..2_ -.o..1.0.2a_ 
_ _._o1_15-L __ __.__0u.1..e_ ___ -----• 02-~u -.Dl.5.5tL 
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A.3 Airfoil Data 

Table I. Coordinates for the NASA SC(2)-0714 Airfoil 

Upper surface Lower surface 

x/c z/c x/c z/c 
0.0000 0.0000 0.0000 0.0000 

.0020 .0095 .0020 -.0093 

.0050 .0158 .0050 -.0160 

.0100 .0219 .0100 -.0221 

.0200 .0293 .Q200 -.0295 

.0300 .0343 .0300 -.0344 

.0400 .0381 .0400 -.0381 

.0500 .0411 .0500 -.0412 

.0700 .0462 .0700 -.0462 

.1000 .0518 .1000 -.0517 

.1200 .0548 .1200 -.0547 

.1500 0585 .1500 -.0585 

.1700 .0606 .1700 -.0606 

.2000 .0632 .2000 -.0633 

.2200 .0646 .2200 -.0647 

.2500 .0664 .2500 -.0666 

.2700 .0673 .2800 -.0680 

.3000 .0685 .3000 -.0687 

.3300 .0692 .3200 -.0692 

.3500 .0696 .3500 -.0696 

.3800 .0698 .3700 -.0696 

.4000 .0697 .4000 -.0692 

I .4300 .0695 .4200 -.0688 

I 
.4500 .0692 .4500 -.0676 
.4800 .0684 .4800 -.0657 
.5000 .0678 .5000 -.0644 
.5300 .0666 .5300 -.0614 
.5500 .0656 .5500 -.0588 
.5700 .0645 .5800 -.0643 
.6000 .0625 .6000 -.0509 
.6200 .0610 .6300 -.0451 
.6500 .0585 .6500 -.0410 
.6800 .0555 6800 -.0346 
.7000 .0533 .7000 -.0302 
.7200 .0509 .7300 -.0235 
.7500 .0469 .7500 -.0192 
.7700 .0439 7700 -.0150 
.8000 .0389 .8000 -.0093 
.8200 .0353 .8300 -.0048 
.8500 .0294 .8500 -.0027 

.8700 .0251 .8700 -.0013 

.9000 .0181 .8900 -.0008 

.9200 .0131 .9200 -.0016 

.9500 .0049 .9400 -.0035 

.9700 -.0009 .9500 -.0049 

.9800 -.0039 .9600 -.0066 

.9900 -.0071 .9700 -.0085 
1.0000 -.0104 .9800 -.0109 

.9900 -.0137 
1.0000 .0163 

E ___ ---~~~-
NASA SC(2)-0714 Airfoil (NASA TP-2890). 

A.3 Airfoil Data 
Figure 10. Profile-drag coefficient versus Reynolds number at various normal-force coefficients. 
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A.3 Airfoil Data 
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A.3 Airfoil Data 

Figure 11. Quarter-chord pitching-moment coefficient versus Reynolds number at various normal-force coeffi

cientc:. 
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A.3 Airfoil Data 
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A.3 Airfoil Data 
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APPENDIX A.4 
TYPICAL ENGINE PERFORMANCE CURVES 

This Appendix contains performance curves for three different types of 
aircraft engines: an afterburning turbofan, a high-bypass-ratio turbofan, 
and a turboprop. Although not identical to any currently in production, 
these engines are representative of advanced technology suitable for use in 
aircraft design studies. The engines may be scaled using the scaling laws 
presented in Chapter 10. 

These curves were generated using Version 2.0 of the engine-cycle analy
sis programs ONX and OFFX that are based on the methods contained in 
the AIAA Education Series textbook, Aircraft Engine Design, by Jack D. 
Mattingly, William H. Heiser, and Daniel H. Daley. Both the textbook and 
the programs with their user guide are available from the American Institute 
of Aeronautics and Astronautics, 370 L'Enfant Promenade, SW, Washing
ton, DC 20024. The author would like to thank Dr. Mattingly for prepara
tion of these engine performance curves. 

Note: All altitudes are in feet. 

A.4-1 Afterburning turbofan characteristics 

Sea-level static thrust, lb . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 30,000 
Sea-level static TSFC, 1/hr . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 1.64 
Sea-level static airflow, lbm/s .............................. 246 
Bare-engine weight, lb ................................... 3,000 
Engine length (including axisymmetric nozzle), in .............. 160 
Maximum diameter, in. . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 44 
Fan-face diameter, in ....................................... 40 
Overall pressure ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 22 
Fan pressure ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 4.3 
Bypass ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 0.41 

The following installed engine data reflects these assumptions: 
1) Mil. Spec. MIL-E-5008B inlet pressure recovery and inlet duct total 

pressure ratio of 0.97. 
2) Power extraction of 320 kW to drive electric generators and auxiliary 

equipment at all power settings and flight conditions. 
3) High-pressure bleed airflow at rate of 1.7 lb/s. 



718 AIRCRAFT DESIGN 

A.4 Typical Engine Performance Curves 
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A.4-2 High-bypass turbofan characteristics 

Sea-level static thrust, lb . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 50,000 
Sea-level static TSFC, 1/hr . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 0.40 
Sea-level static airflow, Ibis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 1,680 
Bare-engine weight, lb ................................... 7,700 
Engine length, in .......................................... 150 
Maximum engine diameter, in ............................... 100 
Overall pressure ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 30 
Fan pressure ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 1.6 
Bypass ratio .............................................. 8.0 

The following installed-engine data reflects these assumptions: 
1) Inlet total pressure ratio of 0.97. 

723 

2) Power extraction of 650 kW to drive electric generators and auxiliary 
equipment at all power settings and flight conditions. 

3) High-pressure bleed airflow at rate of 2.0 lb/s. 
Maximum rated performance is plotted with dashes. 
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A.4-3 Turboprop characteristics 

Sea-level static thrust, lb . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 32,000 
Sea-level static power, hp . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 6,500 
Sea-level static TSFC, 1/hr . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 0.14 
Sea-level static airflow, lbm/s . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 42.3 
Bare-engine weight (including gear box and propeller), lb .... 2,600 
Diameter of four-bladed, two-row propeller, ft .............. 20.5 
Engine length (propeller to exhaust), in. . .................... 200 
Engine diameter, in ......................................... 46 
Overall pressure ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 30 

The following uninstalled-engine data reflects these assumptions: 
1) Inlet total pressure ratio of 0.97. 
2) Power extraction of 54 kW to drive electric generators and auxiliary 

equipment at all power settings and flight conditions. 
3) High-pressure bleed airflow at rate of 0.8 Ibis. 
Maximum rated performance is plotted with dashes. 
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A.4 Typical Engine Performance Curves 
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A.4 Typical Engine Performance Curves 
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A.4 Typical Engine Performance Curves 
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APPENDIX A.5 
DESIGN REQUIREMENTS AND 

SPECIFICATIONS 

A.5-1 Federal Aviation Regulations (FAR)-Applicabilitya 

Category 

A) Characteristics. 

Maximum takeoff weight, lb 

Number of engines 

Type of engine 

Minimum crew: 

Flight crew 

Cabin attendants 

Maximum number of occupants 

Maximum operating altitude, ft 

B) FAR Applicability. 

Airworthiness standards airplanes 

Airworthiness standards engines 

Airworthiness standards propellers 

Noise standards 

General operating and flight rules 

Operations: 

Domestic, flag and supplemental 
comm. operators of large 
aircraft 

Air travel clubs using large 
aircraft 

Air taxi and comm. operators 

Agricultural aircraft 

"After E. Torenbeck (Ref. 23). 

Variousb 

$12,500 

One or more 

All 

One or more 

None 

10 

25,000 

Part 23 

Part 33 

Part 35 

Normal 

$12,500 

Two or more 

Propeller 
engines 

only 

Two 

<20 Pass.: 
None 

~ 20 Pass.: 
One 

11-23 

25,000 

Part 23 

Part 33 

Part 35 

Part 36: Prop-Driven, 
Appendix F 

Part 91 Part 91 

Part 135 

Part 137 

bNormal, utility, acrobatic, and agricultural. 

Transport 

Two or more 

All 

Two or more 

< 10 Pass.: 
None 

~ 10 Pass.: 
One or more 

Not restricted 

Not restricted 

Part 25 

Part 33 

Part 35 

Part 36 

Part 91 

Part 121 

Part 123 
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Item 

Velocity 

Climb 

Field-length 
definition 

Rolling 
coefficient 

AIRCRAFT DESIGN 

A.5-2 Takeoff specifications• 

MIL-C5011A 
(Military) 

Vm~l.l V, 
VcL ~ 1.2 Vs 

Gear up: 
500 fpm @ S.L. 

(AEO) 
100 fpm @ S.L. 

(OEI) 

Takeoff distance 
over 50-ft 
obstacle 

µ = 0.025 

FAR Part 23 
(Civil) 

Vm~l.l V, 
VcL ~ 1.2 Vs 

Gear up: 
300 fpm @ S.L. 

(AEO) 

Takeoff distance 
over 50-ft 
obstacle 

Not defined 

AEO = all engines operating; OEI = one engine inoperative. 
"(After L. Nicolai, Ref. 10) 

Item 

Velocity 

Field-length 
definition 

A.5-3 Landing specifications• 

MIL-C5011A FAR Part 23 

VA ~ 1.2 V, 
Vm~l.l V, 

Landing distance 
over 50-ft 
obstacle 

VA ~ 1.3 Vs 
Vm~l.15 V, 

Landing distance 
over 50-ft 
obstacle 

Braking µ = 0.30 
coefficient 

Not defined 

"(After L. Nicolai, Ref. 10) 

FAR Part 25 
(Commercial) 

Vm~l.l V, 
VcL ~ 1.2 Vs 

Gear down: 
YiOJo@ Vm 

Gear up: 
30/o @ VCL 

(OEI) 

1150Jo of takeoff 
distance with AEO 

over 35 ft or 
balanced field 

length 

Not defined 

FAR Part 25 

VA ~ 1.3 V, 
Vm ~ 1.15 V, 

Landing distance 
over 50 ft 

obstacle divided 
by 0.6 

Not defined 

APPENDIX A 733 
A.5-4 FAR climb requirements for multiengine aircraft 

Adapted from Refs. 23 and 49 and FAR parts 23 and 25. 
Vs

0 
= stall speed in landing configuration for reciprocating-engine-powered air

planes. 
Vs, = stall speed in a specified configuration for reciprocating-engine-powered 

airplanes. 
Vi = climbout speed over 35-ft obstacle. LOF: liftoff. 

Turbine-Engine Aircraft: FAR 25 
All segments with one engine stopped, except go-around in landing configuration, 
which has all engines operating. Engine power or thrust set at "maximum rated", 
except being "maximum continuous" for third-segment climb. Maximum thrust 
attained after 8 s from flight idle for go-around. AEO: all engines operating. 

Minimum climb gradient 
for aircraft with 
n engines, OJo 

Landing 
Operation Speed Flaps gear n = 2 n = 3 n = 4 

Takeoff Climb 

First-segment LOF Takeoff Down ~o 0.3 0.5 
Second-segment V2a Takeoff Up 2.4 2.7 3.0 
Third-segment ~ 1.25v,b Up Up 1.2 1.4 1.5 

Landing 

Go-around in ::S 1.5v,b Approach Up 2.1 2.4 2.7 
approach 
configuration 

Go-around in ::Sl.3V,b Landing Down 3.2 3.2 3.2 
landing AEO 
configuration 

•over 35-ft obstacle. bStall speed in the pertinent condition. 

Reciprocating-Engine Aircraft: FAR 25 
Power or thrust for operating engines set for takeoff on first and second segments 
and go-around and for "maximum continuous" during cruise and third segment. 
One engine windmilling propeller for first and second segments. If plane has 
automatic feathering, the propeller on an inoperative engine assumed to be feath
ered. One engine stopped (may be feathered) for third segment and go-around. 

Flap Landing Minimum steady-
Operation climb rate, ft/min Speed setting gear 

Takeoff climb 

First-segment 
Second-segment 

Third-segment 

V/ 
Via 

Best 

Takeoff Down ~ 50 
Takeoff Up 

Upc Up 

~ 0.046V],b 

~ (o.079-
0

·~
06

)v]od 

Landing go-around 

(approach 
configuration) 

::S 1.5 Vs, Approache Up ~ 0.053V;/ 

. "Out of ground effect. cor most favorable. 
bys1 in knots. dAt 5000-ft altitude. 

<But Vs 1 ::SI.I Vso· 
fyso in knots. 
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A.5-4 (cont'd.) FAR climb requirements for multiengine aircraft 

FAR 23 (Turbine or Reciprocating) 
Multiengine power at maximum continuous except for W < 6000 lb. 
AEO: All engines operating. 

Aircraft status Speed Flaps 
Landing 

gear 
Minimum steady
climb rate, ft/min 

One engine out Most Most 
(prop feathered)• favorable favorable 

Up 2: 0.027V,2
0
b 

AEO, Most Takeoff Up 2: 300-ft/min climb 
W>6000 lb favorable 

W<6000 lb Most Takeoff 
favorable 

Down 

gradient 
2: 0.0833 land plane 
2: 0.0667 seaplane 

2: 300 ft/min 
and 

2: 11.5 vs,c 
:If W < 6000 lb and Vs 0 < 61 knots, there is no engine-out climb requirement. 

Vs 0 in knots at 5000 ft. c Vs 1 in knots. 

A.5-5 Special carrier suitability requirements (USN) 

l) Minimu~ rate. of climb_ (at design landing weight and approach speed) of 
500 ft/mm at mtermed1ate thrust (non-AB) with one engine inoperative. 

2) Minimu_m longitudinal ac~eleration at end of catapult stroke of 0.065 g 
(at maximum catapult weight; all engines operating). 

3) Aircraft to fit on 70- by 52-ft aircraft elevator. 
4) Landing-gear width not to exceed 22 ft. 
5) Folded height of the aircraft not to exceed 18 ft 6 in. Height while folding 

not to exceed 24 ft 6 in. (18 ft 6 in. desirable). 
6) Aircraft maximum weight (loaded and fueled) not to exceed 80 000 lb 

(elevator limit). ' 
7) Wingspan not to exceed 82 ft (64 ft desired). 
8) Design landing weight to include high-value stores, empty external fuel

tanks, and associated suspension equipment (pylons, ejectors, etc.) 
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Circle-to-square adapter, 136 
Circulation, 36 
Climb, 105, 464, 488 
Climb and acceleration, 522 
Climb gradient, 98, 463 

Cnfldynamic' 450 
Coke-bottling, 158 
Combat, 106, 523 
Component buildup method, 281 
Composite materials, 14 
Composites, 361 
Compound-curvature, 135 
Compression, 349, 374 
Computational Fluid Dynamics, 306 
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Conceptual design, 4 
Conceptual design process, 7 
Conceptual sketch, 7, 117 
Conformal weapons, 190 
Conic, 126 
Conic shape parameter, 132 
Constant-year dollars, 502 
Consumer price index, 510 
Control, 68 
Control-canard, 71 
Control stations, 130 
Control-surface sizing, 113 
Cooling drag, 330 
Cooper-Harper scale, 449 
Corner reflectors, 166 
Corner speed, 95, 468 
Corrosion, 355 
Cost-effectiveness, 514 
Cost estimating relationships (CER), 506 
Counts of drag, 262 
Crashworthiness, 174 
Creep, 354 
Crew expenses, 511 
Crew ratio, 512 
Crew station, 181 
Critical Mach Number, 293 
Cross-sectional development, 130 
Crosswind-landing, 437 
Cruise, 92, 105 
Cruise and loiter, 522 
Cruise-climb, 93, 461 
Cut-off Reynolds number, 282 

d'Alembert's paradox, 260 
Damping, 444 
DAPCA IV, 507 
DCPR weight, 505 
Deadrise, 251 
Decalage, 66 
Decoupled energy management, 492 
Defense Contractors Planning Report, 396 
Lly, 270 
Departure criteria, 451 
Depreciation, 505, 513 
Derived equivalent gust velocities, 340 
Descent, 107, 523 
Design layout, 7 
Design lift coefficient, 41 
Design load, 335 
Design takeoff gross weight, 11 
Design-to-cost, 514 
Design trade, 534 
Detail design, 5 
Diffuser, 205 

Dihedral, 59 
Direct operating costs, 514 
Discrete tanks, 226 
Displacement vector, 391 
Dorsal fin, 75 
Down-draft cooling, 225 
Downwash, 423 
Dlq, 285, 286 
Drag, 288 
Drag area, 285 
Drag divergent Mach number, 293 
Drag due to lift (induced drag), 261, 297 
Drag polar, 263 
Drag rise, 293 
Drogue chutes, 491 
Duralumin, 359 
Dutch roll, 59, 446 
Dynamic nosewheel load, 236 
Dynamic pressure, 262 
Dynamic stability, 411 

e, 92 
Ejection seat, 185 
Ejector, 543 
Elastic range, 351 
Electrical system, 253 
Elevator, 114, 420 
Elevator, aileron, rudder, 420 
Ellipse, 132 
Elliptical wing planform, 56 
Embrittlement, 361 
Empty weight, 11, 524 
Empty-weight estimation, 12 
Empty-weight fraction, 12, 103 
Endplate, 64, 266 
Endurance, 17, 462 
Energy height, 476 
Energy-maneuverability methods, 475 
Energy state, 4 7 5 
Engine bleed air, 320 
Engine-out, 435, 437 
Engine start, warmup, and taxi, 522 
Equivalent air-speeds Ve, 338 
Equivalent shaft horsepower (ESHP), 

82, 331 
Equivalent skin-friction method, 280 
Euler codes, 307 
Euler load, 375 
External boundary-layer diverter, 284 
External-compression inlet, 202 

Factor of safety, 335 
FAR 23 landing field length, 90 
FAR 25 landing field length, 90 

FAR field length, 491 
FAR takeoff field length, 87 
Fatigue, 354 
,Federal price deflator, 510 
Filament-reinforced, 362 
Finishing, 177 
Finite-element method, 389 
Fixed-engine aircraft sizing, 102 
Fixed-engine sizing, 108 
Fixed-pitch propeller, 330 
Flaps, 420 
Flare, 490 
Flat-plate skin-friction coefficient, 282 
Flat wrap, 135, 175 
Flexibility, 442 
Flight envelope, 483 
Flyaway (production) cost, 503 
Flying boat, 251 
Footprint, 553 
Footprint area, 236 
Force vector, 391 
Form drag, 260 
Form factors, 283 
Forming, 177 
Forward sweep, 53 
Fountain lift, 551 
Four-bar linkage, 248 
Fowler flaps, 276 
Fuel and oil costs, 510 
Fuel densities, 227 
Fuel-fraction, 23 
Fuel system, 226 
Fuel tank volume plotting, 227 
Fuel weight, 104 
Fuselage size, 109 

Gap, 66 
Gear load factor, 243 
Geometric twist, 57 
Glide ratio, 471 
Gliding flight, 471 
g-loading, 94 
Graphite-epoxy, 364 
Gridding, 311 
Ground effect, 432 
Ground roll, 87, 486, 490 
Growth-sensitivity trade studies, 534 
Gun, 191 
Gust alleviation factor, 339 
Gust loads, 338 

Harris wave-drag, 305 
Headroom, 185 
Heave, 553 

INDEX 

High-lift devices, 275, 420 
Hodograph, 473 
Hooke's law, 350 

741 

Horizontal Attitude TakeOff and Land 
(HATOL), 538 

Horsepower-to-weight ratio, 79 
Hot-gas ingestion, 552 
Hydraulics, 252 
Hyperbola, 132 

Inboard profile, 118 
Indicated airspeed, 338 
Indirect operating costs, 514 
Induced drag, 261 
Inertia coupling, 448 
Inertial loads, 347 
Infrared detectability, 170 
Inlet boundary-layer bleed, 214, 323 
Inlet distortion, 319 
Inlet drag, 322, 323 
Inlet geometry, 199 
Inlet mass flow ratio, 216 
Inlet pressure recovery, 319 
Installed engine thrust, 319, 322 
Installed net propulsive force, 318, 322 
Instantaneous endurance, 462 
Instantaneous range, 460 
Instantaneous turn, 94 
Instantaneous turn rate, 95, 467 
Insurance, 514 
Integral tanks, 226 
Interference drag, 261 
Interference factor, 299 
Internal-compression inlet, 204 
Internal rate of return, 517 
Internal weapons bay, 190 
Investment cost, 516 

Joining, 177 

K, 263, 297 
Keelson, 161 
Kruger flap, 277 

Laminar, 38, 258 
Laminar airfoil, 38 
Laminar-flow airfoil, 40 
Landing, 107, 523 
Landing analysis, 489 
Landing distance, 90 
Landing gear, 229 
Landing-gear drag, 286 
Landing-gear loads, 348 
Landing ground roll, 90 
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Large Eddy simulation, 306 
Lateral control departure parameter, 450 
Lateral-directional analysis, 433 
Lateral-trim analysis, 437 
LID, 19, 105 
Leadage and protuberance drag, 289 
Leading-Edge Extension (LEX), 141, 277 
Leading-edge flap, 27 
Leading-edge sharpness parameter, 270 
Leading-edge slot, 276 
Leading-edge-suction method, 300 
Learning curve, 502 
Level turning flight, 467 
Levered bungee-chord gear, 240 
Life-cycle cost, 503 
Lift-curve slope, 264, 418 
Lift engines, 542 
Lifting-canard, 72 
Lift-to-drag ratio, 19 
Limit load, 335 
Linearized aerodynamic codes, 307 
Load factor, 94 
Load factor (n ), 335 
Load factor-airline, 515 
Load paths, 158 
Loads, 334 
Local buckling, 374 
Lofting, 5, 123 
Loiter, 17, 106 
Loiter endurance, 93 
Loiter optimization-jet, 463 
Longerons, 159 
Longitudinal control lines, 129 

Machining, 176 
Magnesium, 361 
Maintainability, 179 
Maintenance, 512 
Maintenance manhours per flight hour, 

179, 512 
Maneuver speed, 345 
Manual flight-control system, 347 
Manufacturer's uninstalled engine thrust, 

318 
Manufacturing breaks, 176 
Map-measure, 152 
Martensitic, 360 
Mass balancing, 115 
Mass flow ratio, 322 
Mass moments of inertia, 443 
Material properties, 370 
Maximum ceiling, 99 
Maximum jet loiter, 94 
Maximum jet range, 93 

Maximum lift, 270 
Maximum lift coefficient, 85 
Maximum prop loiter, 94 
Maximum prop range, 93 
Maximum takeoff weight, 11 
Mean aerodynamic chord, 49 
Method of joints, 378 
Method of moments, 379 
Method of shears, 379 
Minimum fuel-to-climb trajectory, 482 
Minimum power required, 458 
Minimum thrust required, 457 
Minimum time-to-climb, 479 
Mission fuel, 14 
Mission profiles, 14 
Mission segment fuel fraction, 521 
Mission segment weight fractions, 16, 104 
Mixed-compression inlet, 205 
Modulus of elasticity, 350 
Moment of inertia, 372 

NACA flush inlet, 199 
NASTRAN, 394 
Navier-Stokes (NS) equations, 306 
Net present value, 516 
Neutral point, 417 
Nickel alloys, 361 
Noise, 171 
Nondimensional radii of gyration, 443 
Normal shock inlet, 201 
Normalized, 360 
Nozzle, 218 
Nozzle drag, 324 
Nozzle-vectoring, 546 

Oblique wing, 53 
Obstacle clearance distance, 87 
Oleo sizing, 244 
Oleopneumatic shock strut, 240 
Operating envelope, 483 
Operations and Maintenance (O&M) 

costs, 505, 510 
Oswald efficiency factor, 92, 297, 298 
Overnose vision, 183 
Over-the-side vision, 183 
Overturn angle, 233 

Pallets, 187 
PANAIR, 305 
Parabola, 132 
Parabolized Navier-Stokes, 307 
Parasite drag, 259 
Part commonality, 175 
Passenger compartment, 185 

Payload trade, 29 
p-effect, 434 
Piston engine, 223, 325 
Piston-prop, 193 
Pitch, 185 
Pitch phugoid, 446 
Pitching-moment equation, 414 
Pitching-moment trim, 414 
Pitchup, 54, 71 
Pitot inlet, 201 
Pivot point, 250 
Plain flaps, 420 
Planimeter, 150 
Pneumatic system, 254 
Polar moment of inertia, 370 
Post-stall maneuvering, 493 
Potential flow, 307 
Power loading, 78 
Power-off stability, 417 
Power-plant loads, 348 
Power-spectral-density approach, 341 
Prandtl, 299 
Preliminary design, 4 
Primary buckling, 374 
Primary truss loads, 377 
Producibility, 175 
Production design, 5 
Profile drag, 261 
Propeller, 78 
Propeller efficiency, 78, 327 
Propeller performance, 325 
Propeller sizing, 220 
Propfans, 331 
Proportional limit, 351 
Propulsion efficiency (1/PE), 313 
Ps, 476 
P5 plots, 476 
Pullup, 447 

QUADPAN, 305 
Quadricycle gear, 230 

Radar, 165 
Radar absorbing materials, 168 
Radar Cross Section, 165 
Radius of gyration rho, 372 
Rake angle, 246 
Ram recovery correction factor, 320 
Ramjet, 196 
Range optimization-jet, 461 
Range optimization-prop, 462 
Range parameter, 461 
Range trade, 28 
Rate of climb, 98, 464 

INDEX 

RDT&E cost, 503 
Reaction control system, 554 
Recirculation, 552 
Reference (trapezoidal) wing, 47 
Reference wing, 139 
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Remote augmented lift system (RALS), 
547 

Requirements trades, 534 
Reserve fuel, 14 
Reynolds-Averaged Navier-Stokes, 306 
Reynolds number, 38, 282 
Rolling friction coefficient, 486 
Rolling radius, 235 
Rolling resistance, 88 
Rolling tails, 114 
Rubber engine, IOI 
Rubber-engine sizing, IOI, 102 
Rudders, 114 

Sandwich construction, 370 
Scale factor, 197 
Schrenk's approximation, 342, 382 
Scrubbing drag, 260, 330 
Seaplanes, 250 
Sears-Haack body, 157,290 
Secondary airflow, 212 
Semisubmerged weapons, 190 
Separation, 260 
Service ceiling, 484 
SFC, 17 
Shear, 349, 353 
Shock absorbers, 239 
Shock-on-cowl, 212 
Short-period mode, 446 
Short TakeOff and Landing (STOL), 538 
Short TakeOff and Vertical Land 

(STOVL), 538 
Sink rate, 471 
Sink speed, 242 
Sizing matrix, 525 
Sizing method, 520 
Slat, 277 
Slenderness ratio, 374 
Slotted flap, 276 
Solid spring gear, 240, 244 
Sommer and Short skin-friction, 305 
Spanloading, 159 
Span ratio, 66 
Spanwise lift distribution, 342 
Specific energy, 475 
Specific excess power, 476 
Specific fuel consumption, 17 
Specific power, 476 
Specific stiffness, 351 
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Specific strength, 351 
Specular return, 166 
Speed brake, 288 
Speed-polar, 473 
Spillage, 322 
Spinner, 221 
Spin recovery, 74, 453 
Spin-up, 348 
Spiral-divergence, 446 
Splines, 126 
Split flap, 276 
Spoilers, 114, 288, 435 
Spring-back, 348 
Stability, 68 
Stability axis, 413 
Stagger, 66 
Stairstep flight path, 461 
Stall, 42 
Stall speed, 85 
Static margin, 417 
Static stability, 397 
Steel, 359 
Sternpost, 251 
Stick-fixed, 441 
Stick-free stability, 441 
Stiffness coefficients, 391 
Stiffness matrix, 391 
Stopped-propeller and windmilling engine 

drags, 289 
Strain, 349 
Stress, 349 
Stress corrosion, 355 
Stringers, 161 
Stroke, 241, 243 
Structural doors, 179 
Suckdown, 551 
Summary Group Weight Statement, 395 
Supercharger, 325 
Supercritical airfoil, 41 
Supersonic parasite drag, 290 
Supersonic wave drag, 157 
Sustained turn, 96 
Sustained turn rate, 94, 468 
Sway braces, 249 

Taildragger landing gear, 229 
Tail geometry, 67, 75 
Tail volume coefficient, 110 
Takeoff, 104, 522 
Takeoff analysis, 486 
Takeoff distance, 87 
Takeoff gross weight, 11 
Takeoff parameter (TOP), 89 
Takeoff rotation, 432 

Takeoff-weight buildup, 11 
Tandem fan, 546 
Tangent modulus, 351 
Taper ratio, 55 
TEAM, 309 
Tempered, 360 
Tension, 349, 373 
Testing, 178 
Then-year dollars, 502 
Thermal stresses, 350 
Thermoplastic, 365 
Thermoset, 365 
Thickness distribution, 34 
Thickness ratio, 34 
Thrust-drag bookkeeping, 317 
Thrust effects, 427, 441 
Thrust lapse, 82 
Thrust matching, 80 
Thrust power (Pt), 313 
Thrust reversers, 491 
Thrust-to-weight ratio, 77, 78 
Tilt nacelle, 542 
Tipback angle, 232 
Tip-driven fan, 543 
Tire, 233 
Titanium, 360 
Torsion, 350, 387 
Trade studies, 28, 532 
Trail, 246 
Transition, 487 
Transonic parasite drag, 293 
Transparency grazing angle, 185 
Trapezoidal wing, 139 
Trapped fuel, 14 
Triangulated gear, 241 
Tricycle gear, 229 
Trim, 67 
Trim analysis, 430 
Trim drag, 261, 304 
Truss analysis, 381 
Turbine engine, 193 
Turbocharger, 325 
Turbojet installed thrust, 317 
Turboprop engine, 194, 331 
Turbulent, 258 
Turn, 467 
Turn rate with vectored thrust, 470 
Twist, 57 

Ultimate load, 335 
Ultimate stress, 351 
Unducted fans, 331 
Unstart, 204 
Up-draft cooling, 225 

Upsweep, 156 
Upsweep angle, 286 
Upwash, 423 
USSAERO, 305 

Variable-sweep, 55 
Variable-sweep wing, 12 
Vectored thrust, 470 
Velocity stability, 433 
Ventral tail, 75 

INDEX 

Vertical Attitude TakeOff and Landing 
(VATOL), 538 

Vertical or Short TakeOff and Landing 
(VSTOL), 538 

Vertical TakeOff and Landing (VTOL), 
537, 538 

Viscosity, 258 
Viscous separation drag, 260 
Visual detectability, 171 
Volume distribution, 118 
Volume distribution plot, 153 
Vortex generators, 260 
VTOL, 537, 538 
Vulnerable area, 172 

Wo, 11 
Washout, 43 
Waterlines, 137 
Wave drag, 157, 261, 290 
Wave-drag-due-to-lift, 262 
Weapons carriage, 188 
Weight datum, 397 
Weight growth, 409 

Weights analysis, 395 
Wetted area, 155 
Wetted-area plot, 118 
Wetted-area ratio, 20 
Wetted area (Swet), 150 
Wetted aspect ratio, 20 
Wheel, 233 
Whisker-reinforced, 362 
Wind axis, 413 
Wing carrythrough, 162 
Wing carrythrough box, 62 
Wing fillets, 148 
Wing helix angle, 448 
Wing incidence, 58 
Winglet, 64, 266 
Wing loading, 77, 84 
Wing pitching moment, 422 
Wing rigging, 142 
Wing size, 110 
Wing strake, 277 
Wing sweep, 52 
Wing/tail cross-section layout, 147 
Wing/tail lofting, 140 
Wing tips, 63 
Wing twist, 57 
Wing vertical location, 60 
Wood, 357 

Yield stress, 351 
Young's modulus, 348 

Zero-lift drag, 259 
Zero-lift drag coefficient, 92 
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